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PREFACE

The second Spacecraft Charging Technology Conference was held at the U.S.
Air Force Academy from October 31 to November 2, 1978. The first conference,
held two years earlier, was so successful in bringing together experts from
diverse areas of this technology to exchange results and viewpoints that it was
believed another conference would be of substantial benefit.

The tenor of the presentations at this conference was gratifying. No
longer are we working with first concepts and theories. We now have, in hand,
space and ground test data that correlate well; analytical programs that can
model the observed phenomena; and the imminent flight of the SCATHA spacecraft,
which will extend our knowledge of the spacecraft charging environment. Al-
though the technology is far from being complete, there was a feeling of con-
fidence among the participants that we are beginning to develop a working know-
ledge of the problems and their potential remedies.

One session of this conference introduced a new area of general interest,
environmental interactions with on-board, high-voltage spacecraft systems oper-
ating over a wide range of altitudes from low Earth orbit to geosynchronous
orbit. These interactions must be considered during the initial design phases
of future high-power space systems.A

The proceedings includes 52 of the 54 papers presented at the conference.
The panel discussion was recorded, has been transcribed and edited, and is in-
cluded. The proceedings follows the conference session format. Four papers are
printed at the end of the proceedings that were not presented at the conference.

Col. John E. Brooke, Assistant Director of Science and Technology, USAF
Systems Command; and James J. Kramer, Associate Administrator for Aeronautics
and Space Technology, National Aeronautics and Space Administration, approved
and endorsed the conference. Col. Bernard S. Morgan, Jr., Commander of the USAF
Geophysics Laboratory, USAF Systems Command, and Dr. John F. McCarthy, Jr.,
Director of the NASA Lewis Research Center, encouraged and supported the con-
ference. Lt. Gen. K. L. Tallman, Superintendent of the USAF Academy, arranged
accommodations, transportation, meals, and facilities. Capt. William Denton,
Directorate of Conferences, USAF, gave outstanding support at the conference.
The members of the Conference Program Committee were Maj. George Kuck, Capt.
Henry Garrett, Dr. William Lehn, N. John Stevens, Dr. Elden Whipple, and Dr.
Alan Rosen.

Robert C. Finke
NASA Lewis Research Center

Charles P. Pike
USAF Geophysics Laboratory

Cochairmen

i6.
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KEYNOTE ADDRESS

Floyd R. Stuart, Col., USAF
USAF Space and Missile Systems Organization

Good Morning - Both General Ward and Colonel Brooke asked me to convey
their regrets for not being here due to the press of business.

I would like to welcome you to this, the second Spacecraft Charging
Technology Conference. I am enthusiastic about this conference because I
feel this is the best way to insure a maximum exchange of results. As you
can see, we have an excellent turnout - about 150 attendees. There are
representatives from U.S. industries and universities, from the European Space
Agency and, quite naturally, since this is a joint DOD/NASA Technology Pro-
gram, we have NASA as well as Army, Navy and Air Force participants.

This is the second conference. The first was a smashing success. There
were over 225 attendees and 60 papers. From all indications, this conference
will also be a success.

Technology involving spacecraft charging is one of the many inter-
dependent research areas in aeronautics and astronautics that are coordinated
by the AFSC/NASA Space Research and Technology Review Group. These inter-
dependent technology programs have resulted from our awareness that many
technical problems are common to both agencies and, also, from the fact that
we both share budgetary constraints.

NASA and DOD strive to identify these cormmon technical problems and then
assign agency responsibility for providing the required technology. If one
agency has the technical lead in an area, then we assign to it responsibility
for developing the technology for both agencies. In some cases, an agency
has cancelled its program and transferred funds to the responsible agency.
Where both agencies have desired to maintain programs, the programs have been
jointly managed and the technical responsibility has been clearly established.

The concept of interdependency has taken hold, and benefits are beginning
to accrue. Interdependency allows us to stretch our limited research and
development dollars, to reduce or eliminate duplication, and to maximize the
technology return per dollar invested.

Spacecraft charging is a 5 year program between Air Force Systems Com-
mand and NASA's Office of Aeronautics and Space Technology. A steering
committee incorporates NASA and DOD requirements into the investigation. The
ultimate objective of the program is to protect our satellites from the harm-
ful effects of high voltage arc-discharges. This objective is met by develop-



ing design criteria and test methods. Each element of the program is assigned
to either NASA or the Air Force with well defined accountability. Contractual
and in-house efforts are working on this program. Program success requires
everyone involved to execute their portion successfully. Technology elements
include development of analytical programs to define the environment and model
the spacecraft interaction with this environment. There are experimental
programs to develop ground facilities to simulate the environment, to determine
the response of spacecraft materials to this environment, and to develop new
or modified materials.

The spacecraft charging at high altitudes or "SCATHA" satellite managed
by the SAMSO STP office will be used to define the environment, to measure

charging and discharging characteristics of materials, to provide data for
calibration of the analytical models, and to measure satellite contamination.
The electrical potential of SCATHA will be actively controlled using an
electron and ion beam system.

I see significant progress in the program and I will mention just a few

of the accomplishments.

All SCATHA instrumentation has been delivered and integrated. Systems
level testing is finished and launch is scheduled for early next year.

A rocket flight showed that electron and ion beams can control vehicle

potential. Measurements on the ATS-5 and 6 satellites show the plasma
neutralizer can control the surface potential over the spacecraft.

A baseline "Military Standard" for spacecraft charging has been written

including a specification of the environment.

A "Design Guidelines Monograph" details techniques to minimize satellite
charging.

Silica-fabric thermal control coatings have been developed for use in
satellite charging control. Transparent conductive coatings for controlling
charging on thermal blankets, on second surface mirrors, and on solar cell
covers are now available.

A model of the internal charge buildup within insulators is operating and
environmental simulation facilities are characterizing the charging of
insulators.

The NASA Charging Analyzer Computer Program is being used to compute
satellite voltage distributions.

In addition to these accomplishments, new programs have been initiated.
One deals with investigating the effects of a systems generated electromag-
netic pulse on an electrically charged satellite. Another investigates the
charge buildup on a satellite, which occurs after a high altitude detonation,
and the charge breakdown processes.
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In conclusion, spacecraft charging is a successful cooperative effort.
Your efforts have produced results that, today, are essential to the design of
reliable and survivable space systems. As we move into the next era of space
technology in which satellites will grow in size, power, complexity, and cost,
you again will be called upon to develop the required technology to insure
success.

We have a full agenda - so I don't want to take any more of your time.
Again -- I welcome you to this - the second Spacecraft Charging Technology
Conference.

Thank you. -

3

L1



!4

DESCRIPTION OF THE SPACE TEST PROGRAM

P78-Z SPACECRAFT AND PAYLOADS

Lt Col John C. Durrett
USAF Space & Missile Systems Organization

John R. Stevens
The Aerospace Corporation

INTRODUCTION

The USAF Space Test Program was designated in 1975 as the manage-
ment agency for procurement of the Department of Defense spacecraft
which supports the government USAF/NASA spacecraft charging at high
altitude program. The spacecraft was designated the Space Test Program
P78-2 spaceflight. Built by the Martin Marietta Corporation in Denver,
Colorado, the spacecraft and its payloads are designed to measure the
environment at near synchronous altitude and the interactions of the
environment on the spacecraft.

SPACECRAFT

The P78-2 spacecraft is spin-stabilized and will be placed in a near
synchronous, equatorial earth orbit from-i the Eastern Test Range by a
Delta 2914 in January 1979. The spacecraft houses, protects, and supports
several scientific and engineering payloads. It spins about an axis which
lies in the orbit plane and is normal to the earth-sun line. On-orbit, the
satellite will be controlled by the Air Force Satellite Control Facility
(AFSCF) and will communicate directly with remote tracking stations in
New Hampshire, the Indian Ocean, Guam, Hawaii, and at Vandenberg AFB.
The mission is planned for a one-year duration but the spacecraft is
provided with sufficient expendables for two years. Actual lifetime of the
satellite will probably be limited by survival of electronic equipment in the
ionizing radiation environment.

The body of the spacecraft has a cylindrical shape approximately
1. 75 m in both length and diameter. Boomns, antennae, and some instrument
protrusions alter the basic cylindrical shape. Most of the spacecraft and
payload equipment is mounted in the central portion of the cylinder.
On orbit, seven experiment booms are deployed. The boom arrangement
isolates sensitive instruments from spacecraft influences and provides
clear fields of view for other instruments. Two solar arrays encircle the
cylinder, one forward and one aft of the central portion. An apogee
insertion motor is housed in the aft central portion of the spacecraft.
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In addition to the usual spacecraft components, a transient pulse
monitor has been incorporated as part of the spacecraft. This instrument
obtains quantitative measurements of the electromagnetic pulse charac-
teristics on the spacecraft. It measures the number of pulses, the positive
and negative pulse amplitudes, and the positive and negative integral of
the pulses.

Fabrication and assembly of the spacecraft have been completed. The
spacecraft has been shipped from Denver to the Goddard Spaceflight Center
where the magnetic and moment of inertia characteristics of the spacecraft
are being measured. Next, the spacecraft will be shipped to the Eastern
Test Range from which it will be launched in January 1979. The expected
orbit parameters are listed below.

Apogee 42,250 km
Perigee 27,500 km
Inclination 8. 5 deg

The final orbit will have an easterly drift rate of 6 deg/day for the
satellite.

PAYLOADS

The payloads have been sponsored and produced by many different
agencies. The attached table delineates the many participants. A brief
description of each payload follows. A more detailed description of the
spacecraft and its payloads was distributed as part of the registration
material. Additional copies of the detailed payload descriptions entitled
"Description of the Space Test Program P78-2 Spacecraft and Payloads"
can be obtained by writing to:

HQ SAMSO/YCT
Attn: Lt Col J. C. Durrett
P. 0. Box 92960
Worldway Postal Center
Los Angeles, CA 90009

ENGINEERING EXPERIMENTS SC 1

One of the engineering experiments measures the profile of charging
events on insulators, grounded insulators, and isolated conductors in
conjunction with various environmental parameters measured on the same :
satellite. Surface potentials up to 20 kV are measured using an electro-
static voltmeter and also by measuring leakage currents.

Other experiments measure the power spectrum of very low frequency
electromagnetic waves. Using a spectrum analyzer the spectrum from

5



400 Hz to 300, 000 Hz is measured in eight frequency intervals. Spectrum
measurements are also made in the RF region of the electromagnetic
spectrum. Five measurements are made in the 2 to 30 MHz band.
Objectives of these instruments are to measure characteristics of electro-
magnetic disturbances on the spacecraft and to measure the intensity and
spectra of electromagnetic and electrostatic emissions caused by the
energetic particles near the spacecraft.

A pulse shape analyzer measures the shape of electromagnetic pulses
in the time domain from 7 nsec to 3. 7 msec.

SHkTH ELECTRIC FIELDS SCZ

This experiment is intended to provide the electron and ion distribution
functions over a limited energy range, less than Z0 keV, at three positions
in the spacecraft plasma sheath. The experiment also measures the
floating potential relative to the spacecraft ground of two biasable spherical
probes. The aims of the experiment are to obtain insight into the
characteristics of spacecraft sheath fields, to observe the effects of
particles that comprise the energetic plasma near a spacecraft, and to
observe the potential that a relatively simple geometrical shape
attains in the plasma environment both in sunlight and in shadow.

The proton detector consists of a two-element solid-state telescope.
Protons with energy between 17 and 717 keV are measured in six energy
channels.

An ion detection system consists of a two-element solid-state telescope
that is highly collimated and heavily shielded. Ions with energies greater
than 90 keV /nucleon are detected.

HIGH ENERGY PARTICLE SPECTROMETER SC3

The instrument is a solid-state particle spectrometer consisting of
four sensor elements. Various logic combinations of the four sensors in
the instrument are used to determine the particle types and energy ranges.
The various particle types and energy ranges are measured in several time-
multiplexed modes of operation that are command-selectable. Electrons
with energy between 50 keV and 5 MeV are analyzed as are protons with
energy between 5 and 200 MeV.

SATELLITE ELECTRON AND ION BEAM SYSTEM SC4

The satellite electron beam system is to be used for the ejection of
electrons from the P78-2 spacecraft. Instrument ground is connected by a
low impedance path to the spacecraft ground, and thus ejection of electrons

6



from the electron gun will drive the potential of the spacecraft positive with
respect to the ambient plasma. The payload will be used (1) to determine
the electron current required to prevent charging of the spacecraft ground
caused by in situ electrons and (2) to swing the vehicle to a positive potential
relative to the ambient plasma.

The positive Ion Beam System payload is to be used on the P78-2
spacecraft for the ejection of charged particles: positive ions, electrons,
or beams containing both positive ions and electrons. The payload is
electrically connected to the P78-2 spacecraft ground through a low
impedance path so that the ejection of charge will play a large role in
determining the potential difference between spacecraft ground and the
ambient plasma. The ion source is a Xenon discharge chamber. This
instrument can be used to adjust the potential of the spacecraft with respect
to the ambient plasma. The potential can be either negative or positive
depending on how much electron neutralizer current is used.

RAPID SCAN PARTICLE DETECTOR SC5

This detector will measure the flux of electrons and ions incident to the
spacecraft both perpendicular and parallel to the spin axis of the spacecraft.
The number density, temperature, and bulk flow of the plasma and the
relationship of these quantities to the occurrence of spacecraft charging will
be determined. The instrument also monitors operation of the Electron
and Ion Beam System.

The instrument consists of two sets of spectrometers mounted
perpendicular and parallel to the spin axis of the satellite. Each set of
spectrometers consists of eight sensors; four measure electrons and four
measure ions. These sensors measure electron differential flux from
50 eV to 1. 1 MeV and ion differential flux from 50 eV to 35 MeV.

THERMAL PLASMA ANALYZER SC6

This instrument is intended to measure the ambient thermal plasma and
the electrostatic potential of the satellite with respect to the ambient 3
plasma. The ion density is measured in the range 101 to 105 per cm
The particle temperature is measured from 0. 5 eV to 100 eV. The
satellite potential is measured in the range of -100 V to +100 V. In
addition, the instrument mounted on the satellite body will measure the
flux of photoelectrons from the satellite. The Thermal Plasma Analyzer
consists of three identical planar particle traps which can be operated as
retarding potential analyzers.

7



LIGHT ION MASS SPECTROMETER SC7

Three spectrometers are designed to measure the density, temperature,
and composition of the low-energy ion plasma in the vicinity of the P78-2
spacecraft. In order to understand the complex plasma-satellite interaction,
all important charged particle populations must be identified and measured.
The cold plasma (E <100 eV) component is important at and near synchronous
orbit altitudes and at times can be the dominant component in terms of
density, exceeding 100 ions/cm3 .

This payload consists of three sensor heads and one central electronics
package. Each sensor head consists of a retarding potential analyzer, ion
mass spectrometer, and ion detector. The fluxes of oxygen, helium and
hydrogen are measured for energies less than 100 eV.

ENERGETIC ION COMPOSITION EXPERIMENT SC8

This instrument is an energetic ion mass spectrometer containing three
parallel analyzer units, each of which measures ions in a different energy
region of the range from 0. 1 to 3Z keV. Each unit consists of a crossed
electric and magnetic field velocity filter (Wein filter) in series with an
electrostatic analyzer (ESA) and a channel electron multiplier sensor.
Elements with mass from 1 to 160 AMU are analyzed with mass resolution
of I to 20 AMU, respectively.

UCSD CHARGED PARTICLE EXPERIMENT SC9

The experiment measures charged particle fluxes as a function of
energy, direction, and time. The charged particles that will be measured
consist of environmental electrons and ions and also particles emitted from
the spacecraft, such as photoelectrons, secondary electrons, and particles
enitted by the Electron/Ion Beam System.

The experiment has five electrostatic charged particle detectors. Two
detectors (one for negative and one for positive particles) are contained in
each rotating detector assembly. Each rotating detector assembly can be
rotated through a maximum of 220 deg. One rotating detector assembly
rotates so that its detectors look in a plane tangent to the cylindrical side of
the spacecraft. It is capable of measuring particles with energy from a
few eV to 81 keV. The other rotating detector assembly looks in a plane
that cuts across the forward face of the spacecraft, and is capable ofmeasuring particles with energy from 0. 2 eV to 1550 eV.

8



ELECTRIC FIELD DETECTOR SC10

This instrument is a double floating ensemble that will measure DC
electric fields in the ambient plasma and also spacecraft charging events.
The antenna is a dipole which is 100 M tip to tip. Both differential and
common mode measurements can be made. The signal strength from DC
to zoo Hz can be analyzed.

MAGNETIC FIELD MONITOR SCIl

The instrument is a triaxial fluxgate magnetometer. Each axis has a
range of approximately k500 Y. The resolution of the magnetic field
measurement is 0. 3 Y. The spin axis component is analyzed through a
spectrometer with a sensitivity of -20 my for frequencies between 5 and
100 Hz.

SPACECRAFT CONTAMINATION MLIZ

This experiment is designed to determine if spacecraft charging
contributes significantly to the rate of contamination arriving at exterior
spacecraft surfaces. The contamination transport mode under investigation
involves the ionization of molecules outgassed or released by the vehicle
within the vehicle plasma sheath and their subsequent electrostatic attraction
to the vehicle. One sensor is a combined retarding potential analyzer and
temperature controlled quartz crystal microbalance. With it, distinction
can be made between charged and uncharged arriving molecules. Informa-
tion concerning the temperature dependence of contamination adsorption
and desorption rates can be obtained. Another sensor, thermal control
coating trays, exposes samples of different spacecraft surface materials to
arriving contamination and continuously measures the temperature and
hence solar absorptance of these materials.

1
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TABLE I. PRINCIPAL INVESTIGATORS/SPONSORS

Experiment Principal Investigator/

Number Title Sponsor Address

SCI Engineering Experiments Dr. H. C. Koons/ The Aerospace Corporation
USAF/AFSC/SAMSO P.O. Box 92957

Los Angeles, CA 90009

SC2 Spacecraft Sheath Dr. J. F. Fennell/ The Aerospace Corporation
Electric Fields USAF/AFSC/SAMSO P.O. Box 92957

Los Angeles, CA 90009

SC3 High Energy Particle Dr. J. B. Reagan Lockheed Palo Alto Research
Spectrometer Office of Naval Lab. 3251 Hanover Street

Research Palo Alto, CA 94304

SC4 Satellite Electron and Dr. H. A. Cohen/ Hanscom AFB/LKB
Positive Ion Beam System USAF/AFSC/AFGL Bedford, MA 01731

SC5 Rapid Scan Particle Lt. D. Hardy/ Hanscom AFBIPHE
Detector USAF/AFSC/AFGL Bedford, MA 01731

SC6 Thermal Plasma Analyzer Dr. R. C. Sagalyn/ Hanscom AFB/PHR
USAF/AFSC/AFGL Bedford, MA 01731

SC7 Light Ion Mass Spectrometer Dr. D. L. Reasoner/ NASA Marshall Space Flight
Office of Naval Center, Code BS-23
Research Huntsville, AL 35815

SCB Energetic Ion Composition Dr. R. G. Jonnson/ Lockheed Palo Alto Research
Experiment Office of Naval Lab, 3251 Hanover Street

Research Palo Alto, CA 94304

SC9 UCSD Charged Particle Dr. S. E. Deforest/ University of California
Experiment Office of Naval Re- B019 Dept. of Physics

search/USAF/AFSC/ La Jolla, CA 92093
SAMSO

SCIO Electric Field Detector Dr. T. L. Aggson/ NASA Goddard Space Flight
Office of Naval Center, Code 625
Research Greenbelt, MD 20771

SCII Magnetic Field Monitor Dr. B. G. Ledley/ NASA Goddard Space Flight
Office of Naval Center, Code 625
Research Greenbelt, MD 20771

MLIZ Spacecraft Contamination Dr. D. F. Hall/ The Aerospace Corporation
USAF/AFSC/AFML P.O. Box 92957

Los Angeles, CA 90009
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MODELING OF THE GEOSYNCHRONOUS

PLASMA ENVIRONMENT

H. B. Garrett
Air Force Geophysics Laboratory

SUMMARY

An analytic simulation of the geosynchronous environment in terms of local
time and the daily Ap index is presented. The simulation is compared with
actual statistical data from approximately 50 days of ATS-5 plasma data and 50
days of ATS-6 plasma data. At low levels of activity the model adequately
simulates the local time variations of the plasma parameters. At high values
of geomagnetic activity, the predicted magnitudes of the plasma parameters
agree with the statistical results but the effects of multiple injections are
evident in both the data and the simulation, biasing the local time variations.

INTRODUCTION

The geosynchronous environment is probably the harshest space environment
from a spacecraft charging standpoint. As a result, the modeling of the geo-
synchronous plasma and of the associated potential variations is critical to a
proper understanding of spacecraft charging. As this is also the region of
primary communication satellite operation, it is doubly important to accurately
model this region. In this paper we will discuss the efforts of the Air Force
Geophysics Laboratory in defining the geosynchronous environment. The first
section will present the types of models and data available from AFGL. These
models will be compared and preliminary results discussed in subsequent
sections.

DEFINITION OF MODELS

Philosophical Considerations

There are at least four types of magnetospheric models that are of con-
cern to the spacecraft charging community. Briefly, the simplest (conceptually)
is a statistical compendium or histogram of various parameters as a function
of space and time. Such models have little theoretical input, being based on
actual measurements. Consideration of basic physical principles makes possible
the creation of simple analytic expressions capable of simulating the environ-
ment - the second type of model. Third, are static field models - that is,
models which employ theory to predict the trajectories of charged particles
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in static magnetospheric electric and magnetic fields. Finally, the most
complete models from a theoretical standpoint are full, 3-dimensional time-
dependent models capable of accounting for real time variations in the plasma
environment. Considering the level of our current efforts in spacecraft
charging, we will limit ourselves to the first two types of models - the latter
two models are much too detailed for our present needs (see Garrett, 1978, for
a review of current models in each of these categories).

Statistical Model

Statistical models, as defined here, are compendiums or histograms of
various plasma parameters based on actual data. Basic examples of this type
of model are the distribution functions of Chan et al. (1977) who generated an
"average" spectrum in terms of energy and differential number flux for various
magnetospheric and solar wind regions. Likewise, Su and Konradi (1977) have
averaged a year of ATS-5 geosynchronous data to obtain average particle dis-
tribution functions and other statistical parameters. Although we have taken
a somewhat similar course at AFGL, we have limited our analysis to the first
four integral moments (c f., DeForest and MHIlwain, 1971) of the distribution
function.

The 4 moments are defined as follows:

<Ni> - 41T(VO) fi V2 dV =n (1)

(NF - 0(Vl) f1 V
2 dV - _ _ 2kTi 2 (2)

2 1-m /

TT> 4Y (1/3 mi)j (V2) f, V2 dV = nikTi  (3)

<EFi) ( mi)jf (V3) fi V2 
=V fl (2kT 3/2 (4)

0 _~ / 2k!
2 )

where

(Ni> = number density for species i (number/cm3)

<NFi> = number flux for species i (number/cm2sec-sr)

(Pi) = pressure for species i (dynes/cm
2)Ii

<EFi) - energy flux for species i (ergs/cm2sec-sr)

The integral results on the right are for a Maxwell-Boltzmann distribution:

i (V) ni (mi 3/2 e -mVi2/2kTi (5)
2 kTi
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where ni  number density of species i

mi = mass of species i

Ti = temperature of species i

Vi = velocity of species i

K = Boltzmann constant

f = distribution in sec3/km
6

The description of the plasma in terms of these quantities is quite useful
as not only are they physically meaningful in their own right, but they can be
used to derive a Maxwellian or 2-Maxwellian distribution of the environment
(see Garrett and DeForest, 1978).

Su and Konradi (1977) have compiled statistics on the 4 moments for ATS-5
during 1970. Their data consist of 10 minute values for the distribution
functions derived from scanning ATS-5 spectrograms. We have undertaken a
similar study of approximately 50 days of ATS-5 data from 1969 and 1970 and 45
days of ATS-6 data from 1974 and 1976 (Johnson et al., 1978). In our study the
original digital data were integrated to give the 4 moments of the distribution
function for each satellite. The ATS-6 data were corrected for satellite
potential and return currents (the ATS-5 satellite spectra begin at 50 ev pre-
cluding a correction except in extreme cases like eclipses). The 4 moments
were combined to give 10 minute averages (note: the 4 moments can be properly
averaged in a physical and mathematical sense, the temperature cannot). For
ATS-5 we have the detector components both parallel and perpendicular to the

satellite spin axis, for ATS-6 we have only the component parallel to the
earth's spin axis. The tapes were then merged with geophysical and ephemeris
data (Garrett et ol., 1978).

The tapes were and are being analyzed by a variety of techniques. In
response to a desire on the part of the spacecraft charging community, we have,
as a first step, compiled tables of the characteristics of the electron and
ion currents and temperatures. The occurrence frequencies (note: the ATS-6
data are still being reviewed and may be subject to revision) for these para-
meters are plotted in figure 1. Several features are apparent in this figure
which will be discussed in detail later.

An important point in the derivation of figure I that must be considered
is the estimation of the plasma temperature from the 4 moments of the distri-
butlon function. A single temperature cannot be defined if the plasma is not
Maxwellian or in the case the plasma consists of two or more Maxwellian com-
ponents - circumstances which are the norm at geosynchronous orbit. As a test
of this effect, we have defined two "temperatures:"

T (AVG) = <P> (6)
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T (RMS) (EF)

These temperatures will be equal and have meaning as temperatures if and
only if the plasma is a Maxwellian plasma (i.e., representable by equation 5).
The marked difference between T(AVG) and T(RMS) in figure 1 is a direct result
of the absence of a Maxwellian plasma at geosynchronous orbit.

If the plasma is considered to consist of 2 Maxwellian components, then
we can define two temperatures and two densities as follows for species i:

mi() 3/2 " miVi+2/2kTli 3/2 (miVi2/2kT2i
f 2i (Vi) m nli e + (i n2 - iie (8)

+ L /lkT21)

nli, Tli, n2i, and T2i can be derived directly from equations 1 through 4.

T(AVG) and T(RMS) can be expressed in terms of these quantities:

T (AVG) = k nlTl + n2T2n I + n 2

3/2 3/2
T (RMS) - n1TI  + n2T2  (10)

nl Tl + n2 T2

For typical values we find:

For Electrons For Ions

nI - 1/cm 3  nI - I/cm 3

T, -500 eV TI l00 eV

n-2 0.2/cm3  n2 - 1/cm 3

T2  6000 eV T2 -9000 eV

T(AVG) ' 1400 eV T(AVG)i 4550 eV

T(RMS) -2750 eV T(RMS)= 8150 eV
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These values are very close to the median values for ATS-5 shown in figure 1
and, we believe, readily explain the differences between T(AVG) and T(RMS).
It is also important to note that Tl and T2 are not necessarily valid tempera-
tures. They are the result of a definite fitting process - their primary use
being as scaling parameters in obtaining a 2-Maxwellian fit to the distribution
function. A common problem is that when the plasma is close to Maxwellian, one
of the temperatures will be unrealistically large even though the fitted dis-
tribution is quite close to the actual one.

Analytic Simulation Model

In the previous section we outlined the steps involved in deriving our
statistical data base and indicated some of the problems we encountered in
attempting to derive "temperatures." In this section we discuss a straight-
forward application of the 4 moments. Briefly, a major deficiency in the sta-
tistical model of the geosynchronous orbit is that it only gives average values
and ranges for given parameters, no attempt being made to preserve the simul-
taneous time variations in different parameters (i.e., if A is large, how do
we know if B is large or small?) In order to maintain the correlated varia-
tions in different parameters, we have made use of linear regression techniques.
Three hour averages of the 4 moments of the electron and ion distribution
functions for 10 carefully selected days* of ATS-5 data (see Table 1) were fit
by linear regression techniques to an equation varying linearly in the geomag-
netic index Ap and diurnally and semidiurnally in local time LT:

M(LT, Ap) =(ao + al Ap) {bo + bj cos [-1 (LT + t1)]

+ b2 cos - (LT + t2 )]}

where M(LT, Ap) = predicted value of the moment M at local time LT and

for activity level Ap S ap (i.e., daily average of ap)

8

ao, al, bo, bl, b2, t1 l t2 = coefficiencts determined

by the regression (see Table 1).

To use the model, one provides AP and local time. The model then returns
the 4 moments for the electrons and ion in the units given in Table 1. The.4
reader is referred to Garrett (1977) for a detailed discussion of the uses and

* The days were carefully selected to correspond to periods when plasma was
injected while the satellite was at midnight - periods when maximum spacecraft
charging is believed to take place.

15



applications of the model and problems associated with it. Only a cursory
description will be given here.

The analytic model has been found to adequately simulate variations in the
geosynchronous environment following substorm injection when a satellite is at
local midnight for Ap values of - 4 to - 48 (i.e., low to moderately high
activity). Above - 48, the model properly simulates the environment but is
biased toward the plasma parameters on the particular days of high activity
that were studied, not average conditions. The parameters returned by the
model show the peak in charging to shift from near midnight (as expected) to
near noon for high levels of activity. This was traced to the actual data for
which the plasma parameters clearly peak near noon for high activity (i.e. days
348, 1970; 217 and 223, 1972). As we were careful to select only days for
which injections began when the ATS-5 satellite was near midnight, this may well
be a common feature of the plasma conditions associated with high activity.

MODELING RESULTS

Figure 1 presented the results which form the basis of the AFGL Environ-
mental Specification. Figure 2 is a plot of the average local time variations
of T(AVG), T(RMS), and current for ATS-5 and ATS-6. Error bars have not been
indicated but they are roughly 50% of the average value. Also shown are
cstimates of T(AVG), T(RMS), and current for an Ap value of 15 (or average
geomagnetic activity) as derived from the AFGL simulation model. For ATS-5
the results for the statistical model and the simulation model are in excellent
igreement confirming that the simulation adequately predicts average conditions.

Figure 3 indicates typical (Ap = 15) and active (Ap = 207) conditions as
predicted by the simulation model (the average energy is the ratio of the
energy density to number density and is equal to 3/2 T(AVG)). The results are
in good agreement with DeForest and Mcllwain (1971) for "typical" activity
levels. Figure 4 gives the results for n , T1 , n2 , and T2 . Note in all cases
that there is an approximately X10 change In the 4 moments for the electrons and
X4 for the ions with geomagnetic activity (also, the current as current density
is directly proportional to number flux), but little in energy (or temperature).

This observation is also born out by the statistical model (see Garrett, et al.
1978), there being, at most, a doubling of temperature.

Although the differences between ATS-5 and ATS-6 as presented in figures
1 and 2 arp likely due to the near-doubling in geomagnetic activity between
the ATS-5 and ATS-6 data, the foregoing observations and differences preclude
an unambiguous explanation at this time. Interestingly, there is significant
qualitative agreement as to the local time variation between ATS-5 and ATS-6.
T(RMS), for example, peaks near 1800 for electrons and ions while the current
peaks near midnight. T(AVG) peaks near 2100 for the ions (the case is not
clear for the electrons). Considering the varied data sources from which the
results came, this agreement is quite surprising and deserves further analysis.
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CONCLUSIONS

The Air Force Geophysics Laboratory has developed two simple models of the
geosynchronous plasma environment. These models were specifically developed in
response to the needs of the spacecraft charging community. In summary, a
detailed model (i.e., the histograms and average values versus local time) was
developed based on ATS-5 and ATS-6 data. Although this model provides infor-
mation on the ranges of parameters, it does not simulate actual plasma changes
in time. An analytic simulation model expressible in a particularly compact
form was developed in response to this latter need. The two models were shown
to be consistent for average conditions. The simulation is known to predict
maximum spacecraft potentials near noon for high levels of geomagnetic activity
as it is deliberately biased toward injection events beginning when the satel-
lite is near midnight. Even so, it adequately predicts geosynchronous plasma
variations under a variety of conditions.

A final point is the importance of the observation that T(AVG) 0 T(RMS)
most of the time. This means that only rarely (apparently primarily at mid-
night) is the low energy plasma representable by a Maxwellian distribution and,
hence, a temperature in the classical sense of the word. Errors as great as
a factor of 3 are common between T(AVG) and T(RMS). It is, therefore, strongly
recommended that a 2-Maxwellian distribution be used where possible as a mini-
mal representation of the plasma. This distribution is readily derived by a
simple algebraic expression from the 4 moments of the distribution function
(see Garrett, 1977). All data and computer programs are available from AFGL.
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AVERAGE PLASMA ENVIRONMENT AT GEOSYNCHRONOUS ORBIT

S.-Y. Su
Lockheed Electronics Co., Inc.

A. Konradi
NASA Johnson Space Center

SUMMARY

The average plasma environment at geosynchronous orbit (GSO) is derived
from a whole year's worth of plasma data obtained by the UCSD electrostatic
electrometer on board ATS-5. The result is primarily intended for use as a
general reference for engineers designing a large spacecraft to be flown at
GSO. A simple mathematical formula using a 3rd order polynomial is found to
be adequate for representing the yearly averaged particle energy spectrum from
70 to 41,000 eV under different geomagnetic conditions. Furthermore, corre-
lation analyses with the geomagnetic planetary index Kp and with the auroral
electrojet index AE were carried out in the hope that the ground observations
of the geomagnetic field variations can be used to predict the plasma varia-
tions in space. Unfortunately, the results indicate that such forecasting is
not feasible by use of these two popular geomagnetic parameters alone.

INTRODUCTION

A general introduction to the plasma environment near geosynchronous orbit
(GSO) was given by S. E. DeForest (ref. 1) at last year's conference. It was
understood that the dynamic behavior of the plasma environment near GSO is
extremely complicated and that the observations made by a single spacecraft so
far fail to resolve the temporal and spatial variations of the environment.

Without complete knowledge of the physical processes of the environment, it is
impossible to present any numerical model to quantify the plasma parameters
that describe the complicated dynamic magnetosphere during the substorm period.
However, long-term statistical averages of the plasma environment can be used
as a ground-zero approach in defining the plasma environment at GSO. Such a
model can be used by theoreticians as the steady-state solution in the particle-
spacecraft interaction model. It also is a great asset to engineers in under-
standing the long-termn dosage of the low radiation to be considered in the
design of a large spacecraft.

Only a few spacecraft have carried detectors that are capable of measur-
ing particles with a wide range of energies. The UCSD plasma experiment flown
on ATS-5 at GSO measured plasma energy flux intensity for the energy range
from 50 to 50,000 eV for both positive ions (assumed to be protons) and
electrons. These particle data represent the typical plasma environment at
GSO. They are available to the science community in the form of particle
energy spectrograms plotted on microfilm, with differential energy flux
intensities encoded into a range of gray scales. No example of such a spectro-
gram will be shown here because it is assumed that the audience is familiar
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with the format of McIlwain's spectrogram (ref. 2). The data coverage was
fairly complete at the beginning of experiment so that the year 1970 was
chosen for long-term statistical analysis. The year 1970 is quite close to
the sun-spot maximum of the 11-year solar cycle; thus, these plasma data should
represent a moderately active radiation environment at GSO.

DATA REDUCTION

To obtain the numerical values of the particle energy spectrum for the
present analysis, we first used the Boller and Chivens Photometric Data
System's Microdensitometer to digitize the gray codings of the energy flux
intensity in the spectrogram from the microfilm. In order to avoid edge-
interference of the data on the microfilm during the process of digitization,
the minimum and maximum energy limits are set at 70 eV and 4l,00 eV, respec-
tively. Forty-eight energy level steps between the minimum and maximum limits
were chosen to cover approximately equal energy intervals on a logarithmic
scale. The data were digitized at 10-minute spacings of universal time (UT).
The numerical data of day 1 and day 2 of 1970 obtained by the digitization
procedure were plotted to compare with the data published by DeForest and
McIlwain (ref. 2). The digitized data were found to be accurate within a
factor of 2 of the original data. The digitized particle energy flux inten-
sities were converted to particle number flux intensities by dividing the
energy flux intensities by the corresponding energy level measured in eV. The
data for each 10-minute interval is then stored as a single data point in the
computer's memory to create a large data bank for the analysis carried out in
the next section.

Owing to the man-power shortage for digitizing the spectrogram on the
microfilm, only the particle fluxes perpendicular to the local geomagnetic
field lines were digitized. The pitch angle distributions of the particles
are not available in the present analysis.

DATA ANALYSIS

The data are presented in local time (LT), instead of universal time (UT),
to indicate the satellite location in the magnetosphere. The local time is
related to universal time by the formula LT = UT-7. As mentioned before, the
data are obtained at 10-minute intervals and are stored in the computer's
memory bank. Three consecutive data points are then averaged into one half-
hour data point. All available half-hour averages in 1970 were then averaged

into 24 hourly averaged data points along the satellite's 24-hour period
orbit. The results are shown in Figure 1. The electrons are seen to have
higher flux intensities than the protons at all times. The shapes of the

energy spectra for both protons and electrons change very little between two
adjacent local-time observations. However, noticeable changes are evident in
the flux intensities and in spectral shapes between widely separated local
times (e.g., compare 00-01 LT and 12-13 LT). The reason for such differences
is that the satellite detects large flux intensities in the night-side magneto-
sphere where the low energy plasmas are energized during substorms. As those
newly energized plasmas begin to drift around the earth toward the day-side
magnetosphere, they are subjected to various loss mechanisms and to particle
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dispersion effects. Thus, they appear to be different in spectral shape and in
intensity level when they are detected by the spacecraft on the day-side or on
the night-side. The observation of a local minimum in both the proton and
electron spectra for the energy range from 500 to 8000 eV, in the day-side mag-
netosphere, indicates that both particle species in that energy range have been I
greatly depleted due to a greater loss process operative on them.

The results of the averaged, energy-integrated number flux, energy flux,
and energy density of low energy plasma particles observed in 1970 are listed
in Tables 1 and 2 for protons and electrons, respectively. It is known from
experience that protons and electrons with energies between 10,000 and 200,000
eV contribute substantially to energy flux intensity and energy density, but
not to number flux intensity. Since the present study covers only particle
energies up to 41,000 eV, to obtain estimates of the particle energy flux and
the energy density at GSO we should multiply the values given in Tables 1 and 2
by factors of 2 to 5.

A frequency distribution of the occurrence of large integral flux levels
along the satellite orbit is plotted in Figure 2. The criteria for selecting
the critical flux levels for protons and electrons are set so that they repre-
sent flux intensities that are commonly observed during moderate substorms.
The high electron flux intensities are primarily observed in the night-side
magnetosphere, with the maximum frequency occurrence located between 01 and 02
LT. On the other hand, high proton flux intensities are observed at all local
times although the peak frequency is still centered around 00 LT. The reason
for such contrast in distribution is that the electrons are more readily pre-
cipitated into the upper atmosphere as they drift toward the day-side magneto-
sphere after they are injected in the night-side magnetosphere; thus, they
rarely show high flux levels on the day-side. Protons, on the other hand, are
more stable so that the level of flux intensity is more or less maintained along
the drift paths after they were injected in the night-side magnetosphere.

Because the loss mechanism is not very operative for protons, the level of
proton flux intensity along the GSO changes very little, indicating lesser de-
pendence on geomagnetic conditions, while the electron flux intensity fluctu-
ates drastically in accordance with geomagnetic activities. In other words,
the maximum and minimum electron flux intensities can differ by about a factor
of 750, yet the maximum and minimum proton flux intensities differ merely by a
factor of 20.

One of the objectives of the present data analysis is to correlate the
energy-integrated flux intensities observed at GSO with the geomagnetic activi-
ties represented by some types of ground observations. This is carried out in
the hope that the total flux level in space can be predicted from observations
of geomagnetic indices on the ground. Because of the different loss mechanisms
operative upon protons and electrons at GSO, the measured electron flux inten-
sities may fail to show any large flux variations in the day-side magnetosphere
as seen in Figure 2. On the other hand, the newly injected protons may blend
with the old residual proton fluxes and drift together around the earth to be-
come indistinguishable from each other. The complicated temporal and spatial
variations of the protons and electrons in space may limit the utility of the
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correlation analysis. Nevertheless, a linear correlation analysis was carried
out to determine the degree of the relationship between the particle flux in-

tensities and the geomagnetic indices. The geomagnetic indices used for the
analysis are the auroral electrojet (AE) index and the geomagnetic planetary
(Kp) index. The AE index can, in principle, reveal substorm activity in the

magnetosphere and is available in half-hour averages for the present study. On
the other hand, the Kp index is only available in 3-hour averages so that cor-
relation analysis with this index is carried out for supplementary purposes

only. The linear correlation coefficients for the electron and proton fluxes

with AE indices at various lag times are shown in Figure 3. The correlation

analysis was carried out by using logarithmic values of the flux intensities

and the AE values. Analyses with different combinations in the form of the

flux intensities and the AE indices were also performed. No significant
changes in linear correlation coefficients were noticed so that Figure 3 can be
regarded as a typical result.

As was expected, a correlation between the particle flux intensity in space

and the AE index observed on the ground exists, but is not as striking as one

might anticipate. Although the correlation coefficient is barely larger than
0.2 as shown in Figure 3, the probability of having 15,000 random pairs of num-

bers for a correlation coefficient of 0.2 is much less than 0.0001 (Bevington,
ref. 3). Therefore, a definite, causal relationship does exist between the ob-

servation of high particle flux intensity in space and recordings of the large

AE values by ground stations. However, the low correlation coefficient also
indicates that we cannot expect a one-to-one correspondence between the varia-

tions of the flux intensity and the AE index. In general, the correlation co-
efficients between the electron flux intensities and the AE indices are better

than those between proton flux intensities and the AE indices, but still lack

any striking significance. Since the particles are most likely to be energized

in the night-side magnetosphere and therefore show high flux intensities during

substorms, there may exist a better correlation between particle fluxes and the

substorm indicator index AE during the 12-hour period each day when the satel-

lite is in the night-side magnetosphere. Therefore, we have calculated another

correlation coefficient between the electron flux variations and the AE indices

in regions of local time from 20 LT through midnight to 08 LT. This coincides
with the regions of high probability for observing large electron flux intensity
as seen in Figure 2. The result is shown in Figure 4. The correlation coeffi-

cients are impressively high. The peak correlation occurs with the AE index

shifted half an hour ahead in time of the observed electron flux intensity. The

peak coefficient of 0.65 implies that there is probably a one-to-one correspond-

ence between the peaks of the AE index and the electron flux intensity. With

the best correlation being obtained by comparing the flux intensity with the AE
index half an hour before the flux observation, we might think that we could

forecast the arrival of a large electron flux at the spacecraft. However, the

slow changes in the correlation coefficients around the peak value as seen in
Figure 4 means that the prediction may be impractical because of the lack of

definite cut-off criteria for selecting the peak.

The proton fluxes, on the other hand, fail to show an improved correlation

with the AE index even when the satellite observation is limited to the night-

side magnetosphere so that we did not plot the results in Figure 4.
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Furthermore, neither proton nor electron fluxes show a good correlation with
the Kp indices. Since the Kp index can now be forecasted on a real-time basis,
as a reference to the expected values of the particle flux intensities at
different Kp values, Table 3 lists the maximum particle flux inten-
sities observed at various local times for different Kp 'alues. The particle
flux intensity, in general, increases as Kp increases, however, there are
some flux intensities which are observed during very high Kp yet show smaller
values than those observed at lower Kp as seen in Table 3. The reason for
such a discrepancy is due to the fact that the number of observations made
during high Kp is too small to yield a good statistical representation.

MATHEMATICAL MODEL

Another objective of the data analysis is to derive a mathematical model
for particle flux intensities observed at GSO. The model can be used for
simulation of particle encounters by a spacecraft at a certain local time with

a specified geomagnetic condition. However, we should always remember that the
dynamic behavior of the plasmas at GSO is so complicated that only the statis-
tical averages of the particle fluxes can be predicted.

From inspection of Figure 1, we concludethat the particle energy spectrum
cannot be fitted by a single Maxwellian distribution function, but a reasonably
good fit may be obtained by a composite of several Maxwellian distributions.
The search for correct components in the optimum set of the composite functions

can become a very tedious and laborious process. Since the use of composite
functions may bear no physical significance with respect to the actual particle
flux distribution, we may as well use a polynomial curve to fit the particle
flux intensity. We selected polynomials varying from 1st to 10th order to
carry out the least-squares procedure for fitting all the flux intensities
in Figure 1. The chi-square test is then applied to choose the best-fit
polynomial. It was found that a 3rd order polynomial yields a consistently
low value of chi-square. On this basis, we conclude that the 3rd order
polynomial can best represent the flux intensities in Figure 1.

The result of the polynomial fit is given by

log1 0 (F) = A1 + A2 (log1 0 E) + A3 (loglo 
E)2

+A4 (log10 E)
3  (1)

where F is the particle number flux intensity and E is the particle energy in
eV. The coefficients A1 through Ah have also been evaluated for different
local times and geomagnetic conditions. Tables 4 through 6 show values of
these coefficients for the model applied at the given local time under a speci-

fic geomagnetic condition. The value of the particle flux intensity calcula-
ted from Equation (I) is of course valid only for the particle energy range-I
from 70 to 41,000 eV.
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TABLE 1. Protons at Geostationary Altitude

Local Flux Intensity Energy Density Energy Flux Intensity

Time protons/cm2-sec-ster ergs/cm 3-ster ergs/cm2 -sec-ster

00-01 1.14 E 7 1.48 E-9 0.278
01-02 1.08 E 7 1.40 E-9 0.268
02-03 1.34 E 7 1.45 E-9 0.268
03-04 1.45 E 7 1.54 E-9 0.291
04-05 1.00 E 7 1.17 E-9 0.222
05-06 9.01 - 6 1.12 E-9 0.215
06-07 8.47 E 6 1.09 E-9 0.212
0.7-08 7.83 E 6 1.03 E-9 0.203
08-09 7.39 E 6 9.96 E-10 0.200
09-10 7.08 E 6 9.88 E-10 0.203
10-11 7.13 E 6 1.02 E-9 0.210
11-12 7.29 E 6 1.06 E-9 0.218
12-13 7.55 E 6 1.12 E-9 0.231
13-14 8.12 E 6 1.21 E-9 0.249

14-15 8.60 E 6 1.28 E-9 0.259
15-16 9.16 E 6 1.37 E-9 0.278
16-17 1.00 E 7 1.45 E-9 0.290
17-18 1.10 E 7 1.59 E-9 0.316
18-19 1.10 E 7 1.59 E-9 0.315
19-20 1.10 E 7 1.57 E-9 0.310
20-21 1.14 E 7 1.61 E-9 0.315
21-22 1.15 E 7 1.61 E-9 0.315
22-23 1.17 E 7 1.61 E-9 0.312
23-24 1.16 E 7 1.55 E-9 0.295

I
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TABLE 2. Electrons at Geostationary Altitude

Local Flux Intensity Energy Density Energy Flux Intensity
Time electrons/cm2-sec-ster ergs/cm 3-ster ergs/cm2 -sec-ster

00-01 2.90 E 8 5.47 E-10 3.03
01-02 3.49 E 8 6.76 E-10 3.87
02-03 3.41 E 8 6.69 E-10 3.85
03-04 3.26 E 8 6.55 E-10 3.89
04-05 3.44 E 8 6.07 E-10 3.61
05-06 2.73 E 8 5.43 E-10 3.24
06-07 2.39 E 8 4.81 E-10 2.93
07-08 1.98 E 8 4.07 E-10 2.54
08-09 1.56 E 8 3.26 E-10 2.06
09-10 1.21 E 8 2.54 E-10 1.65
10-11 1.01 E 8 2.14 E-10 1.41
11-12 8.38 E 7 1.78 E-10 1.18
12-13 6.97 E 7 1.53 E-10 1.02
13-14 6.45 E 7 1.42 E-10 0.952
14-15 5.88 E 7 1.28 E-10 0.856
15-16 5.52 E 7 1.18 E-10 0.787
16-17 5.89 E 7 1.21 E-10 0.798
17-18 5.35 E 7 1.01 E-10 0.638
18-19 5.69 E 7 1.01 E-10 0.614
19-20 6.66 E 7 1.10 E-10 0.629
20-21 9.90 E 7 1.66 E-10 0.907
21-22 1.47 E 8 2.55 E-10 1.41
22-23 1.95 E 8 3.38 E-10 1.79
23-24 2.44 E 8 4.38 E-10 2.34
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TABLE 3A. Maximum Proton Integral Fluxes
(Protons/cm2-sec-ster)

K 0-2 2+-4 4+-6 6+-9p
UT*

00-03 l.08E7 1.39E7 1.93E7 1.59E7
03-06 1.19E7 1.46E7 1.83E7 2.10E7

06-09 1.22E7 1.56E7 1.64E7 2.38E7
09-12 l.OOE7 1.27E7 1.93E7 8.17E6
12-15 8.36E6 1.05E7 1.83E7 1.47E7
15-18 7.25E6 9.59E6 1.73E7 1.18E7
18-21 7.98E6 1.02E7 1.51E7 7.23E
21-24 9.51E6 1.21E7 1.69E7 2.12E-

*LT = UT-7

TABLE 3B. Maximum Electron Integral Fluxes
(Electrons/cm2-sec-ster)

K 0-2 2+-4 4+-6 6+-9

UT*
00-03 5.43E7 8.49E7 3.30E8 3.91E8
03-06 1.12E8 3.58E8 5.54E8 9.49E8
06-09 3.22E8 5.86E8 9.23E8 l.08E9
09-12 3.20E8 6.37E8 8.65E8 8.17E8
12-15 2.04E8 4.50E8 7.65E8 6.89E8
15-18 1.18E8 2.31E8 4.88E8 1.73E8
18-21 8.27E7 l.o8E8 1.23E8 5.25E7
21-24 7.59E7 6.89E7 8.05E7 2.46E8
*LT = UT-7
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TABLE 4. Coefficients of the polynomial fit to the yearly averaged fluxes

LT A1 A2 A3 A 4

Protons 00-01 7.193 -3.491 -0.976 -0.099
01-02 8.039 -4.177 1.148 -0.113
02-03 7.216 -3.276 0.850 -0.082
03-04 6.431 -2.465 0.572 -0.052
04-05 6.103 -2.019 0.414 -0.035
05-06 5.707 -1.500 0.222 -0.014
06-07 5.554 -1.329 0.146 -0.004
07-08 4.982 -0.705 -0.007 0.021
08-09 3.763 0.519 -0.495 0.067

09-10 3.641 0.869 -0.673 0.091
10-11 3.748 0.782 -0.670 0.094
11-12 5.008 -0.385 -0.349 0.067
12-13 6.788 -2.108 0.161 0.019
13-1i 8.502 -3.954 0.758 -0.041
14-15 J.0.529 -6.041 1.439 -0.112
15-16 12.002 -7.589 1.953 -0.165

16-17 11.561 -7.238 1.903 -0.167

17-18 13.097 -8.940 2.486 -0.229
18-19 13.565 -9.370 2.616 -0.241
19-20 1.908 -7.944 2.220 -0.206
20-21 12.424 -8.415 2.377 -0.223
21-22 11050 -7.099 1.986 -0.186
22-23 10.313 -6.351 1.770 -0.167

23-24 8.962 -5.202 1.475 -0.144
Electrons 00-01 9.789 -5.258 1.892 -0.237

01-02 8.721 -3.981 1.446 -0.187
02-03 9. 50 -4.797 1.699 -0.212
03-04 9.417 -4.599 1.595 -0.197
04-05 9.470 -4.578 1.565 -0.193
05-06 9.917 -4.899 1.631 -0.196

06-07 10.353 -5.194 1.662 -0.194
07-u3 10.723 -5.411 1.670 -0.189
08-09 11.157 -5.731 1.708 -0.187
09-10 11.635 -6.232 1.828 -0.195
10-11 12.432 -6.883 1.986 -0.207
11-12 12.933 -7.362 2.107 -0.216
12-13 12.472 -7.041 2.016 -0.207
13-14 12.747 -7.435 2.146 -0.221
14-15 12.353 -7.016 2.014 -0.208

15-16 12.274 -6.935 1.972 -0.202
16-17 11.252 -5.849 1.644 -0.172
17-18 10.280 -4.844 1.316 -0.139
18-19 9.204 -3.832 1.049 -0.118
19-20 7.502 -2.188 0.574 -0.076
20-21 7.902 -2.895 0.936 -0.125
21-22 8.017 -3.029 1.019 -0.136
22-23 9.655 -4.873 1.694 -0.213
23-24 9.317 -4.750 1.728 -0.222
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TABLE 5. Coefficients of the polynomial fit to the quiet--time averaged fluxes

LT A1  A2  A3  A4

Protons 00-01 7.320 -3.510 0.921 -0.088
01-02 6.940 -3.024 0.754 -0.071
02-03 5.870 -1.929 0.403 -0.036
03-04 3.723 0.409 -0.407 0.052
o4-05 3.763 0.542 -0.489 o.o64
05-06 3.676 o.654 -0.559 0.074
06-07 3.167 1.298 -0.796 o.101
07-08 3.013 1.471 -0.863 0.109
08-09 2.191 2.263 -1.146 0.141
09-10 2.162 2.394 -1.241 0.156
10-11 3.172 1.498 -0.982 0.133
11-12 4.185 0.441 -0.652 0.101
12-13 5.321 -0.638 -0.327 0.070
13-14 5.823 -1.311 -0.076 0.042
14-15 6.801 -2.259 0.224 0.012
i5-16 7.725 -3.214 0.538 -0.021
16-17 8.908 -4.422 0.941 -O.064
17-18 10.456 -6.376 1.652 -0.142
18-19 14.759 -10.447 2.881 -0.261
19-20 11.019 -7.066 1.917 -0.173
20-21 11.142 -7.057 1.900 -0.171
21-22 12.464 -8.400 2.34o -0.217
22-23 11.186 -7.218 2.013 -0.189
23-24 10.579 -6.717 1.902 -0.183

Electrons 00-01 (.792 -2.927 1.024 -0.143
01-02 7.819 -2.909 1.034 -0.145
02-03 10.128 -5.308 1.831 -0.229
03-04 10.820 -5.921 1.980 -0.239
04-05 9.844 -4.765 1.549 -o.19o
05-06 10.087 -4.889 1.526 -0.181
06-07 10.351 -5.035 1.538 -0.179
07-08 10.425 -5.123 1.552 -0.179
08-09 11.407 -5.994 1.767 -0.195
09-10 11.479 -6.077 1.784 -0.196
10-11 10.982 -5.663 1.645 -0.181
11-12 10.768 -5.423 1.566 -0.172
12-13 1o.198 -4.988 1.428 -0.157
13-14 1o.624 -5.4i4 1.576 -0.173
i4-15 9.485 -4.155 1.166 -0.132
15-16 9.341 -3.959 1.083 -0.122
16-17 8.841 -3.423 0.922 -0.107
17-18 9.632 -4.334 1.197 -0.132
18-19 9.672 -4.462 1.262 -0.148
19-20 8.769 -3.624 1.003 -0.115
20-21 7.385 -2.216 0.585 -0.076
21-22 5.714 -0.358 -0.008 -0.018
22-23 7.789 -2.598 0.771 -0.101
23-24 7.198 -2.161 0.697 -0.101
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Table 6. Coeff. of the polynomial fit to the disturbed-time averaged fluxes

LT A 1 A 2 A 3 A4

Protons 00-01 3.998 -0.421 0.052 -0.009
01-02 4.907 -1.069 0.192 -0.018
02-03 5.124 -1.207 0.233 -0.023
03-04 3.512 0.248 -0.186 0.016
o4-o5 4.547 -0.683 0.080 -0.009
05-06 4.925 -0.979 0.171 -0.019
o6-07 5.178 -1.293 0.265 -0.027
07-08 4.270 -0.291 -0.096 0.013
08-09 2.429 1.568 -0.689 0.074
09-10 2.101 2.134 -0.960 0.110
10-11 2.266 2.162 -1.042 0.126
11-12 3.836 0.729 -o.655 0.094
12-13 6.634 -2.135 0.232 0.008
13-14 8.968 -4.543 0.996 -0.069
14-15 10.930 -6.562 1.671 -0.140
15-16 11.609 -7.407 1.991 -0.177
16-17 10.488 -6.137 1.588 -0.138
17-18 7.322 -3.516 0.915 -0.083
18-19 9.508 -5.596 1.534 -0.142
19-20 8.326 -4.552 1.249 -o.118
20-21 10.809 -6.988 2.029 -0.198
21-22 7.234 -3.520 0.950 -0.090
22-23 7.188 -3.414 0.910 -0.086
23-24 5.663 -2.035 0.542 -0.056

Electrons 00-01 7.743 -3-213 1.274 -0.174
01-02 6.978 -2.325 0.989 -o.146
02-03 7.317 -2.457 0.961 -0.136
03-04 6.893 -1.933 0.767 -0.113
o4-05 6.600 -1.734 0.721 -0.110
05-o6 7.241 -2.227 0.826 -0.117
o6-07 8.379 -3.233 1.o84 -0.137
07-08 8.391 -3.087 0.991 -0.123
08-09 7.775 -2.314 o.684 -0.087
09-10 9.107 -3.580 1.016 -0.115
10-11 11.298 -5.575 1.570 -0.163
11-12 12.412 -6.722 1.883 -0.190
12-13 13.674 -8.249 2.383 -0.240
13-14 14.368 -9.004 2.618 -0.264
14-15 13.778 -8.469 2.444 -0.246
15-16 13.343 -8.103 2.339 -0.237
16-17 10-763 -5.344 1.474 -0.153
17-18 8.474 -3-035 0.841 -0.103
18-19 8.656 -3.469 1.108 -0.144
19-20 8.655 -3.546 1.204 -0.162
20-21 9.633 -4.922 1.763 -0.226
21-22 9.343 -4-568 1.624 -0.205
22-23 10.996 -6.438 2.321 -0.287
23 24 9.675 -5.245 1.976 -0.254
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Particle energy spectra at geosynchronous altitude
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Figure 1: Hourly averages of the proton and electron fluxes observed by ATS-5 i-

geostationary satellite in the year 1970. The upper curve in each "

frame is the electron flux intensity while the lower one is the
proton flux intensity. Although the flux intensities between two
adjacent local time observations are seen to be the same, great
variations exists for flux intensities at widely separated locations.
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Figure 2: The frequency distribution of the occurrence of high flux inten-
sities observed by ATS-5 in 1970. In general the high flux inten-

sities were observed when the satellite was in the night-side

magnetosphere.
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Figure 3: The linear correlation coefficients between the proton and electron
flux intensities and the auroral electrojet (AE) indices at various

lag times.
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Figure 4: The linear correlation coefficients between the electron flux inten-

sities observed by ATS-5 in the night-side magnetosphere and the AE

indices at various lag times.
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ATS-5 AND ATS-6 POTENTIALS DURING ECLIPSE

Allen G. Rubin and Henry B. Garrett
Air Force Geophysics Laboratory

SUMMARY

ATS-5 and ATS-6 data for spacecraft charging during eclipse conditions

is analyzed. ATS-5 and ATS-6 charged to voltages greater than 100 volts for
about 55% of the eclipse periods examined. The mean spacecraft potential
during eclipse was 2 keV for ATS-5, and the highest potential measured was
10 kilovolts. For ATS-6, the mean potential during eclipse was 4 keV, the
highest potential measured being 20 keV. The average measured spacecraft
potentials for both ATS-5 and 6 depend approximately linearly upon Kp. This
relationship is due mainly to the dependence of electron current density on
Kp near midnight. Spacecraft potentials at geosynchronous orbit may, to a
rough approximation, thus be inferred from ground-based measurements of Kp,
the planetary 3-hour index.

INTRODUCTION

As the ATS-5 and ATS-6 spacecraft have been monitoring the plasma
environment at synchronous orbit since 1969, the data provided by these

satellites comprises the most extensive data base available of low-energy
plasma conditions at geosynchronous orbit.

The present paper is a study of the statistics of charging events based

on data from 157 eclipses from ATS-5 and 40 eclipses from ATS-6.

THE DISTRIBUTION OF CHARGING POTENTIALS

For these eclipse charging events, ten minute averages of the charging
potentials were obtained. Figure I shows the distribution of charging
potentials plotted separately for ATS-5 and ATS-6.

For ATS-5, 55% exhibit charging to negative potentials greater than 110
volts and 54% of the ATS-6 charging intervals are greater than 100 volts. This
means that both ATS-5 and ATS-6 charge to substantial negative voltages in
more than half of the eclipse intervals. The mean charging voltage of ATS-5
is 2 kilovolts for ATS-5 and 4 kilovolts for ATS-6. The highest observed
potential is 10 kilovolts for ATS-5 and 20 kilovolts for ATS-6.

Figure 2 shows the distribution of K and the 3-hour planetary index
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for the ATS-5 and ATS-6 data time periods. ATS-6 data was taken during a more
active geomagnetic period than ATS-5, so that the mean value of Kp for the
ATS-6 time period is considerably higher than that for the ATS-5 time period.
The higher mean charging potential for ATS-6 is no doubt due to hotter injected
plasmas for the ATS-6 time period.

CHARGING POTENTIALS VERSUS Kp

Eclipse potentials versus Kp are shown in Figure 3 for eclipse events on
ATS-5 and ATS-6 for Kp values up to 6. The error bars shown are the standard
deviations ( I a ) of the data. The spacecraft potential rises linearly with

within the error.

Shown on this figure as well is a theoretical curve based on a current
balance calculation in which secondary emission properties of ATS-5 and 6
materials have been accounted for in an approximate manner, using an average
secondary emission coefficient. This theoretical curve is given by

qV 0 = Te ln (Je )

10 i

where the factor 10 takes account of secondary emission properties (Garrett and
Rubin, 1978).

R.M.S. electron temperature as a function of Kp is shown in Figure 4 for
the time period 2100-300. The electron mean temperature varies from 2 to 4
keV. The variation of the ratio of electron to ion current densities with Kp
is much greater, as shown in Figure 5. The theoretical prediction of space-
craft potential, as the product of Te and ln (Je/10 Ji) , shows that it is the
dependence of the ratio of electron to ion current densities on the magnetic
activity index, Kp, which is responsible for the strong dependence of charging
potential on Kp. The mean R.M.S. electron temperature at a given Kp for the
2100-0300 time period, for the entire ATS-5 and ATS-6 data base, was employed
for this calculation. The theoretical curve corresponds very well to observed
potentials for Kp values up to 4, but is somewhat higher at larger Kp values.

The spacecraft potential is shown to be proportional to Kp for the 6-hour
period around midnight. Kp is an easily accessible quantity, having long been
used as an indicator of geomagnetic activity. Since K is calculated from 6A
ground-based magnetometer systems, it will be useful, to the accuracy of the
error bars, as an indicator of the maximum potentials to be expected on a
shadowed spacecraft surface at geosynchronous orbit. As ATS-5 and ATS-6 have
radically different shapes, this result could be applicable for a variety of
satellites (see Purvis et al., 1977, for a comparison between ATS-5 and ATS-6
potentials in eclipse).
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SUMMARY OF THE TWO YEAR NASA
PROGRAM FOR ACTIVE CONTROL OF ATS-5/6

ENVIRONMENTAL CHARGING

Robert 0. Bartlett
NASA Goddard Space Flight Center

Carolyn K. Purvis
NASA Lewis Research Center

SUMMARY

Over the past several years numerous experiments have been conducted on the
ATS-5 and ATS-6 which have demonstrated the feasibility of modifying or clamping the
environmentally induced potential of these spacecraft. This has been accomplished
utilizing the ion engine experiments and monitoring their effects with the University of
California, San Diego, Auroral Particles instruments on each spacecraft.

The results of these experiments have shown that a thermionic electron source
is capable of replacing photo-emitted electrons during eclipse. However, the utility of
this type of device is limited if its emission is suppressed by local electric fields. On
the other hand, it has been shown that a plasma source will not only serve as a substitute
for photo-emitted electrons but will also suppress differential charging of isolated ele-
ments of the spacecraft which would tend to suppress electron emission. This later
device is therefore capable of clamping the potential of a spacecraft without special con-
sideration of its coupling to the ambient plasma.

An overview of the experiments and a summary of their results are presented
in thijs paper. Therefore, this paper serves as a "road map" to the spacecraft charging
experiments conducted on ATS-5 and ATS-6.

INTRODUCTION

In May of 1976, the National Aeronautics and Space Administration (NASA) awarded
a contract to the University of California, San Diego (UCSD) with the objective of studying
active control of environmental charging on the Applications Technology Satellites (ATS)
5, and 6. This study was an element In the joint NASA/Air Force investigation of geosyn-
chronous satellite charging (Lovell et al., 1976). The in-orbit experimental phase of
this study has now been concluded. The contract report of the first year's activities is
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now available, and the final report will be available in the near future. Initial results
of this effort will be summarized here; however, further analysis is warranted, and it
is the hope of the authors that this paper will provide sufficient stimulus to encourage
additional investigation of these data.

The results of these experiments have provided 218 data sets from ATS-5 and 36
data sets from ATS-6. Several of these experiments were conducted simultaneously on
the two satellites. During the course of these measurements, 111 instances of environ-
mental charging to potentials in excess of 1000 volts have been observed. No anomalous
effect has been associated with any of these charging events on either satellite.

The ATS-5 and the ATS-6 satellites each carried an Auroral Particles Experiment
and a Cesium Ion Engine Experiment. These instruments were jointly utilized to conduct
this investigation of actively controlling satellite charging. While neither instrument
was developed with this application as an objective, the experimental resullts demon-
strated the achievement of altered or clamped satellite potential. There are features
of these experiments which raise questions which have not been conclusively answered.
Instrwuments specifically designed to study active control of satellite charging will clearly
yield more definitive results. However, it is felt that the experiments described here
have added to the understanding of the environmental charging phenomenon and should
complement the results of future experiments such as the USAF Space rest Program,
P78-2 (Durrett et al., 1978).

DESCRIPTION OF ATS-5 AND ATS-6 INSTRUMENTATION

The details of the ATS-5 and ATS-6 spacecraft and their respective instruments
have been previously presented (Bartlett et al., 1975; Purvis et al., 1976). In summary,
Figures 1 and 2 depict the key features of each of these satellites including the relative
locations of the Auroral Particles Experiment and the Cesium Ion Engine Experiment.
The Auroral Particles Experiment on ATS-5 provided measurement of ion and electron
flux in the 50 eV to 50 keV energy range at fixed instrument apertures. The ATS-6
Auroral Particles Experiment extended this range from 0.1 eV to 80 keV and incorpora-
ted a scanning aperture to provide angular resolution. The ATS-5 ion engines are of the
contact ionization type utilizing a thermionic electron source (neutralizer). Al-ernately
the ATS-6 Ion engines are of the bombardment type utilizing a low energy cesium plasma
as Its neutralizer. When the cesium Ion source is operated, the neutralizer serves as a
ready source of electrons to maintain a net charge neutrality. The neutralizer can also
be operated without the ion source. The ion sources and the neutralizers were Lltilize,
to alter the current balance of each spacecraft and thus actively control the spacec-'aft's
potential. The Auroral Particles Experiments were utilized to measure this effect.
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TEST CONDITIONS

Since geogynchronous spacecraft charging was first measured (DeForest, 1972),
it was clear that the spacecraft normally dominates ambient plasma perturbation with a
ready source of photo-emitted electrons. The obvious exception occurs during the ver-
nal and autumnal eclipse of the Sun. The most recent study of ATS-5 and ATS-6 poten-
tials during eclipse is reported by Rubin et al., 1978.

Neither ATS ion engine was designed to provide a bias of the neutralizer or ion

source relative to spacecraft ground. Therefore, most of the potential control experi-
ments have been conducted during eclipse when natural spacecraft charging events were
likely. All of these eclipse tests have utilized only the neutralizers on the spacecraft.
A few operations of the ATS-5 and ATS-6 ion sources have occurred during full Sun

periods of the orbit. The design of each ion engine required that the neutralizer be
operated when the ion source was operated. 1 This restriction has been eliminated and
other features, such as biasing, have been incorporated into the ion/electron source to

be flown on USAF Space Test Program mission P78-2 (Cohen et al., 1978).

A summary of the measurements relating to active control of the ATS-5 and ATS-6
potential is shown in Table 1. Various restrictions and problems precluded all com-
binations of Instruments and test conditions. It is felt that the results of these measure-
ments provide a basis for predicting the behavior of electron and ion sources as
spacecraft potential control devices. The missing data sets therefore represent de-

sirable but not essential experiments relative to the ATS-5 and ATS-6 spacecraft
charging study.

ATS-5 EXPERIMENTAL RESULTS

While the ATS-5 ion engine was operated briefly as a thruster (DeForest et al.,
1973), the far more interesting results were obtained from the operation of its therm-

ionic neutralizer during eclipse. This is primarily due to the large spacecraft poten-
tials encountered during eclipse which well exceeded the 50-eV minimum energy
resolution of the UCSD Auroral Particles Experiment. Recent spectrogram data from
day 87 of 1978 are presented in Figure 3-as typical of a spacecraft charging event which
is modified by the operation of the thernflonic neutralizer. The spectrogram is a time
plot showing energy of arriving electron and ion fluxes. The density of the particle flux

1A special operation of the ATS-5 ion engine was conducted in 1973 commanding
it off in an abnormal manner. This briefly produced an ion beam while the neutralizer

was off. Limited data indicate that the spacecraft charged to a potential of about
-3000 V (DeForest et al., 1973).
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is indicated by the gray scale moving from dark (minimum) to light (maximum). At the
onset of eclipse, denoted on Figure 3, the spacecraft charged to a potential of about
-2000 volts. This can be seen in Figure 3 as the dense (light) band of ions -ising in
energy. As the spacecraft potential goes negative, low energy ions from the ambient
are attracted to the spacecraft and their energy upon arrival would be that of the space-
craft's potential. It follows that no ions can have energy less than the spacecraft's
potential. The apparent ion flux at energies less than the spacecraft potential is there-
fore instrument noise. Considering the nearly 9 years of orbital operation, this instru-
ment remains remarkably sensitive;

The spectrogram primarily finds its utility in qualitative examinations of environ-
mental flux features. By extracting the spacecraft's potential from the environmental
data, the effect of the operation of the ion engine's thermionic neutralizer during day 87,

1978, eclipse is shown again in Figure 4. This linear plot more quantitatively demon-
strates the effect of the neutralizer's operation. When the hot filament is first turned
on, the spacecraft initially discharges to a potential below -130 volts. The time between
the energy scans showing the spacecraft at -1500 volts and -130 volts is about 14 seconds.
Subsequently, the spacecraft is charged to a potential of about 1000 volts. Following
the turn-off of the neutralizer, the spacecraft charged to about -2500 volts.

The slow charging of the spacecraft while the neutralizer is on is believed to have
resulted from the suppression of electron emission by differential charging between the
spacecraft structure at neutralizer potential and the insulated thermal cover ? round the
neutralizer. rhe hot neutralizer filament is mounted approximately 3 cm inboard of the
spacecraft skin. The suppression of electron emission from the ion engine neutralizer
in this geometry has been measured in the laboratory (Goldstein, 1976). Additionally,
laboratory measurement of differential charging between conductive and nonconductive
materials immersed in a high energy electron beam has been performed by Purvis (1978)
which simulated the emission of electrons from the conductive element of the spacecraft.
A charging of the insulated materials with a similar time constant to that measured in
orbit was observed. The potential overshoot observed at the turn-off of the neutielizer
(Figure 4) is also typical of numerous active charge control experiments. This phe-
nomenon can also be explained as an effect of differential charging of the insulated
spacecraft surfaces associated with the operation of the neutralizer. The artificially

higher negative potential on these surfaces at neutralizer turn-off would alter the natural
current balance with the ambience until all surfaces reached their equilibrium potentials.

An additional series of orbital tests was structured to further examine the effect
of the neutralizer's operation on spacecraft potential. Simultaneous operation of both
the ion engine neutralizers on ATS-5 was performed. Typical results of these experi-

ments are presented in Figure 5. Three such data sets were obtained. The turn-on of--I
the second neutralizer did not have a marked effect. However, when the first neutralizer
was turned off, a slight decrease in the spacecraft potential was observed during all

three tests. This phenomenon is not understood. When the second neutralizer was
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turned off, the spacecraft potential rose in a fashion typical of single neutralizer opera-
tions.

In summary, the hot filament neutralizer has been shown to have a significant
effect on the potential of ATS-5 during a spacecraft charging event. However, due to
suppression of electron emission, the spacecraft was not clamped at plasma potential.
Laboratory data support the likelihood that differential charging of insulated spacecraft
surfaces is suppressing electron emission. This hypothesis is consistent with the
transient behavior observed at the turn-on and turn-off of the neutralizer in orbit. Al-
ternately, the suppression of electron emission by a plasma sheath around the space-
craft can not be ruled out. Measurements suggesting the presence of such a barrier
around ATS-6 have been presented (Whipple, 1975). Additional consideration of these
data seems well iustified.

ATS-6 EXPERIMENT RESULTS

[he results of the ATS-6 experiments complement those of ATS-5. Since the
A rs-6 ion engine neutralizer utilized a low energy plasma as an electron source, the
effects of a second-type neutralizer could be measured. Additionally, the ATS-6
Auroral Particles Experiment provided significantly enhanced energy resolution.

The effect of the operation of the ATS-6 ion engine as a thruster has been studied
by Goldstein et al., (1976) and more recently by Olsen (1978). In this configuration
the ion source and neutralizer are simultaneously operated. To summarize these tests,
Figure 6 is presented. The data demonstrate that the potential of ATS-6 was clamped
at about -4 volts throughout the 4-day operation of the Ion Engine Experiment.

T'he cesium vapor flow to the plasma neutralizer is regulated to control the poten-
tial of an anode probe in its discharge. The potential of the probe during the four-day
operation of the ion engine was about +4.5 V relative to spacecraft ground as measured
by telemetry. Since the neutralizer cathode potential is that of spacecraft ground, the
potential of the anode probe is at or very near the potential of the ambient plasma. If
the probe were operated at spacecraft potential and the cathode of the plasma neutralizer
were operated with a negative bias, the spacecraft might well have been held at plasma
potential. The ATS-6 Ion Engine Experiment had no such bias capability. It remains
for this concept to be demonstrated.

Several other interesting features of the UCSD data were observed while the ion
thruster and neutralizer were jointly operated. There are indications that differential
charging on ATS-6 was suppressed during this operation and that the measurement of
environmental data was enhanced by a constant spacecraft potential (Olsen, 1978).
Although the UCSD particle detectors cannot distinguish between protons and other ions,
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further analysis of the data may yield additional insight into the nature of particle flux
to the ATS-6 while the Ion Engine Experiment was operating. Present indications are
that variation in low energy ion flux appears to more nearly follow natural variations of
the plasma rather than an ion flux originating from the ion engine itself (Olsen, 1978).

Of equal interest were the ATS-6 ion engine neutralizer tests that were conducted
during eclipse. A spectrogram of such a test on day 97, 1977, is presented in Figure 7.
The spacecraft potential from the same data is linearly plotted in Figure 8. These data
demonstrate that the low energy plasma neutralizer is sufficient to discharge the space-
craft. Due to the absence of natural low energy ions during this test, the exact potential
to which the spacecraft was clamped can not be measured with precision. Other experi-
ments of this type have shown that the spacecraft potential is clamped to approximately
-5 V by the neutralizer's operation. The operation of the plasma neutralizer has also
been shown to reduce differential charging of the spacecraft, but not to the same extent
as the operation of the ion thruster. This is most likely due to the larger density of
free low energy ions associated with the ion thruster's operation.

Closer examination of the data presented in Figures 7 and 8 provides several in-
teresting observations. The operation of the plasma neutralizer differs significantly
from that of the thermionic neutralizer. To operate the thermionic neutralizer on
ATS-5, power is simply applied to a tantalum filament by command, and the filament
reaches its operating temperature in a fraction of a second. When the plasma neutralizer
is commanded on, power is applied to a heater which warms a supply of cesium in order
to deliver cesium vapor to the plasma neutralizer. When the density of the cesium
vapor and the cesium surface coverage of the neutralizer cathode are sufficient, a
plasma discharge strikes. Initially, this discharge operates from a relatively low
cesium vapor flow rate and is referred to as the plume mode of operation because of
its physical appearance. As the cesium supply continues to heat, the cesium vapor
flow rate increases and the plasma transitions to a point discharge described as the
spot mode of operation. As seen in Figure 8, the occurrence of neutralizer spot mode
operation, which is telemetered, had no measurable effect on the spacecraft's potential.
The occurrence of plume mode, which is not telemetered, seems to have provided an
ample source of electrons to discharge the spacecraft with a time constant too short
to be measured with the 16-second energy range scan of the UCSD instrument. As shown
in Figures 7 and 8, the discharge of the spacecraft occurred toward the end of the pre-
dicted time when the neutralizer would strike based on ground test data. Due to a mal-
function of the ion engine, the neutralizer vaporizer heater was operating at a slightly
reduced power, so a longer start-up time for the neutralizer would be expected. To
turn off the neutralizer, all power was removed from the experiment. This effectively
meant that the neutralizer would instantaneously cease providing electrons and ions. 'A

Figures 7 and 8 indicate that the time constant associated with the spacecraft naturally
recharging was significantly longer than that required to discharge the spacecraft with
the neutralizer. Also note that natural charging and discharging time constants as-
sociated with the onset and exit from eclipse are similar to that associated with the
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recharging of the spacecraft following the neutralizer operation. The conclusion
drawn from these facts is that the ambient plasma currents on this day were over-
whelmingly dominated by the operation of the neutralizer. This same conclusion
was supported by all other ATS-6 active charge control experiments.

CONCLUSION

The generalized conclusions presented here are based on the results of all active
spacecraft charge control experiments conducted on ATS-5 and ATS-6 rather than the
limited data presented in this paper. In summary, these experiments have provided
the first known measurements of the interaction of the natural plasma and an artificially
produced plasma at geosynchronous altitude. The effects of these experiments on the
potentials of ATS-5 and ATS-6 have been examined with the following observations:

" The thermionic electron source on ATS-5 provided electrons to replace photo-
emitted electrons in eclipse; however, charging of the insulated surface
around this emitter suppressed electron current and prevented the spacecraft
from being driven to plasma potential for all plasma conditions.

* The neutralizer plasma source on ATS-6 maintained the spacecraft potential
within a few volts of the ambient potential for both positive and negative
charging events for all observed plasma conditions.

* Based on these measurements, it seems likely that a spacecraft could be
clamped at plasma potential by a low-energy plasma discharge which could
be biased to compensate for the coupling to the ambient. This has not been
demonstrated however.

0 Operation of the ion engine on ATS-6 was shown to suppress differential
charging and clamp the spacecraft potential at a fixed voltage relative to the
ambient plasma.

* Active spacecraft potential control has not hindered, but has enhanced the
ability to make environmental measurements at energies less than a few volts.

It has previously been shown that the environmental charging of ATS-5 and ATS-6
has produced nearly identical potentials when the two satellites were at similar longi-
tudes (Purvis, 1976). This seems quite astonishing considering the marked difference
between the two satellites as summarized in Table 2.

Based on this observation, it follows that the dominant factor controlling the
equilibrium potential of a satellite is not the satellites' characteristics but the constit-
uency of the ambient plasma. It is therefore felt that the above observations are gener-
ally valid and do not apply solely to the satellites upon which the measurements were made.
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Lastly, the time constants associated with all observed natural charging and dis-
charging events well exceeded the time constant associated with the discharging of the
satellite by either of the two active control devices. It is therefore clear that these active
control devices completely dominate all natural current sources during these experiments.
Since no spacecraft anomaly on ATS-5 or ATS-6 has been associated with a natural charg-
ing event or an active control experiment, it follows that the task of insuring that a satellite
is not sensitive to the electromagnetic interference (EMI) potentially associated with en-
vironmental charging is feasible. There is no question, however, that unique satellite
design constraints may make the task of EMI sensitivity quite severe.
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Table 1. - Summary of Test Conditions

Configuration Satellite

ATS-5 ATS-6

Sunlite - 2 Sunlite - 2Ion Source

w/Neutralizer Eclipse - None Eclipse - None

Sunlite - 24 Sunlite - 22Neutralizer

Only* Eclipse - 217 Eclipse - 14

*The ATS-5 neutralizer produces electrons only while the ATS-6

neutralizer produces both electrons and ions.

Table 2. - Spacecraft Characteristics Summary

ATS-5 ATS-6
Launch (technology) 1969 1974

Attitude control Spin stabilized 3 axis stabilized

Exterior surface Quartz, paint Kapton, aluminum,
quartz, silicon,

paint

Characteristic dimension 2 m 10 m
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OFFRAT!ONS OF THE ATS-6 ION ENGINE*

R. C. Olsen and E. C. Whipple
University of California, San Diego

ABSTRACT

The ion engine experiments on ATS-6 have been operated in daylight and
eclipse. The effect on particle fluxes to the spacecraft was monitored with
the UCSD Auroral Particles Experiment. These data also provide information
on the potential of the spacecraft with respect to the ambient plasma and on
the local electric fields caused by the charge distribution on the satellite.

Daylight operations of the plasma bridge neutralizer and the cesium
thruster in fall, 1974, served to hold the spacecraft between -3 and -8
volts with respect to the ambient plasma. Neutralizer operation reduced
differential charging effects, while operation of the thruster usually
reduced the effects below the detectors sensitivity. Eclipse operations of
the neutralizer reduced kilovolt negative potentials to a few volts. Opera-
tion of the thruster prevented possible charging of the satellite during
substorms, making it possible to study low energy particle spectra which are
at times obscured by charging during substorms.

INTRODUCTION

Applied Technology Satellite 6 carried two cesium ion thrusters up to
geosynchronous altitude in 1974. Also on board was the UCSD Auroral
Particles Experiment, designed to count electrons and ions in the 0-80 kev
range. The ion engines were operated in 1974, and met most of their
objectives. Unfortunately, neither engine could be restarted after their
initial tests, but in 1976 and 1977 the plasma bridge neutralizers were
successfully operated. These operations have been monitored with the UCSD
instruments to determine the spacecraft potential and to try to understand
the local electric fields.

ATS-5 and ATS-6 have experienced charging of several hundred volts in
daylight, and potentials up to 18 kilovolts in eclipse. DeForest (1972)
has reported on the former satellite. This charging accelerates ions into
the spacecraft and repels electrons, degrading measurements of the environ-
ment. Differential charging is even more serious in its effect on data.
(Grard, DeForest, and Whipple, 1977). Whipple (1976) has studied the
trapping of photoelectrons by ATS-6. He shows that a barrier can be set up
around the spacecraft, returning spacecraft generated electrons (primarily
photoelectrons) to the spacecraft, and shutting out the ambient electrons.

*This work was supported by NASA Lewis Research Center Grant NSG 3150.
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The ion engine operations are being studied as a means of controlling
charging. Based on preliminary results from the 1974 operations, the neutral-
izers were operated with the objective of modifying large potentials.
Goldstein and DeForest (1976) have reported on the engine operations and on
some of the similar tests run on ATS-5. A report cataloguing the data up
through 1976 was compiled by Olsen and Whipple (1977).

Following are more detailed descriptions of ATS-6, its ion engines, and
the UCSD detectors. The electrostatic characteristics of the spacecraft will
be emphasized. Following this is an analysis of the operations of the two
engines in daylight and an operation of the plasma bridge neutralizer in
eclipse with the spacecraft highly charged.

ATS-6

The satellite is a large (- 15 meters) inhomogeneous array of materials
(see figure 1). The UCSD experiment sits on top of the satellite in the
environmental measurements package (EME). The exterior of the EME package is
nominally conducting. It is flanked by solar arrays (insulators) which are
on booms extending 25 feet on either side. Below the EME package is a para-
bolic antenna 9 meters in diameter. Its electrostatic properties are not well
known. Constructed from dacron mesh, it is coated with copper, which is in
turn covered by a lubricant (insulator) to aid deployment. Five meters below
the intenna is the earth viewing module (EVM) which contains the ion engines.
The surface of the EVM is conducting. In short, ATS-6 is a large electro-
statically complicated satellite. Geometrically, the ion engines and the
particle detectors are well separated.

ION ENGINES

The ion engines are cesium bombardment engines utilizing the magneto-
electrostatic containment concept (see figure 2). Two grids are used to
extract and accelerate the plasma. Neutralizing electrons are supplied by a
plasma bridge neutralizer. The neutralizer generates its own cesium plasma
at the plasma probe potential. This plasma provides the necessary electrons
to the ion beam. The neutralizer is the main link between the engine, beam,
and the spacecraft mainframe. The main thruster is essentially floating.
The beam is nominally .1 amp accelerated through 1.1 kv, with the outer grid
at -560 volts. It produces 4.45 mN (I millipound) of thrust (see Worlock,
et al., 1975).

DETECTORS

The UCSD Auroral Particles Experiment consists of two sets of rotating
detectors and one fixed detector. The rotating detectors are paired ion and
electron detectors; the fixed detector measures only ions. All count
particles as a function of energy (0-81 keV in 64 exponential steps, 16 sec.)
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and angle (2200 in 2 1/2 minutes). These instruments can be considered dif-

ferential in angle, area, and energy (Mauk and Mcllwain, 1975).

OPERATIONS

The ion engines were operated in two main experiments. The first lasted
about one hour and was conducted in a low energy environment. The second
operation lasted 92 hours, began during a fairly active period, and included
a variety of environments.

Day 199/74

The first ATS-6 ion engine operation was on July 18, 1974. The data is
presented in spectrogram form in figure 3. The spectrogram provides the
count rate as a function of time (horizontal axis) and energy (vertical axis).

The energy scales are logarithmic, with the ion scale inverted. Electrons are
in the top band, ions in the lower. The intensity is proportional to the

count rate. In these spectrograms, the intensity cycles, that is, it reaches

a maximum lightness, and then cycles to black and starts over again. This

occurs in figure 3 for the 10 eV ions. The pitch angle for this detector is
plotted over the spectrogram, and is seen here cycling between 100 at the

bottom and 1500 at the top. The spectra varies as the detector rotates, show-
ing the pitch angle distribution.

There is a band of low energy electrons from 0-50 electron volts visible
in t ie spectrogram. The bottom few eV of the spectra are photoelectrons, the

rest ambient plasma. There is no apparent differential charging. When the
neutralizer ignites at 3:10, there is a change in the low energy spectra for

electrons and ions. The decrease in intensity of the electrons is mirrored

by an increase in the ion intensity. This and the absence of ions below 4 eV

are interpreted as a shift in potential to about 4 volts negative. By com-

parison of the particle spectra before and after neutralizer ignition, we
infer the spacecraft was 4 or 5 volts positive before the neutralizer ignited.

After the potential shifts, the photoelectrons are repelled by the spacecraft.

The neutralizer arced off at 3:16, and both it and the ion engine turned
on at 3:32. The spectra changes promptly at both transitions. The spacecraft

then goes to -5 to -7 volts potential, and remains there until 4:03, when the
engine and neutralizer flamed out. The engine reignites at 4:08, and stays

on until 4:35, when the experiment ended. At each of these shutoffs the

spectra resumes the form it had before the test. The ambient plasma can be
considered constant over this time period.

These data show that operation of the plasma bridge neutralizer, with
and without the engine, causes the spacecraft to shift from a small positive

potential to a negative potential of a few volts. Simple current balance

arguments show that in the neutralizer-only mode the neutralizer was emitting

a net positive current, i.e., ions.
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Day 292/74

The second ion engine test was conducted under different environmental
conditions, and lasted for a much longer period of time (92 hours). The
engine ignited in the latter stages of a substorm. The spacecraft was charged
to -50 volts, accompanied by a differential charging barrier of about 90
volts. These effects can be seen in figure 4, which shows the ignitions of
the neutralizer and thruster. These transitions are at 7:44 and 8:05
respectively. The shorter time period of the spectrogram emphasizes the
angular variations in the spectra. The effects of the differential charging
before the engine ignites can be seen in the low energy band of electrons in
the top half of figure 4. The sharp transition at low energies is the sig-
nature of this effect. It implies that some surface of the spacecraft is at
least 100 volts negative with respect to the satellite mainframe and our
instrument.

The potential of the mainframe is plotted in figure 5. The spacecraft
potential was inferred from the first (lowest) energy channel of the
detector containing an appreciable number of ions. We have assumed that we
are not seeing any cesium ions from the engine. To add consistency to the
data most of the data points were taken with the detector at ; 900, which
corresponds to looking straight out from the spacecraft. The detector was
not pointed at 900 during the ignition of the neutralizer at 7:4C so two
data points taken at 1700 were included. It can be seen that the neutralizer
quickly brings the spacecraft within a few volts of the ambient plasma.
Uncertainties in the spacecraft potential are largely due to a lack of low
energy particles at 900 thus making most of the points between 7:40 and 8:05
an upper bound on the magnitude of the potential. The potential leveled off
at about -4 or -5 volts when the thruster stabilized.

The differential barrier around the spacecraft shows a more interesting
variation. The value plotted in figure 6 is the energy of the transition
from high to low counts. The error bars are basically plus or minus one
energy channel. When the neutralizer ignites at 7:40 there is a sharp drop
in this energy but it does not reach zero. The thruster comes on at 8:05,
and by 8:10 the differential charging signaLure is gone. This behaviour
could be explained by the need of negatively charged insulators for an extra
ion source to discharge them. The neutralizer is not putting out enough ions
to do the job. The thruster provides a source of charge exchange ions which
could be diffusing around the spacecraft, drawn by the local fields.

This ignition process showed that a plasma bridge neutralizer is capable
of discharging a negative satellite. In contrast to the previous operation,
it is supplying a net negative current, i.e. emitting electrons. The space-
craft again attains an equilibrium potential of a few volts negative. This
is effectively the coupling potential between the spacecraft (the neutralizer
probe) and the ion beam. Differential charging is reduced by the neutralizer
but is not completely eliminated until the thruster has been on for 3-5
minutes.
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Days 292-296/74

The spacecraft was held at about -4 or -5 volts throughout the 92-hour
operation. A number of magnetospheric substorms occurred during this time
period. During similar storms outside this time period, the spacecraft
charged several hundred volts negative and was accompanied by severe dif-

ferential charging. Data from this time period are displayed in figure 7.
The engine operation begins on day 292 at 8:00 and ends on day 296 at 04:00.
The largely constant band of ions at 10 eV show the constancy of the poten-
tial. The potential is fluctuating before and after this operation, negative
before (up to -300 V) and probably positive afterwards. The white blotches

at the middle of the spectrogram, centered around hour 18 of each day, are
due to an instrumental effect, and are effectively data dropouts in that
energy region. The electron data is undisturbed by differential charging.

We see here an example of the improvement in the data when the space-
craft potential is controlled.

Day 98/77

If the spacecraft goes into eclipse, the absence of photoelectrons
changes the balance of currents to the spacecraft. It is common for the
spacecraft to be at equilibrium at a few volts negative in eclipse. When the
plasma bridge neutralizer was operated under these conditions, there was
little or no change in the spacecraft potential. However, if the environ-
ment is energetic, as in the aftermath of a geomagnetic substorm, spacecraft
at geosynchronous orbit sometimes reach several kilovolts. On April 8, 1977
(day 98), ATS-6 reached -8 kV. The neutralizer was operated during the
eclipse to modify the spacecraft potential. The data for this event are pre-

sented in figure 8. The solar array current is a function of the spacecraft
illumination. The neutralizer probe voltage shows that the neutralizer is
on, but the telemetry saturates at 15.7 volts. Ignition of the neutralizer

(into "plume" mode), is recognized more sensitively by the spacecraft poten-
tial, the bottom graph. The break in the probe voltage curve at 9:22 is the
neutralizer entering "spot" mode. Prior to eclipse, the spacecraft was at
-50 V. Upon entering eclipse (9:05) it charges even higher and then dis-
charges quickly when the neutralizer begins supplying electrons (9:12). When
the neutralizer is turned off (9:30), the spacecraft promptly charges back up.

Upon exiting eclipse (9:35) the spacecraft discharged again. This and other

operations under similar conditions showed that the plasma bridge neutralizer
is capable of discharging kilovolt potentials.

SIMMARY

ATS-6 ion engine operations from 1974 and a neutralizer operation from

1971 have been analyzed. These operations showed that the plasma bridge
neutralizer operating alone could diLwh;)rge a negatively charged spacecraft,
or -sift a positive spacecraft to slightly n.gative. The neutralizer reduced

but did not eliminate different i;aI chargintg. Opcration of the main thruster

63



clamped the spacecraft at ; -5 volts, the potential difference between the
spacecraft and the ion beam, and eliminated differential charging at the
startup of the thruster.

To further understand these results, more work needs to be done in
characterizing ion engines as particle sources, particularly in the low
energy region, and as a function of time at ignition.
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Figure 3. Day 199174; Spectrogram for ion engine operation.
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CHARACTERISTICS OF DIFFERENTIAL CHARGING OF ATS-6*

Bruce Johnson and Elden Whipple
University of California, San Diego

Since the launch of the ATS-6 satellite into a geostationary orbit in
June of 1974, the UCSD Auroral Particles Experiment has collected an enormous
wealth of data. It was not surprising to find these data indicating the ATS-6
satellite was charging to negative potentials of hundreds of volts since ATS-5
charged to such values (DeForest, ref. 1). Since then it has been well estab-
lished that spacecrafts of varying configurations can frequently charge to
hundreds and sometimes thousands of negative volts (DeForest, ref. 2; Reasoner
et al., ref. 5). Less well understood is the phenomena of differential
charging. Differential charging is simply the charging of different parts of
a spacecraft to different values. Clearly this could happen since a typical
spacecraft has solar arrays, conducting surfaces, thermal blankets, etc., all
of which have different charging properties; but the identification of dif-
ferential charging as such is not as simple as the idea. Fortunately ATS-6
has some peculiarities in its data that lend well to a differential charging
explanation, and that is the topic of this paper.

DESCRIPTION OF THE EXPERIMENT AND DATA

The UCSD Auroral Particles Experiment consists of five particle
detectors. There are two rotating heads each containing a positive ion and
electron detector. One head rotates in the north-south plane, while the other
rotates in the east-west plane. The fifth particle detector is a fixed ion
detector pointed eastward in the direction of the spacecraft motion. The
rotating heads have a 2200 range. Each detector can collect particles at 64
energy steps, ranging from 0 eV to 81 KeV, with the capability of dwelling at
one particular energy step or scanning through all 64 steps in 16 seconds.
The resolution of the particle analyzers is such that AE/E is approximately
20%. The angular resolution is approximately 2.50 by 6.40 for a flat spec-
trum. (A more detailed description of this instrument package is given in
Mauk and Mcllwain, ref. 4.)

Thirteen days of data were analyzed containing peculiarities in the
electron data attributed to differential charging. On one of these days the
satellite was eclipsed by the earth at local midnight. A useful visual aid
for examining the data are spectrograms (fig. 1). A spectrogram plots
universal time on the horizontal axis and energy in eV on the vertical axis.
Particle count rates are represented by the intensity of the gray scale. The A
top half of the spectrogram is for electrons; the bottom half is for ions.
The ion energy scale is inverted.

*This research was supported by NASA Lewis Research Center Grant NSG-3150.
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DATA

Referring to figure 1, the particle detectors (i.e. spacecraft) are
definitely charged negatively since ion count rates are zero up to a certain
energy which defines the potential. Starting at about hour 10 the negative

potential increases in magnitude to over 600 volts at about 10:30. Mirror-
ing this ion behavior is the peculiar electron shadow up to a couple hundred
eV. Along the boundary of this shadow just after the tenth hour is a 10
minute period of intense count rates. This shadow and intense band are
apparently photoelectrons and secondary electrons emitted from the spacecraft
and returned to the particle detectors. The electron shadow always appears
with the charging event. Its peak energy increases as the charge on the
detectors increases. Even when there is no charging there is always a low
energy, less than 20 eV, band of electrons. It has been shown that these
electrons are photoelectrons and secondary electrons emitted by the space-
craft (ref. 6, Whipple, E. C.). The particle spectra are Maxwellians having
temperatures of < 10 eV and densities < 100 per CC. The particles coul4 not
be from the ambient plasma since the ambient density is changed by e-V /kT when
measured by a negatively charged detector. V is the potential difference
between the ambient plasma and the detector. kT is the temperature of the
electrons. Even for modest charging of a few times kT, the ambient density
would be well over 100/CC which is contrary to observations. Ambient
densities are less than IO/CC. Thus the electrons are photo and secondary
electrons from the spacecraft, and since they mirror a charging event, the
shadow must tell something about the charging characteristics. Further
evidence that these particles are photoelectrons comes from eclipse data.
Figure 2 shows day 66 of 1976, during which the satellite went into eclipse
at about 21:20. Eclipse removes the solar photon flux and thus any photo-
electron currents. Removal of this electron current carrying charge away
from the spacecraft requires more negative potentials to balance the ambient
current to the spacecraft. Thus an increase in charging occurs, to about
-10,000 volts. Notice the loss of the shadow when this happens, indicating
the electrons are indeed photoelectrons.

But the existence of these peculiar photoelectrons does not necessarily
imply differential charging. However, if the spacecraft were uniformly charged
to a negative value, a potential barrier would have to exist to return the
photo and secondary electrons. Whipple (ref. 6) found that the magnitude of
the barrier needed to return tens of eV electrons was too large to be explained
by a uniformly charged spacecraft. That the barrier must exist is evidenced by
the outline of the photoelectron shadow. Electrons with energies less than the
energy outline are barrier-returned photoelectrons, whereas at larger energies
are the ambient electrons with enough energy to penetrate the barrier. The only
other way to sensibly produce a barrier is differential charging. Information
about this barrier can be obtained by analyzing the intense count rates along
the boundary of the photoeler rons as seen in figures 1 and 2. These intense
count rates are termed spots.

In analyzing the spots, the particle count rates measured need to be
clarified. The UCSD particle detectors actually measure the count rate over
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an energy range E to E + AE. This differential count rate for a Maxwellian
shifted by a positive potential goes as E2 e-(E-V)/kT, where E is the detector
energy. V is the potential difference and here taken to be >0. The peak in
the differential count rate occurs at 2 kT, assuming the distribution function
has not been shifted to energies greater than 2 kT. This is shown in figure
3. So for photoelectrons or secondary electrons originating on a more neg-
atively charged source, the count rate will be enhanced by e(V/kT) for E > V,
and the count rate will be zero for E < V.

As mentioned even with no significant charging, there are low energy
(< 20 eV) photoelectrons typically having a kT of less than 10 eV, and so
peaking at E < 20 eV. Nevertheless even during large charging events a peak
in the counting rate at E < 20 eV can still be observed. Thus these electrons
must originate on a source with a differential charge of not more than 20 eV.
It normally appears that V is approximately 0, so these photoelectrons
probably originate from the package on which the detectors are mounted.
Conducting materials cover these parts and are connected, so they have the
same potential. However, during charging events where the shadow boundary
exceeds 80 eV, the electrons at the high energy values also have temperatures

less than 10 eV usually, but their count rates are too large to come from a

source with V approximately zero. A Maxwellian of kT = 10 eV, N = 100/CC
produces only about 400 counts per sec at E = 100 eV. Count rates at 100 eV
are often over 1000 counts/sec during charging events. This implies some
differential charging. An even stronger indication of differential charging
and a potential barrier are the spots.

The spots are generally large count rates, ranging from 300 to 20,000
counts per second, observed at energies from 80 to 150 eV. Seldom does the
spot count rate spectrum ever show a peak, but usually shows decreasing count
rates with increasing energy for a couple of detector energy steps. This
implies that the 2 kT peak of the spot is less than the energy of the first
detected spot electrons. This energy of the first detected spot electron is
termed the spot energy. Normally kT was around 30 eV for the spots analyzed,
with the spots occurring around 100 eV. Figure 4 shows the local time of
occurrence of all the spots studied. The local time axis is in half hours,
so 12 corresponds to hour 6 which is dawn. Hour 0 is local midnight. This
is the same local time distribution reported by Reasoner et al. (ref. 5).
Charging, and thus differential charging, occurs around local midnight due to
the larger electron fluxes caused by particle injections. Large electron
fluxes to the spacecraft imply a large negative current, requiring a negative
potential for current balance. Thus the spots are a charging phenomena also,
probably related to high electron fluxes. Figure 5 shows the percent number
of spots detected at different NS detector positions. 0 implies north, and
90 corresponds to looking away from the earth. The spots appear to come at
all different angles, not readily identifying a single source. Likewise the
spots occurred over a large pitch angle range for both the NS and EW detec-
tors, so the spots are not always magnetically returned particles. That is,
they are not always particles emitted from their source and spiralled around
the magnetic field into the detectors. Potential differences are needed to
return the electrons, and the spot energies give some insight as to the mag-
nitude of these differences.
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Figure 6 shows the spot energy versus the negative potential of the
detector; all energies are in eV. First, notice that detector potentials can
be over 800 eV, but the spot energies do not exceed about 280 eV. Over 80%
of the spots occurred at energies less than 150 eV. It is not unreasonable
to assume that the potential difference between the spot source and the
particle detectors, V, is equal to the spot energy. This is reasonable since
the spots occur very abruptly with large count rates, a behavior typical of
the spot energy equalling V as in figure 3. This assumption gives the maxi-
mum value V could have, and the actual V is probably not much less than this
to produce such enhanced count rates. If this assumption is nearly correct,
then the spot energy versus detector potential is bounded by a line of
V = .35 (potential), or the spot source charge is 1.35 times the potential.
The charging of this source continues up to a maximum of V = 280 eV so it
appears that the source of the spots will charge up faster than the detector,
and then level off and stay a fixed 280 eV more negative than the detector at
higher potentials. Figures 7 and 8 show the spot energy versus the potential
for some typical days. They have the same charge up characteristics. Since
these spots are always found at the top boundary of the shadow, their source's
potential could be the main contributor to developing a potential barrier that
returns spacecraft emitted particles.

A detailed study of day 33 (fig. 7) showed that as the detector potential
increased the spot energy increased. The count rates increa'sed not only from
V increasing, but the temperature of the spot electrons increased from 30 eV
to 50 eV. If V was taken as the energy of the spot as before, the densities
of the electrons were from I to 4 per CC. Also the source potential of the
spot increased about two times as fast as the detector potential. Since the
electron flux was changing during this time, the changing temperatures and
densities along with changing V seem to indicate that spot electrons were

secondary emitted electrons. Temperatures of over 30 eV are not charac-

teristic of photoelectrons, and neither is the changing temperatures since

the solar photon flux doesn't change. However, as shown in figure 8 the
secondary yield of a material is energy dependent. Thus, changing tempera-
tures and larger temperatures (> 10 eV) can be characteristic of secondary
electrons (ref. 3, Knott). A strong candidate for the source is the
Minnesota experiment which sits protected from the sun on the package con-
taining the particle detectors. Not being able to emit photoelectrons, it
could charge faster than the detectors as electron fluxes increased.
Covered with a thermal protecting paint it may be ideal for charging and
emitting different spectra of photoelectrons in response to changing fluxes.
On day 236, 1974, the count rates of the spots were observed to change as
the Minnesota experiment rotated into new positions. Only on this day was
such an obvious correlation found, but it does indicate that it probably is
involved. Being less than a meter from the detectors, this experiment could
dominate the local potentials since it is the only insulator so close.
Charging to larger negative potentials than the detectors or package, it
could produce a barrier. Other possibilities are the solar panels, but they
are over 7 meters away, and their effect would be expected to be less.

Further work needs to be done on determining the secondary electron
spectrum of the spots. Equations in reference 6 for the yield as a function
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of energy could be used to calculate temperatures and densities of different
materials. Potentials as a function of ambient flux could be calculated to
see if the potential of the source would behave as observed. If the calcu-
lated values agree with those measured here, the source of the spots will be
better understood and simple electric fields could then be modelled around
the spacecraft.

CONCLUSION

In conclusion, differential charging seems to be responsible for return-
ing photoelectrons to the spacecraft up to a couple hundred eV, depending on
the spacecraft charge. Potential differences of 200 eV can exist between
parts of the spacecraft, enhancing the count rates of emitted particles. It
is believed that the Minnesota experiment on ATS-6 is largely responsible for
producing a potential barrier that returns particles and produces intense
spots in the count rates.
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INTRODUCTION

The ejection of charged particles from a space vehicle creates a
difference in potential between the vehicle and the ambient plasma. For steady
state this potential difference causes a return current flow to the vehicle
equal to the ejected current. Although there have been a number of flights
during which energetic electrons have been ejected from rocket payloads, a
relationship to predict the vehicle to ambient plasma potential difference
created by an ejected electron current is still unknown. In fact, questions
still remain as to which environmental parameters are critical in determining
this potential difference. There is even far less experimental data available
from payload flights in which positive, rather than negative charge has been
ejected. A primary purpose for the flight of the Spacecraft Charging Sounding
Rocket Payload was to create charging on the payload by the emission of both
positive ions and electrons, and to determine the relationship between environ-
mental parameters and changes in vehicle potential during periods of emission.

The design and choice of instrumentation for this Spacecraft Charging
Sounding Rocket Payload were also influenced by the desire to test prototypes
of some of the SCATHA satellite payloads: the positive and negative charge
ejection system - the Transient Pulse Monitor (TPM) and the Rocket Surface
Potential Monitor (RSPM). Data were desired on not only the operation of these
instruments, but on their mutual interactions during operation. The flight of
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the Spacecraft Charging Sounding Rocket payload also permitted a comparison of
measurements made with SCAThA payloads to measurements made with other more
standard techniques not available for SCATHA use.

INSTRUMENTATION

The launch vehicle for this payload was an Astrobee F rocket. The pay-
load was divided into two electrically isolated sections by a non-conducting
disk. The payload forward section, a cylinder 254 cm in length and 38 cm in
diameter, contained all the vehicle diagnostic instrumentation. The rear
section, a cylinder 41 cm in length and 38 cm in diameter, contained the pay-
load recovery parachute, and was electrically connected to the front payload
section only through a bipolar voltmeter. The instrumentation, classified
Lnto four broad categories, is listed and briefly described in Table 1.

A major operational problem that had to be overcome for this flight was
the starting of the satellite positive ion beam system (SPIBS). The usual
3tarting procedure for the system during testing in laboratory vacuum chambers
#as to pump down the source for at least 24 hours before trying to ignite the
lischarge. The actual initial ignition following this pump down has taken
-From five minutes to a half hour, depending on the previous exposure of ion
;ystem's hollow cathode and expellant assembly line to air. With the system
:ontinuously under vacuum conditions once the ignition has been initially
itarted, reignition can be achieved in periods from ten seconds to one minute.
bhis initial starting period requirement, acceptable for satellite flights,
,as completely unacceptable for a limited duration sounding rocket flight. The
gnition problem was solved by pumping down the ion beam system on the ground
efore launch, and starting a discharge in the ion beam system 1/2 hour before
aunch. Close to launch the system was sealed off with the gas still flowing
nto the ion source and with the discharge still on. At the proper altitude,
he cap was opened and the ion beam system allowed to emit high energy positive
ons.

Ambient Electron Density

Launch date and time were set so that there could be a low number density,
nd a wide dynamic range of number densities of electrons over the expected
ltitude range for particle ejection, 120 to 250 km. These two compatible
riteria were best expected to be fulfilled several hours after sunset during
ariods of quiet geomagnetic activity. Geomagnetic values and 3 hour predic-
Lons were obtained during the course of the launch day from the Air Force
Lobal Weather Central (AFGWC). Environmental conditions at the time of the
.ight are summarized in Table 2.

An ionosonde located at the White Sands Missile Range was used to take
rtical incident ionograms at 1 minute intervals during the flight period.
e ionograms show that a sporadic E layer (Es) with a peak ne of approximately
104 electrons/cm3 existed at an altitude near 104 km throughout the flight.
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This Es layer prevented a direct measurement of the ionosphere in the 104 to
220 km region. The ne above 220 km was determined by an ionogram inversion
technique developed by A. K. Paul and J. W. Wright (1963). The region between
102 and 220 km was modeled to correspond to the relative shape of a mid-lati-
tude, magnetically quiet (Kp = 0) electron density profile determined from
ionogram analysis by Wakai (1967). The model values were iterated until they
agreed with the average valley ne of 3.84 x 103 electrons/cm3 determined from
the ionogram analysis. This technique of determining ne in the valley region
does not give any small scale structure, but is generally accurate to approxi-

mately ±20%. The ne so determined is shown in Figure 3.

FLIGHT DESCRIPTION

The payload was launched from the White Sands Missile Range, New Mexico
(lat 320 30'N, Long 106 0 30'W) on 21 January 1978 at 0900 UT (0200 LST). The
flight trajectory is shown in Figure 1. The major flight events noted in
Figure I are also listed in Table 3 in the sequence in which they occurred.
Despin of the rocket produced a spin rate of approximately 1 rotation per 23

seconds for the data gathering interval (approximately 124 km on ascent to
111 km on descent). Separation of the payload from the rocket motor produced
a tumbling of the payload through axial magnetic pitch angles ranging from
approximately 50 to 1800.

With exceptions noted, all the instruments operated well; excellent data
were obtained during the entire course of the flight with no telemetry losses.
As planned, power to the payload charge ejection systems and sensing instru-
mentation was turned off at 111 km during descent. The payload parachute
opened and operated successfully. During descent, into the lower atmosphere,
the probe arm which was fully extended came off, and the gold plated surface
material on the RSPM came off. On impact, the front disks of the ion beam
source were broken. All the other equipment, specifically the camera and film,
and the electronics of all the instrumentation were recovered in excellent re-
usable condition.

RESULTS

At launch plus 81 seconds when the RPA and TEP high voltage was turned on,
high voltage arcing within the payload destroyed the electronic circuitry which
controlled the RPA grid voltages. This caused the RPAs to function only as
electrometers with the exception that RPA #1 had a +2 volt potential on the grid
flush mounted with the payload skin. The arcing in the RPA, together with
arcing produced later in the SPIBS, caused erratic behavior in the mode program-
mer throughout the flight, which in turn produced valuable unplanned, as well
as the planned, SPIBS ejection modes. The arcing in SPIBS was first identified
by characteristics on the output channels during laboratory tests. The times
of arcing were corroborated during the flight by the Transient Pulse Monitor.
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For a short time period after the SPIBS cap opening, a cathode to anode
discharge was maintained in the ion source chamber. This permitted the ejec-
tion of 1.7 keV positive xenon ions at currents with values up to 370 pA.
During the major portion of the flight, during ascent as well as descent, the
cathode to anode discharge as the source of ions was replaced by the cathode
to keeper discharge which resulted in ejected currents of 8 PA at .84 keV and
12 PA at 1.7 keV. A third unplanned SPIBS mode of 1 PA at 200 eV was also

obtained. Electrons were emitted by the same ion beam system during the neu-
tralizer filament bias mode. The ion beam system was operated from 125 km on
ascent to 111 km on descent, a period of 350 seconds, and except for a short
interval after the cap opening sequence, particles were emitted in a program-
med cycle; the overall repetition rate was nominally six seconds, but some 4
longer and shorter cycles were created due to SPIBS arcing. The electron beam
system showed signs of cathode poisoning but did emit low currents of high
energy electrons.

As shown in Figure 2, the sensors showed that the payload charged nega-
tively and then positively with respect to the ambient plasma during the
charge ejection of positive and negative particles respectively. As shown in
Figure 3, the Thermal Emissive Probes, Bipolar-Intersegment Voltmeter, and
Surface Potential Monitor responded to changes in vehicle potential in quite
similar ways and had high negative correlations with ambient plasma density.
All three sensor types gave repeatable results for ascent and descent. Figure
4 shows more clearly that although the sign and magnitude of potentials mea-
sured wete the same, the actual values differed between the probes. These
differences can be explained by the input impedance and time constants of the
devices used to measure the voltages, the particle fluxes at the location of
the probes, the magnitude of the voltages being measured, and the probe geo-
metry. An analysis of these factors, using probe characteristics and load line
diagrams, indicates in conformity with the majority of experimental results that
at high voltages the Surface Potential Monitor should give the highest potential
differences followed by the Bipolar Intersegment Voltmeter, and the Thermal
Emissive Probes. The analysis shows that the probes should agree at lower

voltages, and, in fact, at measured potentials less than 50 volts all three
probe systems gave the same results.

The following is a summary of some of the results from the measurements of
the probes during charged particle emission of the flight.

1. Unneutralized beams of positive and negatively charged particles can
be emitted from a sounding rocket payload.

2. The payload can be charged either positively or negatively using
charge ejection techniques.

3. There was excellent correlation bet ween vehicle charging and ambient 7,
plasma density.

4. During periods of positive ion emission greater than 7 microamperes,
vehicle charging levels were independent of vehicle pitch angle and ambient
neutral particle density.
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5. There was compatible and sometimes cooperative operation of the

prototypes of instruments intended as SCATHA payloads.
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TABLE 1. - PAYLOAD INSTRUMENTATION

PURPOSE

Instrument

Method of Operation

I Charge Ejection

A. Electron Beam System

Electrons emitted from an indirectly heated oxide coated cathode main-
tained at negative potentials with respect to vehicle ground.

B. Satellite Positive Ion Beam System

Positively charged xenon ions extracted from a Penning discharge main-
tained at positive potentials with respect to vehicle ground. Electrons emit-
ted from a heated filament kept at negative potentials with respect to vehicle
ground.

II Measurement of the Payload Ground to Ambient Plasma Potential
Difference

A. Thermal Emissive Probe

Coupled hot filament - passive probe mounted on an extendable boom.
Outer shields of mounts driven to track probe voltages. A high impedance volt-
meter measurement of probe to vehicle potential difference.

B. Bipolar Intersegment Voltmeter

A high impedance direct current equilibrium voltage measurement and a
low impedance high frequency transient voltage measurement made between the
isolated payload section and payload ground.

C. Surface Potential Monitor

Electrostatic measurement of the back surface potential of isolated
kapton and gold surfaces. Also measurements of the current flow from the
samples to vehicle ground.

D. Retarding Potential Analyzer

Measurement of the current to a collector placed behind a grid as a
function of the retarding voltage applied to the grid.

III Vehicle Discharge Effects

A. Transient Pulse Monitor
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TABLE 1. (Continued)

Radiation measurement of rate and amplitude of high frequency

electric signals from discharges.

B. Camera-Arc Gap System

Photography of the dielectric surface gap between pairs of pointed
conductors extended from the electrically isolated payload and the main pay-
load sections.

C. Camera-Sheath Measurement System

Photography of a wedge of space adjacent to the payload skin.

IV Auxiliary Payload Measurements and Controls

A. Pitch Angle Measurement

B. Telemetry

C. Programmer
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TABLE 2. - ENVIRONMENTAL FLIGHT CONDITIONS

Parameter Condition

Magnetic Activity Index Kp 0 (Quiet)

10.7 cm Solar Flux 92

Wind Light

Sky Visibility Overcast

Solar Azimuth 71.30

Solar Depression 64.90

4unar Azimuth 272.30

Lunar Elevation 34.00

Lunar Fraction Illuminated 92.2%
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TABLE 3. - FLIGHT EVENTS SEQUENCE

TINE AFTER LAUNCH ALTITUDE EVENT
(Sec) (km)

53 53 Motor Burnout

64 74 Despin

66 78 Motor Separation

69 83 Tip Blown

69 83 Boom Doors l&2 Blown

69 83 Aerospace SSPM Door Blown

69 83 RPA #2 Door Blown

71 87 RPA #1 Door Blown

71 87 Camera Door Blown

81 105 TEP and RPA H.V. On

87 114 Electron Gun Cap Blown

94 125 Ion Gun Cap Blown

94 125 Camera On

95 127 500V TEP Boom Extended*

103 139 Ion Beam System On

157 205 Electron Beam System On

264 257.7 Apogee

443 Ilii Power Off

* 300V 'rEP Boom never fully extended. It may have remained totally inside

the payload, or extended out to where the outer probe sphere was approxi-
mately 13 cm from the payload skin and the inner probe sphere was approxi-
mately 2.5 cm from the payload skin, or moved about somewhere between the

limiting values.
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DESCRIPTION AND CHARGING RESULTS FROM THE RSPM*

P. F. Mizera, E. R. Schnauss, and R. Vandre
The Aerospace Corporation

E. G. Mullen
Air Forece Geophysics Laboratory

SUMMARY

Representative satellite materials, to be flown on STP-78-2 in 1979 on the SSPM
instruments, were included as part of the AFGL Rocket payload flown from White Sands
Missile Range on January 21, 1978. Potentials as high as - +1100 volts on the conductor
and - +400 volts on the insulator were recorded by the RSPM near the minimum in the
electron density vs altitude profile. In addition to the charging potentials measured during
ion gun operation, sample charging currents also were recorded with time resolutions near
30 milliseconds. These results demonstrate the validity of the experiment concept of the
SSPM on SCATHA.

INTRODUCTION

Spacecraft charging during natural and artificial events including solar eclipse will
be studied in detail on the STP 78-2 (SCATHA) satellite. The charging of various thermal
control materials [Al/kapton, OSR, Astroquartz, Ag/Teflon] will be measured by three
Satellite-Surface-Potential-Monitors (SSPM), each capable of making measurements on up
to four different samples. Specifically, each SSPM contains separate electronics to provide
the back surface potential and associated bulk or induced currents of individual samples.
The Rocket-Surface-Potential-Monitor (RSPM) is essentially one-half of an SSPM contain-
ing two samples, a gold plated magnesium conductor and an aluminized kapton insulator.

One of our primary purposes for including a modified version of the SSPM
instrument on the AFGL rocket was to verify the concept of measuring back surface
potentials to provide front surface values during artificial charging events. It was not
feasible to directly measure the front surface potential of a sample material in space. The
major design effort for the SSPM/RSPM was the development of a technique for measuring
the rear surface potential of the samples so that the front surface potential could be
derived.

Work performed under USAF Contract F04701-78-C-0079
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Physical Description

The RSPNi is packaged in a rectangular, gold-plated, magnesium box, 33 cm by
16.5 cm by 5.1 cm and weighs 1.6 Kg (Fig. 1). The box, machined from a single piece of
magnesium, contains four cells for housing circuitry, instrumentation and samples. Two
adjacent cells on one side (each approximately 16 by 16 by 2.5 cm) contain potential and
current measurement instrumentation and provide mounting for the samples. The signal
conditioning circuitry, power supplies and interface hardware are behind the sample
assemblies.

Sample Materials

The two samples used on the RSPM were a sheet of 5 mil kapton, aluminized on one
surface, and a gold plated magnesium plate electrically isolated by a polycarbonate frame.

The aluminized back surface of the kapton sample was attached to a copper clad
fiberglass sample board (Fig. 2) using conductive epoxy as an adhesive. The sample board
contained a centrally located hole (.635 cm dia.) concentric with a circular area of the
same size etched free of aluminum on the kapton sample. The Monroe electrostatic field
sensor was mounted with its sensitive aperture centered under the hole in the sample
board. This sensor was spaced about .25 mm from the back surface of the kapton sample.
Surface charging on the kapton sample induced a corresponding potential on the back
surface (cleared of aluminum) which was detected by the electrostatic sensor.

Bulk and induced currents, on the back side of the kapton sample, were collected by
the rear surface electrode system (Fig. 3). They were conducted to ground through a
sensitive electrometer.

The gold/magnesium sample plate was mounted in a Lexan 500 frame 2 mm above
the Monroe sensor holder assembly. The plate, being an isolated conductor, allowed simple
calibration by direct voltage stimulation of the front surface. The currents appearing in
the sample board electrometer circuit were limited to capacitively induced currents since
the sample was electrically isolated.

Signal Conditioning

The RSPM outputs were analog 0 to 5 volt DC signals. Since the SSPM outputs are
digital, modification of the telemetery interface was required. A fresh approach was
needed for the problem of a logarithmic current amplifier covering in excess of four
decades of positive and negative current with the resulting output spanning zero to +5 volts
DC (Fig. 4). The small temperature changes forecast allowed a simple diode feedback to
be used for the logarithmic function. The second stage op-amp is driven to the rails by
small current signals. Larger currents cause the drop across the feedback diodes to
increase into the conduction region thereby reducing the voltage to the final amplifier.
This results in an output at zero or +5 volt, depending on polarity, for zero input current.
Larger currents cause the output to go toward +2.5 V. The positve and negative current
curves cross each other at the 2.5 V line when the input is 5 x 10- A. (Fig. 5). This circuit
provides a very sensitive indication of small currents, and allows sufficient dynamic range.
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Temperature Measurements

Temperature measurements of each sample board were provided by a standard
thermistor whose resistance was converted to a 0 to 5 volt output. Temperature ranged

00. 0-from -16°C down to 6 C for kapton and remained relatively constant at -18 C for the gold
plate sample assembly.

Sample Calibration

The potential calibration was made using direct contact of an electrode on the front
surface of the sample. The calibrating voltage was incremented in 100 volt steps between
-3000 volts and +3000 volts (Fig. 6). A nonlinear calibration curve was used to provide
more sensitivity to small potentials while still preserving the anticipated dynamic range
requirement.

Current calibration was made by directly injecting a known current from a constant
current source into the iput of the slectrometer circuit. The range for both positive and
negative currents was 10-  A to 1-l A.

Temperature calibration was performed by taking numerous measurements after
non-operating soaking periods at each temperature. The calibrated linear range was -10°C
to +25 C.

RESU LTS

i
The primary purpose for including the RSPM on the Air Force Geophysics Labora-

tory (AFGL) rocket was to test the feasibility of monitoring a conductor and an insulator
with Monroe electrostatic sensors during gun operations. The flight also provided a
qualification for the non-standard Monroe flight assembly on STP 78-2. In the previous
paper given by Cohen et al., it was clearly shown that the upper stage of the fockst
achieved negative potentials as high as 1000-1100 volts near electron densities of 10 /cm .
These calculated densities were for altitudes near 150 km and corresponded to flight times
near 111 sec and 418 sec.

For display purposes, we need to compare tie RSPM measurements with a potential
and a current monitor that describes the incident flux on the samples. The outer Thermal
Emisqive Probe (TEP) was used as a potential monitor and the Retarding Potential Analyzer
(RPA) 2 was used as a current monitor.

Figure 7 shows these two measurements for the downleg low altitude portion of the
flight. The top curve is the calculated electron density described in the previous
presentation. RPA 2 is in units of nanoamperes and the TEP is in volts. The bottom two
curves are the back-surface potentials of the gold plated magnesium sample and the
aluminized kapton sample. During the time following -395 seconds, the xenon ion source
went through its pre-programed cycle that was discussed in the previous paper. In
summary: ions are emitted at -9 Aamps with energy near 840 eV for 1 second, 12 pamps at
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1.7 keV for 1.5 seconds, 80 eV electrons at approximate 10 milliamps for .5 seconds, ions at
840 eV at 9 pamps for .5 seconds followed by :200 volt ions at 1 uamp for 2.5 seconds to
complete the cycle.

Both the conductor and insulator sample track the potential monitor throughout this
time period. Average potentials are indicated. The time constants for the RSPM voltage
sensors are much faster than the 0.5 see averages shown in Fig. 7. The slow increase in
voltage for the highest ion step (1.7 keV) is duplicated by the steady increase in RPA
current. The most significant aspect of the potential profiles is when the ion gun cycles to
low voltage for -2.5 sec. The potential monitors (including the TEP) indicate a drop in
potential of the rocket chassis. The sample potentials, measured by the RSPM remain at
the initial value. If the potentials measured from the RSPM samples were due only to
changes in the reference level in the circuitry, then the potential would drop when the
chassis swings toward zero. The observations that the potentials remain up until a negative
current is emitted from the gun (that drives the chassis positive to -80 volts) is definitive
proof that both the gold magnesium and kapton RSPM samples were charged during this
flight. [A detailed description of the charging profiles has not been done at this time.]

Figure 8 shows the same measurements as the previous figure but for the upleg
portion of the flight where the calculated density is a minimum. During the initial stages
of the flight, the response to the ion gun was different. For example at T = 103 sec into
the flight, the TEP measured values near 1000 volts with a collecting current in the RPA
greater than 10 namps. As the gold magnesium conductor recorded values near 1100 volts,
the kapton averaged -300 volts. A thorough analysis of ion produced secondary electron
production would have to be performed to compare with these numbers. Another
interesting aspect of this data shows the first 0.5 sec average to be the highest value
attained by the kapton back surface. While the gold sample continued to increase for the
next second, the kapton potential decreased. This example will be addressed in more detail
in Figure 9.

Another region of interest occurred near 108 sec. Negative current was recorded in
the RPA between 10-30 namps for -8 sec. The TEP monitor measured a negative potential
change on the rocket chassis from -60 to -250 volts. The kapton potential changed from -3
to -15 volts. The gold plated magnesium sample, however, remained at -25 volts. A
preliminary interpretation is that secondary electrons, produced by electron fluxes imping-
ing on the sample, prevents significant charging. Laboratory measurements using electron
beams show that significant charging on gold doesn't occur until electron energies greater
than -4 keV are reached.

One of the longest charging profiles in the entire flight occurs near 123 sec. The
gold magnesium reached equilibrium in one second as does the TEP monitor. However,
kapton continues to increase for several seconds.

Figure 9 shows the high resolution data from the RSPM. Each point is a 30
millisecond sample of the kapton potential and current on the left side and the gold plated
magnesium voltage and induced current on the right side. This figure gives an indication of
the time resolution of the RSPM to charging in space. For example the decay of the
charging current on the gold sample falls by l/e in less than 20 milliseconds. The rise time
(l/e) of the kapton sample is approximately the sampling time. This example was shown in
the previous figure and showed a drop in the kapton voltage after the.initial 0.5 sec. or so.
From the bulk current monitor on kapton, there is no obvious reason why the back surface
voltage should decrease.
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The final figure shows the RSPM instrument parameters. Based on our preliminary
analysis, the major objectives were met with complete success. We would like to suggest
that operational programs concerned with material charging in orbit should consider flying
such a monitor for a direct in situ measurement. If the SSPM instruments on SCATHA
perform as well as the RSPM instrument did then we can expect a wealth of useful
material charging data in the coming year.
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Figure 1 A sketch of the Rocket Surface Potential Monitor with
aluminized kapton and gbld plat-ed magne~ um samples

IF "

Figure Z Typical SSPM sample board on which the RSPM kapton
sample was mounted. Active current cole~ting area is
approximately 5 inches square or - 160 cm
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Figure 3 Schematic representation of the dielectric sample holder
and associated sensors. The electric field sensor is positioned
under the back surface of kapton with a 0. 25 inch diameter
aluminum etched region.
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2.5-5V = -CURRENT
0-2.5 = + CURRENT

Figure 4 Schematic diagram of the logarithmic current amplifier
designed for the RSPM that takes the digital electrometer
outputs and converts them to analog T/M.
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Figure 9 High resolution -30 m sec/sample) data from potential
and current outputs of the RSPM. The charging times of
the kapton and the isolated gold plated conductor can be
easily resolved.

POWER: 2.1 Watts

NLASURESt TWO VOLTAGES
TWO CURRENTS
TWO TEMPERATURES

Figure 10 Characteristics of the RSPM.
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THE CAPABILITIES OF THE NASA CHARGING ANALYZER PROGRAM*

I. Katz, J. J. Cassidy, M. J. Mandell,
G. W. Schnuelle, P. G. Steen

Systems, Science and Software

J. C. Roche
NASA Lewis Research Center

ABSTRACT

Desirable features in a spacecraft modeling code are enu-
merated. The NASCAP (NASA Charging Analyzer Program) is discussed
in terms of its approach to the problem. Samples of problem set-
up and output are provided which demonstrate the ease with which
the program can be used. A simple but interesting case of space-
craft charging is examined and other applications are discussed.

INTRODUCTION

The basic concerns of a computer spaceccaft model can be
broken down into five areas.

1. Features of the spacecraft itself
2. Features of the environment
3. The spacecraft-environment interaction
4. Man-hours to set up and computer time to run a calcula-

tion
5. A way to verify the model

In modeling the spacecraft itself, the point is to get in as
much detail as can reasonably be included. This will vary de-
pending on the type of model being used. The features desired
(Whipple (ref. 1)) are first, some geometrical detail, such as
the basic shape of the spacecraft body and any protrusions such
as booms and antennae. Second, one would want to include which
paits of the surface are bare conductor and which are dielectric
coated. Third, it would be nice to have some representation of
the electrical circuitry connecting parts of the spacecraft sur-
face.

This work supported by the National Aeronautics and Space Ad-
ministration, Lewis Research Center, under Contract NAS3-21050.
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It is also important to decide what approximations go into
the environment surrounding the spacecraft. The most basic de-
cision is how to model the ambient plasma. Can you include the
region far from the spacecraft, and get a detailed look at the
region close in? Can you specify normal and extreme conditions?
Does the plasma change in time? Other aspects of the environment
that are of concern are the sun, the plasma sheath, and particle
trajectories.

The spacecraft-environment interaction is mainly a matter of
particle currents to and from the spacecraft surface. The im-
portant charging currents are

1. Incident electrons
2. Photocurrent
3. Incident protons
4. Secondary electrons from electron impact
5. Secondary electrons from proton impact
6. Electron backscatter

These processes vary around the spacecraft surface, depending on
local potential, surface material, and solar illumination. An
ideal model would take all this local information into considera-
tion when calculating particle fluxes.

Computer time for spacecraft modeling can be prohibitive. A
model that is general ends up solving a series of equations with
hundreds or thousands of variables. An exact solution is enor-
mously expensive, and it may be hard to get convergence from an
iterative solution. Much care must be put into this aspect of
the problem, lest an otherwise elegant modeling program start to
impersonate an infinite loop.

The most expensive way to verify a modeling program is to
build a spacecraft like the model and send it up. Other, more
reasonable techniques, are to model ground experiments, to check
answers for reasonableness, and to test the program on known
problems.

NASCAP APPROACH

As we have seen, the physics which must be examined in order
to model spacecraft charging presents a problem of formidable di-
mensions. It would be impractical to develop a computer code that
was state of the art in every aspect of the problem. By placing
restrictions on the class of problems to be examined we have been
able to construct the NASA Charging Analyzer Program which pro-
vides useful information in those cases of most practical inter-
est. It is most applicable to the high voltage charging caused
by magnetospheric substorms.
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Our approach has been to limit the range of ambient environ-
ments to those whose Debye lengths, XD, are large compared to
object dimensions. For magnetospheric substorms this is defi-
nitely true.

0 e 10,000 eVe
-3

n "% 1 cm

X D 0.7 kmD

Only for the very largest conceivable spacecraft are object dimen-
sions comparable to Debye lengths. For finite Debye lengths we
have included ambient plasma screening approximations, albeit of
modest applicability.

Overall, we have modeled all aspects of the problem except
electromagnetic wave propagation. Our idea has been to use the
best available analytical theories wherever possible and to mini-
mize the brute force number crunching. By doing this we have
been able to combine good treatments of ambient environment,
sheath, complex object, and electrical and particle interactions
into a single code. This is done by using known physics and de-
veloping approximate models where necessary. For example, NASCAP
contains analytical approximations to electron backscatter as a
function of electron energy and angle. While not as accurate as
Monte Carlo transport results, these formulations do give reason-
able yield estimates and can be evaluated quickly at hundreds of
surface locations each timestep. Thus we obtain reasonable esti-
mates in reasonable amounts of time as opposed to best estimates
regardless of (ost. This philosophy permeates the code. Where
quasi-analytical models were necessary but unavailable, we have
developed them.

The procedure followed in the code is to approximate the
spacecraft in a 3-D Cartesian grid. Free space around the satel-
lite is provided by nesting grids within grids where each grid
has a linear dimension twice that of the grid it surrounds. There
can be an arbitrary number of these nested grids. However, the
more grids, the loncer the computer time per calculation (fig. 1).

All parts of the spacecraft must remain in the innermost
grid, except for booms which can extend into several grids. The
object itself is composed of an assembly of cubes, sliced cubes,
plane. surfaces, and skinny cylinders, as shown in figure 2. Each
surface can be of an independently specified material, with up to
15 different materials permitted (fig. 3). Certain classes of
surfaces may be subdivided for higher resolution.

Object definition is by far the most complicated aspect of
using a three-dimensional computer code. To make the program
easy to use, NASCAP provides an extremely simple object definition
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language. Complex three-dimensional spacecraft can be described
with a minimum of effort. The satellite shown in figure 4 is a
good example. The central structure is octagonal with a gold
circumference and aluminum top and bottom surfaces. The two
planar sheets represent solar cells with kapton covering the back
surface. They are attached to the main body with kapton coated
cylinders. This object was defined using 31 brief lines of input
(fig. 5). The simple object definition commands are fully ex-
plained in the NASCAP User's Manual (ref. 2).

Once the object definition is complete, the program alter-
nately calculates charge accumulations on surfaces and potentials
caused by these charges. Due to the variety of timescales in the
system, the algorithm used to advance the charge distribution in
time is extremely complex, so complex that it uses a couple
thousand element self-generated capacitor model as its own inter-
nal estimator.

NASCAP produces a variety of printed and graphical output.
The fundamental idea is to help the user follow the progress of
the calculation (figs. 6-14).

The first graphic output is a two-dimensional view of the
spacecraft with surface cells shaded to show the material types.
Each surface cell is individually classified by material, with
up to 15 different material types allowed.

Next is a three-dimensional perspective view of the space-
craft without hidden line removal. This is helpful in tracking
down object definition problems. It is followed by a view from
the same perspective with surface cells outlined. In this sur-
face cell plot, hidden lines are removed. The user gets a quick
and accurate feeling for the defined object. The routine that
generates these plots also calculates exposed surface areas for
determining photoelectron emission.

These plots are generated at object definition time, before
the actual satellite charging begins. The major outputs of the
charging calculation are the flux breakdown printout and potential
contours.

The flux breakdown printout shows, for any surface cell(s),
the charging currents operating on that cell. Each individual
surface cell requires a separate calculation. By requesting flux
breakdown printouts, the user can closely follow the charging pro-
cess at any point on the surface.

Contour plots are an efficient way to show what's happening
to the electrostatic potential both near the spacecraft and far
away. The user can look at the potential contour plots generated
every time cycle and get a good feeling for global changes in the
spacecraft sheath.
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NASCAP detector routines plot flux density versus energy of
particles reaching the detectors. Detectors can be placed, at the
user's discretion, on any surface cell.

The emitter routines plot trajectories of particles emitted
at various energies. These trajectories, along with potential
contour plots, give a very good idea of fields surrounding the
spacecraft or test tank object.

Finally, if local electric field stresses exceed some user
specified threshold value, a message is printed and the code re-
distributes charge as if a discharge had occurred.

VALIDITY OF THE MODEL

With a model as broad in scope and as complex (over 400 sub-
routines) as NASCAP, the immediate question is "How do you know
that it gets reasonable answers?" So that we have confidence in
NASCAP results, testing and comparing to analytical results has
been a major part of the development program. The accuracy of the
various components have been examined in configurations simple
enough to determine their inherent accuracy.

Since the capacitances of simple objects such as spheres,
cubes and cylinders are known quite well, we have used thesc to
determine how well the potential routines work. For all cases
the NASCAP results were within 10 percent of analytical predic-
tions, and for objects of more than a zone resolution and for
booms of radius much less than the grid spacing, the NASCAP re-
sults were accurate to a few percent. The electric fields in
space were of corresponding accuracy near the satellite and in-
creasing accuracy away from the vehicle. The accuracy of the
potentials are limited only by the ability of the finite element
interpolation functions to represent the true solution. For com-
plex objects, the NASCAP code uses the same algorithms and the
accuracy should be comparable. Since NASCAP automatically takes
into account mutual capacitances, it is a vast improvement over
hand generated capacitor models for complex spacecraft.

NASCAP assumes that charge is accumulated on, as opposed to
deposited within, dielectrics. Bulk conduction is included. We
have performed detailed one-dimensional calculations of charge
transport within dielectrics, and have found this to be a reason-
able approximation for electrons of a few to tens of kilovolts in
all but the thinnest of dielectrics. It is also an approximation
that can easily be modified in the future if the need arises.

The charging currents are the algebraic sum of incident
fluxes and backscattered, secondary, and photoemitted electrons.
For spherical test cases we have compared NASCAP reverse
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trajectory currents with spherical probe formulas (ref. 3). De-
pending on the number of trajectories sampled the results were in
reasonable agreement, the largest errors due to the differences
between numerical and analytical integrals over angle of the back-
scatter and secondary emission formulas. Thus the two basic re-
quirements of a charging calculation, the potential and charge ac-
cumulation, are performed well by NASCAP.

The NASCAP material interaction models have been developed
from literature results. Their predictions are being compared
with laboratory experiments and are the subject of another paper
in this session. It should be pointed out, however, that NASCAP
accepts parameters for these models as input and that the models
themselves are contained in very short, easily replaceable sub-
routines. Consequently, modifications and improvements in the
formulations can be made very simply if needed.

The particle trajectory algorithms are second order accurate
in particle timesteps insuring good conservation of energy and
magnetic moment. Orbits are followed beyond the outermost grid
boundaries by using an extrapolation of the monopole potential.
This allows long excursions of emitted particles to see if they
return to the spacecraft.

The algorithm employed to integrate charging currents over a
timestep is quite complex to ensure physical results. Rather than
describe the technique in detail, we present a calculation which
illustrates how it works.

A simple example, which nevertheless displays some of
NASCAP's usefulness as a model, is the case of a spherical object
in sunlight. Since the photocurrent is larger than the incident
electron current, a capacitor-current balance model would lead
one to the conclusion that a sunlit surface will remain at a posi-
tive potential relative to the surrounding plasma. However, the
NASCAP charging current integration routines recognize that space
charge limiting prevents photoelectrons and secondary electrons
from supporting a potential barrier of more than a few volts.
This feature, combined with the multidimensional aspects of the
potential leads to a very different equilibrium, one with the il-
luminated surfaces a kilovolt negative.

We ran NASCAP for the case of a teflon coated sphere in sun-
light. The environment for this case is an isotropic, Maxwellian
plasma with a temperature of 20 keV and a density ne = ni =
1 cm- 3 . Sunlight was incident on one side of the sphere (fig. 15.

Figures 16-22 show the time development of the electrostatic
field. (The satellite-sun line lies in the plane of these fig-
ures. Dark and sunlit cells are differentiated by shading.) For
the first ,0.l second the sphere charged uniformly. Over the next
few seconds, the negative charge accumulated by the shaded
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surfaces began to dominate the electrostatic field, causing a
saddle point to appear in front of a sunlit surface. At about
10 seconds the potential at the saddle point became negative.
The sunlit surface maintained a potential a few volts positive
relative to the saddle point. Final steady state is reached with
the sunlit surface at -1.0 kV and the shaded surface at -3.6 kV.

The final steady state potentials were reached at time t ZM
104 sec. This involved some 30 timesteps, and used total computer
time of about one-half hour. Thus in a reasonable amount of com-
puter time NASCAP can provide good physical insight into charging
phenomena, insight which is unobtainable using simpler computer
models.

4. APPLICATIONS OF NASCAP

NASCAP is designed primarily to give engineering estimates
of spacecraft potentials during magnetospheric substorms. It also
can provide detailed particle spectra for a given environment and
spacecraft potential configuration in order to aid in interpreting
results of scientific experiments. As of this time the applica-
tions of NASCAP have been limited to the comparison with labora-
tory material charging test results and to the generation of mod-
els of a few scientific spacecraft. Comparisons have been done to
validate the material properties portion of the code. A later
paper in this section (Roche, et al.) will discuss the results
of these studies.

One application of NASCAP which is of engineering importance
is the study of active charging control. The operation of onboard
charged particle beams has been proposed as a means of minimizing
the effects of ambient environment spacecraft charging. NASCAP
features an emitter algorithm that models the trajectories and
charge transfer effects of such beams. For example, we have
placed a one kilovolt, one milliampere electron emitter on a satel-
lite precharged to -2.5 kV. The potentials on spacecraft ground
and on an insulated surface as a function of time are shown on
figure 23. Notice that the insulator will differentially charge
to a substantial negative potential. Sample particle trajectory
plots during the charging phase are shown in figure 24. By
modeling such systems NASCAP can estimate their utility and
point out any severe design problems, so that actual flight ex-
periments have the best chance for success.

An important problem, particularly in the future, is the in-
teractions of large space structures. While not specifically de-
signed for this application, the finite Debye length sheath treat-
ment in the NASCAP code will combine with the reverse trajectory
particle flux routines to give good estimates of space charge
limited charge collection. The present algorithm employs linear
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Debye shielding (figs. 25, 26). In the future, models of the am-
bient plasma sheath more relevant to dense collisionless plasmas,
will be implemented. The object definition routines can already
handle objects of large size by decreasing the object resolution
(fig. 27).

The most ambitious application to date is the generation of
the SCATHA model. This model utilizes the full capabilities of
the code. The model and some preliminary calculations are.the
subject of the following paper.
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Figure 1. A two-dimensional view of the first four nested meshes.
Each succeeding mesh increases the volume of calculation space by
a factor of eight. Calculation time is roughly linear with the
number of meshes.

I 'S

Figure 2. NASCAP can simulate virtually any object that can be
built from these fundamental shapes - cube, three types of sliced
cube, planar square, and thin cylinder.
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Figure 3. The spacecraft surface is made up of as many as 1200
surface cells. Each cell is assigned a material type and an
underlying conductor. The surface cell may represent either
bare conductor or dielectric layer.

Figure 4. Paddle satellite. A geometrically complex object with
four types of surface material.
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(MATERIAL PROPERTIES DEFINITIONS]

OCTAGON
AXIS -3 0 0 3 0 0
WIDTH 4
SIDE 2
SURFACE - ALUMINUM
SURFACE C GOLD
SURFACE + ALUMINUM
ENDOBJ
PLATE
CORNER -6 0 -15
DELTAS 12 0 12
TOP +Y S102
BOTTOM -Y KAPTON
ENOOBJ
PLATE
CORNER -6 0 3
DELTAS 12 0 12
TOP +Y S102
BOTTOM -Y KAPTON
ENDOBJ
BOOM
AXIS 0 0 2 1 0 0 3 1
RADIUS 0.2
SURFACE KAPTON
ENDOBJ
BOOM
AXIS 0 0 -2 1 0 0 -3 1RADIUS 0.2

SURFACE KAPTON
ENDOBJ
ENDSAT

Figure 5. Object definition. The object in the preceding figure
(paddle satellite) is defined by these commands.
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-

4

Figure 6.Satellite illustration plots show the material corn-
position of each surface cell.
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Figure 7. Object structural plots give a perspective view with-
out hidden line removal.

Figure 8. Surface cell hidden line plots give a clear idea of

overall spacecraft structure.
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SURFACE CELL NO. 15 CODE - 011112100702
LOCATION - 9 10 8

NORMAL - 0 1 -1
MATERIAL - TEFLON

POTENTIAL = -1.096+01 VOLTS
FIELD = 7.665-3 VOLTS/METER

FLUXES IN A/M**2
INCIDENT ELECTRONS 3.16-06

RESULTING BACKSCATTER 8.60-07
RESULTING SECONDARIES 1.32-06

INCIDENT PROTONS 7.39-08
RESULTING SECONDARIES 7.17-07

PHOTOCURRENT 0.00

NET FLUX -1.96-07

Figure 9. A breakdown of charging currents can be requested for
any surface cell. This information is given at each timestep.

Figure 10. Two-dimensional potential contour plots give a clear
picture of electrostatic potential at each timestep.
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Figure 11. Particle emitters can be specified at any surface
cell. This plot shows particles from five emitters for various
angles of emission.
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Figure 12. Particle detector olots show energy versus flux den-
sity. Detectors can also be located at any surface cell.
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Figure 13. Graphic output for a test tank case includes tra-

jectories of electrons from the source to the object.

/- ,z-
/

I

Figure 14. Potential contours around a fully charged teflon
covered grounded plate in a ground test tank. An electron I

beam is coming from the left. Notice the fully formed poten-
tial saddle point to the right of the plate.
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Figure 15. A NASCAP sphere - modeled as a twenty-six faceted
object. This one is 3 meters in diameter with 158 surface cells
and 144 surface nodes.
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Figure 16. Potentials on shadowed and solar illuminated surfaces
of a teflon sphere in a plasma (Ne = 106/m3 , 0 = 20 keV).
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Figure 17. Potential contours aboutna sunlit sphereshw early 
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Figure 19. Potential contours around sunlit sphere showing fully
formed saddle point at approximately -8 volts.
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Figure 20. Potential contours about sunlit sphere showing saddle
point at approximately -25 volts.
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Figure 21. Steady state potential contours about sunlit sphere.

Figure 22. Trajectories of electrons emitted at various energies
from fully charged sunlit sphere.
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-0.5
S 'AR CELL
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TIME (MILLISE1CONDS)

- SC4-1 ELECT701 3EM ACTIVATED AT T 0

- ENERGY = 1 KEV

~ 10 CURRE *4
ANGULAR SPRE.Q 1V

E'ERGY SPR.D 0.2 KEV

-2.5

Figure 23. Active control simulation. A 1 mA particle emitter
is activated with beam eneigy of 1 keY. The spacecraft goes from
a negative 2.5 kV potential to positive 1.0 kV. Spacecraft ground
remains at about that level while a solar cell on the surface
falls back to a negative potential.

iW

1i KEV BEAM

71 MA CURRErNT

52% ESCAPE

Figure 24. Particle emitter trajectory plot. Some of the emit-
ted particles escape the spacecraft vicinity, while others re-
turn to various points on the surface.
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Figure 25. An approximate screening expression is employed to
show shielding effects. Shown is a two meter cube charged to
-100 V, in a plasma with Debye length of 33 meters.
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Figure 26. Here the same cube is charged once again to -100 V.
This plasma has Debye length of 3.3 meters. The denser plasma
leads to more significant shielding, and the potential falloff
is steeper near the cube.
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Figure 27. Solar power space station model.
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CHARGING ANALYSIS OF THE SCATHA SATELLITE*

G. W. Schnuelle, D. E. Parks, I. Katz,
M. J. Mandell, P. G. Steen, J. J. Cassidy

Systems, Science and Software

A. Rubin
Air Force Geophysics Laboratory

ABSTRACT

We describe here a detailed model of the geometrical, mate-
rial, and electrical properties of the SCATHA satellite for use
with the NASA Charging Analyzer Program (NASCAP). Charging cal-
culations in an intense magnetospheric substorm environment demon-
strate that (1) long booms can significantly perturb the poten-
tials near the spacecraft, and (2) discharging by sunlight or by
active control can cause serious time-dependent differential
charging problems.

INTRODUCTION

We have developed a detailed model of the SCATHA satellite
for use with the NASA Charging Analyzer Program (NASCAP) (refs.
1 and 2). The model accounts for such geometrical complexities
as booms, shadowing, and the presence of insulating materials
over portions of the conducting ground of the space vehicle. The
effects of photoemission and secondary emission caused by electron
and ion impact, active control devices such as electron and ion
beams, and surface and bulk conductivity are included in the
model. To our knowledge, this model represents the most complete
and realistic treatment of spacecraft charging attempted to date
for any satellite.

Section 2 below describes the SCATHA model employed in
NASCAP. A detailed shadowing study was performed for a geometri-
cally more accurate SCATHA model; this work is described in Sec-
tion 3. We have performed charging calculations for one environ-
ment using the present model, and the results of these calcula-
tions are described in Section 4. Preliminary conclusions of this
study are summarized in Section 5.

ministration, Lewis Research Center, under Contract NAS3-21050.
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SCATHA MODEL DEVELOPMENT

The NASCAP program allows the specification of the geometri-
cal, material, and electrical properties of a spacecraft in con-
siderable detail. We have attempted to incorporate the most cur-
rent and complete information available for SCATHA into our model.
However, the present model is meant primarily to illustrate the
intended level and scope of our study, rather than to provide the
final word on a model specification. The NASCAP code allows model
features to be easily altered to make our model a more faithful
representation of the SCATHA satellite if the need arises.

Perspective views of our gridded model are shown in figures 1
and 2. The main body of the satellite is represented as a right
octagonal cylinder, with the aft cavity visible in figure 2. The
OMNI antenna and the SC9 cluster of experiments are visible on
the forward surface of the satellite. Our model reproduces the
actual SCATHA geometrical features extremely well, as shown in
table 1. Note in particular that the treatment of booms in
NASCAP allows the actual boom radii to be reproduced exactly in
the model. The requirements in NASCAP that booms parallel coordi-
nate axes and intercept mesh points in all grids effectively force
any long booms to pass through the center of the innermost mesh.
Therefore, our present model includes only the SC6, SCII, and the
two SC2 booms, with the orientations fixed at right angles to one
another.

Figure 3 illustrates the computational space in which NASCAP
solves Poisson's equation for this model. Monopole boundary con-
ditions are imposed on the edges of the outermost grid, which is
a rectangular prism of dimensions 1.6 x 1.6 x 3.2 m. The zone
size decreases by a factor of 2 in each of the four successive
inner grids, so that the effective resolution is 11.5 cm near the
satellite body. (Local mesh refinement techniques in NASCAP allow
a resolution of 2.5 cm for selected zones on the satellite.)

Our model includes the specification of 15 distinct exposed
surface materials, each of which is specified by the values of
some 13 user-supplied parameters. The surface materials are de-
scribed in table 2. We have attempted to find experimentally
measured values for all parameters; where this has not been pos-
sible, suitable estimates based on the properties of similar ma-
terials have been used. Table 3 lists the values employed in the
calculations reported here. The analytical expressions in which
these parameters are used to evaluate net surface currents are
described in detail in reference 5. The formulation of electron
backscattering in NASCAP has been somewhat modified recently, and
the newer treatment is described in appendix A. The exposed
materials are illustrated in figure 4 in which the locations of
several of the SCATHA experiments are also shown. Experiments at
the ends of SCATHA booms are modeled as a single boom segment
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whose radius is adjusted to match the exposed surface area of the
actual experiment.

The model includes six distinct underlying conductors:
spacecraft ground, the reference band, and the four experiments
SC2-l, SC2-2, SC6-l and SC6-2. Each of these underlying con-
ductors is capacitively coupled to spacecraft ground, and each
can be separately biased with respect to ground. A seventh con-
ductor could be introduced to underlay the solar cells at an ap-
propriate bias. In this study the reference band was allowed to
float and all other conductors were biased to the ground potential.

NASCAP has extensive capabilities to model particle emitters
and detectors located on the spacecraft body, as described pre-
viously (ref. 2). These features of NASCAP can be used in the
analysis of the operation of, for example, the SCATHA experiments
SC4, SC5, SC6, SC7, and SC9. Such studies should be particularly
helpful in determining the influence of spacecraft fields on
particles emitted during active control, and in determining the
source of particles seen at detector sites.

SHADOWING STUDY

For the SCATHA shadowing study, we were required to generate
percent shadowing tables for various experiments. We were able
to generate accurate tables using relatively small amounts of com-
puter time: less than 5 minutes Univac 1100/81 time was required
for a table of 7560 entries.

Since the geometrical capabilities of the NASCAP shadowing
routines are more general than the rest of the code, we were able
to employ a SCATHA model for shadowing in which each experiment
was treated geometrically in much finer detail than in the model
described in Section 2. Figure 5 shows the level of detail in a
perspective view of the ML12-7 experiments on the forward surface.
Booms were placed at their actual locations on the satellite, and
the experiments at the boom ends were given a great deal of geo-
metrical complexity. Figure 6 shows the SC2-1, SCI-4, and SC6-1
booms as they were resolved in the shadowing study.

These detailed geometrical shapes were input to the usual
NASCAP shadowing routines (HIDCEL) for table generation. The
tables cover satellite rotation in 10 increments for the satel-
lite plane deviations from the sun line of -50 to +5O.
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CHARGING CALCULATIONS

The model was subjected to an extremely intense substorm de-
scribed by a superposition of two Maxwellian plasmas with the fol-
lowing parameters:

e 40,000 eV a 100 eVel e2

o il 20,000 eV 3i2 =100 eV

nel 10 cm- 3 -3n 10 cm n = 10 cm
i0c-3 -3

nil cm ni2 = 10 cm

The effects of ambient space charge were neglected in the solution
of Poisson's equation here, since the mean satellite radius, r
is much smaller than the plasma Debye length, XD'

r % 100 cm

A 700 't 2200 cm

e

rs/AD u 0.05

There was no sunlight present in the first calculation described
below.

Potential contours during the initial overall charging phase
(rl0-3 seconds) are shown in figures 7 and 8. The question of
whether booms have a significant effect on the sheath potentials
is clearly answered by examining figure 9, which shows potential
contours in a plane a half meter below the plane of the booms.
Figure 10 shows similar contours in a calculation with the booms
omitted; the distortion of contours by the booms is obvious.
While the boom radii are small, \2 cm, the effect on potentials
is related to the boom capacitance, which varies only logarithmi-
cally with radius. This results in long range potential inter-
actions from thin booms, where the characteristic decay distance
is closer to the boom length than to the boom radius.

The rapid initial charging is followed by a much slower de-
velopment of differential charging, as illustrated in figure 11.
For this example the maximum differential developed after 22 sec-
onds was 700 volts and the maximum field strength in a dielectric
layer was 24,000 volts/cm. Figure 12 shows contours in the plane
of the booms after 22 seconds; note the differential charging de-
veloped at the boom ends due to variations in the material proper-
ties between the experiments and the boom coatings.
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The two-Maxwellian description of The plasma leads to a low
overall charging voltage of only -7.3 keV despite the presence of
a plasma component with an electron temperature of 40 keV. For
the particular case ye have studied here, low energy protons are
being collected at an enormous rate and these, augmented by the
secondary electrons they produce, balance the incident electron
current. NASCAP uses a proton collection model in which the
collection increases linearly with voltage, which is valid in the
present case where rs/XD is small, as discussed by Laframboise
(ref. 4). Table 4 shows the detailed current balance near equi-
librium for the boom surface material in the presence of the
double Maxwellian environment described above. Also shown in
table 4 is a similar breakdown for the same material subjected
only to the high energy single Maxwellian component. The equi-
librium potential is -32 keV in this case, indicating that the
final potentials reached would have been much lower had we em-
ployed a single Maxwellian plasma model. for both plasma models,
the final potentials reached will depend on the exact values em-
ployed for the proton and electron induced secondary yields.
Great care should be exercised in the determination of the values
and associated error estimates for parameters which affect the
production of secondary electrons in these and similar calcula-
tions.

Finally, the atomic number dependence of backscatter coeffi-
cients tends to make high-Z materials charge less negatively than
other elements. For SCATHIA, this means that the magnitude of
the boom potentials will be significantly lower than most other
surfaces, since exposed platinum constitutes much of its surface
area.

We have nerformed a similar calculation on this model in
which the sunlight was turned on after 22 seconds of charging in
eclipse. Thu photoemission results in strong differential charg-
ing (13 key) along the booms, as shown in figure 13. In our model
the boom surfaces are very weakly capacitively coupled to the
grounded cable shields which extend the length of the booms, while
the experiments at the ends of the SC2 and SC6 booms are coupled
closely to spacecraft ground. This weak coupling has the effect
of allowing the booms to react rapidly to environmental perturba-
tions compared to the rest of the satellite, leading to temporary
conditions of high differential charging. We have observed simi-
lar effects when discharging the satellite with an electron gun.

The potentials near the satellite in sunlight are dominated
by the monopole field of the spacecraft body. A photoemitting
boom surface element can discharge only to the value of the local
monopole potential, since further discharge is limited by immedi-
ate reflection of photoelectrons. This has the amazing conse-
quence that the booms, strongly perturbing in eclipse, now seem
to disappear in the potential. contours near the satellite body.
Note that significant differential charging in sunlight along the
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SC2 booms will certainly persist at equilibrium due to large dif-
ferences between the photoemission from surfaces on booms and on
the SC2-l and SC2-2 experiments. Our calculations neglect any
effective surface conductivity parallel to the booms due to the
presence of a photosheath. The surface conductivity features of
NASCAP could easily be invoked to simulate this effect, which
would reduce the magnitude of the differential charging observed
here.

The calculations reported here were performed on the Univac
1100/81 computer at Systems, Science and Software. Each cycle of
charging and solution of the potential equations required approxi-
mately 15 minutes CPU time during differential charging, and 5
minutes CPU time when no differential charging occurred. Approxi-
mately 10 cycles of each type were required for the calculations
reported here. We have developed a second SCATHA model for test-
ing purposes in which the zone size is twice that of the model
presented here and the booms are shortened; computer times are
reduced by roughly 80 percent for this model, and all of the re-
sults described above can be observed in calculations using the
smaller model. The half-scale model will be useful whenever fine
resolution on the satellite surfaces is not required.

CONCLUSIONS

We have completed the development of a detailed model of the
SCATHA satellite. Preliminary results from calculations in one
magnetospheric environment indicate that:

e The presence of a low energy component in a two-Maxwellian
description of the magnetospheric environment reduces the
maximum charging of a satellite relative to that found for
a single Maxwellian.

e The booms have substantial impact on potentials near the
spacecraft in eclipse.

o The use of high atomic number coatings, such as platinum
on the booms, may increase the severity of differential
charging.

0 Discharging by sunlight or by active control may lead to
transient increases in differential charging along the
booms due to the weak coupling of the booms to spacecraft
ground.

Our calculations demonstrate that the prediction of space-
craft potentials for SCATHA is an exceedingly complex problem, in
which the full capabilities of the NASCAP treatment of geometrical
features, material properties, and dynamic interaction with the
environment are utilized. We plan to continue this study of
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SCATHA using NASCAP with particular emphasis on boom perturbations

and the effects of active control.

APPENDIX A. ELECTRON BACKSCATTER

Electron backscatter is modeled in NASCAP as a function of
electron energy and mean atomic number of backscattering material.
The formulation first used in NASCAP (ref. 5) was valid only for
low-Z materials. To remove this restriction we have used a for-
mula of Burke (ref. 6) to obtain the backscatter coefficient for
isotropically incident electrons as

= 0.475 Z0 . 1 7 7  _ 0.40 (Al)

The backscatter coefficient for normal incidence, no, is then
found by solving the equation

T1 = 211 - n 0(l-9tn 0o)]/(9n no)2  (A2)

which comes from assuming the angular dependent backscatter co-
efficient (ref. 7) to be

n(e) = n0 exp[-(Zn no) (1 - cose)] (A3)

The energy dependence (ref. 4) is then taken to be

lo(E) = y(E) (n 0  + 0.1 exp(-c/5)) (A4)

0 c < 50 eV

y(E) = Zn (20 c)/Zn 20 50 eV < c < 1 keV

1 c > 1 key

where c is in keV.

The energy dependent no from (A4) is then used in (A2) or
(A3) to calculate the relevant backscatter coefficient.
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TABLE 1. COMPARISON OF ACTUAL SCATHA GEOMETRICAL FEATURES TO
GRIDDED NASCAP MODEL

Zone Size = 4.54 in. (11.5 cm)

SCATHA MODEL

Radius 33.6 inches 32.0 inches

Height 68.7 68.0

Solar Array Height 29 27.2

Bellyband Height 11.3 13.6

SC9-1 Experiment 9.2 x 6 x 8 9.1 x 4.5 x 9.1

SC6-1 Boom 1.7 (radius) 1.7

118 (length) 113.2

Surface Area 2.16 x 104 sq. in. 2.11 X 104 sq. in.

Solar Array Area 1.23 x 104 1.15 x 10 4

Forward Surface Area 0.36 x 104 0.34 x 104
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TABLE 2. EXPOSED SURFACE MATERIALS

GOLD: gold plate

SOLAR: solar cells, coated fused silica

WHITEN: non-conducting white paint (STM K792)

SCREEN: SC5 screen material, a conducting fictitious
material which absorbs but does not emit
charged particles

YELOWC: conducting yellow paint

GOLDPD: 88 percent gold plate with 12 percent conductive
black paint (STM K748) in a polka dot pattern

BLACKC: conductive black paint (STM K748)

KAPTON: kapton

SI02: SiO 2 fabric

TEFLON: teflon

INDOX: indium oxide

YGOLDC: conducting yellow paint (50 percent)
gold (50 percent)

ML12: ML12-3 and ML12-4 surface, a fictitious material
whose properties are an average of the proper-
ties of the several materials on the ML12 sur-
faces

ALUM: aluminum plate

BOOMAT: platinum banded kapton
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TABLE 3. (Continued)

aThe materials are described in Table 2.

bThe thirteen properties are as follows (see Reference 4 and
Appendix A for further details):

Property 1: Relative dielectric constant for insula-
tors (dimensionless).

Property 2: Thickness of dielectric film or vacuum gap
(meters).

Property 3: Electrical conductivity (mho/m). The value
indicates a vacuum gap over a conducting

surface.

Property 4: Atomic number (dimensionless).

Property 5: Maximum secondary electron yield for elec-
tron impact at normal incidence (dimen-
sionless).

Property 6: Primary electron energy to produce ILaximum
yield at normal incidence (keV).

Properties 7-10: Range for incident electrons. Either:

P8 0

Range 
= P7E + P9E

where the range is in angstroms and for
the energy in keV,

or
P 7 = -1. to indicate use of an empirical

range formula

P9  density (g/cm 3)

Pl0 = mean atomic weight (dimensionless).

Property 11: Secondary electron yield for normally
incident 1 keV protons.

Property 12: Proton energy to produce maximum secondary
electron yield (keY).

Property 13: Photoelectron yield for normally incident
sunlight (A/m2).

c The dielectric constant and thickness for the boom surfaces were

chosen to reflect the effective capacitance to the underlying
cable shield.
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-5 2
TABLE 4. COMPONENTS OF INCIDENT AND EMITTED CURRENTS (10 A/m

FOR BOOM SURFACE MATERIAL NEAR STEADY STATE.

Double Single

Maxwellian Maxwellian

Potential -7000 Volts -32,000 Volts

Incident Electrons -4.6 -2.3

Resulting Backscatter 2.7 1.4

Resulting Secondaries .7 .4

Incident Protons .6 .2

Resulting Secondaries .6 .3
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SC6-1
SC6- , /SC2-1

SC2-2

SCI1-1

Figure 1. SCATHA model: side view. The 50 m antenna and the
SC1-4 boom are not included in this model.

/w

Figure 2. SCATHA model: bottom view with aft cavity visible.
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Figure 3. Computational space surrounding the SCATHA model, show-
ing the nesting of the grids. The tic marks along the axes indi-
cate the outer grid zone size; the zone size decreases by a factor
of two in successive grids.

SC9

ALUMIN TEFLON///

YGOLDC -- INDOX

SC6-2 GOLD SCREEN

.'" " YELOWC BOOMAT

.i ' i B L A C K C K,, K A P T O N

GOLDPD S S102

.. ., ML12 m SOLAR

SC4-1 -

SC7-1

SC5

Figure 4a. SCATHA model with

exposed surface materials il-
lustrated.
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SC5UNONALUMIN - TEFLON

SC7-2 / / YGOLDC INDOX

GOLD m SCREEN

.~. YELOWC BOOMAT

,: BLACKC 0011 KPO

GOLDPD S102

ML12 SOLAR

Figure 4b. SCATHA model with
exposed surface materials ii-

SC3 lustrated.

ZMALUM IN MITEFLON
SC1-3

/ YGOLDC -- INDOX

GOLD SCREEN

.YELOWC -Z2BOOMAT

BLACKC KAPTON

GOLDPD S S102

Figure 4c. SCATHA model with
exposed surface materials ii-

M[12-3,4,6 lustrated.
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Figure 5. ML12-7 experiment as resolved for the SCATHA shadowing
study.

SC2-1

__ S6l-/ sc -is, 1-'i

Figure 6. SCATHA booms as resolved in the shadowing study.
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Figure 7. Potential contours in a vertical plane through SCATHA
center (only two of the four grids are plotted). Note the con-
tours extending into the aft cavity. Time %10- 3 seconds. Con-
tours from -450 to -1250 volts in 50 volt steps.

NUI

SC6

Figure 8. Potential contours in a horizontal plane through SCATHA
center. Time %10-3 seconds. Contours from -300 to -1200 volts in
100 volt steps. The relative orientations of the booms is the
same in later figures. The dimple s in the potential contours
near the boom ends are artifacts associated with an imperfect
match of potential interpolation functions.
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Figure 9. Potential contours in a horizontal plane 1 m below
SCATHA center. Time .10- 3 seconds. Contours from -250 to -1150
volts in 50 volt steps.

,/

Figure 10. Potential contours in a horizontal plane 1 m below
SCATHA center for a model in which the booms have been removed.
Time %10- 3 seconds. Contours from -300 to -1900 volts in 100
volt steps.
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TIME (SEC)

Figure 11. Spacecraft potential versus time for two points on
SCATHA satellite.

-_V

\~~j (f ////

Figure 12. Potential contours in a horizontal plane through
SCATHA center, with differential charging along booms. Time
,u22 seconds. Contours from -2000 to -7000 volts in 500 volt
steps.
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COMPARISON OF NASCAP PREDICTIONS WITH EXPERIMENTAL DATA

James C. Roche and Carolyn K. Purvis

NASA Lewis Research Center

SUMMARY

NASCAP (the NASA charging analyzer program) is a three-dimensional, finite-
element computer code capable of simulating the electrostatic charging of an
arbitrary body either in a ground test tank or in the space environment. The
code incorporates surface property parameters needed to simulate insulating and
conducting materials. These parameters are being updated as required to bring
the NASCAP predictions into correspondence with data from ground tests conducted

at the Lewis Research Center. NASCAP predictions are also being compared with

data from the ATS-5 spacecraft. The significance of these results is discussed.

INTRODUCTION

In the past few years the electrostatic charging of spacecraft by the
charged-particle environment has become an area of concern to both spacecraft
(lesigners and space scientists. This concern arises from the statistical cor-
relation between the occurrence of electronic switching anomalies on spacecraft
and the detection of geomagnetic substorm conditions by ground stations
(ref. I). The hypothesis is that this higher-energy-particle environment
charges spacecraft surfaces to a point where breakdown occurs. The resulting
electromagnetic interference is picked up by the spacecraft electrical wiring
and triggers logic circuits, thereby causing the anomaly. Experimental and
theoretical investigations have been established to test this hypothesis.

As usual, there are problems with both approaches. It is impossible to
simulate completely the space environment in ground facilities. The usual com-

promise is to use energetic electrons (2 to 20 keV). Purely theoretical methods
have been restricted to simplified cases involving equilibrium conditions or
symmetrical geometry. A generalized digital computer simulation has a different
set of strengths and weaknesses and could be used to complement both experiment
and theoretical analysis. Clearly an analytical tool is needed to aid in the
understanding of electrostatic charging phenomena.

Generalized digital computer simulations have been used in the past to
solve complex body interactions, for example, thermal and structural analyzer
computer codes such as SINDA (ref. 2) and NASTRAN (ref. 3). The NASA charging
analyzer program (NASCAP) is a fully three-dimensional, Cartesian finite-

element code with no symmetry or equilibrium restrictions. By taking time
steps In a quasi-static manner, it can simulate the charging history of a gen-
eral object either in space o in a test tank. However, the primary weakness
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of any finite-element approximation to a continuum is that fine-grain phenomena
can occur between the finite number of lattice points into which the space is
divided.

Accurate modeling of the surface interaction properties for the outer sur-
face materials of an object is another problem that is common to both computer
simulations and purely theoretical approaches. Near equilibrium, the net
charging current to the object is the small difference between relatively large
incoming and outgoing currents. The outgoing currents are due to such process-
es as backscattering, secondary emission, and photoemission. The models of
these processes used in NASCAP were derived from the open literature. Parame-
ter values for five common spacecraft surface materials (two conductors and
three insulators) are included in the code.

This paper compares the NASCAP code computations with the results from a
simple tank experiment. Also, by using a simulation of the ATS-5 spacecraft,
comparisons are made between the predicted and actual potentials of the space-
craft structure. It is only through such comparisons that confidence can be
built up in other, more complex, applications of the code.

NASCAP CODE DESCRIPTION

The NASCAP code is a finite-element spacecraft-charging simulation that is
written in FORTRAN V and is currently operational on two computers: the Univac
1100 at the Lewis Research Center and the CDC 6600 at the Air Force Geophysics
Laboratory. An overall description of the code and its capabilities is given
in reference 4. A detailed discussion of its physical basis is given in refer-
ence 5. The structure of the software itself is described in detail in refer-
ence 6.

Program Elements

This description of the program elements is intended only as a brief sur-
vey to provide background information for this paper and is keyed to the flow
chart in figure 1.

Environment definition. - Orie of two basic operating modes is specified:
ground test tank or space. For the ground-test mode, the outer boundary of the
computational grid is grounded and an electron beam of an arbitrary current-
density pattern is aimed along the central axis. For the space mode, a plasma
environment is specified at the outer boundary - either pure Maxwellian or an
arbitrary distribution. For either case the direction and magnitude of the in-
cident solar illumination is specified.

Object definition. - The object to be defined and the space immediately
adjacent to it are divided into a number of volume cells (referred to as the
inner grid) from 16x16x16 to 16x16x32. The object is modeled by using cubical
cells and such portions of these cells as can be constructed by sectioning
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cubes (fig. 2). There can be as many as 1000 surface cells, each of which can
either be covered with an insulating film or left oare. The number of nested
grids (fig. 3) is then specified, each of which his twice the size and half the
resolution of the next inner grid. For example, in inner grid plus two nested
grids would contain from 13 000 to 26 000 computational points.

Trajectory calculations. - Starting from a known particle flux at the
outer boundary and an assumed initial potential, the incident flux to each sur-
face cell is computed.

Shadowing. - Starting from the known solar vector, the percentage of il-
lumination that falls on each surface cell is computed.

Surface interactions. - Starting from known particle and photon fluxes on
each surface cell, the backscattering secondary emission and photoemission are
computed. Surface materials and their interaction processes are modeled by

using the following list of parameters (table I):

(1) Relative dielectric constant

(2) Thickness of dielectric film

(3) Electrical conductivity

(4) Atomic number

(5) Maximum secondary-electron yield for electron impact at normal inci-
dence

(6) Primary-electron energy to produce maximum yield at normal incidence

(7-10) Four empirical parameters for use in a double-exponential model of
penetration depth of incident electrons (range)

(11) Secondary-electron yield for normally incident l-keV protons

(12) Proton energy to produce maximum secondary-electron yield

(13) Photoelectron yield for normally incident sunlight

The atomic number is used in the computation of back-scattered electrons and
also, if required, in the Feldman range formula (table I, footnote c). The
range is used in the computation of secondaries due to primary electrons. The
values of all these parameters for five materials as initially incorporated into
the NASCAP code are given in reference 6 and are repeated here in table I.

Charge accumulation. - The net current to each surface cell is determined
and assumed to hold constant over one time increment. This results in an up-
dated charge pattern over the surface of the test object.
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Potential solver. - Given the updated charge pattern on the surface of the
object, the potential solver uses a conjugate gradient iteration method to com-
pute the potentials at each grid point. These new potentials can now be used
to compute new fluxes to each cell for the next time step.

OPERATING CONDITIONS

A few words are in order regarding the computer running time for these
simulations. The tank model, for example, has 22 000 grid points and required
about 13 seconds of computer time for each potential iteration. NASCAP prints
out a numerical measure of convergence, and it is possible to inspect this pa-
rameter hnd judge the appropriate number of iterations for each time step. A
method for automatically adjusting the number of iterations so that the poten-
tial converges to within some specified accuracy is being incorporated into the
code. The length of the time step and the accuracy could then be selected ac-
cording to the physical situation with the knowledge that the number of poten-
tial iterations will adjust itself to meet these constraints.

For space-mode calculations the current version of NASCAP is capable of
handling spacecraft that are three-axis stabilized or slowly spinning. A
rapidly spinning spacecraft in sunlight is difficult to simulate. This case is
discussed in more detail in the section Summary of ATS-5 Comparison. A method
of applying average levels of illumination to the appropriate cells on a con-
stant basis will be incorporated into the code to handle rapidly spinning space-
craft in sunlight.

COMPARISON OF NASCAP PREDICTIONS WITH GROUND-TEST DATA

In ground-test-tank experiments, material specimens are exposed to the
flux from an electron gun. Therefore only those properties of the material
that are related to electron impact, such as backscattered electrons and
secondary-electron emission, are relevant. Comparing NASCAP predictions with
test data would then verify the electron-impact material parameters. This
leaves the parameters related to proton impact yet to be evaluated. This could
be accomplished by space flight data comparisons.

Procedure

The test-tank experiments used for comparison with NASCAP predictions were
conducted in a 2-meter-diameter vacuum chamber at the Lewis Research Center.
Flat test specimens were irradiated with an electron beam, and their surface
voltages were monitored with a field-sensing probe that scans across the sur-
face at regular intervals at a distance of 3 millimeters. Before each experi-
ment, the surface of the specimen was discharged with a plasma source. This
facility and its instrumentation are described in detail in reference 7.
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The NASCAP model of this facility is shown in figure 3. The cylindrical
tank is modeled by the square cross-section of the third and outer grid, which
is truncated at each end to the correct length. There are a total of approxi-
mately 22 000 grid points in this relatively simple model. The test specimen
has a cross-section of 15 centimeters by 20 centimeters and is located, as
shown, in the inner grid. The resolution in the test specimen is 2.5 centi-
meters. The electron beam is aimed along the central axis of the tank. Since
NASCAP is capable of modeling an arbitrary current-density pattern, data from
an electron gun calibration were inserted into the code. After a slight beam
curvature - caused by the magnetic field of the Earth - is allowed for, the gun
current-flux profile is taken to be that which would produce the measured
current-density pattern in the plane of the test specimen before any charging.
As the specimen charges, the current-density pattern spreads, but the flux pro-
file at the gun remains constant.

Tests were conducted on the following types of specimens: bare aluminum
baseplate, silvered Teflon (0.127 mm thick), two types of thermal blanket, and
a solar-array-segment module. The thermal blankets both consisted of a surface
layer of Kapton (0.127 mm thick) over multiple layers of silvered Mylar that
were grounded to the baseplate. The blankets differed only in the technique
used for grounding the Mylar layers. The aluminum baseplate was grounded for
all tests except the first, in which it was left bare and ungrounded so that
its floating potential could be measured. Each specimen was irradiated with a
beam having a nominal central density of 1 nA/cm 2 as measured with a Faraday
cup. The beam accelerating voltage was set at 5, 8, 10, and 12 keV for each
specimen.

The silvered Teflon was modeled as a plain, 0.127-millimeter-thick layer
of Teflon since it was bonded to the baseplate with the silvered side against
the plate. Both thermal blankets were modeled as a 0.127-millimeter-thick
layer of Kapton since this was the composition of the top layer of both blankets
and the metallized layers underneath were grounded. The solar-array-segment
module was modeled as a 0.203-millimeter-thick layer of silica.

Summary of Ground-Test Comparisons

Surface voltage profiles for the test samples, resulting from electron
bombardment, were compared with the NASCAP predictions by using the available
literature values for electron-impact material parameters (table I). The re-
sults are summarized here.

Aluminum. - The NASCAP comparison indicated that the aluminum test surface
was, in reality, an aluminum oxide surface. Using literature values for the
material properties of aluminum oxide instead of pure aluminum resulted in ex-
cellent agreement (fig. 4). Since no special precautions were taken to prevent
oxidation of the aluminum, it is reasonable to assume that the test surface was
aluminum oxide.

Only the steady-state potentials were compared for this specimen. To com-
pare transient surface voltages, the NASCAP code requires a value for the
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capacitance between the electrically floating aluminum plate and ground. This
capacitance value was not available.

Silvered Teflon. - The steady-state NASCAP predictions for silvered Teflon
are in excellent agreement with the test data (fig. 5). The transient voltage
predictions are in fair agreement but seem to lag consistently behind the ex-
perimental charging data.

Aluminized Kapton. - Both the steady-state and transient predictions for
aluminized Kapton are in good agreement with the limited test data (fig. 6).

Solar-array segments. - There are significant discrepancies between the

predictions and the test data for solar-array (silicon dioxide) segments
(fig. 7). The difficulty here could be similar to that which was experienced
with the bare aluminum plate. The solar-array cover slide that was tested had
a coating of an antireflective compound, but the parameters in table I were de-
rived for pure silica. This case is still under investigation, and parameter
adjustments will be made when additional data are available.

COMPARISON OF NASCAP PREDICTIONS WITH ATS-5 DATA

The spacecraft that was selected for comparison with the NASCAP code was
the ATS-5. This spacecraft carries a particle analyzer, and thus there is a
large amount of information available concerning its charged-particle environ-

ment. Information on the spacecraft itself and its instruments is given in
reference 8. Data from its particle analyzer have been reduced and fitted to
a double Maxwellian model (ref. 9).

Procedure

The NASCAP model of the ATS-5 is shown in figure 8. The cylindrical outer
surface of the spacecraft is modeled as an octagon with a central region
covered with Teflon and end regions covered with silica to simulate the solar
array. The cavities at each end are covered with Teflon. Since about 10 per-
cent of the solar-array area consists of exposed metallic interconnects,

10 percent of the surface cells in the solar-array regions have been left as
exposed aluminum. There are 880 surface cells in this model. The environment
was simulated by a single Maxwellian approximation with a density of 1 parti-
cle per cubic centimeter and a temperature of 5 keV for both species. These
values are typical of much of the actual data.

Summary of ATS-5 Comparison 1
First, eclipse conditions were simulated by using parameters from table I.

This resulted in a spacecraft ground potential of approximately -2300 volts,
which did not agree with the flight data. However, the simple expedient of
halving the secondary yields due to ion impact on the Teflon and the silica
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(which are not well-known values) produced a spacecraft ground potential of
-3800 volts, a figure that was actually measured on the spacecraft several
times under similar environmental conditions. Figure 9 shows potential con-
tours in the charged condition (spacecraft ground at -3800 V).

The ATS-5 rotated at 76 revolutions per minute. As noted earlier, a rapid
spin rate presents a practical simulation problem. NASCAP models the rotation
by changing the Sun angle and recomputing the shadow pattern at each time step.
For this to be a realistic simulation, there should be at least 10 time steps
per revolution, or approximately 80-millisecond time steps. Although absolute
charging occurs in a matter of seconds, it takes many minutes for the differen-
tial charging pattern to fully develop. This would lead to a prohibitive num-
ber of time steps.

If the spin rate is reduced so that larger time steps can be taken, another
problem is encountered: saddle-point formation (ref. 10). This saddle-point
formation results from a field distribution around the satellite that effec-

tively reduces photocurrents from the illuminated surfaces. This limits the
NASCAP treatment of rapidly spinning spacecraft. This constraint will be alle-
viated in future modifications of the code.

A simulation of a stationary ATS-5 model in "the sunlight was run for
qualitative comparison only. The resulting potential contours are shown in
figure 10 and seem to be reasonable. The simulation indicated a ground poten-
tial from -400 to -500 volts. Flight data from the spinning ATS-5 have shown
ground potentials near zero volts in the sunlight. Therefore, it seems plausi-
ble that a stationary ATS-5 that is having a fraction of its electron emission
suppressed by a saddle point on its sunlit side would develop such negative
potentials.

CONCLUDING REMARKS

The work described herein demonstrates that the NASCAP code generates re-
sults that are in reasonable agreement with available ground-test and space-
craft data. Ground-test results reveal that better material-property values
are needed for the five common materials currently implemented in the code.
Altering the values of the code parameters is a simple task, and the code is
structured so that even the models of the processes could be changed without
disrupting other areas of the code. Also, a methodical system for altering the
values of the code parameters in response to experimental data is clearly
needed.
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SPACECRAFT CHARGING RESULTS

FOR THE DSCS-III SATELLITE

Michael J. Massaro and Dale Ling
General 7lectric Space Division

ABSTRACT

Spacecraft charging results are presented for the DSCS-III satellite for
a severe geomagnetic substorm. Spacecraft charging results were obtained by
the use of the Electrostatic Charging Analysis Program (ESCAP). The ESCAP
computer code which can determine both the transient or steady-state
differential charging potentials is an engineering design tool that utilizes a
circuit theory approach to spacecraft charging. Using the ESCAP code, the
steady-state (static) differential potentials of the outer spacecraft surfaces
and metallic structure were obtained for the DSCS-III satellite when under the
influence of a severe geomagnetic substorm during the local midnight-to-dawn
quadrant of its geosynchronous orbital path. The results obtained indicate
that, in the steady-state, most of the DSCS-III outer surface materials will
not achieve differential potentials large enough to produce an electrostatic
discharge (ESD). Recent changes to the ESCAP code to improve execution time
are discussed as well as model improvements for future development.

INTRODUCTION

The main purpose of this paper is to present the results of a spacecraft
charging analysis of the DSCS-III satellite. (DSCS-III is the third generation
satellite of the Defense Satellite Conmmunication System.) In addition, a

* discussion of an approach to determine the probabilistic rate of electrostatic
discharge (ESD) of dielectric materials is presented. Spacecraft charging

* refer-s to that phenomenon whereby the outer materials of spacecraft attain
surface charges produced by the bombardment of energetic charged particles.
During a geomagnetic substorm the outer dielectric surfaces can achieve
differential potentials at which electrostatic discharge (FSD) can occur. ESD
can cause degradation of the thermal properties of materials, state changes of
operational circuitry, and RF interference to receivers. Thus, it is important
to determine if any of the outer dielectric materials, will be a source of
ESD.

Spacecraft charging results were obtained by using the Electrostatic
Charging Analysis Program (ESCAP) which was developed by the General Electric
Space Division under an internally funded research program. The ESCAP code can
determine both the transient and steady-state differential potentials;
however, at present, only the steady-state solutions can be obtained with a
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reasonable amount of computer time (20-30 minutes of main-frame computer time
for 1 to 3 minutes of transient results versus 5-10 seconds of main-frame time
for a complete steady-state solution). The ESCAP code utilizes a circuit theory
approach to spacecraft charging. The spacecraft-to-environment interaction is
determined by representing the charged particle environment as equivalent cur-
rent source functions and by representing the spacecraft by its electrically
equivalent circuit with respect to the plasma charging phenomenon. The charging
model includes a sun/earth/spacecraft orbit model that simulates the sun illumi-
nation conditions of the spacecraft outer surfaces throughout the geosynchronous
orbit.

Recent changes to decrease the computer time needed to execute a steady-
state solution are discussed as well as improvements in the plasma current
source representation. In addition, the variation of S/C charging differential
potentials as a function of the secondary electron emission coefficient is
presented.

The paper is organized as follows. First, a brief description of ESCAP
is given. The S/C charging results for the DSCS-III satellite are presented
along with a description of its material and geometric configuration and the
pertinent plasma and emission parameters used in the analysis. Next, ESD
probabilities of occurrence are derived and lastly, the ESCAP code
improvements are discussed.

SPACECRAFT CHARGING MODEL

The spacecraft charging model can best be described in terms of the flow
chart shown in figure 1. The ESCAP code consists of four separate models: a
plasma model, an electrical model, a S/C geometrical model; and a
solar/earth/orbital model. The plasma model represents the charging and
discharging mechanism of the ambient plasma with respect to the spacecraft by
equivalent current sources. The current sources, which are dependent on the
particle energy distribution functions, constitute the forcing functions of
the charging model equations. At present, the plasma generated current sources
are assumed to have a single, omnidirectional Maxwellian energy distribution
with time-independent parameters for the duration of the subsystem. However,
the model can be easily modified to consider a "two- Maxwellian" energy
distribution plasma representation as well as field-aligned fluxes. The
approach to accomplish this is discussed in a later section.

The electrical model defines the lumped element equivalent circuit
representation of the spacecraft surfaces with respect to the electrostatic
charging phenomenon. The plasma model and electrical model are combined to
form the non-linear spacecraft charging equations. The spacecraft geometrical
model defines the spacecraft outer surfaces in terms of approximate planar
surfaces and curved surface projections and defines the vertices of all planar
and curved surfaces in terms of a spacecraft reference coordinate system. The
solar/earth/orbital model determines the location of the spacecraft with
respect to the sun and the earth. The geometrical model and the
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solar/earth/orbital model are combined to determine the variation of the sun-
illumination conditions of the outer surfaces with respect to orbital
position.

To complete the modeling, the surface material properties and
configuration are defined. The surface material properties that are most
important in a spacecraft charging analysis are the relative dielectric
constant; the variation of the surface resistivity with respect to electrical
stress level; and the variation of the bulk resistivity with respect to
e'ectrical stress level. The material configuration definition describes the
location of the various thermal blanket and surface coating materials.

A more detailed description of the program is given in reference 1.

MATERIAL AND GEOMETRIC CONFIGURATION

DSCS-III is a three-axis stabilized spacecraft operating in a
geosynchronous orbit. The spacecraft has two nineteen beam transmit multiple
beam antennas, a sixty-one beam receive multiple beam antenna, two earth
coverage receive antennas, two earth coverage transmit antennas, a gimballed
cisi transmit antenna (GDA), and a receive antenna and a transmit antenna for
the Single Channel Transponder (SCT). The main body of the spacecraft is
almost cube shapea with the approximate dimensions shown in figure 2. Also
showtn in figure 2 is the outer thermal blanket material and coating
cOnt iguration. A summary of the thermal blanket material properties and
locations is given in table 1. To prevent the fiberglass structural parts of
the SCT antennas from becoming a source of ESD, the fiberglass surfaces were
coated with conductive Indium Tin Oxide (ITO). The thickness of the conductive
coating was chosen to promote a gradual depletion of the surface charge te the
s'ructure with minimal effect on the RF performance of the SCT antennas. From
similar coating processes it has been found that a minimum total surface
-sistance of 500 K 0 can be expected for ITO. The bulk resistivity values
!isted in table 1 are the values measured at a low voltage level; however, the
actual bulk resistivity characteristics, i.e., bulk resistivity as a function
of the potential across the material, were employed in the analysis. A summary
ot the areas of the outer thermal blanket materials and coatings is given in
table 2. The amount of exposed structural metal is also listed as well as
those surfaces that are never exposed to direct radiation from the sun, i.e.,
the "permanently shadowed" areas.

PLASMA PARAMETERS AND SPACECRAFT CHARGING EQUATIONS

Recently there has been considerable effort to refine and expand the
plasma substorm environmental data base, that is, the diurnal variation of the
parameters that characterize the plasma substorm particle density and energy
distributions. In particular, the Air Force Geophysical Laboratories (AFGL)
has established a computer based plasma substorm parameter data file (ref. 2)
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which contains parameters for a "one" Maxwellian or "two" Maxwellian
approximation to the actual measured plasma distribution. AFGL supplied the
Space Division with a representative range of plasma substorm parameter
values. Part of the information supplied was a single Maxwellian distribution
function approximation of the actual measured particle density and energy
distributions. The single Maxwellian distribution approximation parameters
were used in the ESCAP program. The range of plasma particle temperatures and
current densitites supplied by AFGL and the range of secondary and
photoemission parameters obtained from the literature are presented in table
3.

Also shown in table 3 are the parameter values selected for use in the
ESCAP program. Three levels of substorm activity were established: mild,
moderate, and severe. Since the electron particles have the greatest influence
on spacecraft charging, the electron current density and energy values were
used to classify the substorm. Spacecraft charging results were obtained for
all three levels of substorms; however, only the results for the severe
substorm will be presented herein.

The equivalent plasma and photoemission generated. current sources were
derived in reference 1 and are based on a "single Maxwellian" approximation to
the actual plasma particle energy distribution functions. Incident protons and
electrons as well as secondary electrons and photoelectrons were considered in
the plasma model. For a large dielectric surface, the current forcing function
will have the general form (see ref. 1)

IDMV (JPoeV/P) (1 + fpde~T) + (Jpho)d (o ze/~

+j V/Te) (f ede- V )J/A(1

where I is the total positive current into a large dielectric surface, A is
the aria of the surface, J is the average ambient electron current density
incident to a neutral surface, J is the average ambient proton current
density incident to a neutralPurface, ho)d is the average photoelectron
current density emitted from an illuminated eutral dielectric surface, V is
the absolute potential of the dielectric surface, Te is the equivalent
temperature, expressed in volts, of the Maxwell-Boltzmann (M-B) distribution
approximating the plasma electron energy distribution, T is the equivalent
temperature of the M-B distribution approximating the plsma proton energy dis-
tribution and is expressed in volts, Ts is the equivalent temperature of the
M-B distribution representing the energy distribution of the secondary emission
electrons and is expressed in volts, T h is the equivalent temperature of the
M-B distribution representing the energy distribution of the photoelectrons ex-
pressed in volts, fed is the secondary electron emission coefficient for elec-
trons incident to a dielectric surface, fpd is the secondary electron emission
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coefficient for protons incident to a dielectric surface, and i Is the sun
aspect angle for the dielectric surface.

The above equation must satisfy the following condition

1 if s = +1 and V > U; otherwise leave unchanged

eSV/X

1 if s = -1 and V<O; otherwise leave unchanged

The sun aspect angle, a , is the angle between the sun-line and the surface
normal vector and

cosa ~cos a for 1,1<lr12
0 for >w/2 (self-shadowing conditions) (3)

The positive current flowing into the metallic structure is (see ref. 1)

IM(V) = AMT po(l + V )V/TP( + fpme s)

+ AMTeoe e - (1 + IV/Tel)

•m -'V/Tp

+ Ai( ) (cos ai)e ph (4)L. Mi pho m
i=1

where equations (2) and (3) hold for the above equatioR and A is the total
exposed metallic area, AMi is the exposed area of the i metal1Tc surface, m
is the totfi number of exposed metallic surfaces, c. is the sun aspect angle
for the i metallic surface, f is the secondary electron emission
coefficient for protons incident tBma surface, metallic f is the secondary
electron emission coefficient for electrons incident to a eMetallic surface,
and the following holds for the small area correction terms
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( + V/Tp) for V>-O(1 + VT~p) =
(5)

1 for V<O

(I + (V/Tel) = ( + I V/Tel) for V<O (6)

1 for V >0

The lumped element, equivalent electrical circuit representation of the
spacecraft outer surfaces with respect to the electrostatic charging
phenomenon was derived in reference 1 and is shown in figure 3. The steady-
state spacecraft charging equations for the simplified circuit of figure 3 are
given by

Vl  - VI

RI (V l Vo) 0 I(V l )

Vn - V
Rn (V - V) n (Vn) (8)

iF= II 1 0

i=0
It has been assumed that there are n outer surfaces. The ith surface has an
absolute potential of Vi volts and each surface, or node, has a corresponding
plasma and photoemission generated current source, I., having the general form
of equation (1). The spacecraft structure has an absolute potential of V
volts and I is the plasma and photoemission generated current source into th
exposed meiallic surfaces and is given by equation (4). Equations (7) and (8)
in general, will be non-linear since the leakage resistances are non-linear
functions of stress level (V. - Vo ) and the plasma currents are non-linear
functions of stress level also, I.e., voltage dependent current sources.

The number of equations, n, is a function of both the number of surfaces
with different materials and with different sun illumination conditions, i.e.,
the number of surfaces with different orientations with respect to the
spacecraft reference coordinate system. The solution of this set of n
simultaneous nonlinear equations is discussed in a later section.
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SPACECRAFT CHARGING RESULTS

Spacecraft charging results were obtained for the peak of the winter-
solstice and fall-equinox orbital periods for a severe substorm. It was
assumed that the plasma substorm had a duration of nine hours starting at
23:00 LT and ending at 8:00 LT. The extremes of spacecraft response are
obtained during these two orbital periods. For example, during equinox the
spacecraft will experience eclipse conditions (total-shadowing) and the
spacecraft structure achieves its highest negative potential; whereas during
winter-solstice the spacecraft structure achieves its lowest negative
potential. The latter condition results from the fact that the South Panel has
more exposed metal than the North Panel and that during winter-solstice the
South Panel is illuminated by the sun. The OSR coverglass material exhibited
the greatest steady-state potential difference, i.e., the potential difference
between the outer surface and the spacecraft structure. The steady-state
potential differences of the above material as well as the absolute potential
of the spacecraft structure during a severe substorm are listed in tables 4
and 5, for fall-equinox and winter-solstice, respectively. It can be seeen
from these tables that the spacecraft structure achieves a maximum negative
absolute potential of -14 kV during eclipse and a minimum negative absolute
potential of -170 V during winter-solstice. The OSR coverglass material
achieves its greatest potential difference during winter-solstice. The
steady-state absolute potentials of all of the spacecraft outer surfaces for a
severe substorm are shown in figures 4 and 5 for fall-equinox and winter-
solstice at 8:00 LT, respectively.

A summary of the maximum steady-state potential differences achieved by
all of the outer surfaces during the fall-equinox and winter-solstice orbital
periods is listed in table 6. It can be seen from table 6 that the OSR
coverglass achieved the highest steady-state potential difference, 5200 volts.
Because of the potential differences attained by the OSR coverglass, this
material may be a possible source of ESD and the OSR coverglass material will
be the only steady-state source of ESD during a severe substorm. Electron
bombardment tests of this material have indicated that low-level, observable
discharges will occur at potential differences on the order of 7 kv. In order
to assess the effects of the ESD produced by the OSR coverglass on the
performance of the DSCS-III system both the radiated ESD field levels and the
rate of ESD had to be determined. Measured values of the magnitude of radiated
ESD fields are presented in reference 3 and an estimate of the probabilistic
occurrence rate of ESD is derived in the following section.

Finally, it should be mentioned that the above spacecraft charging
analysis considered only the steady-state potential differences. It is
possible for the solar array coverglass to produce ESD because of transient
potential differences between the coverglass and the spacecraft metallic
structure. However, these discharges, if any, will be produced only during
severe substorms and only when the spacecraft enters and exits eclipse.
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ESD PROBABILITIES OF OCCURRENCE

In order to determine the probabilities of occurrence of ESD from OSR
coverglass, a sample of the material was subjected to electron bombardment
tests to simulate a severe substorm environment. The OSR Glass was bombarded
with electrons having an accelerating potential of 2UKeV and a density of
1.5na/cm • This current density value is about twice the maximum electron
current density of any plasma substorm that has been measured up to the
present time. Discharges were observed at the rate of about one every twenty
seconds. Since there are twenty separate sections of OSR glass on DSCS II
(each section consisting of hundreds of cells of OSR glass) and since each
section can discharge independently, a binomial probability density function
was used to characterize the statistical occurrence of ESD from OSR
coverglass. Thus, the probability of k discharges in A t seconds is

P(k) = (n) pkq n-k (9)

where P(k) is the probability of k discharges in At seconds, n is the number
of sections of OSR glass, 2U, p is the probability of a discharge occurring in
At seconds and q is the probability of no discharge in At seconds. For

the OSR cover glass there results

P t

- T

q = p = (l-p) (10)

where T is the periodicity of a discharge for one section of OSR glass and is
equal to about 20 seconds for the simulated substorm. The probability of m-or-
more discharges occurring in one second is the complement of the probability
of (m-1)-or-less discharges occurring and from equation (7) is given by

m-1
Pr(m-or-more discharges) = 1-Pr((m-l)-or-less discharges) = 1- Y P(k) (11)

k=O

Using equation (11), the ESD probabilities of occurrence were computed for
one-or-more up to ten-or-more discharges occurring randomly in one second and
the results are presented in table 7. It can be seen from table 7 that the
probability of ten-or-more discharges occurring per second is extremely
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remote; whereas, there is a high probability that at least one discharge will
occur each second.

In the above formulation it has been assumed that each section of OSR
glass, independent of the number of cells per section, will have the same
discharge rate as the nine cell sample that was tested. This assumption is
valid if there is a tendency for most of the cells to be affected by the
discharge process.

Variation of Differential Potential with Secondary Emission

In the simplified spacecraft charging approach presented herein, the
secondary electron emission coefficients were assumed to be a constant value,.5 for metals and .75 for dielectrics. To determine the sensitivity of the
steady-state solutions with respect to the secondary emission coefficient,
steady-state charging solutions for OSR coverglass were obtained for secondary
emission coefficients ranging from .5 to .95. The results for eclipse and at
winter-solstice, 8:00LT are shown in figure 6 along with the absolute
potential of the spacecraft structure for the winter-solstice orbital period
at 8:00 LT. It can be seen in figure 6 that for eclipse as the secondary
emission coefficient increases the coverglass becomes increasingly more
positive with respect to the S/C structure. This is to be expected since as
the secondary coefficient increases there is more net positive current flow
(less negative current flow) into the dielectric materials than into the
metallic structure which has an assumed secondary emission coefficient of .5.
Whereas, during winter-solstice at 8:00 LT as the coefficient decreases, the
coverglass, which is self-shadowed, becomes increasingly negative with respect
to the structure. As the coefficient decreases there is less net positive
current flow (more negative current flow) to the OSR coverglass. The
structural potential also becomes more negative as the secondary coefficient
decreases; however, it is strongly affected by the photoemission currents both
directly and indirectly.

ESCAP Code Improvements

Recent improvements have been incorporated in the ESCAP code to decrease
the comuter time needed to execute a steady-state solution. From equations (7)
and (8) the steady-state equations can be written as

- (Vi Vo . 0 (10)

for l<_i<-n, and

m
E i 1 0 ( I

i=O

166



The solution to this system of equations can be viewed as an optimization
problem where equation (11), which represents a current balance condition,
must be minimized while simultaneously satisfying the set of n nonlinear
equations (10) which can be considered as constraint equations on the current
balance condition. If the structural potential, V0, is considered as an
independent variable and the n surface potentials as dependent variables, then
for a given value of Vs (structural absolute potential), a of each of the n
variables V., for 1 i:n, can be found from (10) and the validity of the
current balance value can be determined from (11). Since all of the terms of
the left side of (10) are well-behaved, monotonic functions, a unimodal single
variable sequential search technique (ref. 4) can be used to solve (10) for V.
when given a value of V , i.e., that value of Vi which minimizes (10) for
given value of V i? the desired solution. Since (11) as a function of V
represents the sum 8f monotonically decreasing or increasing functions, i?
also will be a unimodal function of V . Consequently, a single variable search
technique can also be used to find that value of V which minimizes (11). This
value of V0 represents the desired solution. 

0

The Fibonacci sequential single variable search technique (ref. 4) was
employed to minimize (solve) equations (10) and (11). The total range of
possible surface potential values was divided into two regions and the search
was conducted in one of these two possible regions for each surface. For
surfaces with a positive or low negative potential, the range of potential
values from +1OV to -200V was iteratively searched. Within only twenty-two
itegations the interval of uncertainty was reduced to .007 (a factor of 3 x
10- ). For surfaces with a high negative potential the range of potential
values from -200V to -40,OOOV was iteratively searched. Within only twenty
ite;ations the interval of uncertainty was reduced to 3.5V (a factor of 10- ).
In the process of solving equations (10) and (11) by this approach it was
found that the final net current incident to the total outside surface was a
factor of 10 less than the initial net current flow to the spacecraft. It
should also be noted that the search process produced the same solution after
starting the search at a number of different initial starting points; this
confirmed the unimodality assumption. In addition, the code has been
programmed such that it can automatically determine which of the two regions
should be searched for a particular surface, and the polarity of that surface.

Recently it has been proposed in reference 2 that the actual plasma
particle current densities and energies could be adequately represented by a
sum of two or more Maxwellian distributions. As can be seen from the S/C
charging equations given previously, the form of the equations can readily
accommodate two or more Maxwellian distributions and associated parameters. In
addition, field-aligned fluxes can be included by simply altering the current
sources, to the particular surfaces of the S/C that are affected by the field
aligned flux. The modified spacecraft charging equations would then have the
form

I
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R1 Vl-V 0 ) j lj

vv° I + (12)
Ri(Vi-V o ) = j ii f

110

Vk-Vo 0

Rk(VkVo) =i kj + fk

Vn- V 0

R V-V) j ni

where the plasma generated net current flow tha surface is~represented by a
sum of j Maxwellian distributions and the i through k"" surfaces are
affected by field aligned fluxes represented by an If equivalent current
source. The above modifications to the spacecraft charging equations represent
possible future improvements in the ESCAP code.

CONCLUSIONS

This paper has presented steady-state spacecraft charging results for the
DSCS-1II satellite during the equinox and winter-solstice orbital periods for
a severe geomagnetic substorm. It was shown that only one of the outer
dielectric surface materials, the OSR coverglass, could be a possible source
of ESD in the steady-state. Conductive coatings have been used to control ESD
on the dielectric structural parts of antennas operating at low frequencies.
Silica cloth materials and blankets have been used to control ESD on most of
the surfaces of the spacecraft. It was found that the steady-state solutions
were strongly dependent on the value of the secondary electron emission
coefficient.

At present, the computer model uses a single Maxwellian approximation to
the actual plasma distribution and the substorm is assumed to be time-
independent for the duration of the substorm. However, the spacecraft charging
equations can easily accommodate a "two Maxwellian" approximation to the
actual plasma distribution as well as field-aligned particle fluxes. Once the
geometrical, electrical, and material configurations of a spacecraft have been
defined and entered into the code, the steady-state solutions can be obtained
at every hour over the orbital period from 23:00 LT to 8:00 LT with a small
amount of computer execution time (typically 3-5 minutes).
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Table 2. Surface Area Summary

SURFACE
IDENTIFICATION MATERIAL AREA (CM 2 )

1. BACKSIDE #527 SILICA BLK. 52,075

EXPOSED METAL 709

2. WEST PANEL #527 SILICA BLK. 33,264

EXPOSED METAL 842

3.' NORTH PANEL #527 SILICA BLK. 26,411

OSR GLASS 19,286

EXPOSED METAL 2,486

4. SOUTH PANEL #527 SILICA BLK. 48,174

OSR GLASS 7,200

EXPOSED METAL 2,713

5. EAST PANEL #527 SILICA BLK. 33,337

EXPOSED METAL 1,118

6. EARTH SIDE #527 SILICA BLK. 18,766

#570 SILICA CLOTH 6,453

#570/550/581 CLOTH COMPOSITE 23,596

FIBERGLASS WITH ITO 37

EXPOSED METAL 3,958

7. SOLAR ARRAY COMPOSITE 116,968

& SOLAR ARRAY
SUN SIDE #527 SILICA CLOTH (YOKE) 4,843

8.

SOLAR ARRAY CHEMGLAZE (INCLUDING YOKE) 122,649
DARK-SIDE

11. PERMANENTLY #527 SILICA BLK. 8,860

SHADOWED AREAS FIBERGLASS WITH ITO 289

EXPOSED METAL 10,681
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Table 3. Photoemission, Secondary Emission and
Omnidirectional Plasma Parameters

PARAMETER TYPICAL RANGE VALUE SELECTED

Tph 1 V Tph _ 3V 2 V

T 2 V T 4 V 2 V

n0 , 1 0.5

ed 0 , fed 0 1 0. 75

np 0 ip p . 1 0.5

fp fp s ! 1 0.75

Te  1KV s T 7.0K' 2.2KV 0MILD SUBSTORM)
5.3KV (MODERATE SUDSTORM)
7.0KV (SEVERE SUISTOHM)

T 2.SKV i T P 10.4KV 3.0 KV (MILD SUBSTORM)
5.8 KV (MODERATE SUBSTORM
8.8 KV (SEVERE SUBSTORM)n/c2 •2ph

JphO  0.82 n 'cm 2 J p 4 na/cm
2  

3 nm em 
2  

METAL)
0.9 na/cn1

2 
(DIELEC'rHICS

)

0.004n&/cm 
2 

.J* 0.8 na/cm
2  

I.ona/CM
2 

(MILD SU BSTORM)
0 0.5n&/cm

2 
(MODERATE SUIBSToRMN

0. 5na cm
2 

(SEVERE SUIBSTOIIM)

4Po 2pat/cm
2 •  

S 
• 

28 pa/cm
2  

18. 5pacm (MILD SULSTORM)

lOpa/em
2 

(MODElATE SUI'I'STORM)
lOpa/cm2 

(SEVERE SLB.;TOHM)

THESE PARAMETERS REPRESENT A SINGLE MAXWELLIAN DISTRIBUTION
APPROXIMATION TO THE ACTUAL MEASURED PARTICLE DENSITY AND ENERCY
DISTRIBUTIONS. PARAMETER VALUES WERE SUPPIED BY THE AIR FORCE GEO-
PHYSICAL LABORATORY, HANSCOM AFB, MASS.

Table 4. Summary of Steady-State Results For
A Severe Substorm During Fall-Equinox

MATERIAL WITH THE MAXIMUM POTENTIAL ABSOLUTE
DIFFERENCE POTENTIAL 01'

LOCAL S/C STRUCTURE
TIME OSR GLASS ON NORTH AND SOUTH PANELS (VOLTS)

23:00 - 5160 - 240

24:00 160 - 14160
(ECLIPSE)

1:00 - 5160 - 235

2:00 - 5165 - 210

3:00 - 5165 - 205

4:00 - 5165 - 210 4

5:00 - 5165 - 220

6:00 - 4780 - 1490

7:00 - 5165 - 220

8:00 - 5170 - 200
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Table 5. Summary of Steady-State Results For A
Severe Substorm During Winter-Solstice

MATERIAL WITH THE MAXIMUM POTENTIAL ABSOLUTE
DIFFERENCE (VOLTS) POTENTIAL OF

LOCAL S/C STRUCTURE
TIME OSR GLASS ON NORTH PANEL (VOLTS)

23.00 - 5175 - 175

24:00 - 5170 - 190

1:00 - 5175 - 175

2:00 - 5200 - 170

3:00 - 5175 - 175

4:00 - 5170 - 180

5:00 - 5170 - 180

6:00 - 5170 - 200

7:00 - 5170 - 180

8:00 - 5175 - 175

Table 6. Summary of Maximum Potential Differences of Outer
Surfaces During a Severe Geomagnetic Substorm

MAXIMUM
POTENTIAL DIFFERENCE BETWEEN

SURFACE AND S/C STRUCTURE (VOLTS)

1. BACK-SIDE NO. 527 SILICA CLOTH -220
BLANKET

2. WEST PANEL, NO. 527 SILICA CLOTH .170(

BLANKET

3. NORTH PANEL, NO. 527 SILICA CLOTH -170

BLANKET

4. NORTH PANEL, OSR GLASS COMPOSITE -5200

5. SOLITH PANEL NO. 527 SILICA CLOTH 190
BANKET

6. SOUTH PANEL, OSR GLASS COMPOSITE -5202

7. CAST PANEL. NO. 527 SILICA CLOTH 230

BLANKET

P. EARTH SIDE, NO. 527 SILICA CLOTH 225

BLANK
F
'

q. ARTH SIDE[, NO. 570 SILICA CLOTH 240

Id. FABTH-SIDE, NP. 570/550/581 SILICA -2O
CLOTH COMPOSITE

I. [ARTH-SIDE, CONDUCTIVELY COATED FIBERGLASS -2

1?. SOLAR ARRAY, SOLAR ARRAY COVER GLASS 1500

11. SO AR ARRAY, CHEMGEAIF PAINT -1370 "

14 PERMANINT1Y SHADOWED. CONDUCTIVITY COATED
R IBFRGLAS'

I5. P[RMANENTIY SHADOWFD, NO. 527 .

51LCA r!nTH
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Table 7. ESO Probabilities of Occurrence For the
OSR Glass Composite Material During A Severe
Subs torm* ______________ ____

NO. OF ESD DISCHARGES
OCCURRING AT RANDOM

TIMES IN ONE SECOND PROBABILITY OF OCCURRENCE

1 0.642

2 0.264

3 0.0755

4 0.016

5 2.6 x 10-3

6 3.3 x 1-

7 3.4 x 10-5

8 ~3 x 10-6

9 2 x 10-7

a 10 1 x 10-8

*THE SEVERE SUBSTORM WAS SIMULATED BY BOMBARDING THE
OSR GLASS MATERIAL SAMPLE WITH 20 KeV ELECTRONS HAVING
A CURRENT DENSITY OF 1. 5 NA/CM 2

PLA SM A____________________________

FigEL N.Saerf hrigMdlFO ChAR
174ECAF
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BACK OF SOLAR ARRAY:
SOLAR ARRAY CHEMGLAZE PAINT
COMPOSITE:
COVER GLASS ON
TOP OF SOLAR
CELL WITH MICA
SUBSTRATE

527 SILICA CLOTH

"41,'~ OSR GLASS ON NORTH

570 550 581 -~AND SOUTH PANELS

COMPOSITE ON 527 SIIC CLOT
61 MBA 57SLC LT

19MBA- IBLANKET ON EAST,
I9MBA-2 WEST, AND BACKSIDE

CLOTH ON GDA -

AND EARTH
COVERAGE HORNS

FIBERGLASS
STRUCTURAL PARTS
ON SCT TX AND
SCT RX ANTENNAS
(COATED WITH CONDUCTIVE

ITO)

SURF ACE
ELEMENTS

STRUCTURE R1 0/

SOURCESOURCEV

C C,1  $PLASMA
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FALL-EQUINOX SUBSTORM:

8:00 LT 7 KEV

0. 5X 10-9 A

lie CHEMGLAZE = -1560

SOLAR ARRAY-- 0V
COVER GLASS BACKSIDE - OV

NORTH PANEL 527 =-365V

NORTH PANEL

EAST PANEL 0V
527- LI.._.. .--- WEST PANEL = -365V

-365V

570
COMPOSITE -490V

i SOUTH PANEL

SCT 527 = -365V

FIBERGLASS OSR -5370V
-= -198V

PERMANENTLY 570 = -420V
SHADOWED
527 - 358V

ILLUMINATED SIDESMAX AV~ -5170V

OSR GLASS ON NORTH BACKSIDE
AND SOUTH PANELS EAST PANEL

Figure 4. Steady-State Absolute Potentials of DSCS.-III
at 8:00 L.T. (Fall-Equinox) For A Severe Substorm
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WINTER-SOLSTICE SUBSTORM:

8:00 LT 7 KEV
0.5X 10- 9 A

CHEMGLAZE = -1540V

SOLAR ARRAY
COVER GLASS ;- OV

BACK SIDE; 0V
NORTH PANEL
OSR =-5350V

NORTH PANEL #527
=-340V

EAST PANEL OV

527 = -340V

570 COMPOSITE W P
-467V

SCT
FIBERGLASS -175V 527 - 0V

AOSR 0V

PERMANENTLY 570 = -400V
SHADOWED
527 -340V

ILLUMINATED SIDES:
ESTH PANEL

MAX AV -5175 V SOUTH PANEL

OSR GLASS ON NORTH PANEL BACKSIDE

Figure 5. Steady-State Absolute Potentials of DSCS-III
at 8:00 L.T. (Winter-Solstice) During A
Severe Substorm.
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7.0

8.0

0

5.0

4.0

w 3.0

-C ECLIPSE (POSITIVE

ABSOLUTE POTENTIAL OFPOETADIERNE

SPACECRAFT METALLIC
STRUCTURE: (WINTER

w . SOLSTICE) (NEGATIVE

11 POTENTIAL) WINTER SOLSTICE 8:00 L.T.
(NEGATIVE POTENTIAL
DIFFERENCE)

0_
0.0 0.6 0.7 0.8 0.8 1.0

SECGOARY ELECTR0IK EMISSION COEFFICIENT

Figure 6. Variation of Steady-State Differential
Potential As A Function of Secondary
Electron Emission Coefficient
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PREDICTION OF ION DRIFT EFFEC.TS ON SPACECRAFT FLOATING POTENTIALS*

Jen-Shih Chang, S.M.L. Prokopenko, R. Godard and J.G. Laframboise
Centre for Research in Experimental Space Science and Physics Department

York University

ABSTRACT

The plasma environment of high-altitude spacecraft has been observed to
involve ion drift velocities which sometimes become comparable to ion mean
thermal-speeds. Such drifts may cause an electrically isolated spacecraft
surface to float at a substantially increased negative potential if it is simul-
taneously shaded and downstream relative to the drift direction. We present a
calculation of upper and lower bounds on such potentials for a spherical
spacecraft, based on the fact that ion collection on the spacecraft at its
downstream point is bounded above by the corresponding current which would be
collected if the spacecraft were an equipotential (i.e. were more attractive
for ions elsewhere on its surface than it is in reality) and bounded below by
the corresponding result for a sphere at space potential. The results show
that (1) the ion speed ratio at which drift effects become "important" (i.e.
change the floating potential by at least 10%) can be as low as 0.1, and may be
decreased if the ambient electrons are non-Maxwellian; (2) the effects of ion
speed ratio increase with increasing ion-to-electron temperature ratio; (3)
negative floating potentials for drifting Maxwellian ion velocity distributions
with speed ratio unity are typically about twice as large as the corresponding
potentials for nondrifting conditions.

INTRODUCTION

If a spacecraft is exposed to ambient ions whose drift velocity U is
comparable to or larger than their most probable thermal speed [ion speed
ratio Si = U/(2kTi/mi)z 1, where k is Boltzmann's constant and mi and Ti are
ion mass and assumed ion temperature], a large decrease in ion flux ii to
downstream surfaces will occur. Unless such surfaces are able to expel surplus
incident electron fluxes, e.g. by photoemission, their floating potentials will
become substantially more negative as a result. If the ambient electron
temperature Te is simultaneously large, or more generally the ambient electron
energy distribution has a significant high-energy component, then large absol-
ute increases in negative floating potentials will occur, with correspondingly
increased arcing hazards. Even if Te is relatively small, such effects may
influence surface potentials enough to disturb particle and field measurements.
Si values of order unity may be reached in the Earth's outer magnetosphere
(Mauk 1975; DeForest 1977, Figs. 6 and 8); larger values are likely in the
outer Jovian magnetosphere and magnetosheath (Goldstein and Divine 1977), and
in the solar wind (Dessler 1967, Axford 1968, Manka 1973). In both outer

*work supported by the U.S. Air Force Office of Scientific Research under

grant number AFOSR-76-2962.
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magnetospheres, electron distributions having substantial high-energy compon-
ents have been observed (DeForest and Mcllwain 1971, Goldstein and Divine 1977).

A calculation of ion drift effects on the floating potential of the lunar
surface has been done by Manka (1973), using a local-current-balance formation.
Parker (1978) has done exact numerical calculations of floating surface potent-
ials for nonconductive finite cylindrical objects, including photoemission due
to illumination of one end and ion drift parallel to the axis of symmetry.

In this paper, we have done an approximate calculation of ion drift
effects on the floating potential of a shaded, downstream, electrically isolated
surface element on a spherical spacecraft (Fig. 1), using a local-current-balance
formulation which yields upper and lower bounds on such potentials. This
formulation is an adaptation of that of Prokopenko and Laframboise (1977). The
basis of the calculation is as follows: if one compares, on one hand, a
situation wherein the entire spacecraft is at the same potential as the surface
element in question, with, on the other hand, a more realistic situation where-
in the rest of the spacecraft is at a less negative potential (Fig. 2), then
in the latter case, the potential well surrounding the surface element will be
steeper and less spatially extended, and the ion collection will in general be
decreased. When Si 0, this argument is subject to qualifications not present
in the nondrifting case, for which it is rigorously true in a wide range of
conditions (Laframboise and Parker 1973, Laframboise and Godard 1974). In
particular, one can envision hypothetical asymmetric sheath potentials which
would cause a high-speed-ratio ambient ion distribution to be focused onto the
downstream point. We exclude such cases in what follows.

The most extreme example of steepening would be a potential profile
which was equal to space potential almost to the spacecraft surface, then fell
discontinuously to surface potential. In this limit, the surface element in
question would collect just the downstream space-potential current correspond-
ing to the given ion speed ratio. The downstream-point current-density values
corresponding to a unipotential sphere at, respectively, the potential of the
surface element and space potential may therefore be regarded as upper and
lower bounds on the actual current collection at that potential, the upper
bound being subject to the above-mentioned qualifications. The resulting
values of local floating surface potential may correspondingly be regarded as
upper and lower bounds on more realistic values of this quantity. The
above-mentioned upper and lower bounds on current correspond, respectively, to
the "three-dimensional" and "one-dimensional" velocity-space cutoffs considered
by Prokopenko and Laframboise (1977) for nondrifting situations.

THEORY OF LOCAL ION COLLECTION ON A UNIPOTENTIAL SPHERE

We assume a collisionless plasma with a drifting Maxwellian ion velocity
distribution and negligible magnetic field, containing a fully charge-absorbing,
unipotential, spherical electrode. We assume that Debye length ND >>
electrode radius rs. In the resulting spherically symmetric Laplace potential
cp(r) = cpsrs/r, the nondimensional ion current density at the electrode surface
is (Godard 1975, p. 31)
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= exp(- -2Sj COS cs- S i)I 0 (2Si 
2 sin4 sin e)dQ d$

max(O, ys) 0 (2.1)

where X = qcps/kT, E/kT, =L2/(2mr2 kT), j=J/[Nq(kT/2Tmr) 2 , fI ° is themodifieg Bessel function of zero order, N,,, is numberc density far from the

electrode, p is angular surface position coordinate measured from the upstream
direction, e is change in direction of the radius vector of a particle as it
moves from infinity to radial distance rs, and e is related to particle energy
E, angular momentum L, charge q and the potential profile (p(r) by the following
expression (Goldstein 1950, Ch.3):

0 = Jf Ldr/[r 2 [2mE - 2mq0(r) - L2/r21} (2.2)
r

s

We have computed Ji by integrating Eq. (2.1) numerically. For the given
Laplace potential, Eq. (2.2) can be integrated analytically. We obtain

0 = sin-1 [ (202+ x()/()e + 46s)) ] - sin-1 [)/(s + 4$, ]  (2.3)

For space potential (X s= 0), Eq. (2.1) can. be integrated analytically.
The result is (Tsien 1946)

=T S i cos p [1+ erf(S i cos4 )] + exp(-S2 cos 2 .) (2.4)Jii

Figure 3 shows results obtained for the ion current density ji. at the
downstream point p= T, as a function of Si, with ys as a parameter, where Xs=e(Ps
/kTi  O and e=-qi. As expected, ji, decreases with increasing Si and increases
with increasing Xsl. In Fig. 4, the same results are graphed logarithmically as
functions of Xs . Figure 4 shows that these results may be approximated with an
error < 5Z by power-law relations of the form

Jir(Xs) = ji((s= 0)+A7IXsK " Xs 0 (2.5)

The resulting Si dependence of the coefficients AT, a and B, Ji (Xs 
=O

is shown in Fig.5.

RESULTS AND DISCUSSION

Upper and lower bounds on negative downstream-point floating potentials
for a shaded, isolated surface element, obtained by numerical solution of the
equation Ji+ Je= 0, are shown in Fig. 6 for various ion-to-electron temperature

ratios e= Ti/Te. Here we have assumed that ambient electrons are Maxwellian,
and that ii is given alternatively by Eq. (2.5) with Fig. 5, and by Eq. (2.4),
yielding upper and lower bounds on ion current, corresponding respectively to
"three-dimensional" and "one-dimensional" ion velocity-space cutoffs (Sec. 1).

We have also assumed that secondary, backscattered, and photoemitted electron
currents are zero. The lower-bound results are subject to the qualifications
noted in Sec. 1. The dashed lines in Fig. 6 represent floating potentials for

the nondrifting case Si= 0. At ion speed ratios larger than those shown, the
situation becomes complicated by electron speed ratio effects, especially at
larger values of C. In Fig. 6 we see that at larger values of 6, effects of Si
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become important at smaller Si values.

In Fig. 7, upper and lower bounds are shown which are similar to those of
Fig. 6, except that instead of Maxwellian electron velocity distributions, we
have used the "quiet" and "disturbed" electron distributions measured by Shield
and Frank (1970) and DeForest and McIlwain (1971) respectively in the Earth's
outer magnetosphere, and approximated by Knott (1972), as described by
Prokopenko and Laframboise (1977) and Laframboise and Prokopenko (1978). The
ion temperatures used arelll.6 eV and 2.43 keV, respectively. These values
were obtained by integrating the electron velocity distributions to find Ne.,
equating Ni= to the result, then assuming that the ions were Maxwellian and
that the ratio of ion to electron random fluxes was 0.025. This procedure
differs from that used by Knott (1972) and Prokopenko and Laframboise (1977),
in which an ion-to-electron random flux ratio of 0.025 and an ion temperature
of 1 keV were assumed simultaneously, thereby violating ambient charge
neutrality in general. The corresponding electron mean energies are 270 ev
and 8.78 keV. The method used for calculating electron currents is described
in Prokopenko and Laframboise (1977). We see that Si effects become important
at smaller Si values in "quiet" magnetospheric conditions. The ratio of ion to
electron mean energies implied by the above data is also larger in "quiet" con-
ditions, corresponding to the dependence of Si effects on e noted in Fig. 6.
The "quiet" and "disturbed" distributions also differ substantially in shape
(Knott, 1972, Figs. I and 2b). The onset of "significant" drift effects (i.e.
floating potential changes ' 10%I) is seen to occur at Si values as low as 0.1,
depending on conditions. it occurs at- tower Si values in the presence of the
"quiet" distribution than in any of the other cases shown in Figs. 6 and 7.

In Figs. 6 and 7, negative floating potentials for Si= 1 are in most cases
about twice as large as the corresponding potentials for nondrifting situations.
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Figure 1. Spherical spacecraft with downstream point (relative to ion drift

direction) shaded.
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Figure 2.(a) Hypothetical symmetric equipotentials around a spherical
spacecraft (b) nonsymmetric equipotentials around the same spacecraft.
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00/ O
00/ 0/ //0

Figure 3. Nondimensional downstream-point ion current density
ji r = Ji,/[N,,e(kTi/2,rmi) ] as a function of ion speed ratio Si = U/(2kTi/mi)

for various nondimensional surface potentials Xs=escp/kTi, assuming spherical
geometry, zero magnetic field, uniform surface potential, collisionless
large-Debye-length conditions, and drifting Maxwellian ions. For Si - O ,

jir-1I+ 1Xs when Xs<O.

I

/a

0./ ,4

/ /0

Figure 4. Nondimensional downstream-point ion current density Jif as a func-

tion of surface potential X for various ion speed ratios Si, for the same
conditions as in Fig. 3. fie straight lines shown are power-law
approximations.
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Figure 5. Dependence of the power-law coefficients At, B T and (Y, on ion
speed ratio Si.
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Figure 6. Upper and lower boundR on floating potential cp at shaded downstream
point of spacecraft, as a function of ion speed ratio i for various
ion-to-electron temperature ratios C, for Maxwellian electrons and drifting

Maxwellian ions, for 1-dimensional and 3-dimensional ion velocity space

cutoffs.
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Figure 7. Upper and lower bounds on floating potential Cpf at shaded downstream
point of spacecraft, as a function of ion speed ratio Si for "disturbed"
and "quiet" electron velocity spectra representing geostationary orbit
conditions, for 1-dimensional and 3-dimensional ion velocity space cutoffs.
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NUMERICAL CALCULATIONS OF HIGH-ALTITUDE DIFFERENTIAL CHARGING:*

PRELIMINARY RESULTS

J.G. Laframboise, R. Godard and S.M.L. Prokopenko
Physics Department, York University

ABSTRACT

A two-dimensional simulation program has been constructed in order to
obtain theoretical predictions of floating potential distributions on geosta-
tionary spacecraft. The geometry used is infinite-cylindrical with angle
dependence. Effects of finite spacecraft length on sheath potential profiles
car be included in an approximate way. The program can treat either
steady-state conditions or slowly time-varying situations involving external
time scales much larger than particle transit times. Approximate, locally
dependent expressions are used to provide space-charge density profiles, but
numerical orbit-following is used to calculate surface currents. Ambient
velocity distributions are assumed to be isotropic, beam-like, or some
superposition of these. Preliminary results are presented which demonstrate
the readiness of the program to play a useful role in spacecraft charging
studies.

INTRODUCTION

A numerical simulation program has been constructed having the following
features:
(1) infinite circular cylindrical geometry with angle-dependence
(2) floating surface potential distribution found using "quasistatic iteration"
(Laframboise and Prokopenko, 1977) in which sheath potential changes during
particle transit times are ignored
(3) calculation of all incident currents by numerical orbit-following, includ-
ing iterative determination of velocity-space cutoff boundaries for all particle
species
(4) use of simplified charge density expressions, rather than numerical
orbit-following, in solving Poisson's equation for sheath potentials
(5) incident particle velocity distributions isotropic or beam-like
(monokinetic), or some superposition of these
(6) input formats as flexible as possible with regard to inclusion of

(a) velocity distributions of incident particles, photoelectrons,
secondary electrons, backscattered electrons, and gun emissions
(b) internal current pathways including surface conductive layers
(c) surface capacitances.

Detailed rationales for the above features have been given by Laframboise
and Prokopenko (1977). Effects of finite spacecraft length on sheath potential

* Work supported by the U.S. Air Force Office of Scientific Research under
grant no. AFOSR-76-2962.
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profiles can be included in either of two approximate ways which lead to
modifications of the two-dimensional Poisson equation to be solved. We include
here a brief description of these methods, although neither has been used in
obtaining the preliminary results presented in Sec. 2. The first method is
derived by pretending that the circular inner boundary of the computation grid,
which represents the spacecraft surface, is no longer a cross-section of an
infinite cylinder, but rather is a cross-section through the equatorial plane
of a prolate spheroid of polar-to-equatorial axis ratio Lztl. We also assume
that the sheath potential is (for some unspecified reason) independent of the
latitude coordinate perpendicular to this plane. This leads to a modified
Poisson equation of the form2 6X 62 X s inh 2 e Rs

tanh 2  + tanh - + )-2 ( ) (e - ni) (1.1)

where X= eD/kTe, is a radial coordinate in the equatorial plane and is
related to nondimensional radius r=R/Rs, defined in the same plane, by the
relation

r = (L2 - l) sinht , s = Ln [(L+ 1)/(L- 1)], 6 is angular coordinate in

the same plane, Rs is spacecraft radius, XD is Debye length, and ne and ni are
the nondimensional electron and ion densities Ne/New and Ni/Nim, where N. is
ambient density of either species. Use of Eq. (1.1) in place of the usual
polar-coordinate Poisson equation would result in sheath potential profiles
which became increasingly steeper as L decreased, thus allowing for approximate
estimates of sheath potentials around finite cylinders. The limiting case L= 1
would correspond to an assumed spherical geometry without latitude dependence;
the limit L-.c leads to recovery of infinite cylindrical geometry.

The transformation s = in coth leads to the alternative form
I 6

2 X a
2 X sinh2  ( RS 2

cosh2  6 ' + -- - sinh ts XD (e - ni) (1.2)

which contains no first-order terms. For small , s varies logarithmically

with r; for large , s varies as r- .

The second method is derived by first writing the nondimensional Poisson

equation for cylindrical coordinates, which has the form

__ 1 + - + = (DD (ne- ni) (1.3)

Tr r r _r1 + 02 Y' XD
We then assume that X(r,g,z) is periodic in z, such that values of x repeat
after nondimensional distance 21 parallel to the z axis. In particular, we
assume that X(r,9,±L) = some given dependence x (r,O), and that x(r,G,0)=
o(xr,O) to be found. We further assume that 6X/3z= 0 at z= 0, z=t, z=±21,
etc, and that only the lowest Fourier component of the z dependence of x is
present. Then

X[rOOz,= [( ) +X(r,9) ]+ ,(r,)- cos( (1.4)

and, at z= O, we have

= j )EXL~,6)- y,,(r6)J(1.5)

The Poisson equation for Xo(r,G) now becomes

189



1 X0 1 a2 Xo 112
S- r.i -. r - ( XD= ()s(ne- n i ) - X.(r,@) (1.6)

We see that in this Poisson equation, effects of z-dependence are
represented by a homogeneous "Helmholtz" term and a fictitious space charge
contribution. The z-dependence incorporated into this equation could represent
approximately the effects on sheath potentials of finite spacecraft length and/
or features such as conductive circumferential bands. Equations (1.2) and
(1.6) are both solvable by standard methods; both are linear. Both contain
only two (radius and angle) independent variables.

Other numerical simulations of the high-altitude spacecraft charging
problem include those of Katz et al.(1977) for a wide variety of
three-dimensional geometries, Parker (1978a) for finite circular cylindrical
geometry with azimuthal symmetry, and Parker (1978b) for the three-dimensional

disturbed region around a thin rectangular plate. All of these treatments use
quasistatic iteration. Among older treatments, that of Soop (1972) is note-
worthy because it is two-dimensional and fully time-dependent. The treatments
of Schrldder (1973), Rothwell et al.(1976), Whipple (1976) and Lafon (1976)
involve self-consistent calculations of space charge densities but assume that
sheath potentials have radial symmetry. The latter is a serious limitation
because of the inherently angle-dependent nature of the problem.

RESULTS AND DISCUSSION

Figures 1- 3 show equipotential contours surrounding an infinite cylind-
rical spacecraft surface having two independently floating conductive sectors,
the smaller of which is shaded in all three cases, and subtends angles of 90° ,
450 and 22 , respectively. In obtaining these results and also those in
Figs. 4 and 5, an eight-level discretization in velocity space has been used
for each particle species involved (ambient electrons, ambient ions, photo-
electrons, and, in Fig. 5, secondary and backscattered electrons). In Figs.
1- 6, Tph is assumed photoelectron temperature. The calculation was judged to
have converged sufficiently when the magnitude of the total unbalanced current
to each sector was < 0.01 times the total current of ambient electrons to the
same sector. In Figs. 1 and 5, this criterion is unsatisfied on the larger
sector and on both sectors, respectively. The resulting floating surface
potentials in Figs. 1- 5 are accurate to within approximately 50 V or better.

A noteworthy feature of Figs. 1- 3 concerns the dependence of the shaded-sector
potential on sectcrargle. The indicated values of -2956V, -2956V and-2969V respectively,
provide an indication that ion collection is orbit-limited for sector angles
of 90° and 450, but orbit-limitation has (just) broken down for a sector angle
of 22 ° . This result is consistent with a prediction by Prokopenko and
Laframboise (1977) that the potential well configuration around a sufficiently
small shaded electrically isolated surface element can produce breakdown of
orbit-limited ion collection on it, driving its floating potential more
negative than otherwise.

Figure 4 shows a situation identical to that of Fig. 3 except that the
spacecraft has been rotated counterclockwise by 900, bringing the smaller
sector partly into sunlight. As a result, its potential has risen, as expected.
At the same time the larger sector, which now has a smaller proportion of its
total area sunlit, has become more negative.
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Figure 5 shows a situation identical to that of Fig. 3 except that currents
due to electron backscattering and also secondary emission caused by electron
impact have been included. In comparison with Fig. 3, both sector potentials
have risen substantially because of the inclusion of these currents. A barrier

of negative potential is now evident on the sunlit side of the spacecraft

(Fahleson, 1970; Prokopenko and Laframboise, 1977). In this case, the shaded-
sector potential has been influenced more strongly by breakdown of orbit-limited
ion collection than in Fig. 3. If such breakdown had not occurred, the

shaded-sector potential would have been -1985V. The omission of secondary
emission due to ion impact in this calculation causes the floating potentials

shown to be slightly more negative than would otherwise be the case.

Figure 6 differs from Figs. 1- 5 in that the situation shown is for an
insulating spacecraft surface, for which a floating condition requires local

current balance to exist at every point. It also differs in being not a
converged result, but a "guess field" (first-iterate) potential distribution
based on a local current balance calculation in which attracted-species currents
were assumed orbit-limited everywhere, and all emitted photoelectrons were

assumed to escape. The latter assumption is clearly wrong in view of the

barrier of negative potential which exists on the sunlit side of the spacecraft.

Excess electron collection will therefore occur on sunlit surfaces, driving
their potentials more negative. Attempts to converge onto a floating condition
have provided qualitative confirmation of such behavior, but successful con-

vergence had not yet been achieved when this was written. The reason appears
to involve the fact that on a curved surface, photoemission current decreases
continuously as a function of distance from the subsolar point. A point (whose

location is not known in advance) will therefore exist at which photoemission
becomes insufficient to hold the surface close to space potential. Beyond this

point, surface potential will decrease rapidly as a function of position. The

surface potential profile will therefore contain a "shoulder" whose location
evolves as the calculation proceeds. Combination of this situation with

truncation errors in the photocurrent calculation appears to be responsible for

the observed lack of convergence. A variety of approaches are presently being
explored in an effort to overcome this difficulty, including the construction
of a surface-current model for Dhotoemission which includes production-gradient
as well as potential-gradient effects.

CONCLUSIONS

We have presented results from a two-dimensional numerical simulation of

the high-altitude differential charging problem. Although these results are

preliminary, they provide verification of a prediction by Prokopenko and

Laframboise (1977) that breakdown of orbit-limited ion collection can occur on

a sufficiently small shaded isolated surface element, driving its floating

potential more negative than otherwise. The results also verify another

prediction (Fahleson, 1973; Prokopenko and Laframboise, 1977) that barriers of

negative potential can form on the sunlit side of a differentially charged

spacecraft in the absence of space-charge effects. A variety of other phenom-

ena, including effects of time-dependent external conditions, effects of

surface material properties including those of "multiple-root" materials

(Prokopenko and Laframboise, 1977), and effects of gun emissions remain to be

investigated. The results obtained so far provide evidence that the simulation
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program is ready to play a useful role in studies of high-altitude spacecraft
charging problems.
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Figure 1. Equipotential contours around an infinite cylindrical spacecraft
with two conductive sectors having angles of 270 and 900. Sector potentials
are -735V and -2956V, respectively. Residual sector currents are -0.0066
and -0.0060 times sector electron random currents, respectively. Ti= Te=
lkeV, Tph = leV, Neco = 50 cm-3 . Assumed photoemission flux Jph is 42x 10"BA/m 2

at normal sunlight incidence (i.e. that for aluminum). Secondary and back-
scattered fluxes are assumed zero. Computation grid contains 34x 16 inter-

vals. Space charge is neglected.
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Figure 2. Equipotential contours around an infinite cylindrical spacecraft
with two conductive sectors having angles of 3150 and 45° . Sector potentils

are -856V and -2956V, respectively. Residual sector currents are -0.0038
and -9.0x I0-v times sector electron random currents, respectively. Other

data are same as for Fig. 1.

S \ .GHT

1 2 .

Figure 3. Equipotential contours around an infinite cylindrical spacecraft
with two conductive sectors having angles of 337 0 and 22 . Sector pot-i

entials are -893V and -2969V, respectively. Residual sector currents are

-0,0032 and 2.2x 104 times sector electron random currents, respectively.

Other data are same as for Fig. 1.
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Figure 4. Same as Fig. 3 except rotated by 900 with respect to sunward
direction. Sectr angles are 337 ° and 22 °. Sector potentials are -998V
and -1964V, respectively. Residual sector currents are -0.0071 and
-7.5x 10-4 times sector electron random currents, respectively.

Figure 5. Same as Fig. 3 except that secondary and backscattered currents due
to electron impact are included. Sector angles are 337 o and 22 0. Sector
potentials are 0.124V and -2126V, respectively. Residual sector currents
are -0.042 and 0.021 times sector electron random currents, respectively.
Secondary and backscatter data used are those given for aluminum by
Laframboise and Prokopenko (1978). Potentials on unlabeled contours are
-500, -750, -1000, -1500 and -2000V.

195

Figure. 4. Sam as Fig 3_ exep roaey9'wtrsett uwr



-pip

0 4/
- I00" 00

Figure 6. Equipotential contours around an infinite cylindrical spacecraft

having an insulating surface, corresponding to a "guess field" surface

potential distribution determined using local current balance considerations,

with all potential barrier effects ignored. Maximum and minimum surface

potentials are 5. 42x 10-'V and -2956V, respectively. Assumed values of Ti, 7

Te, Ne,, Tph and Jph are the same as for Fig. 1. Secondary and backscat-

tered fluxes are assumed zero. Computation grid contains 34x 16 intervals.

Space charge is neglected.
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ANALYTICAL STUDY OF THE TIME DEPENDENT SPACECRAFT-PLASMA INTERACTION*

J. W. Cipolla, Jr. and M. B. Silevitch
Northeas Cern University

SUMMARY

A study of the time dependent interaction of an initially uniform equili-

brium plasma with a plane conducting surface has been made in order to achieve
a more complete understanding of the dynamics of the charging process and of

the approach to the floating potential on the surface. Numerical solutions of
the cold ion equations of motion in conjunction with equilibrium electrons and
Poisson's equation show the formation of an ion-rich sheath near the surface
and the coupling of the non-neutral region to the undisturbed plasma through a

quasineutral rarefaction. Analytical treatment of the quasineutral region

shows excellent agreement (within 1%) with the numerical results.

INTRODUCTION AND FORMULATION OF EQUATIONS

Observations of anomalous behavior in synchronous orbit satellites and
the attribution of these effects to the charging of spacecraft by energetic
electrons has led to the need for more complete understanding of the dynamic
interaction of solid bodies with plasmas. In this work a mathematical model
of this time dependent interaction is presented. Previous analytical work on

time dependent plasma boundary value problems has been restricted to time de-
pendent probe theory, in which the sheath development and plasma response to
a known variation of probe potential is sought (ref. 1-6), to plasma expansion
into vacuum (ref. 7-9), and to ion acceleration in a steep density gradient

(ref. 10). It is essential to note, however, that in o'r work (in contrast to
these earlier treatments) both the probe potential and plasma response are un-
known and linked through the self-consistent set of equations to be set down
in further detail below.

Consider a planar conducting slab of arbitrary thickness initially un-

charged and in equilibrium with a collisionless neutral stationary plasma

(fig. 1). At time t = 0 the slab begins to absorb all charge incident upon it

but remains non-emitting. This non-emitting catalytic wall assumption is in-

troduced solely for simplicity; the effects of partial absorption and recombi-

nation of electrons and ions respectively and of such emissions as photoemis-

sion, secondary emission, etc. can be included as adjustments in the boundary
conditions of the problem. This physical situation could describe either a

planar laboratory probe, a nonplanar laboratory system in contact with a small

*This work was supported by AFOSR contract F19628-76-C-0246 and grant 78-3731.
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Debye length plasma, or planar portions of a satellite in contact with the
earth's plasma environment. For many conditions of interest, the electron to
ion temperature ratio Te/Ti is equal to or greater than unity, so that the
random thermal electron flux initially dominates the ion flux to the boundary,
resulting in the buildup of a negative surface charge on both exposed surfaces
while the condition of zero electric field is maintained in the slab interior.
Since all subsequent development occurs symmetrically, attention is focused on

the half space x > 0 with the right face of the slab located in the plane
x = 0, keeping in mind, however, that within one skin depth of the surface the
electric field is uniformly zero. it is clear that the initial acquisition of
negative surface charge leaves an ion rich layer immediately adjacent to the
slab, in which a negative potential and electric field are established due to
the initial charge separation. These sel f-consistent fields then act to de-
celerate electrons and accelerate ions until a balance between their fluxes is
achieved (at least for singly ionized plasmas), at which point no net current
flows to the boundary and the process achieves a steady state.

In our further discussion and analytical development it is convenient to
make the following assumptions:

1. Plasma electrons, with thermal energy kTe, are to be treated as al-
ways in a quasistatic equilibrium state relative to the ions. Thus the non-
dimensional electron number density and flux are given by

n(p) = e (1 2 erfc .) (I - erfc (la)

/' mi 1/2' 1

J(p) - I2m e-W( 1 - erfc (ib)e \2 Tmj 2 T

where the dimensional (with tildes) density, flux, potential, and wall poten-
tial, respectively, are defined by

ne = neno j je1oc -$ (kTe/Iej)' , -4$(o,t) = (kTe/je), w

where no is the density of the undisturbed plasma and c = (kTe/mi)1/2 is the
ion acoustic speed. The complementary error function reflects the halfrange
nature of the electron distribution function due to the absorbing boundary and
has been discussed in detail by flu and Zeiring in reference 11. Equations
(la) and (Ib) are reasonable since the charging dynamics are expected to scale
as the ion plasma period

- (r n./n e2')1/2
pL o i o 

whereas the equipartition time for electrons can be expected to scale as

198(me/m.)'/:,p-1
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This argument is standard and should not predict unphysical results.

2. The ion thermal motion is negligible compared to the electrons
(Te >> Ti) so that ion dynamics are governed solely by the self-consistent
electric field in the cold ion approximation to the equations of motion.

Thus we may write as the complete system of equations

n +n (nu) - 0 (2)

au + u -- 2k (3)
t x (x

a- =n - n (i) (4)
Dx2  e

where n and u represent the ion density and velocity scaled with respect to
the undisturbed plasma density no and the ion acoustic speed c. In addition,
t is time measured in ion plasma periods w pi l and x is distance in electron
Debye lengths )De with XDe i = c. Asymptotic conditions satisfied in the
undisturbed plasma are given by

u9 , 41 -" 0 , n - I as x -.) co (5)

dx

The catalytic wall boundary condition links the dynamic behavior of the non-
neutral sheath region with the continuing accumulation of charge on the wall.
Using Gauss' law on a thin control volume surrounding the surface then gives

aE

- e ) - nu at x =0 (6)

and the boundary condition on * is then

di = E at x - 0 (7)dx

NUMERICAL RESULTS

We have integrated eqs. (2)-(4) numerically using a scheme similar to
that ef litdner et al. (ref. 12). First Poisson's equation is solved using a
relaxati, method with a variable convergence factor. The derivative boundary
condition at x = 0 is incorporated into the relaxation using an image point
technique and the asymptotic condition is satisfied by setting 4 - 0 at some
x location sufficiently far into the plasma (V - 0 and x - 80 in the calcula-
tions presented here). The ion density and velocity are then advanced in
time by numexically integrating the finite difference form of the continuity
and momentum equations using the potential and electric field previously ob-
tained. These updated n and u are then used to advance the electric field at
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the wall through eq. (6) which then serves to update the boundary condition
(eq. 7) for the next iteration of Poisson's equation which now also includes
an updated ion density. This procedure is then repeated until a steady state
is reached. To start the calculation we assume the initial surface electric
field to be caused by absorption of the random thermal electron flux through
a matrix of stationary, uniform ions during an initial period of one electron
plasma period. Poisson's equation was then solved with this initial field at
x = 0 and the resulting potential and electron density distribution then
served as "initial" conditions for the subsequent calculations. The distance
and time spacings used were Ax = .2 and At = .01, with the x-axis divided into
400 intervals.

Figures (2 a) and (3 a) show plots of density and potential vs. x during
the initial stage of charging for t = 0, 1, and 2. Figures (2 b) and (3 b)
show the final stages of the approach to a steady state. The development of a
non-neutral sheath region is clearly shown in these later times, with the
sheath edge (n z ne) moving into a quasineutral region of the plasma which has
been pre-accelerated by an advancing ion acoustic disturbance. We note that
neither the field nor potential vanishes at the sheath edge (x, z 15 for
t = 72) although the field is gradually diminishing in time. Furthermore, the
wall potential 'w is within 3% of its floating value of 3.81 after only
10 upi - 1, although the electric field and ion flux at the wall take somewhat
longer to approach their steady values of Ew = -.716 and nwUw = -.382, respec-
tively.

In order to place the qualitative behavior of the sheath and plasma into
better focus, consider the x-t diagram of fig. (4). The curve x = (t) repre-
sents the sheath edge, defined as the locus of points where n z ne. Andrews
(ref. 3) has shown that as long as 4(t) > c, no disturbance from the sheath
and wall region may propagate into the undisturbed plasma. However, as the
sheath edge decelerates through the poi.nt P1 at which (t1 ) 

= c, an ion acous-
tic rarefaction propagates into the plasma. As the sheath approaches the a-
symptotic steady state (shown for convenience at P 3), the constantly emitted
rarefaction waves accelerate ions until at P 3 and beyond the sheath has
reached a stable position, and the ions reach a steady final velocity entering
the sheath, shown below to be the ion acoustic speed.

ANALYTICAL TREATMENT OF QUASINEUTRAL PLASMA

This composite picture of sheath development may be made quantitative by
considering the equations of motion in the quasineutral region. Setting

n = ne = e -* (8)

in eqs. (2) and (3) and neglecting Poisson's equation yields

axn n + iu + u nD..n = 0 (9)
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au au +inn (1-u + u L - (10)
at ax ax

The use of the equilibrium Boltzmann density for electrons (eq. 8) instead of
the correct density as given by eq. (la) is accurate to within about 1% for
t > 10. The correct halfrange behavior should be retained only during the
early stages of charging while the wall potential is still relatively small.
Adding and subtracting these equations then gives the characteristic forms

+
f - 0 (11)

whe re

+
J = u +n n (12)

+

= d +"" U ± ) (13)

The solution to these equations is then

+

J const (14)

+
on the characteristics f- defined by

dxdt = u ± 1 (15)

At this point several comments may be made about the resulting quasineutral
plasma flow. +

(i) The region beyond &(t) is called a simple wave region since the f
characteristics are all straight lines. This may be seen by noting that at
any point in the plasma

u= (J + J) (16)

Now consider two adjacent points P' and P" on the characteristic f2
+ in

fig. 4. It is clear from eq. (14) that J+(P') = J+(P"). Furthermore, the
quantity J- is not only invariant along a given characteristic but, since all

f- characteristics originate in a region of constant state with u = 0 and
n = 1, J- is also the same on different f- characteristics; therefore

J-(P') , j-(P") - 0 (17)

where J- has been evaluated in the undisturbed plasma. Consequently, u' =u"
and
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p = u' +1 U u" +1 = " I P(

so that the slope of each f+ characteristic is constant. Therefore, the f+
characteristics represent lines of constant u and therefore also lines of con-
stant in n.

(ii) It is clear that along the characteristic f, +

dt = u l + 1 = 1 (19)

since ul = 0. Furthermore, in order for the dynamical quantities to achieve
steady values at the sheath edge, the asymptotic characteristic (shown for
convenience as f3) must be horizontal. Therefore,

dx = u 3 +1 = 0 (20)

dt' 3

or

u 3 = -I (21)

Consequently, the rarefaction consists of a fan of straight line characteris-
tics varying in slope from 1 to 0, which has the effect of accelerating the
stationary ions to precisely the ion acoustic spetd before appreciable charge
separation may occur in the sheath.

Using eqs. (12), (14), (16), and (17) gives for point P'

u = (+ +J) = I [ u  +  n n] (22)

where us and ns are the ion velocity and number at point P2 on the sheath
edge. Since u is constant on f2+

u = u + I £n ns (23)

or

us  = inn s = -s (24)

so that the f+ characteristics are also lines of constant potential. Since
us < 0, it is seen that n. < l and *s > 0.

This effectively solves the complete gas dynamic problem in the plasma
region. However, to construct the solution explicitly requires knowledge of
data along the sheath edge, which can only come in this self-consistent
charging problem from using the relevant dynamical equations in the sheath it-
self obtained in the numerical solution.
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We may, however, now completely describe the steady state sheath values

and use these to check our numerical results. Using us - -1 as the steady ion

velocity at the sheath edge then gives

M-1, 'P 1, n Me - I

Now using the steady continuity and momentum equations for ions gives

n u = n u =-e
-

ww S S

u w2 -2*w Us 2 2* = -1

and the balance of ion and electron currents to the wall gives

= nwU = j(') = - e-Ow
w w e W 2'TMe

where we have again neglected the halfrange character of the electron distri-

bution. The floating potential may then be found as

1 mi

*w = 1+ in 2---- 3.84
e

and the ion velocity at x = 0 as

u = -VI- = -2.60W

An examination of the numerical solution then shows the floating potential
(3.81) and the ion velocity at the wall (-2.61) are correctly computed to

within 1% of the exact values found using the method of characteristics.
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ELECTRON TRANSPORT MODEL

OF

DIELECTRIC CHARGING*

Brian L. Beers, Hsing-chow Hwang,
Dong L. Lin, and Vernon W. Pine

SCIENCE APPLICATIONS, INC.

SUMMARY

A computer code (SCCPOEM) has been assembled to describe the charging of
dielectrics due to irradiation by electrons. The primary purpose for
developing the code was to make available a convenient tool for studying the
internal fields and charge densities in electron-irradiated dielectrics. The
code, which is based on the primary electron transport code POEM (ref. 1), is
applicable to arbitrary dielectrics, source spectra, and current time
histories. The code calculations are illustrated by a series of semi-
analytical solutions. Calculations to date suggest that the front face elec-
tric fie_.d is insufficient to cause breakdown, but that bulk breakdown fields
can easily be exceeded.

INTRODUCTION

One of the major concerns generated by the spacecraft charging problem
is the possibility of catastrophic breakdown and discharge of dielectrically
stored charge. By this time, ample experimental evidence is available to
indicate that such discharges do occur both in space (see, e.g., refs. 2-3)
and in laboratory simulations (see, e.g., refs. 4-12) of the electron charging
environment. While it is generally acknowledged that an understanding of these
events requires a knowledge of the internal fields and charge densities in the
dielectric, very little work on this problem has been reported in the space-
craft charging literature, the notable exceptions being the paper of Meulenberg
(ref. 12) and certain estimates reported in the NASCAP code documentation
(ref. 13). It is the purpose of this paper to describe our initial research
in developing tools for quantitatively understanding these important internal
quantities.

This work was sponsored, in part, by the COMMUNICATIONS RESEARCH CENTRE of
Canada.
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The general subject of charge trapping, charge storage, and current flow
in dielectrics is an exceedingly complex area of research (see, e.g., refs.
14-16). Our approach to this problem for the situations of interest to satel-
lite charging has been to develop a computer model (SCCPOEM) (ref. 17) of the
dielectric charging process which

* isolates the essential features of the charging
process which depend on the dielectric

* is sufficiently general to permit comparison to

laboratory simulation data

" is sufficiently general to permit easy application
to arbitrary dielectrics, electron source spectra,
and current time histories

* incorporates in a detailed quantitative fashion
all those features of the charging process which
are believed to be well-known

" has the flexibility to add modular units which
may be necessary to describe additional physics

" is inexpensive enough to run to permit parametric
studies

To achieve these goals, we have restricted the model to one-dimensional
geometry and have coupled the existing SAI Monte Carlo electron transport code
POEM (ref. 1) with various standard algorithms for computing the internal
charge and field evolution. The existing code configuration relies on macro-
scopic phenomenological descriptions of some of the important dielectric pro-
cesses (e.g., bulk conduction is treated with an empirically determined con-
ductivity model). Work is currently underway to include a detailed carrier
statistics package into the code description of the trapping.

After introducing the basic features of the model, code results are
illustrated by a series of special case analytical solutions which rely on the
basic transport calculations. The presentation utilizes the method of succes-
sive complication, i.e., the results proceed from the simplest to the most
complicated by the successive relaxation of constraints. Because dielectric
phenomena are generally so complicated, we believe this method to be essential
for isolating those ingredients of the model which are critical. Future
research may then focus on these critical areas.

The analytical results are followed by completely numerical computations
for cases which are too difficult to handle analytically. All of the sample
calculations suggest that the front face electric field arising from the
charge separation of the deposited electrons and the secondary emission elec-
tron depletion region is well below expected breakdown fields. As these
results are not in keeping with the Meulenberg discharge hypothesis (ref. 12),
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we pinpoint the assumptions which give rise to our results, discuss limitations
of the calculations, and suggest experiments which may be useful in determining
the range of validity of our predictions.

ONE-DIMENSIONAL MODEL

Shown in figure 1 is the basic one-dimensional model which is assumed
throughout this paper. We have chosen this model for several reasons. Our
primary concern is with the conditions which occur internal to the dielectric.
The indicated dielectric geometry provides the simplest configuration which
can be investigated. This geometry has the advantage of isolating the
physical effects occurring within the dielectric from complicated multi-
dimensional effects due to transverse currents and fields. Additionally, it
is expected that a one-dimensional treatment of the dielectric is an excellent
approximation over most of the dielectric area. That is, away from edges,
corners, holes, etc., the external conditions vary slowly transverse to the
surface compared to variations through the sample (variations in mils or less).
Relating the incident spectrum and primary current J, to the source spectrum
and current J , in one dimension is not generally justified. For a realistic
satellite configuration, this relationship can only be extracted by using a
three-dimensional code of the NASCAP type (ref. 13). Recognizing this, we have
established our computational algorithm so that it will accept an incident
spectrum and current from other sources. The specific relationship implied by
figure 1, however, is itself useful. Most laboratory simulation arrangements
attempt to achieve this simple configuration to some degree. The computed

r~sults may be directly compared to the data from these configurations to
obtain meaningful information. The additional merit of the configuration is
that complicated multi-dimensional effects do not obscure the attempt to under-
stand the basic charging process.

Several additional simplifications should be noted. It is assumed that
the beam energy and current density and the model dimensions are such that

(1) the potential does not change significantly during
an electron transit time, and

(2) that space charge effects in the vacuum are negligible.

For laboratory applications in the regimes of interest to spacecraft charging,
these assumptions are true to a very high degree of accuracy. Under these
conditions, the current density is constant throughout the vacuum region. We
also assume that the source current is constant in time throughout this paper.
While there are undoubtedly interesting effects which may be studied by
modulating the beam current, we felt it best to initiate our studies with the
customary laboratory condition of constant current. The code version of the
model, SCCPOEM, easily accepts time-dependent currents. We do, however,
explicitly consider two separate time histories for the source spectrum. We
arbitrarily designate these as the "normal" and "feedback" cases. The "normal"

211



case corresponds to the typical experimental circumstances in which the source
spectrum is constant. The "feedback" case is distinguished by having an inci-
dent spectrum that is constant. Experimentally, this would correspond to
applying an additional accelerating voltage to the source spectrum which
exactly cancels the retarding potential of the charged surface. From an
analytical point of view, this condition has the merit of maintaining constant
source terms. Experimentally, this configuration could be useful for studying
the dependence of important charging quantities (backscatter and secondary

currents, for example) on the sample voltage and charging history.

Our notation for a number of the primary quantities, and our choice of
spatial coordinate system is given in Figure 1. The capacitance (per unit
area) of the dielectric surface to the left hand plate (-) Co is related to the
distance to the surface L by CO = 60 /L, while the sample capacitance CD is
related to the sample thickness i by CD = Z/6 (co and E are the permittivities
of the vacuum and dielectric, respectively). For laboratory conditions Co
(capacitance to tank) is normally determined by a dimension somewhat smaller
than the distance to the electron source. Generally, however, the condition
Co << CD holds. We still often find it convenient to eliminate the dependence
of the solution on this laboratory dimension, and will take Co = 0 (with
appropriate limits). The equations describing the basic charging process are
well known and have been documented elsewhere (ref. 17) for the model presented
here. They are presented as needed in the course of the text.

THICK SAMPLES - EXTERIOR CHARGING VARIABLES

The external charging process may be characterized by a simple circuit
model. The equations of the model are

dV
C 0 = j -j (1)
o dt o

dVD"CDa = J-- - 7 (2)
D dt D

where V is the potential drop from the left hand plate to the surface, VD is
the drop from the surface to the right hand plate, and the other symbols have
the meanings noted above. Equations (1) and (2) are a rigorous consequence of
the Maxwell equations. During the normal laboratory charging operation, the
sample plate is connected to ground using a low value resistor, so that effec-
tive short circuit boundary conditions are the rule (Vo + VD = 0). We con-
sider this case exclusively throughout. Under these conditions, the external
(short-circuit) current J* is given by

To avoid repetition, we refer to current densities as currents, with the area
implied.
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CD  C

Co C D (3)

where C = CO + CD is the total capacitance (parallel) of the sample surface to
ground. The charging rate of the surface potential (Vo) is then determined by

dVC d o (4)

which is the equation previously used by Purvis, et al. (ref. 18).

Internal to the dielectric the electric field satisfies the one-dimen-
sional equation of Poisson:

dE (5)
dx

where p is charge density in the dielectric. Let Q be the total charge (per
unit area) in the dielectric. Integration of equation (5) yields the result

c(1 + 6/L) V
Q (6 -) (6)

where i is the mean depth of the charge in the dielectric,

fp(x)xdx
R (7)

If the inequality x <<5 holds throughout the charging, then x may be neglected
- the voltage is determined by the geometric capacitance of the surface.
Under these circumstances, the electric field is uniform throughout most of the
sample, and a bulk conductivity may be used to characterize the conduction
current through the volume. Thus, the conduction current JD in equation (4)
may be replaced by GV0 , where G is the conductance per unit area. These obser-
vations have been made numerous times and represent the standard approximation
for use in higher dimensional codes of the NASCAP variety (ref. 13).

The point of this rather obvious exercise is that for thick samples
(x<<6) the quantities normally measured in charging experiments are effectively
decoupled from the charge distribution which determines the electric field in
the deposition region. This means that these measurements are unlikely to
provide direct information about how the charge and fields are distributed in
the surface layer.
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Shown in figure 2 are the range and mean penetration of normally
incident electrons in Teflon. Assuming that the electrons are trapped upon
deposition in the material (which is true for small enough charge densities),
we can see that even for 20 kgV (3.2 x 10-15 joules) electrons, the mean pene-
tration of 2 microns (2 x 10- m) is significantly smaller than the thickness
of most spacecraft dielectrics (25 - 125 Vm). If significant rearrangement of
the charge does not occur via very low energy transport processes, then we may
expect that this simple circuit model of the charging should adequately repre-
sent the internal charging measurements. This is the approach which was
previously pursued by Purvis, et al. (ref. 18).

Let us assume that the secondary and backscatter yields from the dielec-
tric do not depend on the surface voltage or charging history of the sample,
but are a function only of the incident electron energy spectrum. Then the
spatial current Jo is a function only of the source energy spectrum and the
sample voltage. From above, the dielectric current JD equals GVo , where, in
general, the conductance G is a function of V.. The solution in this case may
be reduced to quadrature:

V
0

t ( dV (8)
C o (Jo(V') - GV')

0 0

The relation implied by equation (8) must be inverted to provide the voltage as
a function of time. Because the integral is not normally expressible in terms
of tabulated functions, the direct numerical solution of equation (4) as per-
formed by Purvis, et al. (ref. 18) is usually preferable.

Several simply expressible cases are worth noting. They are not

unrealistic and provide excellent checks on numerical solutions. Let the
conductance be independent of field strength, and let Jo be constant
("feedback" case). In this case %10 is given by

V Vo I G ( - exp(- E t) (9)

Shown in figure 3 is the backscatter yield YBS from Teflon as computed by
SCCPOEM. It is reasonable to choose this quantity to be constant over the
range of interest (2 - 20 keV)(3.2 - 32 x 10- 15 J). Also shown in figure 3
are two representations of the secondary yield curve for normally incident
electrons on Teflon as compiled by Wall, et al. (ref. 19), one using the
Sternglass fit (ref. 20), and the other using a power law fit of Burke, et al.
(ref. 21). An intermediate representation which varies inversely with elec-
tron energy is also sketched. If we use this very crude intermediate repre-
sentation of the secondary yield for a constant conductivity dielectric, then

the integral in equation (8) may easily be resolved for the "normal" case of
monoenergetic electrons. Let the secondary yield Ys have the form Ys A/El
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where E1 is the incident electron energy. The time history of the charging
is described by the equation

t E + E+E n (E+eV -E)(E- E)
2- -I+on - ++) -

C E + -E/)L(E +eV - E +)(E -E~)

i (E + eV - E_>(E + eV - E+)

(E -E+)(E - E-) (10)

where

E± = (2G)-  {GE - e(l - YBS J.

GE -e(I - Y BS ) J), + 4eGAJ. 1 / (11)

e is the electronic charge, E the source energy, and YBS the backscatter
coefficient.

The potential to which the sample will charge is obtained by setting the
charging current to zero, i.e.,

J GV (12)0

which is a spe'ial case of the charging equation which has been traditionally
used in the spacecraft charging community. The equation is, in general, a
transcendental equation which may be solved by standard relaxation techniques.
For the "feedback" current source the solution is simplest. Shown in figure 4
is the final voltage for the "normal" case f normally incident monoener etic
electrons on Teflon, assuming a constant bulk conductivity of 3.3 x 10- 19 mho/m
(S/M). Note that the solution depends only on the ratio (a/6J), so
solutions for other values of a may be obtained by scaling. The solution
shown in figure 4 assumes the correct power law fit of figure 3 for the secon-
dary yield. For small currents, the charging is stopped by leakage currents

while for large source currents, the charging is stopped by secondary emission.
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INTERNAL FIELDS - MONOENERGETIC

NORMALLY INCIDENT SOURCES

We have seen above that for thick samples the external variables are
effectively decoupled from the internal variables. It is our primary interest
to understand the internal fields in the thin surface layer in which the charge
deposition takes place. In this section we give expressions for these fields
under various special circumstances for monoenergetic normally incident source
electrons, the customary laboratory configuration. It will be assumed throgh-
out that secondary emission occurs from a layer which is much thinner (40- m)
than the primary deposition layer (at least 10- 7 m). The positive depletion
region will appear as a surface charge.

Shown in figures 5 and 6 are the charge deposition and dose profiles
calculated by SCCPOEM for normally incident monoenergetic electrons on Teflon.
Note the significant spread in both of these quantities. We will assume
throughout this section that these primary electrons are trapped in the spatial
region where they thermalize and that all charge relaxation occurs via conduc-
tion mechanisms. Carrier dynamics will be discussed in future work.

NON-CHARGING BEAM

Assume that the primary beam energy is such that the secondary plus back-
scatter current equals the incident current (E It 2.5 keV) (4 x 10

- 16 J). Under
thesecircumstances, the surface potential remains identically zero, while
Jo = J = 0. The current in the dielectric is given by Jp(x) + a(x)E, where Jp
is the current due to the incident electrons, and O(x) is the local conduc-
tivity (which we assume may depend on x, but not E). The internal electric
field E is given by

J (x)

The primary current Jp is proportional to the incident current Jp(x) = Y(x)JI,
where Y(x) is the current profile. Suppose that u(x) is the ambient conduc-
tivity. Under these conditions, the asymptotic field will scale with Jl,
indicating that breakdown would always occur if the beam current were large
enough. In the regions of interest, however, dielectric conductivity is
dominated by the radiation induced conductivity (driven by the primary elec-
trons) in the primary deposition region. This conductivity has the empirical
form (ref. 22):

= K A (14)
E: p

where Kp and A are empirically determined constants, and D is the dose rate in
the medium. Experimentally, A is found to be in the range 1/2 S A 5 1, with
contemporary opinion favoring unity as the correct value. Since the dose rate
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is proportional to the incident current, for any value of A less than unity,
larger and larger fields may be driven in the dielectric by using larger and
larger current densities. For A equal to unity, the asymptotic field is inde-
pendent of Jl' and is given by

E = (15)
EK R(x)

P

where R(x) is the dose profile in the medium.

The spatial dependences of the field and charge density are shown f r
Teflon in Figure 7 using a value of KV = 1.68 x 10

- (Rads) -T (1.68 x 10-S

(Gy)- ) (ref. 23). The field scales inversely with Kp. The peak field appears
at the front face of the dielectric. The potential drop AV across this charge
separation region isobtained by integrating equation (15). It is related to
the mean field E by E = (AV)d, where d is the thickness of the charge trapping
region. Clearly, withih this model, the value of the conductivity constant is
critical in determining whether the fields become sufficiently high for break-
down to occur. Using the range of values quoted by Wall, et al. (ref. 19), we
have computed the expected range of fields in this layer for Mylar, Kapton,
and Teflon. These results are shown in Table 1.

With the possible exception of the maximum field for Kapton ('108 V/m),
these fields are nowhere near breakdown fields. One mil samples of the three
materials have very similar breakdown strengths of about 3 x 108 V/m. Further,
this gtrength increases with decreasing thickness. In particular, for the
1000 A (10- 7 m) charging depth of this problem, the maximum potential drop of
only six volts would make it appear very unlikely that breakdown can occur for
any of these materials under the given irradiation condition.

The time required to reach this saturation field depends on the incident
current. For Teflon, with a 1 nA/cm

2 (10- 5 A/m2 ) beam, K- = 1.68 x 10
- 5

(Rads)- I (1.68 x 10-3 (Gy)-1 ) (ref. 23), the dielectric relaxation time T = 6/0

has a value of 7.7 sec. This quantity scales inversely with beam current and
dielectric conductivity coefficient. Thus, the smaller value of Kp quoted in
the literature (ref. 19) (e.g., Mylar) could have relaxation times as long as
125 sec at a beam current of 1 nA/cm 2 (10- 5 A/m2 ). None of these times is
especially long compared to laboratory irradiation times.

"FEEDBACK" CONTROLLED CHARGING BEAM

For this case, the incident beam energy and current are constant. A
reasonable assumption is that the secondary and backscatter emission are also
constant, so that Jo is likewise constant. (Note that this type of experiment
would be ideal for checking this assumption.) The primary dose and charge
deposition profiles will also be constant in time. These simplifications make

the problem analytically tractable. If we assume that the conductivity is

independent of electric field, then an exact solution may be given. The method
of solution requires the application of LaPlace transforms, a method we have
used elsewhere (ref. 24) for a similar problem. This solution is extremely
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unwieldy and will not be detailed herein. Instead, we note that if Co - 0,
then further simplification occurs. Corrections to the solution for finite
Co are of order Co/CD, so that the approximate solution is an excellent repre-
sentation of reality for most laboratory configurations. With these assump-
tions, we find the following expression for E:

L .- (x)] ax
- I [I - exp(- "x) t)] (16)E(x,t)(x)

Note that this solution does not depend on the thick sample assumption. If we
consider the primary deposition region only (J # 0), then the solution is
identical to that given previously, except that (Jo - Jp) is the current pro-
file of interest. Note that the electric field profile now changes sign as
was first pointed out by Meulenberg (ref. 12). For incident energies such that
1Jo - Jp(O)I > 1jol, the peak electric field can occur at the front face while
for the reverse inequality, thepeak field is always in the bulk. In the bulk,
the electric field is given by Jo/ao, where CO is the bulk conductivity, so
that EBULK may be made arbitrarily large by increasing the incident current.

At the front face Jp(0) = (I - YBS)JI and Jo = (I - YS - YB )JI ' where

YS, YBS are the secondary and backscatter yields, respectively. Thus, at
saturation, the front face field EFF is given by

YSJI
E F - i 1 (17)
FF G(O)

For sufficiently large currents (>10- 8 A/m2 ), the radiation-induced conduc-
tivity completely dominates the ambient conductivity, so that G(0) takes the
radiation-induced value. With a conductivity of the form of equation (14), we
again note that EFF may take on arbitrarily large values for sufficiently large
currents if A < 1. For the case that A has the value unity, the value of the
front face field is independent of the current. Moreover, if we use the fit of
Burke, et al. (ref. 21) to the secondary emission yield shown in figure 3, we
find that EFF is also independent of the primary beam energy. This occurrence
will be discussed in further detail below. The maximum value of the front face
electric field for Teflon, Mylar, and Kapton may be obtained from the maximum
values given in Table 1. These occur for the minimum value of Kp. A use of
the Sternglass fit (ref. 20) to the secondary yield shown in Figure 3 would
result in smaller fields.

GROUNDED FRONT FACE

Another case of interest occurs when the front face of the dielectric is
coated with a thin layer (compared to an electron range) of conductor, and the
conductor is grounded to the sample backside. This situation also effectively
occurs when sunlight is present on the sample, so that a plethora of photo-
electrons are available to keep the sample from charging. The general solution
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for the time dependence of this problem has been given by us elsewhere
(ref. 24). It involves LaPlace transforms and is rather complicated, so it
will not be repeated here. The saturation field, however, has a simple form,
given by

J - J (x)
E = (x) (18)

where
J (x)

dx P x

f OW dx o~)(19)

0

and Jp(x) is the primary current profile in the medium. _From equation (19),
we can see that the short circuit current Jis of order J (716), where x is the
mean penetration. Thus, for thick samples-J is small compared to Jp. The
largest front face field occurs for J = 0 and has the value -(Jp(O)- G(O)).
Specializing to the case where conductivity is proportional to dose rate (our
above remarks hold for A < 1), this field is again independent of current.
Shown in figure 8 is the stopping power for electrons in Teflon as a function
of energy. For normally incident electrons, the surface dose also has this
shape, decreasing for increasing energy. Because the backscatter yield is
essentially constant in this regime (figure 3), Jp(O) is essentially constant.
This means that the front face electric field is an increasing function of the
primary beam energy. This is illustrated in figure 9 for Teflon, Mylar, and
Kapton using the minimum values of Kp quoted in Table 1. A comparison of these
values with those given above, and in sections below, shows that grounding the
face has made the front face field larger. Of course, the bulk fields are
severely reduced.

"NORMAL" CHARGING BEAM

The case considered in this section represents the conventional labora-
tory charging condition of a monoenergetic normally incident source for which
the source energy is constant in time. As the sample charges, the incident
electron energy decreases, and the dose and charge deposition profiles vary as :4
illustrated in figures 5 and 6. This situation appears too complicated for
analytical attack We illustrate the numerical solution given by SCCPOEM for
5 mil (1.27 x 10-4 m) Teflon. The secondary yield algorithm used takes the
yield proportional to the dose as suggested by Burke, et al. (ref. 21). For
normally incident electrons, this reproduces the power law fit given in
figure 3. The bulk conductivity was taken from the data of Adamo and Nanevicz
(ref. 25). The transient conductivity was taken proportional to the dose rate,
with a coefficient of K = 1.68 x 10-  (Rads)-' (1.68 x 10- 3 (Gy)-1) (ref. 23).

p
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With these inputs, it is found that the surface charges to the voltage
given in figure 4. The time dependence of the voltage and current histories
are qualitatively similar to the data presented by Purvis, et al. (ref. 18).
Quantitatively, the calculations show a slower charging than the data, and the
calculated saturation current is far less than measured. As noted by Purvis,
et al. (ref. 18), these discrepancies are probably due to capacitive fringing
effects and surface leakage current. Artificially decreasing the capacitance
and increasing the bulk conductivity gives solutions which adequately repre-
sent the data.

Shown in figure 10 is the time dependence of the electric field profile
for a 12 keV (1.92 x 10-15 J) 1 nA/cm 2 (10- 5 A/m2 ) charging beam. It should
be noticed that the front face field is already at its saturation value at the
first time plot (t = 50 sec). The bulk field evolves to its final value as
V/6, where V is given by the external charging variables. Shown in figure 11
is the saturation field in Teflon as a function of the primary beam energy.
Note that the field near the front face is identical for all the charging
energies, while the magnitude of the bulk field reflects the equilibrium
voltage shown in figure 4.

It certainly makes sense that the fields near the front face are
identical, because as external saturation is reached, the incident electrons
take on very nearly the same energy. For later time, this corresponds to
constant Jo, dose and charge deposition profiles. The solution is then easy
to demonstrate explicitly by using the internal equilibrium condition J = J
but will not be pursued further here. What may perhaps be more surprising to
the reader is that the value of the front face field shown in these figures
is, in fact, a much more general result. This will be shown below after
discussing several further examples.

INTERNAL FIELDS - OTHER SOURCES

The charging conditions which can occur are more general than those
discussed above. These include the complications due to angular dependence in
the source spectrum, as well as energetically distributed sources. While our
charging geometry is much less realistic for these more general source configu-
rations, it is instructive to briefly indicate these effects.

MONOENERGETIC ISOTROPIC SOURCE

Shown in figure 12 are the voltage time histories of 5 mil (1.27 x 10-4 m)
Teflon subjected to normally incident and isotropically incident 20 keV
(3.2 x 10-15 J) electrons. The saturation electric fields are compared in
figure 13. The isotropic source charges much more slowly and reaches a
significantly smaller voltage. This result occurs because both the backscatter
and secondary yields are significantly higher for the isotropic source.
Internally, the fields close to the front face evolve slowly (following the
voltage curve of figure 12). Note that the front face field for the isotropic

source is identical to the front face field for normally incident sources.
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ISOTROPIC MAXWELLIAN SOURCE

We have computed the electron transport for a 10 keV (1.6 x 10- 15 J)
isotropic Maxwellian distribution. The backscatter yield was determined to be
0.34, while the secondary yield was determined to be 1.55. Thus, it is
expected that the Teflon will charge positively. The code is not equipped to
handle this possibility. The plethora of secondaries mean that the sample will
charge to a few volts positive in a very short time, the exact value of the
voltage depending on the secondary electron distribution. The voltage will
adjust to make the net current to the surface zero. So far as the internal
fields are concerned, this i. precisely the case described above as the "non-
charging" beam (similarly, the grounded front face situation). Thus, the
internal electric field is given by equation (13). Our numerical results
indicate a broad positive charge layer (%1 pm) near the front surface and a
deeply buried negative charge. We are still investigating the correctness of
this pecularity.

GENERAL FRONT FACE FIELD

The appearance of a single value for the front face field under a number
of circumstances suggests a universality of this value within our computational
model. This is indeed the case. The following considerations hold for
charging conditions which result in a negative voltage (not artificially
grounded). The field at the surface satisfies

3E J - J(o,t) (20)
t (ot) 

(

For the case of vanishing tank capacitance (Co = 0), J = Jo . The current in
the dielectric consists of the primary current J and the conduction current
OE. At the surface Jo - Jp(o) = -JBs' so that equation (20) becomes

dE(o t) + 2(o__ E(o,t) = -JBs(t) (21)
dt ' B

The primary assumption of the computational model is that the backscatter cur-
rent is proportional to the surface dose rate (-JBs = 0D) and the conductivity
is proportional to dose rate (a = EK D). With these two assumptions, the sur-
face field solution is

E(o,t) = - exp[-K D(t)]) (22)
pp

Thus, the field takes on a value determined only by the dose and saturates to
a universal material dependent value (c/eKp). This value is that given in
Table 1 and is independent of the charging spectrum and time history.
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FIELD DEPENDENT PRIMARY TRANSPORT

For completeness, we have performed the primary electron transport,
including the effect of the internal electric fields on the electron motion.
The effect was found to be completely negligible. A glance at figure 8 makes
this easy to understand. The minimum value of the stopping power [for 20 keV
(3.2 x 10-15 J) electrons] (in electric field units) is 2 x 109 V/m. Since the
maximum fields encountered in these calculations are a few times 108 V/m, the
fields have, at most, a 10% effect. For "normal" charging conditions, the
effect is far less than this maximum, because of the sharp rise in stopping
power for lower electron energies and the small value of the front face field.

CONCLUSIONS

We have presented a detailed model of the charging of dielectrics due to
incident electrons. The computer model (SCCPOEM) as currently configured does
not include the following effects:

" sunlight effects
" thermal effects
" ionic effects
" multi-dimensional effects
" field and charging history dependent

secondary emission effects
" detailed carrier statistics effects, and
" very long time effects

The first four of these limit the applicability of the code to specialized
charging situations but do not constitute limitations of principle.

The code presently chooses the secondary emission coefficient to be
proportional to the computed surface dose as suggested by Burke, et al.
(ref. 21). While this algorithm may fail at low energy rbelow a kilovolt
(1.6 x 10- 16 j)], it appears consistent with the experimental data above this
energy. It is possible, however, that the secondary emission depends on the
surface fields and charge profile which develops [see, e.g., Dekker (ref. 26)].
Some evidence is being accumulated by Robinson (ref. 27) that this effect
occurs under the conditions of interest. Should the effect be demonstrated to
be important, it can readily be incorporated into the code. This is true
because the secondary emission primarily affects the external charging
algorithm and enters the internal calculations as a boundary condition.

The major matters of principle not currently handled by the code are the
details of the carrier statistics and migration. Empirical models are being
utilized for both the bulk conductivity and the radiation induced conductivity.
This shortcoming is currently being rectified. A version of the code which
incorporates a carrier kinetics description of the conduction process is being
developed. In defense of our present treatment, however, it must be mentioned
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that a model u;tilizing direct empirical data has a major advantage over a more
fundamental approach. Typically, the quantities which are required for a
kinetic approach are very poorly known. The empirical conductivity data, while
reflecting all these more fundamental quantities, has the advantage of being a
direct measure of the relaxation phenomena. If used in the proper domain, the
only uncertainties are the direct uncertainty in the conductivity measurement
itself. The major uncertainty of principle is the domain of applicability. A
good way to determine this domain is to use the model, make predictions, and
compare to experiment. We have chosen this path. Indications are that the
model is satisfactory for reasonably thick samples with fields not too near
breakdown.

Dielectrics subject to electrical stresses undergo persistent change over
very long periods of time (many years). This type of effect is completely
beyond the scope of our present model.

Within the above constraints, the model provides a simple and effective
tool for computing internal fields and charge densities in electron-irradiated
dielectrics. Our computations to date indicate the following:

" At low charging currents, the final voltage is
limited by bulk conduction, while at high currents,
the voltage is limited by secondary emission.

" Normal charging gives rise to a field reversal layer
as suggested by Meulenberg (ref. 12) but does not
appear to give breakdown level fields at the surface.

" Charging with normally incident electrons under
conditions in which the voltage is secondary limited
gives rise to similar field profiles near the front
face independent of charging energy.

" Secondary limited charging gives rise to a "universal"
material dependent front face field.

" Grounded coatings on the front face decrease the bulk
field but give rise to enhanced fields at the front
face.

" Strong internal fields can arise even in low voltage
positive charging environments.

" Angular distributions of monoenergetic electrons give
less severe internal fields than normally incident
electrons.
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The key assumptions which give rise to the above conclusions are

0 The independence of the secondary yield on charging
conditions (dependence on only the incident electron
spectrum).

0 The proportionality of the secondary emission current
to the dose rate.

* The use of the empirical conductivity model of
equation (14) with A = 1.

0 The value of the empirical transient conductivity
constant K

p

We note some experiments which may be performed to test our conclusions
and some of the assumptions:

" "Feedback" controlled experiments can be used to check
the constancy of the secondary emission current.

" High current "non-charging" beams may be used to check
the linearity of the transient conductivity with dose
rate.

" Charge density interrogation experiments of the type
suggested by Sessler, et al. (ref. 28) may be performed
to directly compare to predicted charge densities.

" Grounded front face experiments may be performed to
compare to short-circuit current predictions and check
for breakdown.

0 Very thin sample experiments can be performed with con-
ventional measurements to check the influence of internal
charge location on external variables.

We believe experiments of the above type, coupled with a detailed
investigation of carrier kinetics restrictions, should lead to further under-
standing of the dielectric charging process.

We are indebted to Dr. J. V. Gore for numerous discussions, as well as
certain of the calculations which appear herein.
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TABLE 1. RANGE OF VALUES OF PEAK
ELECTRIC FIELD FOR NON-CHARGING BEAM

Range reflects spread in quoted values of the Transient
Dielectric Conductivity Coefficient K (ref. 19).P

PEAK MEAN POTENTIAL
ELECTRIC FIELD ELECTRIC FIELD DROP

MATERIAL (x 106 V/m) (x 106 V/m) (volts)

TEFLON 0.11 - 5.5 0.06 - 2.9 0.007 - 0.372

MYLAR 52. - 61. 28. - 32. 3.5 - 4.1

KAPTON 1.8 - 92. 1.0 - 49. 0.1 - 6.2

SDIELECTRIC

E D

BACKSCATTER

CURRENT

FREE SPACE ~ BS
SOURCE C t Co
CURRENT

INCIDE, TI
PR I MARY

CURRRNTNT
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SNORT-CIRCUIT CURRUIT4

FIGURE 1. ONE-DIMENSIONAL CHARGING MODEL
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THE CALCULATION OF SPACECRAFT POTENTIAL -

COMPARISON BETWEEN THEORY AND OBSERVATION

H. B. Garrett
Air Force Geophysics Laboratory

SUMMARY

A simple charge balance model based on the work of DeForest has been
adapted for the calculation of spacecraft potentials. The model is calibrated
with ATS-5 plasma data from the University of California plasma experiments.
Once calibrated, the model is used to calculate the time-varying potential that
is observed as a spacecraft passes in and out of eclipse. Errors on the order
of +800 volts are observed over a range of 0 to -10,000 volts. Possible appli-
cations of the model to large space structures are discussed. Of special
interest is the unique use of eclipse observations to test the spacecraft
charging model.

INTRODUCTION

The calculation of the potential on a satellite immersed in a plasma is,
at best, a difficult problem. In particular, the accurate prediction of the
potential on a spacecraft in the space environment requires the simultaneous
calculation of the paths of all charged particles in the vicinity of the space-
craft. In principle this is possible, in practice it is not feasible and a
variety of techniques have been developed to simplify the problem (see, for
example, Whipple, 1965 (ref. 1); Rothwell et al., 1977 (ref. 2); Laframboise
and Prokopenko, 1977 (ref. 3); Parker, 1977 (ref. 4) and references therein).
Although capable of an accurate treatment both in time and space, these models
are limited in usefulness as they require large amounts of computer time or do
not include all of the various current sources necessary to simulate the
charging phenomenon. This paper describes an approximate solution to the
problem that yields spacecraft potentials by making assumptions which are
equivalent to the "thick sheath" probe solution for a sphere. Though similar
models have been developed by Rosen (1975) (ref. 5); Massaro et al. (1977)
(ref. 6); Inouye (1976) (ref.7), and Purvis et al. (1977) (ref. 8), none have
included the actual measured spectra in their calculations. The model to be
described in this paper uses actual ATS-5 data and is adapted from methods
originally developed by Whipple (1965) (ref. 1) and DeForest (1972) (ref. 9).
The model, limited somewhat in its range of applicability to potentials of
-10,000 volts and plasma temperatures between 50 eV and 30 keV, results in
significant savings in computer time over more complicated models.
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In the first part of this paper the model will be formulated. The indi-
vidual current sources are presented and approximations as a function of satel-
lite potential developed. The model is calibrated using actual ATS-5 obser-
vations of the potential. Two examples will be discussed in which the model is
used to study the effects of the time-varying geosynchronous environment and
of a time-varying photoelectron flux on spacecraft potential. Applications of
the model will be briefly discussed.

MODEL FORMULATION

In solving the spacecraft charging problem, we are concerned with finding
the spacecraft potential 0 such that

Je (J +Jse + JsI + JBSe + Jph) =0 ()

where Je Incident electron current

l= Incident ion current

Jse Secondary emitted electron current due to Je

JsI = Secondary emitted electron current due to Jl

JBSe =  Back scattered electron current due to Je

Jph = Photoelectron emission

Given the incident ion and electron particle spectra, the currents Je' JlS Jse,

isl, and JBSe are found and adjusted by varying the potential on the spacecraft
until equation (1) holds. This is the basic problem and in subsequent sections
we will outline methods of calculating the currents as a function of potential.

ELECTRON AND ION INCIDENT CURRENT

The ATS-5 satellite employs electrostatic analyzers and, instead of the
distribution function f (V) as a function of velocity V which is normally used
in current calculations, these detectors return the differential energy flux,
d (EF). Thus, it is convenient to express the integrals necessary to obtain
dE

the various currents in terms of the energy E and d(EF) rather than f(V) and V.
dE

The conversion from f to d(EF) is given by

dE
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f =d (EF) 2m
2  (2)

dE E2

where the conversion factors (Ke and KI ) are, if f is given in sec
3/km6 , d(EF)

dE

in ergs/cm 2 sec ster eV, and E in eV:

Ke = .1617 for electrons (3)

KI = 5.45x10
5 for ions (4)

As (NF)= joV3 f(V) dV

This gives

<'NFe> = Ke I'd(EF) le dE (5)
J cE (eE

<N = KI fd(EF)) dE
c dE I E

where the results are left in terms of the number flux rather than actual

current density J (J = V q <NF) , where q is the charge on a particle). The
values of d(EF) must be shifted by an energy equal to the desired potential

dE
before the integration (see Garrett, 1978 (ref. 10) for details). In the
actual case an interpolation is necessary as the desired value of d(EF) for the

dE
shifted spectrum usually does not correspond to an observed value of d(EF).

dE

Further, as the ATS-5 data correspond to discrete energy bands for the range
51 eV to 51 keV, the integrals become sums (dE becomes A E) over this range.
Results indicate that these approximations are adequate for a range of 50 eV
to 30 keV in temperature and 0 V to -10,000 V in potential.

SECONDARY EMISSION CURRENTS

Electrons and ions striking the satellite surface are either scattered off
the surface or cause the emission of low energy, secondary electrons.
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Secondary emission is usually given in terms of the incident differential cur-
rent density, dJi  dJi is related to d(EF) by

dE dE dE

dJi = qI d(EF) (6)

dE E dE

(the qw factor will be dropped in future discussions).

For secondary emission, the amount of secondary current emitted for a
given incident flux is expressed as a ratio 6 (E):

(E) = dJs (E) (7)

dJi (E)

where S(E) = the secondary electron yield function

dJs = differential secondary current density

dE

dJi = differential incident current density

dE

From equations 6 and 7

d Js (E) = &(E) dJi (E) = (E) d(EF) (8)
dE dE E dE

The normalized differential current spectrum, g(E'), of the secondary electrons
is approximately independent of the incident particle energy and, for aluminum,
given in figure 1. Multiplying g(E') by the secondary current density Js(E)
gives the differential current density of secondary electrons due to particles
of energy E as

dJ (E'. E) - g (E') Js (E) (9)

dE F

This implies that the total current density is given by
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JTS f dE d2j E'. E)
0 dEI dE

(10)

f fg (E') dE' J(E) d d(EF)1 dE
0 dE j E

g(E ) peaks sharply at - 2 eV and thus for ions and electrons is 0 if the
poterrtial is greater than +2 volts (all the secondary electrons are attracted).
Thus, to the order of accuracy of these calculations g(E') dE' will be

assumed - 0 for 0 > 0 and - 1 for O-! 0. 6 (E) is approximated for electrons
impacting on aluminum by the curve shown in figure 2 (Whipple, 1965 (ref. 1)).

6 (E) is not well known for ions impacting on aluminum but a fit to data as
presented by Whipple (1965) (ref. 1)) for H+ over the energy range of interest
is presented in figure 3.

6(E) for the incident ions and electrons is substituted into equation (10)
and integrated using the appropriate shifted values for d(EF) to obtain the

dE
secondary emission currents due to the electrons and ions. Typically, the
secondary emission due to electrons results in a current of approximately
25-50% that of the incident electron current while the secondary emission due
to ions results in an electron current approximately 2-3 times that of the
incident ions. As will be discussed shortly, it was necessary to adjust these
values to obtain accurate estimates of the potential.

BACKSCATTERED ELECTRON CURRENT

Some incident electrons are reflected and give rise to the backscattered
* electron current (the backscattered current due to ions is very small and

ignored). Although simple theories of collisional scattering such as those of
Everhart (1960) (ref. 11) are useful in predicting the net current, experi-
mental curves for backscattered emission from aluminum are also available.
DeForest (1972) (ref. 9) has adapted the experimental results of Sternglass
(1954) (ref. 12) to the ATS-5 data. His development, which will be presented
here, is similar to that given for secondary electrons.

The basic equation for backscattering is

JBSe jdE' / B(E',E) dJi (E) dE (11)

E dE
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where E - energy of backscattered particles (E' E)

E - energy of incident particles

B(E',E) - percentafe of electrons scattered at a given
energy E as a result of an incident electron
at energy E

Ji(E) incident current (electrons in this case)

From Sternglass (1954) (ref. 12)

B(E',E) = G(E/E) (12)
E

G is given as a function of K = EI/E (DeForest, private communication) in
figure 4 for aluminum.

Continuing, equation 11 becomes

- (dE' ( E E F) J dE (13)

JBSe 4!£ - E E dE e 
(

Substituting the proper values of d(EF)j in equation (13)and perform-
dE e

ing the integration gives the total current due to backscattered electrons.
For aluminum, a ratio of -25% for the backscattered current to incident current
is obtained in agreement with other estimates. Unlike the secondary electron
current, though, the backscattered current is a gradual function of positive
spacecraft potential. For positive potentials, the 0 integral limit in
equation (13) is replaced by 1q0j, the energy shift due to the spacecraft
potential.

PHOTOELECTRON EMISSION

Light, particularly in the ultraviolet, falling on the spacecraft causes

the emission of photoelectrons. Although the characteristics of the emitted
particles and the processes involved are well known, the actual photoelectron
emission from a spacecraft is poorly known. The reason is the variety of
materials on the typical spacecraft surface and the lack of precise knowledge
of the solar spectrum and its interaction with various materials. Grard et al.
(1973) (ref. 13) and Whipple (1965) (ref. 1) have combined the solar spectrum
with the emission characteristics of various substances to give the photo-
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electron current as a function of energy. DeForest (private communication) has
developed an algorithm that approximates their results. It gives the photo-
electron current as a function of positive spacecraft potential (for negative
potential all of the photoelectron current leaves the spacecraft). It is

iph = (14)(0 /.7,+1) "'

Values for Jpo are given in Table 1. From this table it is clear that estimates
of JEo range over an order of magnitude. Fortunately, most examples of charg-
ing that we will be concerned with involve shadowed surfaces, in which case
Jpo = 0. The charging model will, however, in conjunction with actual data,be
used in a later section to estimate the value of Jpo appropriate to ATS-5.

COMPARISON WITH DATA

The ultimate check of any model is how well the predicted results compare
with actual measurements. The basic set of data will be spectra from ATS-5
for periods immediately before and after entry into the earth's shadow. These
periods were selected as they can be used not only to study large potential

variations (on the order of -6 keV) but also to calibrate the photoelectron
flux. Table 2 lists the eclipses studied and the potentials observed during
the eclipses.

ATS-5 does not consist of a single material nor can it be said to be
spherical in shape (a tacit assumption in the preceding analysis). However,
keeping to the spirit of a "simple" charging model, the satellite was approxi-
mated as an aluminum sphere. Figure 5 shows the results of these calculations.
The discrepancies between observed and predicted potentials have been corrected
by adjusting the magnitudes of the secondary emission terms by multiplying each
one by a constant correction factor to give a best fit in a least squares sense
(the backscattered flux is directly proportional to the incident electron flux
so that determining its coefficient is somewhat difficult as it may reflect
slight errors in the actual measurement of Je). For correction factors of 1.3
(Jse), .55 (Jsl), and .4 (JBSe), the results have a standard deviation of
+800 volts. It should be kept in mind, though, that the model is based on
several assumptions and, considering these, this agreement is quite good.

MODEL APPLICATION

The model has been developed for two purposes. First, combined with the
geosynchronous plasma model developed by Garrett (1977) (ref. 14), it can be
used to predict potentials on spacecraft as a function of the geomagnetic index

245



Ap and LT, the satellite local time. It also is employed to calculate the
potential on a spacecraft as it passes into and out of the earth's shadow.

Figure 6 plots the potential variations predicted by the model for the geo-
synchronous simulation model of Garrett (ref. 14) (1977) for moderate geomag-
netic activity (Ap = 15) and high geomagnetic activity (Ap = 207). That simu-
lation gives a "2 Maxwellian fit" to the plasma such that the distribution
functions are for electrons

fe (E) = 27.2 [Ne (Tie e

1000
(15)

-3/2 -E/T2
+ N2e (T2 e  e ]

1000

and for ions
6r-3/2 -E/T11

fl (E) = 2.14xiO6 NI 1 ITI ) e

1000

-3/2 -E/T2 (16)
+I (1_.)

1000

where Nle, N2e = electron number densities (n/cm3 )

Tie, T2e - electron temperatures (eV)

Ni1I , N21  = ion number densities (n/cm3)

TlI, T21 = ion temperatures (eV)

The distribution functions are converted to differential energy spectra using
equation (2).The spectra are inserted into the program and, assuming no photo-
electron current, the potential calculated. These potentials are the maximum
that would be expected for a shadowed, electrically isolated surface as a
result of the ambient environment.

Another use of the model is in the determination of the potential as a
spacecraft passes into the earth's shadow. The eclipse data described earlier
are used in conjunction with the model to determine the current necessary to
give the observed potential variations as ATS-5 passed into and out of the
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earth's shadow. Presumably, this residual current is the photoelectron current.
By varying the amplitude of an appropriate model of atmospheric attenuation to
fit this residual (or photoelectron) current, J was found. The results for
ATS-5 for 2 atmospheric models are illustrated in figure 7. The resulting J-o
value was determined to be .4 n Amps/cm2 for the best atmospheric model whic?
is in agreement with the lower values in Table 2. The reader is referred to
Garrett (1978) (ref. 15) for details of this procedure.

Figure 8 shows the observed and predicted potentials as ATS-5 passes into
and out of eclipse on days 260 and 292, 1970. In figure 9 are similar results
for ATS-6 on days 59 and 66, 1976. The results of the predictions are adequate
and within the +800 V error but their deviations from the observed values at
low potential may indicate either a need to include sheath effects or that the
thick sheath, spherical probe approximation is inaccurate for low ( /A 100 V)
potentials. In any event, this method of testing, by comparing the observed
and predicted potentials as the photoelectron flux is varied, should prove to
be a powerful tool for comparison with other spacecraft charging models in the
future.

Given that the model is valid, it can be employed in a variety of simu-
lations. Considering that a photoelectron current is in most physical respects

identical with an electron beam, the model can test the effects of charged
beams on satellites. Likewise, the data employed in calibrating the model can
be used to test other models of beam phenomena. Although the scaling of our
results to large structures may be somewhat dubious quantitatively, it is clear
that the model '-an also estimate possible effects on large structures. For
example, if we approximate a large structure by nodes which must meet equation
(1),then the model can be used to predict the potential at each point on the
surface of a large structure as it enters eclipse. When this is done, it turns
out that rather large time varying potential gradients due solely to different
photoelectron emission rates on a structure can be generated - a clear threat
to future missions.

CONCLUSION

A simple model based on the work of Whipple (1965) (ref. 1) and DeForest
(1972) (ref. 9) has been developed. The model was calibrated with ATS-5
plasma data. The model predictions for the potential on a satellite as it
passed into eclipse were compared with actual observations. The results
indicate agreement between the predicted and observed values. The model is
used in conjunction with a model simulation of the geosynchronous environment
to predict spacecraft potentials under different geomagnetic and local time
conditions. The model, after being calibrated, successfully predicts potentials
with +800 V accuracy over a range of 10,000 V. It includes relevant current
terms and is efficient in comparison with other complex models taking - 2 sec
per potential calculation. FORTRAN programs are available from AFGL.
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TABLE 1

Author Saturation Current (n Amps/cm2)

Grard et al. (1973)13 4.20 (Aluminum oxide)

3.00 (Indium oxide)

.40 (Graphite)

DeForest (1972)9  .82 (ATS-5)

Whipple (1965)1 3.00 (Rocket-aluminum)

TABLE 2

Date UT Potential

1969 22 Sep 0629 -3400
0731 -3810

16 Oct 0627 -5360
0711 -3810

1970 12 Sep 0631 -2420
0718 -1730

15 Sep 0626 -877
0721 -1540

17 Sep 0623 -5380
0723 -3040

19 Sep 0620 -2720
0724 -1940

26 Sep 0724 -2170
17 Oct 0630 -1230

0659 -2170
18 Oct 0633 -397

0650 -316
19 Oct 0640 -396

0648 -558

250



0

w 60-

40

z
wS
> 20

F1

0 2 4 6 8 10 12 14 16 18 20
SECONDARY ELECTRON ENERGY (eV)

Figure 1. - Relative number of emitted secondary electrons as function ot energy. (From
Wthipple (19651, ref. 1.1

1.4

w1.2
1I.0

Q6 - ALUMINUM

1 10 i02 10 14 0 I0E 107
PRIMARY ENERGY (eV)

Figure 2. - Secondary electron yield tor electron impact on aluminum as function ot energy.
iFrom Whipple (1965), ret. 1.1

251



10.0

H* ON ALMIU

1.N
do/

W.I.

57i (D Consini et ao

El Ghosh and Khare

V Ghosh and Khard
Aarset at al

0.113 0 05 106 110

PRIMARY ENERGY We)
Figure 3. Secondary electron yield for ion (H+) impact on aluminum as func-

tion of energy. (From~ Whipple (19651, ret. 1.)

0.5 1 1 1 1 1

0.4-

0.52

Figure 4. - BIE',EEl E as function of(['/[) where BiE',DF is approximately
the percentage of electrons scattered at a given energy U as a result ot
a particle at an incident energy I- (From Sternglass 119541, ret. 12.

252



-10-
ATS -5

SUNLIT o
-8ECLIPSED e

~-6-
z

-4-
00

0

-2 
00 

8 0

0 -2 -4 -6 -8 -10
OBSERVED POTENTIAL Wk)

i tjure 5. - Predicted potential as function of observed potential. iResults
are for spectra when satellite was illuminated (sunlit) and when it was
shadowed leclipsedi. I

-4000 1

-3000 A 0

0-2000

-1000

0 6 12 18 24 e

LOCAL TIMEJ
Fiqiire 6. Predicted potential of a shadowed, electrically isolated surface as3

futilon of time.

253



150 -ATS -5

100-

~50

-50 t 8 Number Flux I(Or n/cmt sec -ster

-1000*0 S - - No Atmosphere

11 *~ =J0  5 xl10 n /cm 2_sec-ster)

-200 Sz =40km, ,z=90 km
(JPO 2-5 x10 n/CM 2 -sec-ster)

Figure 7. -Residual (photoelectron) current estimated tor 21 ATS-5 eclipse passages.
(This is the current necessary to explain the observed satellite potential after all
ambient and secondary currents have been substracted. Two atmospheric attenu-
ation profiles are also plotted.)I

-104

DAY 260, 1970 DAY 292, 1970

S ATS-5

1i03

zw

- 102

o OBSERVED
* PREDICTED

-10 1.

381 382 383 408 409 410 411
UT (min)

Figure 8. - Observed and predicted (average ot sunlit and eclipsed
spectral potentials tor eclipse entry of ATS-5 an day 260, 1970.
and tar eclipse exit an day 292, 1970.

254



-104

DAY (6, DA 69
976 I1976

I I ATS-6

-- 101

z T

LU

I-

0 OBSERVED

* PREDICTED

-10 --- -'-I
1284 1285 1286 1319 1320 1321 1322

UT (min)

Figure 9. - Obiserved and predicted (naverage of sunlit and eclipsed
spectra) potentials for eclipse entry ot ATS-6 on day 66, 1976,
and eclipse exit on day 69, 1q76.

255



SPACECRAFT POTENTIAL CONTROL ON ISEE-1

A. Gonfalone and A. Pedersen
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F.S. Mozer and R.B. Torbert
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ABSTRACT

The paper reports on the active control of the potential of the ISEE-1
satellite by the use of electron guns. The electron guns contain a special
cathode capable of emitting an electron current selectable between 10-8 and
10- 3A at energ'es from approximately.6 to 41 eV.

Results obtained during flight show that the satellite potential can
be stabilized at a value more positive than the normally positive floating
potential. The electron guns also reduce the spin modulation of the space-
craft potential which is due to the aspect dependent photoemission of the long
booms. Plasma parameters like electron temperature and density can be deduced
from the variation of the spacecraft potential as a function of the gun
current. The effects of electron beam emission on other experiments is briefly
merit ioned.

INTRODUCTION

The prime purpose of the electron guns mounted on the ISEE-I spacecraft
was to improve double probe electric field measurements. The scientific aim
of the electric field experiment is to measure quasi-static fields in a
range of about .1 to 200 mV/m (ref. 1). The spin plane component of the field
is obtained from the spin modulation of the potential difference between a
pair of 8 cm diameter vitreous carbon spheres separated by 73.5 m. The
emission of beam of electrons parallel to the spin axis should have reduced
the asymmetry in the potential produced by the photoelectrons. Several
on orbit tests have shown that the electron guns have no significant influence
on the electric field experiment. The interpretation of this unexpected result
is that even without the electron beans the electric dipole moment of the

photoelectron cloud is small enough for its effect on the double probe
measurement to be negligible (ref. 2). The cloud symmetry is more favourable

than expected from simplified model calculations (ref. 3).

The operation of the gun can still be a tool for the study of phenomena
induced by the injection of a charged particle beam into a natural plasma.
The intensity of the beam is far below intensities usually considered for
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active experiments (ref. 4) but can be sufficient to investigate active
potential control of a body immersed in a plasma, plasma-beam instabilities,
arid waves.

Control of the spacecraft potential may also be a prerequisite for
electric fields and low energy particle measurements in the vicinity of
Jupiter (ref. 5) where the photoemission rate is 30 times less than at the
Earth orbit or even at geosynchronous orbit to avoid negative charging
during eclipses (ref. 6). Previous experiments have shown that thermoionic
electron emission from a thruster could be used to reduce negative charging
(ref. 7). It is shown in this paper that electron guns can be used to clamp
the potential of a conductive spacecraft a few volts positive with respect
to the plasma potential.

SYMBOLS

I current

V voltage

I electron current collected by a conductive body in a plasmae

I value of I at the plasma potentialo e

I photo electron current collected by a conductive body in sunlightpe

I electron gun currentg

V potential of the spacecraftSc

V1p plasma potential

Vk  accelerating voltage of gun electrons with respect to the spacecraftpotential

EXPERIMENTAL TECHNIQUE

Figure 1 illustrates the structure of the electron gun (ref. 8). The
primary concern was in this case to reduce as much as possible the weight
and the power needed for the emission of the electron beam. The cathode used
in the gun is a tungsten impregnated cathode developed by Philips (ref. 9)
from which a current of 500 ViA at an energy of 41 eV could be drawn. Risks
of contamination of the cathode were carefully studied and the following
measures resulted in the safe operation of the guns. The two guns were
opened at 600 km altitude where the concentration of oxygen is low, 15 days
had elapsed since the launch so that the outgassing of the spacecraft was
reduced, the opening system described in reference 8 was clean and finally
a reactivating program was incorporated in the electronics of the experiment.
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Tests were conducted before launch to simulate the effects of beam
emission on spacecraft potential. The electron guns were attached to a metallic
structure which could be biased (potential of the structure during the simu-
lation is called Vsc) with respect to the walls (potential called Vpl) of
a vacuum chamber (diameter 3 m, length 7 m). Figure 2 which summarizes the
results shows that the beam current falls off with a slope of about 20 PA per
volt and that at low energies (Vk<20 V) spacecharge effects reduce the
efficiency of the gun. The mechanism of formation of a virtual cathode in
front of the gun at low enecgies may be invoked to explain the reduction
in efficiency: at low energies the emission of electrons from the virtual
cathode back to the anode of the gun is greater than the emission to the
walls of the chamber at larger distances.

The configuration of the ISEE-1 spacecraft is illustrated in figure 3.
In order to minimize potential disturbances originating at the spacecraft or
in its vicinity an electrostatic cleanliness specification on the spacecraft
surface was implemented at an early stage in the project with the result that
the skin is essentially an equipotential surface (surface conductivity
approximately I05fi/ ). Potentials can be measured between the satellite
body and the probes at the end of the booms; the body of the spacecraft, as
will be shown in the last section, can be considered as a large collecting
probe.

On board, 13 instruments measure electron and ion populations, magnetic
field, plasma waves and other plasma parameters (ref. 10). The orbit is
highly elliptic with an apogee of 22.6 Earth radii and a perigee at about
300 km so that the plasmapause, the magnetopause and the bow shock are
crossed successively. The measurements presented here were obtained on the
7th November 1977, starting at 17.00 hrs 49 min 40 sec UT when the spacecraft
was in the solar wind at a distance of about 17.6 RE.

MEASUREMENTS

The current collection of a conductive body immersed in a space plasma
is represented qualitatively as a function of potential in figure 4; the vol-
tage reference is that of the undisturbed plasma at large distances from
the body; Ie represents the current collected in shadow or when the photo-
emission rate is low, Ipe represents the contribution of the photoelectron
current.

Plasma Potential Measurements

The vitreous carbon probes at the end of the wire booms can be used
as conventional Langmuir probes with the difference that their current is
swept rather than their voltage. The passage of the probe through the plasma
potential has a clear signature indicated by a sudden change in the photo-
electron current emitted by the probe. Biasing the probe with a negative
current of about -60 nA maintains it within a fraction of a volt of the
plasma potential for the data considered here.
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Spacecraft Potential Control

The spacecraft potential is measured between the satellite body and one
probe biased to be slightly positive relative to the plasma potential.
Figure 5 a, b and c show the variations of the spacecraft potential and the
electric field signals for 3 different values of the emitted gun current, as a
function of the energy of the bean. The accelerating beam voltage Vk is
maximum at the left of the figure and is stepped down automatically by steps
of 1.6 Volt from 40.8 V to .58 V. The time necessary to step from one level
of energy to the next may vary and the arrows indicate the times when the
beam energy is equal to 8.6 eV and can be used as reference points. As
mentioned earlier the sinusoidal signal representing the electric field is
not affected by changes in beam energy or in gun current. (The spikes
appearing regularly are due to the sudden change in potential of the probes
as they pass in the shadow of the spacecraft).

When the gun current is set at 120 PA (fig. 5 a) the spacecraft
potential follows closely the beam energy down to an energy of 8.6 eV where
the gun looses its control of the potential. At this energy and lower,space
charge effects limit the emission of the gun as was observed during the tests,
and as is shown in figure 2 for Vk < 20 V. A detailed examination of the
voltages indeed shows that decreasing the beam energy from 40 eV to 15 eV
changes the spacecraft potential by only 23 V giving a ratio of .92 for
Vsc/ Vk. As will be shown in figure 6 this is due to the fact that beam
electrons are not monoenergetic but have a spread in energy around a mean
value. When the gun current is set at 60 PA (fig. 5 b) a modulation of the
spacecraft potential at twice the spin frequency appears for high values
of the beam energy; the modulation disappears betwen 24 V and 8.6 V where
the modulation appears again. When the bean current is set at 30 vA the range
where the control occurs is limited between 14 V and 8.6 V.
The modulation of the potential at twice the spin frequency is due to the
changing photoemission of the shields of the long booms as they spin with
the spacecraft. In the particular case of figure 5, the shields were biased
at the potential of the probes minus 4 V which means that they are more
negative than the plasma and consequently they are a source of photoelectrons.
To compensate the changing photoelectron current of the booms the spacecraft
potential adjusts to values where incoming and outgoing currents are equal.

The explanation foi this behaviour is illustrated in figure 6 which
shows current-voltage characteristics of the gun and of the spacecraft
including the booms. The dotted line represents the emitted gun current
at various energies, the fall off of the beam current has been assumed to
be similar to the measured value of 20 VA/V (as shown in figure 2). The
continuous lines represent the current collected by the spacecraft (similar
to the current collected by a positive conductive body as was shown in the
first quadrant of figure 4). The thick line corresponds to the minimum photo-
emission from the booms, the thinner line to the maximum photo emission. These
two curves have been constructed from the data shown in figure 5 where the
potential of the spacecraft can b, neasured for different values of the gun
current.

259



The modulation of the spacecraft potential at twice the spin frequency
occurs when the curve representing the current collected by the body cuts the
gun current curve on the plateau, control of potential occurs when the gun
current is larger than the current collected by the spacecraft body, the
amount of gun current emitted into space is equal to the collected current.
At voltages less than 8.6 V the modulation reappears with a smaller amplitude
because the gun current ceases and the potential oscillates between 10 V and
5 V as is shown in fig. 6; as the slope of the collected current curves is
larger at low energies the potential modulation decreases with the spacecraft
potential.

DISCUSSION

As was shown in the previous section, the satellite potential can be
stabilized at a specified value positive with respect to the plasma potential
by operating electron guns at appropriate energies. The guns can be used
to compensate for small variations in spacecraft potential due to the aspect
dependent photoemission of the long booms which, in the case considered,
were biased negatively and thus were a source of photoelectrons.

Limited possibilities to measure the ambient temperature exist in the
experiment complement on board ISEE-1. In the following a method to determine
the plasma density and temperature from the gun measurements is outlined.
A simple model for electron collection is assumed Ie = 10 (1 + Vsc/Ve) where
Io = n e v S/4 with n the density, e the electron charge, v the thermal
speed (eVe = mV 2 /2 and S the collecting surface of the entire spacecraft,
approximately 10 m . The value of Io is obtained by extrapolating towards
low voltages the curve representing the electron saturation curregt.
As an indication the values obtained from figure 6 are n = 30 cm- and
Ve = 14.6 V.

When the control of the spacecraft potential by the electron gun is
effective a fraction of the gun current returns to the spacecraft. As noted
by the particle experimenters on ISEE-1 this return flux increases considerably
the countrate of particle detectors in the vicinity of the return area.
The beam also excites plasma instabilities which have been observed in a
frequency range around 20 kHz and detected by the other electric antenna on
the spacecraft.

It therefore appears that in spite of their low electron beam intensi-
ties, some fundamental plasma physics phenomena can be investigated with the
electron guns on board ISEE-1 in the future.
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INTERACTIONS BETWEEN SPACECRAFT AND THE CHARGED-PARTICLE ENVIRONMEN1'

N. John Stevens
NASA Lewis Research Center

SUMMARY

Spacecraft-environment interactions are defined as the responses of
spacecraft surface to a charged-particle environment. This response can influ-
ence spacecraft system performance. Interactions can be divided into two broad
categories: spacecraft passive, in which the environment acts on the space-
craft; and spacecraft active, in which the spacecraft causes the interaction.
Passive interactions include the spacecraft-charging phenomenon. Active inter-
actions include the relatively new interactions arising from the use of very
large spacecraft and space power systems in future missions. In this category
the concern is both for the effect the environment can have on spacecraft sys-
tems and for the effect the large spacecraft can have on the environment. To
illustiate active interactions, a large power system operating at elevated
voltages is considered. Possible interactions are described, available experi-
mental data are reviewed, and the effect on power system performance is esti-
mated.

INTRODUCTION

Spacecraft have traditionally been designed to fit within launch vehicle
capabilities and shroud dimensions. At times, the ingenuity of designers has
been severely taxed to include all systems within these constraints. As a re-

sult, spacecraft typically have been cylinders (or at least packaged as cylin-
ders) 150 to 300 centimeters in diameter, with deployables as required. Now,
with the advent of the shuttle space transportation system, these limits have
changed. Very large spacecraft can be accommodated for future missions. Stud-
ies are being conducted on spacecraft to be used for such diverse activities as
manufacturing, scientific exploration, power generation, and human habitation
in locations ranging from low Earth orbits (250 to 400 km) to geosynchronous
altitude and beyond (refs. 1 to 8). Structures proposed for these missions
range in size from 200 meters for a large structure-assembly demonstration in
the mid-1980's (ref. 9) to several kilometers for the Solar Power Satellite

(SPS) (ref. 3). These large structures are being designed with relatively
lightweight materials to achieve the required low densities.

These spacecraft must function in the space environment. Anomalous be-
havior of geosynchronous satellite systems has shown that the space environ-
ment is not completely benign. Interactions between the charged-particle en-
vironment and spacecraft exterior surfaces (i.e., spacecraft charging) can dis-
rupt spacecraft systems (refs. 10 and 11). The size of the new geaeration of
spacecraft will be approximately the plasma Debye length in the geosynchronous
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environment. This can result in increased interactions between the insulators
and quasi-conductors and the charged-particle environment. The large size of
these new spacecraft raises concern about charging effects on them in low Earth
orbits. In this environment the spacecraft moving through the Earth's magnetic
field can induce electromagnetic stresses that should be considered in the de-
sign. The spacecraft physical dimensions are also of real concern for their
effect on the environment.

Proposed large, high-power systems ranging from tens of kilowatts to giga-
watts have given rise to another aspect of environmental interactions. One
means of improving electrical efficiency and reducing weight for these power
systems is to operate at voltages higher than those currently being used. The
SPS design calls for the generation of 15 gigawatts to 40 kilovolts. To date,
the highest operating voltage used in space is the 100-volt system in Skylab.
At this voltage, interactions with the environment are negligible (ref. 12).
Operation at higher voltages in a plasma environment, however, can influence
system performance.

For these reasons, spacecraft-environment interactions are associated with
future space programs. These interactions must be understood, evaluated, and
neutralized, if necessary, in the design phases of the programs. In this paper,
categories of spacecraft-environment interactions are defined and briefly de-
scribed. The primary emphasis is on interactions between the environment and
large space power systems operating at elevated voltages. Available experimen-
tal data on high-voltage surface-plasma interactions are reviewed and, based on
this information, the effect of these interactions on power system performance
is estimated.

SPACECRAFT-ENVIRONMENT INTERACTION CATEGORIES

In this paper, spacecraft-environment interactions are defined as the re-
sponses of a spacecraft surface to the charged-particle environment of space.
Spacecraft surfaces will respond to the environment at all altitudes. However,
the interaction is of concern only where it influences system performance.

Interactions of concern between a spacecraft and the environment are illus-
trated in figure 1. A large spacecraft configuration with a large, high-power
solar array is illustrated. There are two broad categories of interactions:
category 1, spacecraft passive, where the charged-particle environment acts on
the spacecraft surfaces; and category 2, spacecraft active, where the space-
craft causes the interaction. Each of these categories is described in the
following paragraphs.

Category 1 - Spacecraft Passive Interactions

The principal spacecraft passive interaction of concern is spacecraft
charging. This interaction occurs primarily at geosynchronous altitudes when
kilovolt energy particles from geosynchronous substorms electrostatically
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charge shadowed insulating surfaces to high negative voltages. If the voltage
stress on an insulator exceeds its breakdown threshold at an edge or an imper-
fection (ref. 13), discharges can occur. Energy from this discharge can couple
into the spacecraft electrical harness, upset low-level logic circuits, and
disrupt system performance. In addition, discharges can deteriorate thermal
control surfaces and thus increase spacecraft temperatures. The differential
charging of spacecraft surfaces can also ionize neutral gas molecules and en-
hance surface contamination by attracting charged particles back to the space-
craft surfaces (ref. 14). it can also disrupt scientific instrument measure-
ments. Since there are many references available on this subject (e.g., see
refs. 10 and 11), it is not discussed further in this paper.

Other aspects of this category of interactions, such as the possibility of
charging by high-energy environmental particles and sputtered atoms, have not
been fully investigated. it has been suggested that in a high-energy inter-
action such particles could charge the wires within a satellite by penetrating
the exterior and depositing on wire insulation (ref. 15). Another possible in-
teraction involving high-energy particles could occur if particles are depos-
ited within the exterior surface of a satellite while the exterior surface is
neutralized by the thermal plasma (low-energy components of the environment).
This could build up an electrostatic bilayer, similar to that suggested in
reference 16, which could discharge. This phenomenon would be more likely to
occur where the charged-particle environment is more energetic, on spacecraft
in the Earth's radiation belts or in the Jovian environment. In the sputtered-
atom interaction, sputtered particles could become charged and, as such, they
would be an additional current to be considered and an additional source of
contamination particles. Specifically excluded from consideration in space-
craft passive interaction is radiation damage to solar cells and electronic
components. This has been studied in detail by others.

Category 2 - Spacecraft Active Interactions

In spacecraft active interactions the spacecraft itself or a system on the
spacecraft causes the interaction with the environment. These interactions are
of concern at all altitudes in space. Spacecraft active interactions include

* those involving the motion of very large spacecraft proposed for future mis-
sions. The orbital velocity of spacecraft through the Earth's magnetic field
can induce electric fields within the structure. The differential voltages in-
duced by a large spacecraft can be significant and can give rise to electro-
magnetically induced forces that can cause distortions within the structure
(ref. 17). These induced forces and any subsequent interaction with the envi-
ronment must be accommodated in che design of large space structures. These
interactions are discussed in more detail in references 18 and 19. Very large
structures in space can also modify the environment by sweeping out charged
particles (ref. 17). Such structures can drastically change the charged-
particle environment and cause further interactions with themselves. These
problems must be resolved before large space structures are launched.

The principal interaction of concern in this paper is the coupling be-
tween the thermal or low-energy plasma environment and a space power system
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operating at elevated voltages. This interaction, illustrated as the parasitic
current loop in figure 1, is discussed in more detail later in this paper. The
thermal plasma environment in equatorial orbit (fig. 2) ranges from about a
million particles per cubic centimeter in low Earth orbits to about 10 parti-
cles per cubic centimeter at geosynchronous altitude. The thermal energy of
these particles is less than 5 eV. This environment can interact with exposed
portions of high-voltage systems, and these interactions must be considered in
system designs. Interactions that must be evaluated are plasma coupling cur-
rents between the high-voltage system and the environment, effects of charge
stored in or on the insulator surface, and plasma-initiated discharges (refs.
20 and 21). These interactions are described as functions of operating volt-
ages, time in orbit, plasma properties, and insulator properties. The effect
of these interactions on power system performance is illustrated in the next
section.

INTERACTIONS WITH LARGE SPACE POWER SYSTEMS

The concept of a large space power system is used to illustrate the ratio-
nale for operating at elevated voltages and to estimate the influence of envi-
ronmental interactions on system performance. Since some effects are configu-
ration dependent and plasma interactions are complex, simplifying assumptions
are made in this illustrative example. More sophisticated computer programs
are being developed to investigate these interactions in more detail (refs. 22
to 25).

Power System Characteristics

The concept of a large space power system assumed to illustrate interac-
tions with the environment is shown in figure 3. This system is composed of
5-kilowatt solar-array modules connected to give the desired total power out-
put. These modules are each 5 meters by 10 meters and have operating line
voltage and current, VL and I, as shown in figure 4. The modules are ar-
ranged in pairs on two wings. Power is generated with all modules at the same
specified voltage and is brought into a central load region on a pair of trans-
mission lines on each wing. Power is converted to the required voltages within
the central body. With this arrangement the modules on each wing form parallel
electrical circuits: All are on the same voltage VL with the load current
increasing in equal amounts in the transmission line as modules are added.
Power systems capable of generating 20 to 500 kilowatts (in increments of
20 kW) can be conveniently studied.

The first consideration is to determine the operating voltage for the sys-
tem. As shown in figure 4, voltages for a 5-kilowatt module could vary over a
wide range from the commonly used 30 volts to 5000 volts. The advantage of
higher voltages is usually a reduction in power loss and weight. This advan-
tage can be demonstrated by simple computations of the power loss and weight of
the transmission lines alone as the power level increases.
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In these computations the transmission line is assumed to be aluminum,
based on the results given in reference 26. The cross-sectional area of each
line is assumed to be constant at 1 square centimeter. The power lost in the
four main transmission lines, expressed as a fraction of the total power gener-
ated, can be calculated from

n

PT PT (I PTA..= i i  I

i=l

where

PL power lost in transmission lines, W

PT total power generated, W

Ii  load current in line at each module, A

Ri  resistance in line at each module, ohms

p electrical resistivity of aluminum, 2.8X10-6 ohm-cm

A cross-sectional area of transmission line, 1 cm
2

Zi characteristic line length for each module, cm

n number of l0-kW module sets on one wing

Since the modules are considered to be added in pairs on each wing in parallel
electrical circuits, the load current is computed on the basis of 10-kilowatt
module sets at a specified operating voltage. As module sets are added to in-

crease power output conditions, the load current increases by equal amounts.
The characteristic line lengths have been assumed to be the distance to the
center of each module set. For the first module set this is the distance from
the central load section (assumed to be 10 m). Line lengths for subsequent
module sets are assumed to be 5.5 meters.

Results of computations based on equation (1) are shown in figure 5. It
is apparent from this figure that any power system, with the assumptions used
here, would dissipate nearly all its power in the lines if 500 kilowatts were
generated at 100 volts. For large space power systems, operational voltage
levels must be increased to reduce line losses.

The assumption of constant cross-sectional area for the transmission line
is poor because of thermal considerations. A 1-square-centimeter cross-
sectional line would probably vaporize at the currents indicated for 100-volt
operation. A trade-off must be made between power loss and the weight gained
by increasing the line cross-sectional area. Such a trade-off can be approxi-
mated for the power system considered here. The line weight in grams is
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n

WL - 4yA (2)
i=l1

where y is the density of aluminum (2.7 g/cm3). Thus, the line weight re-
quired to maintain a 5-percent power loss in the transmission line is computed.
This weight is compared with a total system weight based on a design goal of
10 kg/kW. Combining equations (1) and (2) to eliminate the cross-sectional
area and expressing the result as the desired weight fraction results in

WL 1 6yp ('2

WT WTPL ( 1 i
where WT is the total system weight in kilograms. Since it is assumed that

PL = 0.05 PT and WT = 10 PT' then

WL _
32yp 1 (3)

The results of equation (3) are shown in figure 6. Here again a 500-
kilowatt system operating at 100 volts with a 5-percent power loss in the
transmission lines would have a line weight approximately equal to the desired
total system weight. Hence, operating voltages must be increased to make large
power systems feasible. The method of computation used here totally neglects
any effects within the 5-kilowatt modules. If these effects are considered,
there could be additional line losses that would be minimized by higher voltage
operation.

Other power system design concepts - such as a single, very large solar
array and modular designs with multiple transmission lines (a pair for each
module) - have been subjected to similar reviews. The results are similar:
Power losses and weight can be significantly reduced by operating at higher
voltage levels.

In the example described here, operating voltage levels are allowed to
vary from 100 to 5000 volts. In an actual system, high-voltage components
would be needed for switching and other operations. Although these high-
voltage components do not now exist, the technology for developing them is be-
ing pursued (ref. 26). Although large power systems should use high operating
voltages to minimize power losses and weight, a high-voltage system exposed to
space could interact with the charged-particle environment. This interaction
could influence system performance. These possible interactions and their ef-
fect on system performance are discussed in the following paragraphs.
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Biased-Surface - Plasma Interactions

Background. - The spacecraft-system - charged-particle-environment inter-
action considered here was briefly described in the definition of category 2
interactions. In this section, the description of this interaction is expanded.

Consider a solar-array power system as shown in figure 7. In the standard
construction of this array, cover slides do not completely cover the metallic
interconnections between solar cells. These cell interconnections are at vari-
ous voltages, depending on their location in the array circuits. Because the
array is exposed to space plasma, the interconnections act as biased probes,
attracting or repelling charged particles. At some location on the array, the
generated voltage is equal to the space plasma potential. Cell interconnec-
tions that are at voltages V+ above the space potential will attract an elec-
tron current that depends on the number density and energy of the electrons in
the environment and on the voltage difference between the interconnections and
space. Those interconnections that are at voltages V_ below the space plasma
potential will repel electrons and attract an ion current. The voltage distri-
bution in the interconnections relative to space must be such that electron and
ion currents are equal. This flow of electrons and ions can be considered as
plasma coupling currents that form a current loop in parallel with the space-
craft electrical load. The loop is parasitic and represents a power loss.
This interaction should be more pronounced in low Earth orbits because of the
high number density of the low-energy thermal plasma (fig. 2).

Experimental results. - To assess the impact of space plasma on solar-
array performance, it is necessary to estimate the current collection (i.e.,
the plasma coupling current) of an array that has small, biased conductor areas
surrounded by large areas of insulation. This estimate is based on results of
experiments conducted on biased solar-array segments in plasma environments.
Such experiments (refs. 27 to 30) have been conducted ever since an interesting
enhancement effect was first reported 10 years ago (ref. 31). The results pre-
sented here are based primarily on tests made at the Lewis Research Center
(ref. 12). All other results are in substantial agreement with these.

A small solar-array segment of twenty-four 2-centimeter-by-2-centimeter
cells mounted in series on a Kapton sheet and a fiberglass board was tested in
Lewis' geomagnetic substorm simulation facility. This segment had standard
mesh interconnections between the cells. Bias voltages VA were applied to
the segment by laboratory power supplies to determine both positive and nega-
tive voltage interactions. The test facility was housed in a 1.8-meter-
diameter by 1.8-meter-long vacuum chamber capable of operating in the 10" 6-torr
range. A plasma environment was generated by ionizing nitrogen gas. Both
plasma coupling currents and surface voltages on the array segment were mea-
sured during the tests, which were conducted at plasma densities of about 104
and 103 per cubic centimeter (ref. 32).

Surface voltage profiles for part of the segment are shown in figure 8.
For low, positive applied potentials (:I00 V), the quartz cover slide assumes
a small negative voltage in order to maintain electron and ion currents to that
surface (fig. 8(a)). This voltage is measured about 3 millimeters above the
quartz surface by a noncontacting, capacitively coupled surface voltage probe.
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Negative voltage on the quartz cover slides appears to suppress the voltage in
the plasma above the interconnections to less than 10 percent of the applied
voltage. As positive potentials are increased above 100 volts, a transition
occurs in surface voltage profiles (fig. 8(b)): The surface voltage of the
quartz cover slides approaches that of the interconnections. It is as if the
voltage sheaths have "snapped over" or expanded to encompass the cover slides.
A voltage sheath is the distance required for the voltage to decay to plasma
potential through the rearrangement of plasma particles. Snap-over seems to
occur when the sheath approaches solar-cell dimensions. Effective surface
voltage after snap-over is 50 volts less than the applied voltage.

Results for negative applied voltages are shown in figures 8(c) and (d).
The quartz cover slides again assume slightly negative voltages. Electric
fields in the plasma due to the biased interconnections are suppressed and con-
fined by the quartz surface voltage. Instead of a snap-over phenomenon, this
confinement remains until the field builds up to a point where discharge occurs.
The voltage at which breakdown (discharge) occurs depends on the plasma density.
For these tests, breakdown occurred at about -600 volts at densities of about
104 per cubic centimeter and about -750 volts at densities of about 103 per
cubic centimeter. Other tests have indicated that breakdown can occur at den-
sities corresponding to geosynchronous altitudes when the negative bias voltage
magnitudes are greater than 5000 volts (ref. 28).

Plasma coupling currents for the small segment are shown in figure 9. The
current collection phenomenon agrees with the trends indicated by the surface
voltage data. For low, positive applied potentials (<100 V), plasma currents
in amperes can be approximated by an empirical relationship that depends on the
measured or suppressed voltage in the plasma and the interconnections:

le Jeo-4 + ) for VA < 100 V (4)

where

jeo electron thermal current density, A/cm
2

Ai total interconnection area, 4.8 cm
2

Vm measured voltage in plasma at interconnection, V

Ee electron temperature in plasma, eV

VA applied bias voltage, V

The measured voltage Vm has been found to be about 10 percent of the applied
voltage VA.

For positive applied potentials greater than 100 volts, the current col-
lection in amperes can be approximated by what appears to be space-charge-
limited current collection based on a reduced voltage and the panel area:
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( VA 0.8
e =eo 4 Ee for VA > 100 V (5)

where Ap is the total fiberglass panel area (180 cm2). In the transition re-
gion (-I00 V), no expression has been found to fit the current data.

Plasma coupling current collection at negative voltages seems to fit a
relationship similar to equation (4), where ion thermal current density and
temperature Jio and Ei are substituted for jeo and Ee to the point
where there is a transition to discharge. No relationship has been developed
to predict the onset of discharge at various p isma densities.

Modern solar-array technology seems to favor a wraparound interconnection
over the conventional mesh interconnection (fig. 10). Wraparound interconnec-
tion construction eliminates the expansion bend of the conventional intercon-
nection, and this conceivably might influence plasma interactions. A sample of
2-centimeter-by-4-centimeter solar cells, with wraparound interconnections,
mounted on a Kapton sheet was tested to evaluate the interaction (ref. 12).
Surface voltage profiles for tests in plasma densities of 105 per cubic centi-
meter at positive applied voltage are shown in figure 11. Here snap-over oc-
curred at a slightly higher voltage (190 V), possibly because of the large
solar-cell size. When negative voltages were applied, the discharge phenom-
enon was again observed. Onset of breakdown for this sample was about -700
volts. In this test, the discharges were photographed (fig. 12) and are seen
to occur at the cell edges, as would be expected from surface voltage profiles.

High-voltage operation may cause long-term degradation of solar-array per-
formance even if plasma coupling currents can be neglected. The only test con-
ducted to date to evaluate this condition is a 114-hour test of a 100-square-
centimeter solar-array segment. The segment was biased to 4 kilovolts and the
plasma environment was controlled so that the coupling current was kept at
10 microamperes (ref. 28). (From short-term tests this coupling current was
considered to be too low to cause detrimental effects.) After the test, how-
ever, the interconnections had obviously darkened and the cover slides appeared
to be coated. Voltage-current curves of the array segment made before and af-
ter the test indicated a 7-percent decrease in short-circuit current (fig. 13).
This contamination may have been due to facility effects, and additional test-
ing is required to evaluate possible enhanced contamination effects.

A solution to interaction problems would be to cover all biased conduc-
tors. This would work only if there are no penetrations in the covering. Ex-
perimental results obtained when a small pinhole (0.038 cm diam) was made in a
Kapton insulating film over a biased conductor are shown in figure 14. Such
holes in insulators can result in disproportionally large electron currents.
Furthermore, tests have indicated that collection currents can be proportional
to the total insulator area (ref. 28). The mechanism for this pinhole current
collection phenomenon appears to be an interaction between electric fields from
the pinhole expanding into the plasma and along the insulator surface. This
effect can be seen from results of tests with a biased metal disk placed on a
Kapton insulator (ref. 32). At low, positive applied potentials the Kapton
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surface assumed a slightly negative voltage (fig. 15). As the applied voltage
exceeded 100 volts, the surface voltage on the Kapton changed: It became more
and more positive until the whole surface was strongly positive. It is be-
lieved that plasma electrons are accelerated into the Kapton and generate sec-
ondaries that are collected by the disk and increase the measured currents.
For negative applied potentials, the electric fields remained in the region of
the disk and no increased currents were found.

The experimental results reported here were obtained on relatively small
solar-array and insulator-pinhole samples. The effects obtained with these
small samples have been verified in space by the Plasma Interaction Experiment
(PIX) flight results (ref. 33). Tests with larger samples (10 m by I m) to
evaluate increased area effects have recently been started (ref. 34). The
small-sample tests indicate that there can be significant interaction effects
that could influence space power system performanc-. The initial indications
from the large-sample tests seem to verify the results of the small sample

tests. These results are summarized in figure 16. For those areas of the
array that are positive with respect to the space plasma potential, there will
be electron collection interactions. At low, positive voltages these interac-
tions will depend on biased interconnection areas and a suppressed voltage. As
voltages increase, there will be a transition to whole-panel current collection
that probably will depend on space-charge-limited current collection. At nega-
tive voltages, ions will collect at the interconnections at suppressed voltages.
As the array voltage becomes more strongly negative, discharges or arcing will
disrupt the power generation.

The influence of these experimentally determined interaction effects on
the performance of large, high-voltage space power systems is considered in the
next section.

Interaction Effects on Large Power Systems

By using information gained from experimental results, we can estimate the
influence of environmental interactions on a large space power system like that
shown in figure 3. Such a power system will float electrically at some voltage
relative to the space plasma potential so that equal electron and ion currents
will be collected. Since electrons are more mobile than ions, the array will
be predominantly negative with respect to space potential. Absolute ground
reference is the space plasma potential and not the spacecraft. Those areas
of the array that are positive V+ with respect to the space plasma potential
will collect electrons as in the positive applied potential experiments. Those
areas of the array that are negative V_ with respect to the space plasma po-
tential will collect ions as in negative applied potential experiments. System
operating line voltage VL will be the sum of the absolute values of the posi-
tive and negative voltages (i.e., VL = 1V+1 + IV-I.-

To determine the floating potential of this power system, electron and ion
currents have to be computed as a function of environmental parameters, system
geometry, and voltage differences between the array and space. The method of
current collection of large panels is not completely understood at this time.
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Several papers on this phenomenon have been given at this conference (refs. 22
to 25). However, to illustrate the environmental interaction effects, experi-
mental results given in the previous section are extrapolated here to large
systems.

Based on experimental results, the following charged-particle interactions
should occur in a large space power system:

(1) Those portions of the array that are at positive voltages less than
100 volts will collect electron current proportional to the interconnection
area and to a voltage that is about 10 percent of the actual voltage at the
interconnections (eq. (4)).

(2) Those portions of the array that are at positive voltages greater than
100 volts will collect electron currents prc ,rtional to the panel area and to
a voltage that is 50 volts less than the actual voltage at the interconnections
(eq. (5)).

(3) Those portions of the array that are at negative voltages will collect
ion currents proportional to the interconnection area and to a voltage that is
about 10 percent of the actual voltage at the interconnections (ion current

version of eq. (4)).

(4) Discharges will occur in low Earth orbits in those portions of the
array that are between -500 and -1000 volts, and at geosynchronous altitudes
in those portions of the array that are greater than -5000 volts.

The second interaction states, in other words, that higher-positive-voltage
portions of the array will collect electron current proportional to the 0.8
power of the voltage. Another model for current collection at these voltages
has been proposed (ref. 12). This model assumes that current collection can
be computed as the electron flux to an expanded sheath. The sheath is curved
at the panel edges, with the radius of curvature determined from the Child-
Langmuir relationship, and flat across the central portion of the array. In
this model the radius is proportional to the 0.75 power of the voltage. So the
functional dependence of both models is similar.

Since environmental interactions between a space power system at various
voltages and the space charged-particle environment should be more pronounced
in low Earth orbits, this environment is used in this illustrative example.
Pertinent environmental parameters for 400-kilometer orbital conditions are
given in table I (ref. 35). The magnitude of plasma coupling current interac-
tions at geosynchronous altitudes can be assumed to be orders of magnitude less
than those in low Earth orbits since the thermal plasma density is less.

Under equilibrium conditions, the voltage distribution on the interconnec-
tions will assume values such that the total electron current Ie collected
from the plasma (electron plasma coupling current) will equal the ion current
I, collected. Since electrons are more mobile than ions, areas A+ of the
array that are at positive voltages will be smaller than areas A_ that are at
negative voltages. Furthermore, it can be expected that the positive voltage
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V+ of the electron collection areas (relative to the space plasma potential)
will be less than the negative voltage V.. These conditions can be written as

le  Ii

or

e (+ ) + oe v for V+ C 100 V

and

4 +V+ - 50)08 A- i0.1 V_)

- ofor V+ > lOOv

where

IV+I + Iv-I = VL
and

4 panel area at positive voltage

Jeo' Jio, plasma properties (table I)

Ee, and Ei

The total interconnection area is assumed to be 5 percent of the total array
area.

To solve these equations, a relationship between collection areas and
voltages above and below space plasma potentials is needed. Since all array
modules have been assumed to be at the same operating line voltage V and
voltage distributions within the module have been neglected, many comkinations
of voltage and area are possible. For this example, it is assumed that posi-
tive portions of the array are at 10 percent of operating voltage (i.e., V+ =
0.1 VL and V- - 0.9 VL). The array will probably not be significantly more
positive than this, so the example is valid for illustrative purposes.

Plasma coupling currents can now be computed for large power systems at
various operating voltages. These parasitic currents can then be compared with
the operating current to evaluate the influence of the loss through the envi- 7
ronment. Since a fixed percentage was used for the positive and negative volt- t

ages relative to the space plasma potential and since the array size is propor-
tional to the power generated, the ratio of coupling current to operating cur-
rent has turned out to be independent of power level. Results, as a function
of operating voltage, are shown in figure 17. These results are in reasonable
agreement with those given in reference 12.
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The results of this exercise indicate that plasma coupling current losses
at operating voltages less than 500 volts are not serious in low Earth orbits
and, therefore, are definitely not a problem at geosynchronous altitudes. The
limitation in going to higher operating voltages appears to be the arcing in
the negative portions of the array. This arcing also will be a problem at geo-
synchronous altitudes but at negative voltages greater than 5000 volts. If
this arcing is truly an electric-field-confinement effect, a technological in-
vestigation should lead to practical methods of overcoming this limitation.

Once arcing is eliminated, operation of power systems, in the kilovolt range,
without detrimental plasma interactions should be possible at all altitudes.

There is a possibility that ion thrusters will be used with large space
power systems (ref. 3). If ion thrusters are used, additional current flows
must be considered. Since the thruster neutralizer produces electrons in re-
sponse to electric fields surrounding it, it can maintain the structure at
space plasma potential. The array, then, will be at a positive voltage (rela-
tive to the space plasma potential) that approaches the operating voltage.
Under these conditions, a large electron current can be collected that can in-
fluence array performance. In addition, electron collection may be enhanced
through a charge-exchange plasma from the thrusters. This interaction has been
reported in references 36 and 37 and is described further in a paper for this
conference (ref. 38).

It is recognized that the computations presented here are simplistic. A
considerable number of factors have been neglected: for example, the motion of
the system through space producing ram and wake effects, material secondary and
photoemission characteristics, effects due to voltage distributions within the
array, and magnetic field effects. Even so, it is believed that the general
conclusions indicated by this example are valid.

A considerable amount of work still has to be done in a technological in-
vestigation to improve the accuracy of analytical models, to verify ground test
results in space, and to analyze complex geometries used in large space power
systems. The questions of long-term interaction and enhanced contamination ef-
fects still have to be addressed. However, significant benefits to power sys-
tems can be achieved if high-voltage operation can be shown to be feasible.

CONCLUDING REMARKS

Very large spacecraft with dimensions ranging to kilometers have been pro-
posed for future space missions. These spacecraft will incorporate relatively
lightweight materials (composites and insulators) to achieve the required low
densities. The spacecraft charging investigation has shown that such materials
can be charged by environmental fluxes and that these interactions cannot be
ignored. Similar spacecraft - charged-particle-environment interactions can be
expected for these new, large spacecraft. Large space power systems are also
being considered for future missions. Powers to multikilowatt levels are
proposed. At these power levels, it is advantageous to use operating voltages
higher than those presently being used in order to reduce transmission-line
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weights and losses. This elevated-voltage operation could cause interactions
with the space charged-particle environment. Therefore, there is a need to ex-
pand technological investigations of such interactions.

Two broad categories of spacecraft environmental interactions have been
defined: spacecraft passive, where the environment acts on the spacecraft; and
spacecraft active, where a system on the spacecraft causes the interaction.
The principal interaction in the first category is spacecraft-charging phenom-
ena. Considerable progress has been made in understanding this interaction,
but the study is not yet complete.

Spacecraft active interactions present relatively new interaction concepts.
As an example of these interactions, a large space power system in low Earth
orbit operating over a wide range of voltages is considered. Based on the
available experimental data, it appears that the environmental interactions are
negligible for operating voltages to 500 volts in Earth orbits above 400 kilo-
meters. The limiting factor in going to even higher voltages is the tendency
to discharge in the portions of the array that are strongly negative relative
to space (-500 to -1000 V in low Earth orbits and -500 to -10 000 V at geosyn-
chronous altitudes). This tendency to discharge appears to be due to the con-

finement of electric fields at the interconnections between solar cells. A
comprehensive technological investigation should lead to a means for control-
ling this discharge characteristic.

Large systems will interact with the environment to produce effects within
the spacecraft, and the converse can also occur: Large spacecraft can affect
the environment by sweeping up the charged particles to cause as yet unknown
repercussions. This emphasizes the need to understand and evaluate all possi-
ble interactions with the environment before proposed large spacecraft are
launched, to safeguard both the spacecraft systems and the environment.
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TABLE I. -ENVIRONMENTAL PAR.AMETERS

[Orbit, 400 km; 016+ ions.]

Electron number density, ne cm-3 . . . . . . . 2xl05

Electron temperature, Ee e.........0.22

Electron current density, J.eo' A/cm2 .. . 2.4x107'

Ion number density, flj, C11 3 . . . . . . . .. . .. . . . 2x105

Ion temperature, Ei, eV. .. ......... 0.09

Ion current density, Jio A/cm2. . . . . . 9.4XI101 0
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PLASMA INTERACTION EXPERIMENT (PIX) FLIGHT RESULTS

Norman T. Grier and N. John Stevens
NASA Lewis Research Center

SUMMARY

An auxiliary payload package called PIX (plasma interaction experiment)
was launched on March 5, 1978, on the Landsat 3 launch vehicle to study inter-
actions between the space charged-particle environment and surfaces at high ap-
plied positive and negative voltages (±l kV). Three experimental surfaces were
used in this package: a plain disk to act as a control, a disk on a Kapton
sheet to determine the effect of surrounding insulation on current collection,
and a small solar-array segment to evaluate the effect of distributing biased
surfaces among an array of insulators. The package remained with the Delta
second stage in a 920-kilometer polar orbit. Because of the constraint of
real-time data acquisition, only half of the results from the 4 hours of PIX
operations were recovered. The results did verify effects found in ground
simulation testing: namely, that insulation can suppress electron current
collection at voltages less than 250 volts and enhance it above 500 volts,
that ion currents to a disk are not influenced by surrounding insulation, and
that solar-array segments arc at negative bias voltages greater than -750 volts.
The results of this experiment are discussed in detail in this paper.

INTRODUCTION

The design of space power systems has traditionally been conservative.
These systems usually are constructed to generate power at 28 to 32 volts.
For special applications, systems operating at 50 to 100 volts have been built
and flown (e.g., refs. 1 to 3). This design philosophy is viable for the mod-
erate power levels presently used (i.e., kilowatt levels), but trends for the
future are toward larger and larger powers (refs. 4 to 6). If operating volt-
ages for these larger systems are not increased, load currents will rise to a

value where distribution losses could become prohibitive (ref. 7).

Increasing operating voltage levels above those currently used requires
careful consideration. All space power systems have exposed conductors that
are at some voltage level. These systems operate in a low-energy, charged-
particle environment that ranges from about a million particles per cubic cen-
timeter at low Earth orbit to about 10 particles per cubic centimeter at geo-
synchronous altitudes. Simple plasma probe theory (ref. 8) indicates that, in
this type of environment, an exposed biased conductor will interact by collect-
ing particles. At low operating voltages, particle collection will be negli-
gible. However, as the voltage is increased, the particle collection can be-
come significant and the effect should be considered (refs. 9 and 10).
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High-voltage-surface - charged-particle environmental interactions have
been studied for the past several years. Ground simulation studies conducted
to determine the basic interactions (refs. 11 to 15) show that interactions
can be strongly influenced by the presence of insulators around the biased con-
ductors. When a positive bias voltage of a few hundred volts is applied to
solar-array segments, the electron current collection is enhanced by orders of
magnitude. When a negative bias voltage of a few hundred volts is applied,
arcing occurs. In addition to these collection phenomena, there are unknown
effects of long-term deposition of charge on insulators and of electrostati-
cally enhanced contamination. All these factors will influence the performance
of large space power systems and should be understood and accounted for in the
eqrly system-design phases.

The ground simulation results that supported the concern over these inter-
actions usually were criticized as being influenced by facility effects. It
has been suggested that tank walls could influence the interactions and that
both the ambient-pressure and plasma-environment simulations do not correspond
to actual space conditions. If tank-wall effects are dominant, such interac-
tions might not exist in space. The first flight experiment to investigate
these interactions in space was a free-flying satellite called SPHINX, an
acronym for space plasma - high-voltage interaction experiment (ref. 16). The
satellite was built and qualified but was lost when the Titan-Centaur proof
flight failed to place the payload into orbit in February 1974.

The investigation of the interactions continued, but no opportunities to
obtain flight experiments arose until recently. An auxiliary payload experi-
ment was proposed and accepted for the Landsat 3 mission. This package was
called PIX, an acronym standing for plasma interaction experiment. On the
Landsat 3 mission, PIX was permanently attached to the Delta second stage so
that the experiment was conducted in the 900-kilometer polar orbit of that
stage. The experiment was automatically sequenced, starting just after the
Landsat separated and ending at the depletion of the batteries. The Delta
telemetry system was used to transmit the data to Earth, but only with real-
time data recovery. The mission was launched and the PIX operated on March 5,
1978. It was known that this experiment would result only in relatively short-
time interaction data in a limited range of plasma densities. However, it was
believed that these first space results would provide sufficient data for a
meaningful comparison to ground simulation results and would verify the exis-
tence of the interactions.

In this paper the PIX package is briefly described and the flight results
are presented and discussed. The correlation between the flight data and the
ground simulation data is also given.

DESCRIPTION OF PIX

The plasma interaction experiment was designed to determine the biased-
(onductor current collection from space environments when the conductor is
surrotmded by insulators and to obtain space data to compare with results of
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ground simulation tests. The resulting package and its mounting on the Delta
second stage are shown in figure 1. A block diagram of PIX is shown in fig-
ure 2.

The PIX consisted of two main parts: the electronics enclosure and tile
experiment plate. These parts were mounted 900 apart on the Delta second stage.
The electronics enclosure housed the bias power supply, three electrically
floating current sensors, the switches, the battery, the power conditioner, and
the sequencer. The sequencer acted as the experiment controller and as the in-
terface with the Delta telemetry system. These components are described in de-
tail in reference 17.

Three experimental surfaces were used on PIX: a plain disk, a disk on
Kapton, and a solar-array segment. The plain-disk experiment, consisted of a
gold-plated metal disk 3 centimeters in diameter (area, -40 cm2 ) mounted on,
but electrically isolated from, the grounded exterior of the electronics en-
closure. This experiment was to act as a control. Because of the auxiliary
payload nature of PIX, components had to be minimized and deployables were for-
bidden. Plasma diagnostic devices to measure environmental conditions, there-
fore, had to be minimized. It was anticipated that the plain disk would behave
well. This would allow comparative measurements to the other surfaces with in-
sulating surroundings and provide, at least, an indicator of plasma conditions.

The other two surfaces were mounted on, but electrically isolated from,
the exi)eriment plate. The disk-on-Kapton experiment consisted of a gold-plated
metal disk, identical to the plain disk, mounted on a 20-centimeter-diameter
(area, -325 cm2 ), 5-mil-thick Kapton sheet. By comparing the data from this
experiment with the plain-disk results, the influence of the Kapton sheet on
current collection could be determined. The solar-array experiment consisted
of a series string of twenty-four 2-centimeter-by-2-centimeter, 10-ohm-
centimeter silicon solar cells with fused silica cover glass (area, -100 cm2 )
mounted on a fiberglass board. Conventional bar interconnections (area,
-5 cm2 ) were used in this array. These interconnections were connected to the
bias power supply and formed the current collection area. By comparing the
data from this experiment with the plain-disk results, the effect of distribut-
ing a biased conductor among insulating surfaces could be determined.

Each experiment was connected to a separate current sensor that was biased
by the power supply (fig. 2). Both positive and negative voltage steps from 0
to 1000 volts could be selected. The plain-disk experiment was constantly
biased. Either the disk-on-Kapton or the solar-array segment was also biased.
When one of these two experiments was connected to the power supply, the other
current sensor was switched to a known resistor to calibrate that sensor. The
separation distance between the plain disk and the other experiments on the ex-
periment plate was sufficient to ensure that there would be no interaction be-
tween the two operating experiments at the anticipated plasma densities.

The PIX experimental surfaces were subjected to testing in ground simula-
tion facilities before launch (ref. 18). In addition, the flight package was
tested in a plasma environment to verify that the experiments would function
properly and to obtain additional data for comparison with flight results.
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PIX FLIGHT OPERATIONS

The PIX was carried into orbit on March 5, 1978, on the Landsat 3 launch
vehicle. The orbital parameters achieved for the Delta second stage and PIX
were

Altitude, km ............ ............................. ... 920±15
Inclination, deg ............ ............................. ... 99
Period, min .............. ................................ .103

The experimental sequence started 20 seconds after Landsat separation, or
at 19:08:47 universal time (UT). The operational sequence used for PIX is
shown in figure 3. Phase I of the experiment required the bias power supply
to be at 526 volts for 12 minutes. This total time was divided into 2-minute
intervals during which first the solar-array segment was biased and then the
disk-on-Kapton experiment. Unfortunately, during this phase the Delta was ma-
neuvering to release a second auxiliary payload, Oscar, and then reorienting
to meet the PIX requirement that the experiment plate be shadowed.

Phase 2 of the experiment started at 19:20 UT and continued for about
4 hours, after which time the telemetry system on the Delta no longer func-
tioned. The cycle consisted of 1-minute positive voltage steps of 120, 256,
526, and 1004 volts, first with the disk-on-Kapton experiment biased and then
with the solar-array experiment biased. The power supply was then held at
0 volt for 1 minute for an internal calibration of all three current sensors.
Then, 1-minute negative voltage steps of -120, -256, -526, -734, and -1004 volts
were applied first to the solar-array experiment and then to the disk-on-Kapton
experiment. Calibration was then repeated. The total cycle time was 20 min-
utes, and 12 cycles were known to have been completed. The data from PIX were
obtained only when the Delta was in range of either Air Force or NASA ground
stations. Approximately half of the data were retrieved by these stations.
The telemetry coverage for the PIX is shown in figure 3.

FLIGHT RESULTS

All the flight data under equilibrium current collection conditions, ob-
tained for phase 2, are given in figure 4 as plasma coupling current as a func-
tion of applied voltage. The telemetry frame rate for all the PIX data was one
frame per second. Sixty data points were received at each voltage level during
phase 2. One-hundred-and-twenty data points were received before each experi-
mentwas switched during phase I. The transient data showed that the coupling
current reached equilibrium within a few seconds after the voltage was applied.
The 1-minute hold time at each voltage level was demonstrated to be more than
adequate. The latitudes of PIX for the particular cycle are also given in fig-
ure 4. Data for cycles 4 and 9 and part of cycle 10 were obtained when PIX was
in the Earth's shadow.
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For phase I operation, where the voltage was held constant at 526 volts,
the equilibrium currents were the following:

Disk-on-Kapton current, A ....... .................. ... 3x10 4 to 7X10 4

Solar-array-segment current, A ....... ............... 6x10 -4 to 9X10 -4

Plain-disk current, A ........... ......................... <1x10-7

The very low current for the plain-disk experiment was probably caused by the
plain disk being partially in the satellite wake and the spacecraft ground be-
coming negatively biased. This effect is explained in detail in the section
DISCUSSION.

Sun angle data obtained for the Delta indicated that the proper attitude
was achieved approximately 3 minutes into phase 2 of PIX operations. This at-
titude placed the electronic enclosure box, the plain-disk experiment, and part
of the back of the experiment plate in direct sunlight. Sun positions and ve-
locity vectors for phase 1 operations and cycles I and 2 of phase 2 operations
are shown in figure 5. Since the Delta's attitude control battery was depleted
42 minutes after PIX was activated, attitude and velocity data were received
only through part of cycle 2. However, from the temperature data, it is known
that the electronic enclosure box cover was 20 to 30 degrees F hotter than the
experiment plate during the sunlit portion of PIX's orbit. Since this temper-
ature trend continued throughout the operating life, PIX's attitude relative to
the Sun probably remained fixed beyond the 42 minutes.

DISCUSSION

Phase 2 results are discussed first, since understanding these data leads
to an explanation of phase I data. Phase 2 data are presented in figure 4 in
the order received: namely, disk on Kapton positively biased, solar-array seg-
ment positively biased, solar-array segment negatively biased, and disk on Kap-
ton negatively biased for each cycle (fig. 3). The phase 2 data for each ex-
periment are discussed separately.

Phase 2 Operations

Plain-disk experiment (positive bias). - A plain disk surrounded by space-
craft ground was chosen to serve as a control. This configuration was expected
to have a predictable current-voltage behavior. However, from figure 4, it is
evident that for positive bias the plain disk exhibited unanticipated behavior
at the 500- and 1000-volt levels. With the exception of cycle 11, where the
disk-on-Kapton current was low, the plain-disk current at the 500- and 1000-
volt levels either decreased drastically (cycles 6B, 10B, and 12A) or decreased
gradually (cycles 2, 7, 11, and 12B). The power supply had an output of at
least 3 milliamperes, so the decreases were probably not caused by power supply
limitations. The calibration modes in the electrometer always indicated that
the current sensors were working properly. Therefore, it was concluded that
the whole spacecraft became negatively charged and hindered electron collection.
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However, for most of the cycles the current measured at the 120- and 256-volt
levels was in the range expected. From these date the average plasma density
was estimated to be -2.0x104 electrons/cm3 (for the literature value of tem-
perature, 2000 K).

The electron current collected by the positively biased experimental sur-
faces had to be balanced by the ion current collected by the rest of the space-
craft's grounded surfaces. However, there was only limited exposed grounded
metal area on the Delta second stage and the PIX satellite packages (experiment
plate and enclosure box cover) to act as ion collectors. When positive volt-
ages of 500 and 1000 volts were applied to the experimental surfaces, the ex-
posed grounded structure was not large enough to collect sufficient ions to
balance the electron current and still remain at zero potential. So, the
spacecraft ground floated negatively with respect to the plasma. This retarded
the electron collection and enhanced the ion collection to balance the currents.
The plain disk, being relatively small with a large surrounding grounded sur-
face, experienced a larger reduction in electron current than either the solar-
array-segment or the disk-on-Kapton experiments.

To determine the decrease in the electron collection caused by a negative
voltage on the PIX experiment plate and electronic enclosure box cover, the
engineering model of these surfaces was placed in a ground simulation facility
at Lewis and tested with the structures negatively biased. The current to the
samples was measured for various negative potentials on the structure. The
plasma density used in this test was approximately 3x104 electrons/cm 3 . The
results are shown in figure 6. The ordinate is the ratio of the measured cur-
rent to the current with the structure at zero potential I/I0. This ratio is
presented as a function of structure negative bias voltage, with several posi-
tive bias voltages given on the samples.

Figure 6(a) can be used to estimate the negative floating voltage for the
grounded surfaces on PIX and the Delta second stage for those cycles that
showed a gradual decrease in electron current. It must be assumed first that
the flight current readings for 120 and 256 volts are correct. The slope
found at these two voltages is used to extrapolate the flight current data to
1000 volts. These extrapolated currents for 500 and 1000 volts are used for
10  at these two voltages and the actual flight data are used for I to form
the ratio I/I0  for use in figure 6(a) to determine the spacecraft potential.
The results are given in table I and show that PIX floated as high as 30 volts
negative.

Data from cycle 7 were chosen for comparison with ground-simulation data.
For this cycle, data points were obtained for each voltage level and, except
for the gradual decrease in electron current, no other unusual behavior was
noticed. Figure 7(a) shows the flight-adjusted coupling current and the pre-
flight ground simulation current for the plain disk as a function of applied
voltage. The agreement is within a factor of 2, which is within the uncertain-
ty of the measurement. The ground simulation data were obtained with a plasma
density of approximately 2X104 electrons/cm3 .
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This explanation for the gradual decrease in electron current for positive
bias leads to a possible explanation for the steep drop in the plain-disk elec-
tron current shown for cycles 6B, 10B, and 12A in figure 4. Ground tests on
the engineering model of the PIX electronic enclosure were performed with the
plasma density decreased by an order of magnitude to -2xlO4 electrons/cm3 .
The enclosure was negatively biased while the disk was positively biased to
1000 volts. The electron current to the disk was measured. The results are
shown in figure 8. A negative bias of -15 volts completely cut off the elec-
tron current for all positive voltages to 1000 volts. Similar tests performed
at this plasma density on the experiment-plate engineering model showed that
the current to the disk-on-Kapton and the solar-array-segment experiments was
lower than in the higher density test but was not completely cut off. The re-
suits given in references 19 and 20 indicated that, in the wake of a satellite,
the plasma density may be a factor of 10 or more lower than at other positions
around the satellite. Therefore, if during these cycles the plain disk were
in the spacecraft wake, the combination of lower plasma density and a ground
potential of greater than -15 volts would cause the current to the disk to be
cut off.

Plain-disk experiment (negative bias). - The results for negative bias on
the plain disk shown in figure 4 were as anticipated. The current varied ap-
proximately linearly in each cycle. Figure 9(a) shows the cycle 6 data and the
preflight ground simulation results. The preflight ground test results are for
a plasma density of approximately 2X1O4 electrons/cm3 . Cycle 6 data were
chosen for comparison because they are typical of the flight results. In addi-
tion, they were taken at a time nearest to cycle 7, which was used in the
positive-bias comparison. The same ground simulation with the same plasma
number density could thus be used in the comparisons.

Disk-on-Kapton experiment (positive bias). - The purpose of the disk-on-
Kapton experiment was to determine whether or not the Kapton insulator enhanced
electron collection in space, as has been observed in ground tests. With the
exception of cycle 10, the flight data showed a large increase in current at
the 500- and 1000-volt levels. In cycles 1 and 2, the 1000-volt current was
high enough to trip the power supply. From these results, it appears that Kap- j
ton does enhance the electron collection at the higher voltage levels tested.

The positive-bias flight test data for the disk-on-Kapton experiment also
showed the influence due to the negative bias on the spacecraft at the 500-
and 1000-volt levels. The currents were lower than expected for these voltage
levels. However, the currents can be adjusted for this by using table I and
figure 6(c). This was done for cycle 7 (fig. 7(b)). Figure 7(b) also shows
the preflight ground simulation results for a plasma density of 2X104 elec-
trons/cm3 . The adjusted electron current and the preflight results are within
a factor of 2 throughout the voltage range. This is within the uncertainty of
the measurements.

For all cycles except 10 and 12, the plain-disk current was larger than
the disk-on-Kapton current at the 100- and 256-volt levels (fig. 4). This
difference was also observed in all the ground simulations. This implies that
Kapton suppresses electron collection at low voltages but enhances it at high
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voltages. In ground simulations the transition from suppression to enhance-
ment always occurred below 1000 volts (ref. 18). The flight results agree with
this transition.

The dip in electron current observed in cycles 10 and 11 is not understood
at this time. Current sensor checks made before and after these tests indi-
cated that sensors were performing properly.

Disk-on-Kapton experiment (negative bias). - It was expected that the Kap-
ton insulator would have no effect on the ion current at negative voltages.
The flight currents obtained from this surface were close to those of the plain
disk. The ground simulation ion current, as a function of negative voltage, is
from one-half to one-third less than the flight data for cycle 6. Nitrogen
ions were used as the plasma ions in the ground simulation. In flight the ions
are 0+ , He+, and Ht. Because of this and the uncertainty of the flight experi-
mentst positions relative to the ram or wake, the agreement is believed to be
within the uncertainty of the experimental measurements.

Solar-array-segment experiment (positive bias). - The solar-array-segment
experiment was designed to determine the effect of a distribution of insulators
and electrodes on the current. Ground simulations have shown (ref. 18) that a
solar array should collect charges from a plasma in a manner similar to the
disk-on-Kapton experiment. Figure 4 substantiates these ground simulation re-
sults. In each positive-bias cycle, the electron current was low (suppressed)
at the 120- and 256-volt levels and increased sharply (enhanced) at the higher
voltages. However, in cycle 6 the current decreased at the 1000-volt level
from its value at the 526-volt level. Also, some other cycles had lower-than-
expected currents at 1000 volts. Both phenomena are believed to be caused by
the spacecraft's ground surfaces becoming negatively biased, as explained
earlier.

Figure 7(c) shows the solar-array current for cycle 7 after it was ad-
justed for the negative bias on the spacecraft ground. Also shown are the
preflight ground simulation results for the solar array with a plasma density
of -2x104 electrons/cm3 . The largest discrepancy occurs at the two lowest
voltages, where the difference is between a factor of 4 and 7. However, no
conclusion can be drawn from this since the amount of suppression at the low
voltages can be random. This was observed in ground data and can also be seen
in the flight data given in figure 4.

Solar-array experiment (negative bias). - In all the negatively biased
flight cycles, the solar array arced at the -1000-volt setting and tripped off
the power supply. This agrees with preflight ground simulation results in
that arcs always tripped the power supply at the -1000-volt level. In some
ground simulations, arcing was preceded by a larger-than-normal increase in
ion current at the previous lower voltage. This phenomenon was observed in
the flight data from cycle 6, where a much larger-than-expected rise in cur-
rent occurred at -500 volts.

Cycle 6 ion current data and the preflight data taken at plasma density
of _2X104 electrons/cm3 are shown in figure 9(c). The preflight data are one-
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third lower than the flight data at the lower voltages. This is within the ex-
pected range for these voltage levels. In this particular preflight simulation,
arcing occurred at the -734-volt level and tripped off the power supply.

Phase 1 Discussion

The data obtained for phase I operation can now be understood more clear-
ly. The plain-disk current was very low, and the disk-on-Kapton and solar-
array-segment currents were normal. During phase I operations, the experiment
plate with the disk-on-Kapton and solar-array-segment experiments faced in the
velocity ram direction of the spacecraft, and the electronic enclosure box with
the plain-disk experiment was partially in the wake. The low current collected
by the plain disk was probably caused by the whole spacecraft's grounded sur-
faces floating negatively, in addition to the low-density environment around
the plain disk.

CONCUJS IONS

The plasma interaction experiment (FIX) operated successfully for 4 hours
in a nearly circular polar orbit at an altitude of about 920 kilometers. All
the electronic packages on board operated for at least 4 hours. The following
conclusions concerning spacecraft-plasma interactions were drawn from the re-
sults of the PIX experiments:

1. An insulator surrounding a positively biased electrode suppresses elec-
tron collection at voltages below 256 volts and enhances electron collection at
voltages above 500 volts.

2. Ion currents to negatively biased electrodes are not influenced by sur-
rounding insulation. The ion current depends only on the size of the elec-
trodes, the bias voltage, the spacecraft velocity, and the plasma properties.

3. A solar-array segment, when biased to negative voltages greater than
-700 volts, discharges and generates currents greater than 3 milliamperes. The
normal current level expected at these voltages is less than 10 microamperes.

4. A large metal surface biased at a relative low negative voltage
(<-30 V) surrounding a relatively high positively biased (500 to 1000 V) small
electrode can drastically reduce the electron current to the electrode and may
at times completely cut off the electron current. The reduction is proportion-
al to the ratio of electrode area to surrounding metal surface area.

These phenomena occurred in space and agree with those observed in ground
simulation facilities. For these sample sizes, voltage ranges, and plasma
densities, the ground-simulation-facility results reproduce the flight data.
Therefore, detailed studies can be conducted in ground simulation facilities
and '-he results used confidently in space applications. However, caution must
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be exercised in extending ground data to larger samples and higher voltages
than reported herein. As samples get larger or voltages get higher, the
sheaths may extend to the walls in ground facilities, limiting current collec-
tion and influencing test results. Large samples and higher bias-voltage ef-
fects still must be determined in space to develop scaling laws for very large
systems.

The PIX operated over a much shorter time than the multiyear lifetime of
proposed satellites. Long-term effects may change the surface characteristic
and reduce the arcing for negatively biased arrays or change the suppression-
enhancement characteristic for positively biased arrays and electrodes. These
effects should be evaluated in ground facilities and verified by space flight
tests.
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TABLE I. - CALCULATED SPACECRAFT

FLOATING POTENTIALS

Cycle Experiments PIX power Spacecraft
activea supply voltage, potential,

V V

2 D/K and PD 500 -7.5
SA and PD 500 -13

SA and PD 1000 -22

7 D/K and PD 500 -13
D/K and PD 1000 -23
SA and PD 500 -15

SA and PD 1000 -30

11 SA and PD 500 -9
SA and PD 1000 -26

12 SA and PD 500 -9

SA and PD 1000 -23

aD/K denotes disk-on-Kapton experiment; PD

denotes plain-disk experiment; SA d~notes

solar-array-segment experiment.
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SHEATH EFFECTS OBSERVED ON A 10 METER HIGH VOLTAGE PANEL

IN SIMULATED LOW EARTH ORBIT PLASMA

James E. McCoy and Andrei Konradi

NASA Johnson Space Center

SUMMARY

A large (lm x 1in) flat surface of conductive material was biased to high
voltage (±3000 V) to simulate the behavior of a large solar array in low earth
orbit. The model "array" was operated in a plasma environment of 103-106 /cm3,
with sufficient free space around it for the resulting plasma sheaths to de-
velop unimpeded for 5-10 meters into the surrounding plasma. Measurements of
the resulting sheath thickness as a function of plasma density and applied
voltage were obtained. The observed thickness varied approximately as V3 /4

and N112 as would be expected for space charge limited flow between large
plane surfaces with a constant source current density. This effect appears to
limit total current leakage from the test "array" until sheath dimensions ex-
ceed about 1 meter.

Total leakage current was also measured with the "array" biased 0-h kV
from end to end, floating in equilibrium with the ambient plasma. The positive
end of the array was observed to float at +93 V, with a total current leakage
through the plasma slightly under 2 mA/m2 , or 0.7 watt/ft2 .

INTRODUCTION

Hardware and techniques have recently been developed to adapt the large
thermal vacuum test chamber at NASA Johnson Space Center to simulate the
ionospheric plasma environment characteristic of low earth orbit (LEO).
Plasma density, flow direction and magnetic field strength were controllable
for test purposes within the 20 meter diameter chamber. Plasma simulation
and testing on this large scale is expected to become of increasing value as
requirements to operate large systems at high voltage increase. We report
here the initial results obtained in tests of a 1 meter by 10 meters simulated
high voltage solar array, typical of development tests which will require
this type of facility.

The test model used consists of roughly one square meter of actual solar
cells at the top of the panel, with the remaining 9 meters simulated by a
panel of conductive plastic material of sufficient internal resistance to be
biased at several kilovolts end-to-end. The resulting panel surface poten-
tial varies in an approximately linear manner, the same as would be obtained
from a string of very many solar cells connected in the simplest series
configuration to give the same high voltage output end-to-end. Copper strips
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are placed across the panel every five feet to provide good electrical contact
for the bias voltage power supplies, or for monitoring of intermediate surface
voltage and current values. Three moveable probes are located in front of the
panel as it hangs in the test chamber, used to locate the outer boundary of the
high voltage "sheaths" expected to form around the panel and control its equi-
librium interaction with the surrounding plasma.

LEO PLASMA CURRENT LEAKAGE

Although space is a very good vacuum, it is not absolute and the very thin
residual "gases" present are capable of causing significant electrical inter-
actions under certain conditions. This has been noticed particularly by vari-
ous satellites in geosynchronous orbit (GEO), which are observed to charge up
to surface potentials of several kilovolts under solar eclipse/geomagnetic
"storm" conditions. Theambient plasma is too thin to effectively bleed off
the charge acquired from "storm" radiation absorbed by the satellites (refs.
1 and 2).

In LEO, the denser plasma easily overcomes any radiation charge build-
up. This should eliminate the problems with unwanted charge build-ups
observed in GEO but results in a new problem for large high power solar
arrays due to the exact inverse of the GEO problem. In LEO, even necessary
high voltages may be bled off by the dense ambient plasma.

Feasibility studies of the SPS concept have identified this as a poten-
tial problem in attempting to operate the large solar arrays at high voltages.
Reference 3 in particular observed that current leakage to space (per unit
area) would increase at high voltage by orders of magnitude over that expe-
rienced by present day low voltage systems, based on extensive laboratory
test and analysis using small (1-20 cm) surfaces at high voltages. Assuming
certain scaling laws observed to be approximately true on the 1-20 cm scale
(in effect, assuming some constant sheath conductance per unit area between
the array and the plasma), they calculated the power losses due to these
parasitic currents shown in figure 1. The projected loss for the 15 kw array
would exceed solar cell output for voltages exceeding +2 kV or -16 kV for a
typical Shuttle orbit near the F2 ionospheric maximum.

An alternative theoretical analysis indicates that quite different scaling
relations should be expected to apply. By this analysis, current collection by
large solar arrays should be controlled by (plasma) charge separation fields,
which should form space charge limited "sheaths" that confine the current col-
lecting voltages on the arrays within these sheaths. Distinct outer boundaries
to the current collecting sheaths surrounding a high voltage surface should be
expected to reach a limiting size of the order of 1 meter/kilovolt, nearly in-
dependent of the size of the high voltage surface. When the assumptions in
this analysis are valid, total current collected depends only on the outer sur-
face area of sheath available to intercept ambient (drift) currents existing in
the undisturbed plasma outside the objects' sheath. The resulting current mul-
tiplication factor at any voltage would be the ratio of outer sheath surface
area to object surface areas, as illustrated by figure 2. (In effect, sheath
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"conductance" per unit area becomes a function of both voltage and size, rather
than a constant as in some oversimplified lumped circuit element analogies.)
For illustration, we assume plasma parameters such that the resulting sheath
thickness grows from 10 cm at ±100 V to 10 meters at ±10 kV. This sheath be-
comes very large compared to the 10 cm sphere, the total current collected in-
creasing by nearly 104 (a very high "conductance" sheath). The same plasma
sheath, around a 1 km "SPS" array, has a very small ratio of sheath to object
size. The total current collected should increase by only a few pe-cent, a
very low sheath "conductance" which becomes even lower with increased voltage.

Operating in the large chamber at JSC, it is possible to observe the
growth of these sheaths around a lxlO meter object with 0.1-10 kV applied.

This permits a test of their behavior in "free space" without the inevitable
wall effects due to sheath growth in smaller chambers.

TEST SET-UP FOR SHEATH STUDIES

The performance of an actual test on the scale of 10 meters available in
the large chamber was needed to determine which (if either) scaling relations
are applicable to large solar arrays. Figure 3 shows the layout of the basic
configuration used for most tests. The high voltage panel ("SPS") was hung

near the center of the chamber, with 7-10 meters oT free space available in
all directions for unobstructed development of the high voltage plasma
sheaths. The expected extent of sheath development is illustrated for an
SPS model in series connected configuration, with high voltage at top and
bottom at ground, for two typical sheath thicknesses of 1 meter and 3 meters.
The three probes labeled 22-24 can be moved horizontally from outside the
sheath to locate the outer sheath boundary (point of first observed change
in -lasma conditions). The sheath and associated effects could also be
observed visually using low light TV cameras at the first and third floor

levels. Large solenoid coils around the chamber provided control of the
vertical magnetic field from 0-1.5 gauss. Plasma density and electron tem-
perature measurements were obtained from 15 half inch spherical Langmuir

probes located at various points around the chamber.

Plasma Generation

Plasma generation was available from three devices. A 30 cm Kaufman
thruster borrowed from LeRC was used with argon gas to generate flowing
plasma densities of l04 to 106 (cm-3 ), directed either horizontally (across
the magnetic field) from the third level into the face of the panel or
vertically from the center of the floor (along the magnetic field) along the

length of the panel. Plasma electron temperatures varied from 0.5-2 ev,

being typically 1 ev. Ion temperatures and flow velocity were not directly

measured, flow energy is estimated to have varied from 15-25 ev. Predomi-
nately (monatomic) Ar+ ions were observed in the chamber, however significant
numbers of N2+, H20

+ , and HO+ and some other species were observed. These
may constitute a significant (thermal?) population of charge exchange or

other secondary ions in the plasma, created from the residual gas.
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A 6 inch Kaufman thruster device was fabricated at JSC to provide a lower
density source, using H2 , N2, and He as well as argon as the input gas. Plasma

densities of 102 to 104 (cm-3 ) were observed, either flowing vertically from
center floor or diffused from a horizontal flow across the one meter level
above the floor. Electron temperature was typically slightly less than 1 eV.

The third source of plasma employed was a large 5 meter loop antenna,
driven at 1-5 MHz to excite an irregular plasma from the residual neutral cham-
ber gases. Properties of this plasma were quite different, densities estimated
at 103-105 (cm-3 ) with electron temperature about 2-4 eV (based on 1/2" spheri-
cal Langmuir probe currents).

SPS Model for Test

Figure 4 shows the physical dimensions of the "SPS" model as tested, as
well as location and identification of available test connections to the

copper contact strips. The actual dimensions differed slightly from the
nominal lxlO meter design for ease of fabrication. For test purposes, the
array was operated in each of three electrical configurations shown. The
"series connected (floating)" configuration is the actual case which would be
obtained in space; with currents closing from the positive voltage (V+) end
of the array, through the conducting plasma, to the negative portion of the
array. The chamber walls and lab ground are not involved in the circuit at
all (except in determining the roughly uniform "plasma potertial" outside the
sheaths). The relative potential of the entire test array and floating power
supply will adjust itself relative to the plasma potential so that the total
electron current collected along the positive voltage portion of the array
exactly equals the total ion current collected along the negative portion.
The location of the point along the array which is at "plasma ground" poten-
tial will be inversely proportional to the relative ambient current densities
of ions and electrons in the free plasma. For typical conditions, this will
result in the array "floating" 97-99% negative with respect to plasma
potential.

Since operation in the fully floating configuration was physically
awkward, most "series connected" testing was done with the power supply and

one end of the array grounded to the chamber walls. This was equivalent to

testing the negative or positive portions of a floating array individually,
with the return current path closing through the chamber wall (via the plasma).
In either case, all voltage drops from array surface potential to plasma
potential are contained within the sheath. The outer surface of the sheath
is at plasma potential. The plasma is effectively a perfectly conducting
medium with constant internal potential (within a factor of kT).

A third configuration frequently employed, for maximum simplicity of
operation and data analysis, was "constant RV" with the entire surface of the
array at the same potential and all current returning through the plasma to
the chamber walls.
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This test ubject was designed to produce the extieme values of current
leakage possible from a large solar array or other high voltage surface.
To eliminate confusion from attempting a correct treatment of the effect of
relative surface area and configuration of conductive and insulated portions
of the surface of an array, the entire front surface (except the actual solar
cell section) was made conductive. The "SPS" model should therefore generate
the large scale (outer) sheath configuration believed to be of primary impor-
tance in determining its equilibrium interaction with an ambient plasma. The
currents collected will not be reduced by any insulation factor.

Test Objectives

In order to test the validity of the proposed approach to scaling calcu-
lations of plasma current leakage based on relative sheath to object size,
three primary topics were identified for investigation:

(1) Existence, sharpness and size of the expected outer sheath boundary

(2) Equilibrium floating potential of a large panel (array) with fixed
voltage differential along its length

(3) Magnitude of leakage currents induced to/from large surfaces as a
function of voltage (actually, sheath size)

A secondary topic was the possible existence and behavior of transient current
pulses (electrical breakdown or "arcs" to the plasma) reported to occur in
smaller scale experiments (refs. 3 and 4).

EXPERIMENTAL RESULTS

The fundamental result achieved was direct observation of the existence,
form and dimensions of the plasma sheaths formed about the high voltage
panel. Leakage currents between the panel and the surrounding plasma, through
the observed sheaths, were recorded for comparison with the tht -retically
expected current transmission capacities of the sheaths. The existence and
form of the sheaths was observed by two independent means, both of which
detect the location and "sharpness" of the outer boundary with minimum
disturbance of its configuration by physical intrusion of hardware.

Sheath Observation by LLTV

Figure 5 shows a typical LLTV image of the series connected sheath, with
surface potential on the SPS increasing from 0 at the bottom end to 1 KV near
the top (actually about the center of the panel) of the picture. The sheath
is the dark area, seen to increase approximately linearly in thickness from
0 at 0 volts to perhaps 1-2 meters at 1 KV. The outer boundary is generally
rather sharply defined in the LLTV image, as expected from the space charge
limited thickness hypothesis.
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The sheath is frequently visible on LLTV, as a dark region in front of
the panel which expands or contracts as a function of voltage on the panel
face, when viewed under sufficiently high plasma density conditions against
a dark background. We believe the sheath region is dark because with
electrons (or ions) excluded, little of the ambient plasma recombination/
de-excitation leading to photon emission occurs. In any case, acceleration
of ions (or electrons) in the sheath leads to a reduction in number density
by more than an order of magnitude. The sheath becomes unobservable when
the outer boundary becomes large and curved, not parallel to the line of
sight, or viewed against a bright background (such as the aluminized mylar
toward the top of fig. 5).

Sheath Detection by Probes

The second method involved watching for an alteration in the observed
I vs. V current collection characteristic of a moveable Langmuir probe as it
approaches and enters the outer boundary of the sheath from the external
plasma (or equivalently, as the sheath expands to envelope the probe as the
surface voltage of the panel is increased). After some experimentation, a
satisfactory operational technique was developed for recording this infor-
mation. A series of log I vs. voltage curves were recorded for electron
collection from the zero current voltage up to +100 volts, as surface voltage
on the panel was increased in steps from zero until the probe (at a particular
location) was deep inside the panel's sheath. A representative set of curves
is shown in fig. 6. The undisturbed plasma at this point was about 106 /cc with
an electron temperature (Te) slightly less than 1 eV as deduced from the ini-
tial curve recorded with 0 V on the panel. The linear increase in current from
(thermal current density) about lxl0- 5 amp at +6 V to 9.5xi0 amp at +100 V is
consistent with normal orbit limited electron collection in such a plasma.

As voltage is applied to the panel, no effect is seen at the probe
location (still outside the growing panel sheath) until the applied voltage
(Vop) reaches -800V, when a slight displacement of the curve at higher probe
voltages is first detectable. Increasing Vop by 100v to -900v causes a
clearly noticeable reduction in probe current at +100v bias, more than
resulted from the previous 800 volt change. There is as yet no change below
the linear portion of the curve. We interpret this as indicating the probe
is still (just) outside the panel's sheath boundary but near enough for the
probe's expanding effective radius of eleutron collection (about 5 inches for
a ; inch probe at +lO0v) to partially contact the region of sheath disturbed
ambient electron currents. ( A partial "shadowing" of the probe location
by the growing plasma absorbing sheath may also be expected, particularly
when the panel is located between the probe and the plasma source.) The
sheath has probably just passed the location of the probe when -1,O00v is
applied to the panel, the current zero-crossing voltage has shifted. As the
panel voltage is increased further, moving the location of the sheath edge

further beyond the probe location, even greater positive voltages are re-
quired on the probe before its electron attracting field is strong enough to
reach beyond the electron depleted sheath boundary to an undisturbed plasma
region containing electrons which it can then draw to its surface. When
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panel voltage has increased to -1500v, the probe is so deep inside the panel's
ion sheath that +100v on the probe is able to draw less than 0.1% of the
electron current available outside the sheath (+70v is required to attract
any measurable electrons at all into this electron depleted region).

A set of curves similar in appearance is obtained for positive (electron
collecting) sheaths. The causes are probably quite different, since there
are electrons present to be collected inside this sheath. The probe current
zero crossing voltage will still shift to progressively higher positive
voltages as the sheath is entered, since the probe will repel electrons until
it exceeds the local (positive) potential inside the sheath. The current
collected will then be reduced due to the combined lower density and higher
energy of the available electrons, and their essentially unidirectional
veloc:ity distribution.

Sheath Size

The test results show a distinct limitation to sheath growth, as a func-
tion of voltage and (ambient plasma) current density. Within prestnt li gts of
experimental error, the observed sheath thicknesses follow the V3/ * n 2 de-
pendence expected for space charge limited current flow with d (sheath thick-
ness) the free variable. Figure 7 shows the applied voltage required at vari-
ous plasma densities for the outer sheath surface to reach a Langmuir probe
(#23 in fig. 3) located 1 meter from the surface of the array. The reference
line is the theoretical thickness calculated for a one-dimensional planar
geometry case (Appendix A) with an effective electron or ion "temperature" of
1 eV. Notice the electron sheath (shown as () is about the same size as
the ion collection sheaths (shown as 0).

Sheath Current Leakage vs. Voltage

The resultant leakage current multiplication factor was observed to
be much lower than observed on previous small scale tests. Figure 8 shows
current leakage from "SPS" to the plasma observed from -10 to -3000
volts in four ambient plasma densities ranging from 104 to 106 per cubic
centimeter. The observed rate of increase in leakage current with voltage
is seen to increase as the resulting sheaths become large compared to panel
width, as expected from fiure 2. The regions of sheath size shown are
rough estimates, based on the calculation in figure 20 normalized to an
actual measurement for each data set.

Floating Potential

Recalling the requirement, that total current flowing to an electrically
isolated panel in series connected configuration be zero for voltage equi-
librium with the ambient plasma to exist, we expect values of V- and V+
relative to the plasma shift so that (fig. 9)

Joi A = -joe A+()
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where Joi and Joe are the ambient ion and electron current densities across

the outer sheath boundaries, and A- and A+ are the effective surface areas
of the negative and positive potential sheaths. We neglect current contri-
butions from other sources such as secondaries, and the area (± a few kT)
immediately around the V = 0 (w.r.t. Vp) point along the panel. For
reasonably thin sheaths, relative to panel dimensions, we can use the
approximation

A- = L() = V-

A+ L(+) V+ (2)

where L('_), L(+) are the lengths of the panel sections floating negative,
positive with respect to plasma potential. AV/AL along the panel is assumed
constant. (We note the assumption Joi, Joe constant along the sheaths does
not require Ji, je constant along the panel. Current density along the
panel should vary due to focusing effects, without affecting our assumptions
so long as the relative geometric shapes of A- and A+ are the same. This
should be true for thermal velocity distributions and approximately valid
for ion streaming velocities oriented perpendicular to the face of the panel.
For other orientations, more careful account must be made for both the
effective intercept cross-section (A-) and effective reduction in Joi due to
screening by both the panel and the positive (A+) sheath.)

In the case of thermal electron currents and directional streaming of

ions with mean energy

E. = 1 mV2 (3)

We can use (1-D calculation)V- _

Je= neqeVe -nee e (4)

Ji niqiVi = ni 42Ei mi (5)

Therefore

me e2E

1 (6)
For an Ar+ plasma, = 270. Typical values for electron temperature

of lev and ion beam energy of 20 ev give

Je 
(7)

ji
Using (7) in (1) and (2)
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-Je = A- L =43 V-
J A+ L+ V+ (8)

We therefore expect the panel to float about 2.3% positive, the remainder
(97.7% of L, Vop) negative under these conditions. Representative current
density and voltage values expected along an array are shown in fig. 10(a).

Comparison with Observation
(Ion flow perpendicular to panel face)

This was verified experimentally. The 30 cm thruster was operated from
the third level catwalk, aimed horizontal directly into the face of the panel.
Average plasma density along the panel is estimated to exceed 106/cm3 , based
on supply current of 21 mA at Vo0 = 2000 V compared to 15 mA (at -2000 V) ob-
served earlier when probe measurements indicated densities decreasing from
1.1xl06 at the bottom to 2.2x10 5 at the top of the panel. The experiment con-
figuration was series connected (floating) as shown in fig. 4. Using a pair of
electrically isolated power supplies in series, voltages (Vo ) from 500 to
5500 V were applied to the panel while monitoring the voltagg at lead #8 using
a DVM referenced to lab ground. (The plasma potential was +5 - 10 V referenced
to lab ground.) As long as the panel floated more than 90% negative wrt ground,
the DVM at #8 would read -0.167 Vop less V+. Readings of V+ directly at lead
#10 were also recorded at Vo = -3 kV and -4 kV. Values observed are plotted
in fig. 11. V+/Vop at 3-4 B is 2.6-2.3%, very nearly the expected value.

The behavior of V at lead #8 indicates this is probably true at lower
values of Vop, but the high leakage currents cause a loading down of the resis-
tive panel such that AV/AL is no longer constant and a large fraction of the
panel surface between #8 and #10 is in effect left out of the circuit at V
500 - 1000 V. At these voltages the entire current supplied at the ends ofthe
panel is carried part of the length entirely through the plasma, leaving zero
current in the panel. Therefore AV/AL = 0 in this section, which floats
slightly negative so as to repel (97%) of the electrons and draw no net current
from the plasma. This is illustrated in fig. 10(b).

Power Loss

Total current supplied to the panel was recorded for each voltage. This
allowed calculation of current leakage estimates and the resultant power lost
to the plasma as a function of Vop. The calculated current leakage values
were obtained under assumptions which may be in error t25%. These errors
cancel in further calculation of total power lost. Results are shown in
Table 1. The 56 watts estimated lost in driving plasma currents at Vop

4,OOOV is significant, but well under the roughly 1 kilowatt available from
a solar array this size.

This result is plotted in fig. 12 for comparison with the earlier
estimates in ref. 3 using constant leakage per unit area and reducing the
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total by 90% to allow for relative insulator/conductor areas. The "error
bars" show our estimated uncertainty in plasma conditions and possible
reduction in total currents due to 90% insulation (our measurements were for
a 100% conductive surface).

Arcing to Plasma

Arcing, defined here as any sharp and transient increase in current
drain to the plasma was frequently observed. Most measurements of current
loss vs. voltage were limited to voltages less than 2-3 KV because arc

induced transients became so severe that useful meter readings could not be
made. Although some arcs were "small" and did not af'fect the rest of the
panel except for small pulses in the current. meter, many resulted in complete
discharge of the panel voltage, which requpired 1-5 seconds to rebuild. This
was visible both in the collapse of the sheaths to much smaller dimensions
(observed both in the LLTV dark image, see fig. 13, and with any Langmuir
probe located inside the sheath, see fig. 14) and as a voltage drop indicated
by the power supply meter. The time and electrical power required to restore
the sheath could be appreciable (estimate typically 2 seconds and 50 joules).
This collapse of the entire sheath was observed, by LLTV, to occur even in

cases where the discharge was observed to come from an insulator surface lo-
cated 1-2 meters out in the sheath and having no contact with the conductive
panel surface other than the plasma (fig. 15).

The arcs were observed to occur at positive voltages over +h0OV, and

negative voltages over -l,OOOV. There appears to be no particular dependence
between plasma density and minimum voltage for the onset of arcing. At any
given density, arcing would occur at -1KV on some days and then not occur at
voltages up to -3 KV the next day. The appearance of the arcs, as observed

by LLTV, varied greatly. However, arcs occurring at negative voltage tended
to appear as point discharges, even when occurring from an extensive flat sur-
face. Positive voltage arcs more often would involve most or all of a large
surface in a sudden (less than 1/30 sec) bright discharge.

A very interesting finding is that every arc observed by the LLTV system

to date occurred from an insulator surface. We have not yet observed a single
instance of a visible arc occurring from the conductive surface area of the

panel. It would appear that the arcs are the result of a local charge build-
up due to sheath currents impinging on a nonconductor in their path in a
process similar to that occurring with satellites in GEO during substorms.
Most of the resulting current drain from the panel biasing power supplies
must be due to large scale currents within the collapsing (space charge)

sheath, not directly due to the small area of visible flash region currents.

Surface Glow: Ion Focusing

A very noticeable effect occurs at negative panel voltages, where a
distinct surface glow pattern is observed by LLTV to form along the face of
the panel (see fig. 16). This pattern has a shape suggestive of a flow along
the panel and was originally thought to be due to secondary electrons cascading
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along the surface voltage gradient. This was ruled out when the voltage gradi-
ents were found not necessary for formation of the pattern. The pattern is ob-
served to become brighter and narrower as panel voltage increases (fig. 17).
We now believe it is due to focusing of the incoming ions by the plasma sheath,
which acts as a large cylindrical lens in front of the panel. As the size and
curvature of the sheath potential surfaces increase with voltage, the degree of
focusing also increases as illustrated in fig. 18. This focusing effect is
present at both ends of the panel when operated in constant high voltage con-
figuration (see figs. 16 and 17) but vanishes at the grounded end (fig. 19) for
a series connected panel. This is probably due to the sheath size there flat-
tening out to zero.

CONCLUSIONS

We conclude that estimates based on calculations of space charge limited
sheath dimensions provide a promising working model for calculating design
estimates of high voltage plasma current leakage from large solar arrays and
similar objects. It would appear necessary that all such estimates be
verified by a carefully developed sequence of plasma-vacuum tests progressing
from small lab chambers to full scale flight tests, due to large differences
in applicable scaling relations which are observed to result from subtle
differences in assumed conditions. Large scale tests of the sort described
here, together with adequate math models to provide continuity between
different design or test details, will be an important element in any develop-
ment test sequence for systems involving large surfaces or high voltages.

The present results are preliminary, based on exploratory measurements
intended to determine the feasibility of this type of investigation and order
of magnitude of the experimental quantities to be measured. Detailed
verification and extension of these results is the first objective of our
next series of tests. Development of math models to include the space charge
effects is needed. Detailed cross-checking of the predictions of such models
with actual measurements within the 1-5 meter sheaths during tests in the

large chamber should be very useful to aid further development of both models
and tests.

The present results indicate that equilibrium high voltage leakage
currents to the plasma should be much less than some earlier predictions had
indicated, particularly for very large solar arrays. The power loss, and
other effects, due to the observed arcing phenomena threatens to be much more
significant unless adequate means are developed to understand and control it.
More detailed and complete study of the large scale high voltage sheaths
around a solar array appears basic to an adequate treatment of both problems.
While the dense plasma present in LEO will bleed off any natural charge build-
up from passive surfaces, the plasma sheath formed around any high voltage
surface envelopes all surrounding structure in an environment very similar
to that at GEO during intense storm conditions. Within the sheath, strong
flows of the collected species of' charge are accelerated to kilovolt energies
while most charge of the opposite sign is excluded from the sheath area and
cannot act to bleed off areas of surface charge build-up and prevent
eventual arcing.
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APPENDIX A

CALCULATION OF SHEATH THICKNESS

The size of the sheaths is expected to vary in such a manner that space
charge limited flow conditions prevail. The calculation is somewhat differ-
ent from the usual case considered, in that the current density available
across the virtual "electrode" formed by the outer sheath surface is
considered as fixed (by the ambient thermal motion or orbital velocity
current flow across that boundary) while the separation of the two "electrode"
surfaces (the outer sheath boundary and the panel face) is freely variable.
For example, we calculate the expected sheath thickness, d, for the case of
planar geometry by equating the random thermal current of the attracted
particle species (electron or ion)

o = I/hNq 8 (i)

or for directed (l-D) flow

- Noq (la)

to the Langmuir-Child Law expression for planar diode space charge limited
current

S(2)

Therefore, defining kT = E (expressed in electron volts) and k* to incorporate
the appropriate velocity distribution function in a general expression for

jo = k* N q

We obtain

d = 5.89x10
3  J.I 3/4

N0 E~kNo0 (3)

Where k* 1.0 for ID flow and = .63 for Maxwell distribution. In most
cases of interest, k* is probably close to 1. Even the thermal electrons
must have their velocity distribution altered significantly from Maxwellian
near the sheath boundary, as there exists flow in but none out.

Notice that the particle mass (m) does not appear in (3). For a given plasma
density (singly ionized), the electron sheath will be the same size as the
opposite polarity ion sheath if their temperatures are the same. The current

326

I1L-



densities across the sheath outer boundaries will be higher for electrons in
the ratio

Joe = T em i

Joi TiMe (4)

For the case of streaming flow velocities greater than mean thermal velocity
(usually the case for ions in low earth orbit) it is necessary to use a
carefully selected equivalent temperature, or the direct expression

Joi = Nq v> cose ()

where <v> is the average velocity (i.e., orbital velocity or velocity of
thruster beam energy) and 6 is the angle between flow vector and sheath
normal.

The resulting relation between plasma density and voltage required to
cause a given sheath thickness d is plotted in fig. 20 for several values of
d. The calculation should be reasonably good for d << 1 meter. For d = 1
meter and d >> 1 meter, similar expressions can be obtained for cylindrical
and spherical geometry respectively, using

4Eo -V3/2
cylindrical Joe = -9- ra2(9 ym ra~(6)

spherical 4E 
3 /2

Jos =  9 m 22 (7)

where a2 and a2 are quantities tabulated by Langmuir (refs. 5 and 6). For
thick sheaths we use an approximation from ref. 3:

/2 (ro 11
2 1.16(8

where r = outer radius of sheath, a = probe radius. Therefore (3) becomes

(aV) 3/7
(d + a) = ro 

= 137 2/7E1/7 (9)
No E

The result for d = 3m (with a = m, E = lev) is also plotted on fig.
20 for comparison with the planar calculation at 10 ft. The actual, roughly
cylindrical geometry, value should lie somewhere between these extremes.
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Fig. 3 -High Voltage "array" test lay-out in Chamber A
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Fig. 4 - Simulated high voltage array electrical configurations (SPL-1; 1977).
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SHEATH THICKNESS: d I METER

0

0

as 0

0

d- = ASSUMETlEVI

o 180 Itu a .050
PANEL VOLTAGE

Fig. 7 -Applied voltage required for outer sheath surface to reach Langmuir
probe located 1 meter from surface of array.
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Fig. 8 -Current leakage from SPS to plasma.
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I--LEAKCAGE CURRENT/UNIT AREA 2k
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INO0 EXPOSED CONDUCTORS ON BACK SIDE OP ARRAY)

Fig. 9 - Preliminary model of expected space charge limited sheath
development around a 10 Mw solar array in LEO. Voltage,
with respect to plasma potential, along the array must
shift so as to balance ion current against electrons.
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Fig. 10 -Effect of internal loading of series connected (floating)
high voltage array due to plasma leakage currents.
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Fig. 15a - Arc from mylar tape holding teflon insulated rod to plastic brace,
located (arrow) 1-2m in front of "SPS" (@-3000V), inside ion sheath.
Edge-on view shows simultaneous collapse of sheath, with no bright glow.

Fig.15b - Arc from teflon insulated/mylar wrapped wire, at point 5m along the
wire, Im behind "SPS" panel (edge-on,@+3000V); inside thick electron
sheath. Note greatly brighter emisson from surrounding region.

337



Fig. 16 -Surface Glow (Ion Focusing) on face of "SPS t panel. Constant 1.0 MV

Fig. 17 -Surface Glow (Ion Focuising) on face (if "SPS" panel. Constant 2.5kV.
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Fig.18 - Ion focusing onto panel by cylindrical lens effect of space charge
sheath. Model is qualitative, to illustrate relative behavior to be
expected as sheath expands (with increased V, or reduced density).

Fig. 19 - Surface Glow (Ion Focusing) at grounded end of panel (sheath

thickness flattens to zero as voltage decreases to ground).
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PLASMA SHEATH EFFECTS AND VOLTAGE DISTRIBUTIONS

OF LARGE HIGH-POWER SATELLITE SOLAR ARRAYS

Lee W. Parker
Lee W. Parker, Inc.

SUMMARY

Knowledge of the floating voltage configuration of a large array in orbit
is needed in order to estimate various plasma-interaction effects. The equil-
ibrium configuration of array voltages relative to space depends on the sheath
structure. The latter dependence for an exposed array is examined in the light
of two finite-sheath effects neglected in previous analyses which have assumed
the planar approximation based on the thin-sheath limit. One effect is that
electron currents may be seriously underestimated. The other is that a poten-
tial barrier for electrons can occur, restricting electron currents. The prob-
lem is not a priori a thin-sheath problem either with respect to plasma
electrons or with respect to wake effects. A conducting surface is assumed on
the basis of a conductivity argument. Finite-sheath effects are investigated
using the thick-sheath limit. The results of assuming thin-sheath and thick-
sheath limits on the floating configuration of a linearly connected array are
studied, under conditions appropriate to both LEO and GEO. Sheath thickness
and parasitic power leakage are estimated analytically. Numerically computed
fields using a 3-D code are displayed in the thick-sheath limit. Potential
barriers appear in the cases of (a) a linearly connected array in GEO, and
(b) an "overlapping sheath" interaction problem involving adjacent strips with
large voltage jumps between them.

INTRODUCTION

High-power solar arrays for satellite power systems are presently being
planned with dimensions of kilometers and with tens of kilovolts distributed
over their surfaces. This paper is concerned with the "floating potential" of
an array with exposed interconnects, that is, with the equilibrium voltage con-
figuration under the conditions of (a) overall current balance, and (b) fixed
relative voltages along the array between the positive and negative terminals.
Knowledge of the floating configuration is needed for estimating a number of
plasma-interaction effects, in both low earth orbit (LEO) and geosynchronous
orbit (GEO). Among these are (a) parasitic power leakage due to ambient
plasma currents, (b) power leakage due to ion thruster currents, (c) sputtering
and erosion, (d) secondary-electron emission and cascade, (e) velocity wake
effects, and (f) differential charging effects. The array will float so that a
part of it is positive and the remainder is negative.
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Two effects have been neglected in previous analyses. One of these is
that the positive section may be smaller than the sheath thickness and may
require a more general treatment than the usual planar approximation based on
the thin-sheath limit. One result is that more electron current may be col-
lected than may be expected on the basis of a thin sheath; this shortens the
positive section further. Another effect is the possible appearance of a poten-
tial barrier for electrons (the array has a net negative charge); this tends to
reduce electron currents, thus lengthening the positive section. The question
can be decided only by self-consistent calculations including space charge.
The problem is not really a thin-sheath problem a priori; the size of the posi-
tive section depends on the solution. Also, the thin-sheath concept must break
down when the array is looking into its own wake.

In this paper we assume two limits, those of a thin sheath and a thick
sheath, and calculate analytically the associated floating voltage configura-
tions of a linear 40-kv array with exposed interconnects. The thick-sheath
limit is useful for investigating finite-sheath effects. The true self-
consistent solution may lie between the two limits. Potential barrier effects
on the array voltages are neglected. The floating configurations can be deter-
mined more precisely including the effects of potential barriers by self-
consistent numerical solutions (cf. ref. 1). Magnetic fields are neglected,
as well as voltage drops due to internal currents.

Formulas and results obtained by analytical approximations for sheath
thickness, and for parasitic power leakage in the two limits, are presented for
both LEO and GEO. The structure of the sheath is computed using a 3-D computer
code called PANEL (ref. 2), where a flat rectangular plate with a nonuniform
distribution of surface voltage serves as a model for a flat high-voltage solar
array. In the thick-sheath limit the field solution shows that the potential
barrier for electrons has a height of 2 kv for a 40-kv array. Thus, for elec-
trons with temperatures below 2 kev, the electron current would be reduced, and
the positive section of the array would increase in size. The appearance of a
potential barrier is typical in differential charging situations (refs. 1 and
3). PANEL was used also to compute fields for various finite sheath thick-
nesses, using a linearized space-charge model. The results (not shown here)
indicate that the barrier decreases in height and approaches the edge of the
array as the Debye length decreases.

Also examined is the "overlapping-sheath" question of current collection
by adjacent areas with a large potential jump between them. (This could apply
for example to exposed terminals on the back of an array.) The model consists
of alternating strips at 0 and 1000 volts (assumed relative to space). The
plasma currents are calculated using the "inside-out" method (ref. 4) of
reversed trajectories. The high-voltage areas tend, through creation of poten-
tial barriers, to prevent the plasma particles repelled by them from reaching
their low-voltage neighbor areas, thus controlling the current-voltage charac-
teristics of the low-voltage areas.
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CONDUCTIVITY OF INSULATED SURFACES

We assume here that the array has a conducting surface (interconnects
exposed to the plasma). It should be noted that the alternative option of
insulating the entire array from the plasma by a thin perfectly non-conducting
dielectric coating is unfeasible, for the following reason. An insulated array
would tend to float with all surface points equilibrated to a potential of the
order of the plasma temperature (or of the photoelectron energy where photo-
emission is dominant). With large voltages (tens of kilovolts) existing on the
array surfaces under the dielectric layer, a thin dielectric layer of the order
of 20 microns thick can be subjected to electric fields E of the order of
l07 v/cm, well above nominal breakdown thresholds. Hence breakdown is likely
for very good insulators.

A small but finite dielectric conductivity, on the other hand, can change
the problem essentially from that of an insulating surface to that of a con-
ducting surface. To estimate the "cross-over" critical conductivity, we com-
pare the rates of (a) surface discharging by conduction through the dielectric,
and of (b) surface charging by plasma currents. The ratio of these rates may
be approximated by aE/j, where u, E, and j denote the conductivity, internal
electric field, and charging current density, respectively. This ratio should
be greater than unity to _oid breakdown and effectively to provide conducting
surfaces. Assuming j= 10lu amp/cm as typical of Y0 conditions, and E=lO
v/cm as a maximum allowed value, we obtain oE/j=101 o(mho/cm). Hence
0=l0 -16 mho/cm is the critical conductivity. A change in a of a half of an
order of magnitude in one direction or the other will make the layer essen-
tially conducting or essentially nonconducting. Typical spacecraft insulating
materials such as quartz, Kapton and Teflon have lower conductivities than this
in the dark but higher conductivities than this in sunlight (ref. 5). Hence
at least in sunlight a quartz- or Teflon-coated front surface may be considered
conducting, and the analysis of this paper applies. (However, the Kapton back-
ing presently contemplated for the back surfaces of the array is a good insu-
lator in the dark and runs the hazard of incurring breakdowns.)

In the next section we treat sheath thickness, for the case where the
sheath is due to the ambient plasma. Photoemitted or secondary-electron con-
tributions should also be considered since in GEO they may contribute signifi-
cantly not only to fluxes but also to space charge and reduced sheath thickness.
Strong photoemission contributions are treated, for example, by Parker (ref. 6)
and by Soop and by Schrdder (see ref. 7). Their effects are also discussed
briefly in the present paper.

SHEATH THICKNESS

We assume the solar array is a flat rectangular plate, with the voltage
distribution on its surface varying linearly along one of the dimensions, and
constant along the other dimension. The surface is assumed to be conducting
(that is, the solar-cell interconnects are assumed to be exposed to the plasma).
Figure 1 shows schematically how the sheath might look in a side view of the
panel, with the floating voltages distributed from left to right. The negative
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section on the left is relatively long, of length Ll. The positive section on
the right is relatively short, of length L2. The dividing point between the
two sections is at space potential. The sheaths of the two sections are shown
to thicken as the voltage relative to space increases in magnitude. The nega-
tive section (LI) collects mostly ion current, while the positive section (L2 )
collects mostly electron current. The linear voltage variation on the surface
is shown in the lower part of the figure, going from negative V1 at the most
negative end to positive V2 at the most positive end.

Sheath structures generally require self-consistent numerical solutions
(e.g., refs. 1, 8-9). When the sheath is thin relative to the body dimensions,
however, and consists essentially only of attracted ambient-plasma particles,
an analytical approximation is available based on a "space-charge-limited"
diode model, the so-called Child (or Child-Langmuir) model (ref. 10). This is
a unipolar sheath model wherein the attracted charged particles are accelerated
in a beam toward the collecting plate, starting with zero energy. If e and m
denote the particle charge and mass, V denotes the voltage, j denotes the cur-
rent density, and S denotes the diode plate separation, then the sheath thick-
ness may be estimated from the Child law relating V, j, and S. In c.g.s. units,
this is

S = (2e/m) 1 4 V3 /4 /(9j)i/ 2  (1)

where the sheath thickness is identified with the plate separation. In sheath
thickness estimations, it is customary to replace j by the random thermal cur-
rent density at the sheath edge, jo=en (kT/27m)2, where n is the particle
density and T is the temperature of t~e Maxwellian distrigution. If there is
also a significant drift velocity vo (as in the case of 0+ ions in LEO) toward
the panel, Jo may be repla~ed by [exp(-M 2) + v/T M(l + erf M)] Jo, where M is
the ion Mach number M=(mvol/2kT)-. Thus, in practical units, taking into
account both thermal and drift (ion "ram") currents at the sheath edge, the
planar equation (1) may be written

V/S(meters) 9.33 V3/4(volts) (2)
n 0 (cm_3).T(ev).(RAM)(

where

RAM = exp (-M2) + v h (1 + erfM) t3)

Equation 2 cannot be used when S is comparable with or exceeds the body
dimensions. Corrections for non-planarity are frequently made using the analo-
gous spherical diode model, where the particles move radially inward from an
outer emitter to an inner spherical collector, with no angular momentum. Lang-
muir arid Blodgett (ref. II) give a table of factors which may be used in con-
junction with equation (2). It should be noted that equation (2) assumes that
the panel is looking into the ram direction and is invalid if the panel looks
into the wake.
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FLOATING CONFIGURATION BASED ON THIN SHEATH LIMIT

In the thin sheath limit, referring to figure 1 and assuming only
attracted-particle contributions to the array currents (because of the large
voltages compared with particle energies), and because in this limit the cur-
rents are constant over the two sections of the array, we may express the
current balance condition as

RAM.jioL l = jeo -L2  (4)

where L} and L2 denote, respectively, the lengths of the negative (left) and
positive (right) sections; Jin and JeQ are the random thermal currents of ions
and electrons, respectively; and RAM is defined by equation (3). If the array
looks into the ram direction, RAM can be greater than unity for the ions. For
equal ion and electron temperatures, equation (4) yields the ratio of the posi-
tive to negative lengths:

L2= e (RAM) (5)L m

where me and mi denote the electron and ion masses, respectively. Results for
LEO and GEO are shown in table 1, under the columns labelled "THIN LEO" and
"THIN GEO".

For LEO we assume oxygen ions with Mach number M=6.4 (ref. 12), which
yields RAM=22.7. From equation (5) we obtain L2/Ll=O.132, so that L2=ll/ m
is the length of the positive section of a one-kilometer array. Thus the posi-
tive end of a 40-kv array floats at V2=+4700v. The negative section length and
end voltage are Ll=883m and V1 =-35300v, respectively. These values of L2, Ll,
V2, and V1 are shown in the "THIN LEO" column of table 1. From equation (2),
assuming in addition no=f05 cm-3 and T=O.l ev, we obtain sheath thicknesses
S2=30m and S1=28m, as shown in table 1. Thus, the sheath is thin compared with
the lengths of both the positive and negative sections. Hence the thin-sheath
limit seems valid for LEO. However, it should be noted that we are neglecting
edge effects and velocity-flow wake effects.

For GEO we assume hydrogen ions, with Mach number zero(i.e.,RAM=l). From
equation (5), we obtain L2/Ll=U.0233. Hence the positive-section length and
end-voltage of a one-kilometer 40-kv array are L2=23m and V2=+900v, respectively.
The length and end-voltage of the negative section are Ll=977m and V =-391OOv,
reepectively. These lengths and voltages are shown in the "Thin SheAth" diagram
of figure 2. From equation (2), assuming no l cm-3 and T=lOOOOev, we obtain
sheath thicknesses S2=150m, that is, large compared with L ; and S1=2600m, 4
that is, large compared with Ll. (See table 1.) Hence, the sheaths of both

sections are thick rather than thin (even when the Langmuir-Blodgett spherical
correction factors are applied), and the thin-sheath assumption in the absence
and secondary and photoelectron contributions is invalid for GEO. However,
since photoelectron and secondary-electron contributions are important in GEO,
the sheath will be of finite thickness and its structure must be calculated
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self-consistently (refs. 6 and 7). Nevertheless, the thick-sheath limit is use-

ful for investigating finite-sheath effects.

FLOATING CONFIGURATION IN GEO BASED ON THICK SHEATH LIMIT

In the thick-sheath (Laplacian) limit, a sphere collects attracted-
particle current density in accord with the well-known orbit-limited ideal
Langmuir formula

= Il + " Jo (6)

where jo is the random thermal current density and c is equal to unity. Other
3-dimensional shapes as well can collect orbit-limited current in accord with
equation (6) with c=l (ref. 13). A flat circular surface (such as the end of
a cylinder) has a linear current-voltage characteristic describable by equation
(6) with c less than unity (ref. 14). We assume here that all points of the
(conducting) solar-array surface collect current density proportional to joV.
This implies that (a) the voltage everywhere is large such that eV/kT is large
compared with unity, (b) only attracted particles contribute, (c) the coeffi-
cient c is the same for all points, and (d) there are no potential barriers.
Then, since V=V(x) and j=j(x) are linear functions of position x on the panel
surface, we must integrate j(x) over x to compute the total currents collected
by the negative and positive sections. The current balance condition can be
shown to yield

(mjl
L mii (RAM) (7)

for the ratio of lengths, independent of the coefficient c. That is, the thick-
sheath ratio L2/Ll is the square root of the corresponding thin-sheath ratio in
equation (5).

Results for GEO are shown in the last column of table 1, labelled "THICK
GEO." The positive and negative sections of a one-kilometer array are L2=132m
and Ll=868m, respectively. The corresponding positive and negative end-
voltages are V2=+5300v and V =-34700v, respectively. These lengths and volt-
ages are shown in the "THICK SHEATH" diagram of figure 2.

POWER LEAKAGE IN LEO AND GEO

We may estimate power losses to the plasma in a similar manner to that in
which we estimated floating voltages above. For the thin-sheath limit, the
current density is constant over the (positive or negative) section, and the
voltage varies linearly. Hence the power density varies linearly. The average
power loss per unit area may be shown to be given by
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(thin V2 (8)

sheath) [j T

where V is the total voltage differential V2-Vl across the array and the other
symbols have been defined above. In practical units, assuming Maxwellian dis-
tributions with equal ion and electron temperatures, the current density may be
written

jo (amp/m) = 2.68 x 10-8 n(cm- 3) /T(ev)/m(me) (9)

where m(me) denotes the particle mass in units of the electron mass; and P
becomes

wattV 1.34 x 1-8 Vvolts).n0 (cm-3 ).-T v(10)F(thin IL r.m/RM

sheath)7m [I + i/e / RAM]

Again, the array is assumed to be looking into the ram direction in collecting
ion currents, where RAM can be greater than unity. In LEO, assuming m./me=

29380, with values of no , [, and RAM given in table 1, and taking V=406 00 volts,
we obtain P=2 watt/m 2. This value does not seem to represent a serious loss
effect. It should be remembered, however, that the sheath could thicken, and
power leakage could increase, near the edges and when the array looks into its
own wake. In addition, we chose no=10 5 cm- 3; this value could go as high as
106 cm- 3 in the F-region.

For the thick-sheath limit, the current density may be assumed to vary
linearly, as was done for the floating configuration. Hence the power density
varies quadratically. The average power loss per unit area may be shown to be
given by

(cV/3)-(eV/kT) (11)P (thick IJe + 2 (1

sheath) [

where c is the coefficient in equation (6). In practical units, P becomes

P(thick attl- 0.89 x lO-8 cV (volts).n 0 (cm )/ T1ev) (12)
sheath) [1+ (m /me) / RAMI2]2

In GEO, assuming c=l, mi/me=18 36 , the values of no, T, and RAM given in table 1,
and taking V=40000 volts, we obtain2 P20.0025 watt/m2, which seems inconsequen-
tial compared with about 100 watt/m nominally deliverable by the solar cells.
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On the other hand, if the array is in LEO and is looking into its own wake,
so tha the sheath is thick rather than thin, equation (12) yields P'-22700
watt/m, indicating that catastrophic power losses can occur. (We took c=l and
RAM=l but used the other parameter values listed in the "THIN LEO" column of
table 1.)

In both equations (10) and (12), the dominant contribution is made by the
smaller of the two currents, ion and electron. In both LEO and GEO the second
term in the denominator is dominant because the ion current is the smaller of
the two.

It should be noted that if we had included photoelectron contributions:

(a). the photoelectrons (of energy of the order of volts) would readily
escape from the negative section but not from the positive section,
and

(b) the photoelectron current density escaping from the negative sec-
tion can be comparable in magnitude with the plasma electron
current density on the positive section.

Hence the array would float with roughly equal positive and negative sections.
Moreover, the sheath would be thin rather than thick because of the photoelec-
trons. Thus, the average power toss in GEO (without wake effects) would be of
the order of jeoV, or 0.1 watt/n

STRUCTURE OF SHEATH IN GEO.

NUMERICAL RESULTS OF COMPUTER CODE "PANEL"

In this Fection we adopt the linear surface voltage distribution given
analytically by the thick-sheath limit (the "THICK SHEATH" diagram in figure Z),
and describe the computational approach used and results obtained by the com-
puter code PANEL. Thus, the panel appears as in figure 3, namely, a rectangu-
lar plate, with the voltage varying linearly in one direction and constant in
the other direction. The voltage runs from -34.7 kv at the negative end to
+5.3 kv at the positive end. The O-kv position is at 0.868 of the panel length.
(Since the field is a solution of Laplace's equation, all lengths scale with
the length of the panel.)

While the panel voltage configuration has been chosen on the basis of an
approximate analysis, the calculation of the field structure requires a numeri-
cal technique. A grid method is used, whereby the panel is discretized by a
collection of grid points, at which the panel potentials are defined.

Figure 4 shows the panel defined as a section of the x-y plane, in 3-
dimensional cartesian x-y-z space. Grid intervals Ax and Ay are chosen, as
shown in the figure, but not necessarily uniform. Particle fluxes are calcu-
lated at points on the panel by computationally following reversed trajectories
to determine their origin. (This "inside-out" method was developed in 1964

348

LI



(ref. 4) for efficient calculations in steady-state 3-dimensional sheath prob-
lems.) Figure 4 shows schematically two possible types of trajectory contribu-
tions to a point on the panel; in one example the trajectory comes from the
ambient plasma at infinity, while in the other the trajectory comes from
another point on the panel (e.g., a secondary or photoelectron). The type of
trajectory which actually occurs, for a given incident velocity vector, can
only be determined by numerical computation.

In a self-consistent calculation of the floating configuration, the
fluxes of ions and electrons at the array points are computed, and the array
potentials are adjusted (maintaining fixed relative potential differences)
until there is global current balance. Power leakage is calculated by inte-
grating the product of local net current density times local potential, over
the surface of the array.

The field in the space around the panel is represented by a large grid in
3-dimensional x-y-z space. This is used to calculate forces along trajectories
by interpolation between grid points where the potentials are defined. In
figure 5 the coarsest possible grid is shown, with only 32 grid points. The
panel is represented by the shaded area between 4 grid points. In an actual
problem orders of magnitude more points are used, both in space and on the
panel. For example, the panel in figure 4 is represented by a 6x surface grid
of 42 points. This should be embedded in a spatial grid of 1000 to 10000 grid
points. About 3000 points were used to obtain the results discussed below.

-he numerical field solution is obtained by replacing Laplace's equation
by a set of linear algebraic equations, one for each unknown potential. One of
the boundary conditions is that the potentials satisfy the prescribed panel
surface-potential distribution (shown in figure 3 resulting from the thick-
sheath analysis). The other condition is that the potential vanish at infinity.
On the outer boundaries of the grid the potential satisfies a suitable rela-
tionship between its value and its gradient. The above procedures are outlined
in reference Z and are implemented, for example, in reference 8 for a space-
craft model in r-z geometry.

Linear Voitage Distribution

The field solution for a linearly distributed array in a hydrogen plasma
is displayed in figure 6 in the form of a set of equipotential contours. The
equipotentials are divided into negative and positive sets, with the zero-
potential (space potential) contour tightly enclosing the positive end. Thus.
all the positive contours are contained within this small contour. The nega-
tive contours have expanded to the right, "engulfing" the positive set and
creating a negative saddle point (potential barrier for electrons) at about an
array length L to the right of the right end of the array. This happens
because the array has a net negative charge. The barrier, of height 2.1 kv,
will exclude all electrons with energies less than this. ihence, if the elec-
tron temperature is less than 2 kev, the position of zero potential is moved
to the left, toward the midpoint (at L/2). If the zero potential were at the
midpoint, the negative and positive contours would be symmetric and the poten-
tial distribution would be dipole-like.
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The solution displayed in figure 6 is the Laplace field. Solutions were
also obtained for finite sheath thickness by the assumption of linearized space
charge. This leads to a Helmholtz equation with a Debye-length-like parameter
(refs. 15-16), whose solutions are 3-D generalizations of the well-known Debye
potential. This parameter was assigned successively smaller values, represent-
ing a set of solutions (not shown) for diminishing Debye length. With decreas-
ing Debye length, the above potential barrier becomes smaller and is "pulled
in" toward the edge of the array.

Alternating Voltages - Overlapping Sheaths

Figure 7 illustrates a panel with alternating strips of zero volts and one
kilovolt. This case can represent exposed connections on the backside of an
array. It was run to determine the effects of "overlapping sheaths," that is,
the effect on the current-voltage characteristic at a point on the surface due
to a different potential maintained nearby. For one-volt ions and electrons,
it was found that on the zero-volt surfaces the low-energy ions (repelled par-
ticles) were excluded (by potential barriers) because of the adjacent +l-kv
surfaces, while the electron fluxes (attracted particles) had essentially their
random-thermal values. On the 1-kv surfaces, the ion and electron fluxes were
essentially the same as for a flat surface entirely at 1 kv, namely, slightly
less than half of the ideal Langmuir value due to excluded trajectories for the
electrons and the Boltzmann factor for the ions.

Figure 8 displays the equipotential contours for the field solution cor-
responding to the alternating strips of figure 7, including three saddle points
associated with each of the three zero-volt strips. The figure is symmetric
about the panel center and is drawn only for the right half. The sizes of the
potential barriers, 320 volts and 93 volts, show why the repelled low-energy
particles were excluded from the zero-volt strips. If there were infinitely
many strips, periodically spaced, the saddle points would also be periodically
spaced and centered above the zero-potential strips.

The alternating voltage configuration on the array was assumed. Its float-
ing configuration was not determined. This would require a numerical self-
consistent solution because of the potential barriers.

This paper has benefited from the author's discussions with Janes G.
Laframboise.
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Table 1.

SHEATH THICKNESS, LENGTHS, AND VOLTAGES OF
POSITIVE AND NEGATIVE SECTIONS
OF A 40-kv ARRAY OF LENGTH I km

THIN THIN THICK
+LEO +GEO +GEO

(0 ions) (H ions) (H ions)

M = ion Mach number 6.4 0 0

RAM = ram current factor 23 I 1

L (m) = length of positive section 117 23 132

L1(m) = length of negative section 883 977 868

V2(v) = positive-end voltage +4700 +900 +5300

Vl(v) = negative-end voltage -35300 -39100 -34700

noCm-3) = ambient plasma density 105 1 1

T(ev) = ambient plasma temperature 0.1 10 10

S2(m) = sheath thickness at positive end 30 150 c

S (m) = sheath thickness at negative end 28 2600
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Figure 3. - Model for array sheath calculation - thick-
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Figure 4. - Computational model for array panel.
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Figure 6.-Equipoential contours (in kilovolts) for sheath of floating linear array.
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EFFECT OF PARASITIC PLASMA CURRENTS ON SOLAR-ARRAY POWER OUTPUT

Stanley Domitz and Joseph C. Kolecki
NASA Lewis Research Center

SUMMARY

Solar-array voltage-current curves are calculated by assuming the exis-
tence of parasitic loads that consist of local currents of charged particles
collected by the array. Three cases of interest are calculated to demonstrate
how the distribution and magnitude of parasitic currents affect output. Solar-
array performance degradation became significant when the total parasitic cur-
rent plus the load current exceeded the short-circuit current. Approximate
graphical methods were useful for many applications. Power loss, which was
calculated by summing the product of parasitic current and the local potential,
underestimated the loss in maximum power.

INTRODUCTION

Higher powered spacecraft now being considered for future mission require-
ments may have solar arrays of much higher voltage output than those used in
the past. The interaction of high-voltage solar arrays with a charged-particle
environment has been the subject of previous study (refs. 1 to 5). The problem
considered here is the effect of a parasitic load on the voltage-current output
curve of the solar array itself. The parasitic load, which is actually the ex-
ternal collection of ambient charged particles falling on exposed conductors of
the solar array, degrades useful array power output.

The collection of charged particles can arise from (1) interaction between
the solar array and the ambient space plasma and (2) interaction between the

*array and the low-energy plasma emitted from an onboard ion source, such as an
electric thruster.

The overall effect on the solar array of parasitic-current collection is
to change the effective operating point of the array: For a given required
load current the solar array will operate at a lower voltage and therefore at
a lower power output. The current at each individual solar cell is the sum of
the normal load current, which passes equally through all the cells in a series
string, and the parasitic current, which varies at each cell. The parasitic
current is, in general, a function of the cell potential, its position on the
solar array, and the ambient plasma conditions. If the individual solar-cell
current is known, its voltage can be calculated from the characteristic voltage-
current curve for the type of solar cell used. The total array voltage is then
the sum of the individual cell voltages. A computer program was written to
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perform these summations and thus to obtain the full solar-array voltage-
current curve for various conditions of interest.

Solar-array voltage-current curves were calculated for three cases of in-
terest, representing three mechanisms for parasitic current collection:

(1) Parasitic current collected uniformly over the entire array - This
one-dimensional model simplifies calculations since the parasitic current at
each cell is a constant and is not affected by cell potential or array geome-
try. The physical situation is that the plasma sheath is small in relation to
the solar-array dimensions.

(2) Parasitic current collected as a function of distance from a fixed
source - The local source in this case is the charge-exchange plasma emanating
from an electric thruster.

(3) Parasitic current as a function of potential - This corresponds to the
infinite-sheath case, where the collected current depends on the local solar-
cell potential.

The problem of parasitic currents arises normally only for high-voltage
arrays such as those being considered for high-power operation. At the usual
array voltages (<100 V), the parasitic current is'a small fraction of the array
current and is therefore not observed. For voltages in the multikilovolt range,
there is a compound voltage effect - the addition of parasitic current in long
series strings and the enhancement of collected current through growth of the
collecting plasma sheath.

SYMBOLS

A cell area

I current out of string (load current)

IL  load current, A

Ip,N total parasitic flux falling on array, mA

i current in solar cell, mA

imp current at maximum power, mA

O 0 reverse saturation current, mA

i p parasitic flux, mA/cm2

ipc parasitic flux, ipA, mA/cell

isc short-circuit current, 125 mA (assumed)
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N number of cells in series

V voltage across string (load voltage), V

AV local potential of solar cell measured from zero reference

v voltage across solar cell, V

Vmp voltage at maximum power, V

Voc open-circuit voltage (0.6 V assumed for one solar cell)

GENERAL CALCULATIONAL SCHEME

Computer Calculations

For the general case of N solar cells in a series connection
(Cl, C2, . . ., Cmj, . ., CN), the load current IL passes through each cell

and through the load (fig. l(a)). The parasitic currents ipc,l , ipc,2,

ipc,3'- " pc,n are collected externally by each cell, as shown in fig-
ure 1. The currents are additive so that each cell carries the sum of the

parasitic currents collected from the cells ahead of it in the string. The

total current is

m

1 L + Z ipc,

at the mth cell and increases until, at some point in the string, short-

circuit current is reached. At short-circuit current, the solar-cell voltage

drops to zero. The remainder of the cells in the string are also at zero volt-

age, and they act merely as a current-carrying wire.

The potential of each solar cell is computed as a function of the current
passing through it. For the calculations in this paper a simple diode type of
expression is used (ref. 6):

v = K[ln(isc + io - i) - In io] (i)

where v is the solar-cell potential, i is the solar-cell current (load cur-
rent plus parasitic current), io  is reverse saturation current, and K is a
constant. The basic cell used in this paper is 2 centimeters by 2 centimeters

with an open-circuit voltage of 0.6 volt and a short-circuit current of 0.125
ampere. In practical applications, equation (1) can be replaced by a more com-
plicated expression involving temperature, or the solar-cell curve can be rep-
resented by a set of experimental data points. In either case the individual
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solar-cell potential is obtained as a function of current and the total array
potential is found by summing individual cell voltages:

N

V = Z VK

K=1

Therefore, to solve for the solar-array voltage-current curve, the re-
quired inputs are

(1) The array geometry - the number of solar cells in series and in
parallel

(2) The distribution of parasitic current collected on the array

(3) The voltage-current curve for an individual cell

The most difficult problem is to obtain the distribution of parasitic current.
In this paper only simple forms for parasitic current are used, but in general
the current collected will be a complicated function of cell potential and
array geometry. The method of computer calculation is described in more detail
in appendix A of this paper.

Analytical Method

It is possible to obtain an analytical solution under certain conditions.
For a solar-cell voltage-current curve of the form given in equation (1) and
for an equal distribution of parasitic current over the array, the total array
potential can be given as follows (ref. 2)

V-- (A In A - B In B- Nipc) - KN In ioipc

where

A=i +i -i
sc 0

B =isc + io - i Nipc

Graphical Method

In addition to computer calculations, a graphical method can be used for
most cases of interest. The graphical solution is based on a simple approxima-
tion. It is assumed that each solar cell is either "on" at some average con-
stant voltage or "off" at zero voltage in a saturated state. This requires a
rectangular solar-cell voltage-current curve. Determining the total array
voltage becomes a matter of determining how many cells are generating power
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and choosing an average potential for each cell. The graphical method is dis-
cussed further in appendix B of this paper.

Floating Array

The calculations for positively and negatively biased arrays are identical
except that, in general, the current collection density will be smaller for the
negatively biased arrays that are collecting ions. The floating condition for
a solar array requires that the zero potential point of the array adjust itself
so that no net current is collected; that is, the collection of ions equals the
collection of electrons. To meet the floating requirement, an iterative proce-
dure can be used to equalize the total flux of positive and negative currents.
In balancing currents, the spacecraft conducting-area must be taken into ac-
count. For the floating array, those cells driven to short-circuit saturation
are grouped together on the solar array at the location of floating potential,
rather than at the endpoint of the array (fig. l(b)).

RESULTS

Case I - Parasitic Currents Distributed Uniformly over Solar Array

The voltage-current curves of the array calculated with the methods de-
scribed in the preceding section are shown in figure 2. Parasitic flux per
cell i is a parameter. The upper set of curves in figure 2 represents a
series string of 40 000 cells; the lower set of curves represents a string of
4000 cells. Increasing the number of solar cells in series with constant para-
sitic flux decreases the fraction of useful array power because of the additive
effect of the collected current. An interesting feature of figure 2 is that
the right sides of the curves are almost straight lines emanating from I = isc-

The reason for this is that in this region, cells are going into short-circuit
condition at a linear rate as load current is increased, dropping the overall
potential monotonically.

In figure 2 the parametric curves are given as parasitic current per cell.
Relating this number to local plasma conditions would require consideration of
a large number of variables such as the possibility of front and back current
collection, local plasma density, ram and wake effects, magnetic field effects,
and the influence of many factors on the location of the array floating point.
Such factors have not been considercd here; instead, the emphasis is on finding
the reaction of the solar array to a given parasitic current distribution.

In figure 2 the solar-array current given represents that for a single
string of cells. For a number of strings in parallel the current is propor-
tional to the number of parallel strings. For example, with 100 parallel cells
the labeled currents in figure 3 are multiplied by 100, but the array poten-
tials remain the same.
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The ratio of maximum power with parasitic current to maximum power without
parasiLic current is shown in figure 3 as a function of the number of cells in

series with constant flux as a parameter. Essentially, the maximum-power

points are replotted from data like those shown in figure 2. As expected, for
a given parasitic current, the maximum-power ratio decreases with increasing

string length. For a floating array, figure 3 represents the number of cells

in a series string that could be either positive (collecting electrons) or

negative (collecting ions). Figure 3 shows that for calculations where para-

sitic currents are collected in a thin sheath, the drop in maximum power is

small for a floating array (where the array is primarily negatively biased)

even in the ionosphere.

The voltage-current curve for a case 1 problem obtained by the graphical
method is shown in figure 4. On the original solar-array curve a current

Ip,N, the total parasitic flux falling on the array, is marked off on the ab-

scissa from I = isc toward the origin. A straight line is drawn from isc

to the point where the original curve crosses isc - Ip,N . The graphical

method is explained in more detail in appendix B of this paper.

Case 2 - Current Collection from Local Source

For the calculation of current collection from a local source, the source
of charged particles is the charge-exchange plasma from an electric thruster

exhaust beam (ref. 7). Charge-exchange ions drift away from the beam to create

a bridge that enables electrons to be collected by the solar array. A directly

coupled array is always at positive polarity. Since the volume of charged-

particle production is small and distances to the array are large, the current

flux to the array falls off rapidly with distance, as shown in figure 5.

The solar-array power is 25 kilowatts, divided into two eq, al wings of
12.5 kilowatts each, 4.2 meters wide and 26.8 meters long. The maximum poten-
tial is 1200 volts, directly coupled to the thruster. The solar cells are ar-

ranged so that the zero-voltage point is inboard and the maximum voltage is at
.-he outboard tip of the arrays. One wing consists of 200 000 cells, 2000 cells

in series and 100 cells in parallel.

For calculation purposes, the array is divided into 10 equal sections, as
shown in figure 5. The parasitic current to each segment is obtained from the

data of reference 7 and is considered to be constant in the section. Within

,ach section, the calculation of the total section voltage proceeds as in

* .m 1. The overall potential is obtained by adding voltages of the 10 sec-

I IT VS

Vlg.rC 6 shows the resulting voltage-current curve. The total collected

.rrent is approximately 25 percent of the solar-array current, and

I, in maximum-power point is about 18 percent, as shown in figure 6.

thc parasitic current is collected at low voltage for this
L,. tlfect on the array is minimized. The parasitic current

r. is sensitive to the model chosen for charge-exchange
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ion flow. At the present time, the details of such flow for a cluster of elec-
tric thrusters have not been fully investigated.

A graphical method can again be used. Within each solar-array segment,
the parasitic flux is considered to be constant. The voltage-current curve of
each segment is obtained graphically in the same manner as in case 1. The re-
sultant graph is made up of a series of straight-line segments that can be re-
placed with a smooth curve that approximates the true voltage-current curve.

Case 3 - Parasitic Current as Function of Potential

Foi the two previous cases the collected current was considered to be one-
dimensional, consisting of the ambient particle flux falling on the solar array.
There was no enhancement of current collected due to the effect of the local
potential. To study the effect of voltage-enhanced currents on the solar-array
power output, the collected currents were assumed to be of the form

ipc = ipA ( + V--1- (2)

Equation (2) represents the infinite-sheath case, or "orbit limited" current
collection for a spherical probe. Equation (2) is approximately correct for a
plain-disk probe. It is not strictly correct for large surfaces because of the
intersection of particle trajectories with the array; however, trajectory cal-
culations agree with exact calculations within a factor of 2.

The resultant voltage-current curves are shown in figure 7. Equation (2)
is used to represent parasitic current for an array of 4000 cells in series
with flux density as a parameter. In figure 7 the right slopes of the curves
are no longer straight lines because of the nonlinear parasitic current collec-
tion. For a given parasitic flux the loss in power is much greater than for
the thin-sheath case. This is due to the multiplying factor of solar-cell po-
tential in this case. Since parasitic current for this example is proportional
to voltage, the calculated power used in collecting current is proportional to
voltage squared.

The next logical example to consider would be the thick-sheath case,
where the effect of space charge has been taken into account. Such a computa-
tion has not been attempted because of the lack of an easily manipulated model
of current collection at individual cell locations. Approximate space-charge-
limited current models have been attempted (refs. 1, 6, and 8) by using geo-
metrical figures such as flat plates, spheres, and cylinders. But for our cal-
culations it is necessary to determine exactly where the current is collected.
Another complicating factor of the finite-sheath case is that the collection of
current does not increase linearly with solar-array area, and therefore the re-V
sults would not be in the form of a generalized voltage-current curve.

Approximate graphical methods apply to voltage-enhanced currents also.
Again the solar array is divided into segments, each with an average voltage.
If the current collection is known as a function of voltage, each section can
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be drawn in the same manner as in case 2. The total curve again is obtained by

connecting the line segments.

DISCUSSION OF RESULTS

If the parasitic current distribution on the solar array is known, whether
or not to proceed with voltage-current curve calculation depends on the partic-
ular problem. One reason for generating the voltage-current curve is to find
the operating point on the curve and to determine the power available more ac-
curately. For example, it is often necessary to know the power at the maximum-
power point. The power lost to parasitic currents is usually defined as the
summation over the array of the product of the parasitic currents and the po-
tential at which they are collected. Although this is a useful number, it can
be misleading. For example, in figure 4, the calculated power loss for the
thin-sheath case is equal to the cross-hatched area (areas under the curve rep-
resent power). Under parasitic load the new maximum power is at point B; the
original maximum power of the array is at point A. The power lost is therefore
the power at A minus the power at B, or about twice the calculated value.
The reason for this discrepancy can be seen by examining figure 4. Because of
the degradation in the shape of the voltage-current curve, maximum power -
which is represented by the rectangle of greatest area that can be drawn under
the curve - is reduced more than anticipated. There is a further reduction in
power if the array must be operated at a voltage or current other than the max-
imum power point. Thus the "true" power-loss determination depends on require-
ments for the overall system.

Another interesting example concerning power loss is the case 2 result,
interaction with an onboard electric thruster. Here, because of the distribu-
tion of charge-exchange ions, parasitic currents are largest at the inboard
sections of the solar array (fig. 5). If the total flux to the array is in-
creased, the power loss does not increase linearly. The reason for this is
that once the lower potential cells saturate and drop to zero voltage an in-
crease in parasitic flux has no effect on those particular cells. Although no
general rule has been found to relate the calculated power loss to the "actual
power loss," the calculated power loss is usually lower. If this value is un-
acceptable, there is little reason for going through the full array calcula-
tions.

Another measure of solar-array degradation due to parasitic currents is
the sum of the total currents involved, the load current plus the total para-
sitic current. If this sum is greater than the solar-array short-circuit cur-
rent, some degradation mus-t be present. The reason for this is that total cur-
rent, the sum of load current and total parasitic current, must pass through
the last cell in the string of cells shown in figure 1. When the total current
exceeds the short-circuit current of that cell, the cell is driven to zero po-
tential. Further increase in current drives more cells into saturation and the
array voltage begins to drop rapidly. An approximate way to arrive at the
total array potential is to consider the array of N cells to consist of m
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solar cells "on" at some average voltage vay and n cells "off" at zero
voltage. The array total voltage is

V = mVav

This method is used when

N

IL + Z ipc, Z isc

The graphical method discussed earlier is based on this idea and is discussed

further in appendix B of this paper.

The following simple examples illustrate the use of this idea:

(1) Positively biased array (electron flux, 10-6 A/cm 2, an ionospheric
condition; solar-cell short circuit, 0.30 A/cm2) - If IL is 27 milliamperes,
isc - IL = 3 milliamperes. Thus, 3 milliamperes is the margin that can be used
up before the last cell in a string saturates, a margin of 3000 cells in series.
If there were 4000 cells in series at these conditions, 1000 cells would be
saturated at zero potential and 3000 cells would be at vav. The total array
voltage would then be 3000 vav.

(2) Floating array with 10 000 cells in series - a good approximation is
to assume that the array is entirely negative. If the ion flux is 10-8 ampere
per cell, the load current is 27 milliamperes, and the margin is 3 milliamperes,
the total parasitic current is 0.1 milliampere, not enough to saturate any
cells. Therefore there is little effect on array potential.

For a floating array the assumption used in the preceding example, that
the voltage-current curve of the negative portion of the array can be used as
the entire array curve is a convenient starting point. Accurate calculation
requires the addition of two curves, one for the positively biased section and
one for the negatively biased section. However, iteration is required because
the floating point shifts in the process and greatly increases the amount of
computation required.

An unusual effect occurs when some of the solar cells on a floating array
are driven into saturation. In this case, there is a group of cells at zero
potential located at the floating point. As the array orientation changes the
floating point, and consequently the group of saturated cells moves about in
response to the changing external conditions, the effect is similar to shadow-
ing of a solar array by a spacecraft protrusion such as an extended boom.

CONCLUDING REMARKS

The solar-array voltage-current curve can be calculated if the parasitic
current distribution on the array is known and the individual solar-cell oper-
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ating curve is given. The most difficult task at present is to formulate the
current distributions.

The justification for calculating the array voltage-current curve is to
obtain the operating point and power output of the array more accurately. The
calculated power lossE >ipc AV is usually less than the actual power loss
and may differ by a factor of 2 or more, depending on the operating point.

If the sum of array load current plus total parasitic current is greater
than the array short-circuit current, array performance will noticeably degrade
and further calculation is indicated.

An approximate solar-array voltage-current curve can be drawn by dividing
the array into sections and constructing the curve from straight-line segments.
The total array voltage at any load current is found from V = mVav, where m
is the number of active solar cells.

For a floating array with large enough parasitic currents, a group of
cells on the array will be at zero potential and will move about as a result
of changing conditions. The phenomenon is similar to array shadowing.
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APPENDIX A

METHOD OF COMPUTER CALCULATION

The case of N solar cells in series with parasitic currents is shown in
figure 8, where all currents are taken to be electron currents. In this fig-
ure, V is the load voltage and I is the load current. Let ipc, be the

parasitic flux falling on the th solar cell. The current ipct may be re-

garded as a function of voltage and current. The equation relating these cur-
rents is

N

I = 'tot S ipct (Al)

where Itot is the current flowing between the array and the ground. The
equation for V involves the sum of the individual solar-cell voltages v
and is

N

V =L v (A2)

where

v = KI in(isc - i + io) + K2 In i o  t(A3)

The term i in equation (A3) is the current flowing into the h solar cell
and is give by

i. =I + ipc,N (A4)

X=l

The complete voltage-current characteristic is obtained by solving these
equations. The calculations are done in two groups, each group yielding a por-
tion of the total voltage-current curve. The first group of calculations ap-
ply to the case where some number of cells in the series string are in satura-
tion. In this case I t = isc and the term N in equations (Al) and (A2)
is re'placed by a variabte n representing the number of active cells in the
string. The variable n varies in the interval 0 < n < N. The second group
of calculations applies to the case where all the cells in the string are ac-
tive. In this case n - N = Constant, and Itot becomes a variable and varies
in the interval 0 < 1tot < isc. This grouping of calculations arises out of
the peculiar physics of this situation. The contribution of each group of cal-
culations to the total voltage-current curve is shown in figure 8.
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APPENDIX B

GRAPHICAL CONSTRUCTION OF VOLTAGE-CURRENT CURVE WITH PARASITICS

It is initially assumed that the voltage-current characteristics of a
single solar cell can be approximated by a square curve, as shown in figure 9.
The voltage v* shown in the figure as the intercept of the voltage-current
characteristic with the voltage axis is defined to be a suitably chosen volt-
age near to the voltage at maximum power. If I = isc' then V = 0. If
0 : I < isc then V = v*. If N identical solar cells are connected in
series, then, for 0 I < isc, V = Nv*.

The concept of parasitic currents can be introduced at this point. Sup-

pose that parasitic current is uniform per cell; that is, suppose that ipc =

Constant. If M cells are in saturation (I = isc and V = 0) from the effect
of this parasitic, V = (N - M)v*. Since M is a variable, for the portion of
the curve corresponding to the case of cells in saturation, V is a linear
function of M. For the case of no cells in saturation, the remainder of the
curve is given by V = Nv*. The characteristic is drawn so that the current
intercept is at short-circuit current isc.

The graphical method of constructing the voltage-current characteristic
of N cells in series with ipc = Constant can now be developed. The

voltage-current curve without parasitics is taken as the starting point. This
curve is a rectangle with current intercept isc and voltage intercept Nv*.

A threshold current ico is introduced such that, if 0 : 1 < lco, then

N cells are active and, if ico < I < isc, then some number M < N of cells
is in saturation because of the presence of the parasitic ipc.

For any current I in the interval ico < I . isc, the number M is
found as follows: The requirement is set that I + (N - M)ipc = isc. Then

(N - M) = i/ipc(isc - I). But when I is in the interval ico < I : isc, the
voltage V is given by V = (N - M)v*. Thus, in this interval

V =-L (isc - I)v*ipc

that is, V varies linearly with I.

Since for any current I in the interval 0 5 I : ico the voltage is
V = Nv*, an approximate curve can now be drawn. This curve is shown in fig-
ure 10. It is useful to find the current ico. In the case of the approxima-
tion being discussed, the solution for ico is quite simple. The equation

N - M i/ipc(isc - I) is used at the instant I = ico. At this instant,

M 0 and ico = isc - Nipc. Thus, given a rectangular solar-array voltage-
current curve, the curve with parasitic ipc = Constant can be constructed by
drawing a straight line V = Nv*. In practice, greater accuracy is obtained
if the straight line drawn from isc (fig. 10) is allowed to intercept the
original voltage-current curve, as shown in figure 4.
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MAGNETIC SHIELDING OF LARGE HIGH-POWER-SATELLITE

SOLAR ARRAYS USING INTERNAL CURRENTS

Lee W. Parker
Lee W. Parker, Inc.

William A. Oran
NASA Marshall Space Flight Center

SUMMARY

Present concepts for solar power satellites involve dimensions up to tens
of kilometers and operating internal currents up to hundreds of kiloamperes.
The question addressed here is whether the local magnetic fields generated by
these strong currents during normal operation (effectively providing the array
with its own "magnetosphere") can shield the array against impacts by plasma
ions and electrons (and from thruster plasmas) which can cause possible losses
such as power leakage and surface erosion. An affirmative answer is indicated
by approximate solution of the inherently 3-D problem.

In the present work one of several prototype concepts has been modeled by
a long narrow rectangular panel 2 km wide and 20 km long. The currents flow
in parallel across the narrow dimension (sheet current) and along the edges
(wire currents). The wire currents accumulate from zero to 100 kiloamp and are
the dominant sources. The magnetic field is approximated analytically as due
to separate sheet and locally constant wire currents. The equations of motion
for charged particles in this magnetic field are analyzed using conservation of
canonical momentum to find dynamical limits of the motion, that is, regions
inaccessible to the particles. The ion and electron fluxes at points on the
surface are represented analytically for monoenergetic distributions and are
evaluated by Parker's quadrature technique for Maxwellian particle velocity
distributions. Sample numerical results for electrons and protons correlate
well with the ratios of (a) the particle gyroradius to the array width and
(b) the particle momentum to the critical momentum epl, where e is the particle
charge, j is the magnetic permeability, and I is the wire current. The field
will prevent kilovolt protons and mev electruns from reaching significant frac-
tions of th- surface.

The analysis is applicable to both low earth orbit and geosynchronous
orbit, when appropriate particle masses and temperatures are substituted. It
suggests that the current distribution may be designed so as to optimize the
shielding and that the solar cell lifetime in orbit may be prolonged by a pos-
Si3e factor of 5.
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INTRODUCTION

For the purposes of the present analysis of magnetic shielding, we assume
a model suggested by a Rockwell International study (ref. 1 and fig. 1). It is
represented in the simplified manner shown in figure 2. Here we have a flat
panel, lying in the x-y plane, made up of strips of photovoltaic cells. Each
strip is of length 2X and consists of photovoltaic cells connected in series
along the x-direction. The strips of cells are stacked in the y-direction and
are electrically connected in parallel at their ends to end-bus wires at posi-
tions x = +X and x = -X. The array extends from y=O to y=L. Electric fields
are neglected, which should be valid for thin sheaths.

This arrangement yields a current-flow distribution as follows. The
cross-current flows from bus to bus in the +x direction, and the currents accu-
mulate along the bus wires. Therefore, we have essentially two kinds of cur-
rents as sources for magnetic fields:

(1) a surface current density (a "sheet current") in the plane of the
panel, directed in the +x direction, with the current per unit
length (K) independent of x and y, and

(2) a "wire current" (I) due to flow in the bus wires, directed in the
+y and -y directions, which accumulates from zero amps at y=O to
105 amps at y=L. The variation can be assumed to be linear in y,
although this assumption is not essential.

For the purpose of calculating magnetic fields, these assumptions allow us
to establish the current sources as K=5 amp/meter and I=lo.(y/L) amp, where L
is 20 km in figure 2 and Io is 105 amp. We assume further that, except near
the ends of the array, the magnetic field in the vicinity of the array is the
superposition of two contributions: One is due to a current strip-sheet, of
finite width 2X, lying in the x-y plane (between -X and +X in figure 2b),
infinitely long in the y-direction, consisting of a constant current/length K.
The other is the bifilar circuit due to two infinitely long parallel wires, at
x=±X, carrying constant current I. Thus, end effects are neglected, which may
be reasonable for most points along a long, narrow array with a slow variation
of currents with y.

MAGNETIC FIELD

These assumptions allow us to approximate the magnetic field at any point
as due to current sources which are constant in the y-direction and extend to
positive and negative infinity in the y-direction. Thus, they produce a mag- I
netic field independent of y. The sheet current affects only the y-component
of the field, while the wire currents affect only the x and z components.
Hence, we may superimpose the two independent magnetic field systems, expressedin c.g.s. units, as follows:

377

LAt



Bx  2I I 1 1 1 (")(Fx+-x-)2 + Z (x-x)2I + z1 (I

Bz = 2vI F x-X x+X (2)[x-) z + zz (x+x)z + zZ7(1

By a2K rc tan - arc tan (3)

where B and Bz are produced by the wire currents and B is produced by the
strip-sheet current; P is the magnetic permeability. Thls field distribution
is illustrated in figure 3. Note that the magnetic field due to the wire cur-
rent inhibits particle motion in the y-direction, while the magnetic field due
to the sheet current inhibits particle motion in the x-z plane. These expres-
sions may be used to estimate magnetic intensities. The magnetic field inten-
sity on the surface of the panel due to the wires is given by equation (2)
evaluated at z=O, namely,

B - 4PI 1 -0.4 gauss* 1 (4)z l_(x/X)2 l-(x/X)z

for I = 100 kiloamp and X = 1 km

The magnetic field intensity on the surface of the panel due to the sheet cur-
rent is given by equation (3) evaluated at z=O, namely,

B = - 27rjK = -0.0314 gauss (5)

for K =l O amp/20 km = 5 amp/meter

Thus, the 'field due to the wires is an order of magnitude stronger than the
field due to the sheet current, over most of the length of the panel.

CONSERVATION OF CANONICAL MOMENTUM.
DYNAMICAL LIMITS OF THE MOTION

Using equations (1)-(3) and some manipulation, the equations of motion,
neglecting electric forces, can be written

x - 2eiK , - a&2 (6)m 2 ax

z + 2ejjK ,A I a #2 (7

-e - (8) ,!

m 0 +  3o (8)
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where

*-arc tan [x - arc tan x-) (9)

€ -I i 'x 2 + 2]

I n (x-x)2 + Z (10)
(X+X) + z

and the subscripts "o" denote initial conditions. The quantities m and e
denote the particl mass and charge, respectively. We have an integral of the
motion in y, and y /2 represents an effective potential function of x and z,
whose gradient represents an effective electric field. From conservation of
energy we have

A2 + .2 + .2 = v2 = constant (11)

so that

k2+ 12 = v2 . j2 = v2  + e I )j2 > 0 (12)

The region in x-z space where equation (12) is satisfied represents a region of
physically allowed motion; the rest of x-z space is dynamically forbidden. A
dynamical analysis along similar lines was applied to current collection by a
charged satellite in the LEO geomagnetic field by Parker and Murphy in refer-
ence 2. Clearly, 0 is constant on a circle whose center is on the x-axis.

From analysis of equations (10) and (12) it can be shown that an electron
or ion with a given energy may reach a point x on the surface with angles of
incidence such that (for positive x)

.2 .2 .212(3-I< MA + y2 + 2 I 2 < I P/Q (13)

where

Pln [X+X 
(141(x-X)2

(X is the position of the wire)

and

p(E) (= 144 ,Eev) for protons; =33.7 I(ev) for ev (15)
ev. ITamp) fo elcros

where p(E) denotes the particle momentum as a function of energy E. The quan-
tity Q is the ratio of particle momentum to the "magnetic" scale momentum eVI.
p(E) is imE for nonrelativistic particles. The additional square-root factor
for electrons is the relativistic correction.
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Note that

(a) particles of all energies coming from infinity can reach x=O
(the mid-line of the panel), and

(b) particles coming from infinity with energy E cannot hit beyond

X=XmaX:max

where

Xmax
x tanh (Q) (16)

(The latter derives from the condition that P/Q in equation (13) cannot exceed
2.) Thus, no particles with finite energy can hit the wire.

The magnetic scale of momentum, epI, is 1.6 x 10l- 16 gm-cm/sec when I is
100 kiloamp. (It is proportionally lower as I decreases along the array.)
Electrons with this momentum (Q=l) are relativistic, with energy E=2.5 mev. In
geosynchronous orbit we may assume that the ions are protons. They would have
the magnetic scale of momentum if their energy were E=4.8 kev. In low-earth
orbit, assuming oxygen ions, the corresponding energy is 300 ev. This implies
a simple criterion based on the magnitude of Q. If Q is small, the particles
cannot penetrate. Assuming that the particle temperatures in geosynchronous
orbit may at times be 1 ev ("cold" particles) and at other times be 10 kev
("hot" particles), we infer that electrons of both temperatures, whose values
of Q are 3.37 x l0-4 and 3.37 x 10-2, respectively, are easily excluded from
most of the array surface. Similarly, the cold protons, with Q=0.0144, are
also excluded. The 10-kev protons, however, with Q=1.445, may penetrate to the
surface. In low-earth orbit, where the particle temperatures are of the order
of 0.1 ev, both ions and electrons are easily excluded. The above Q-values are
obtained assuming 1=100 kiloamp, i.e., they are appropriate for the high-
current end of the array. It should be noted that Q is related to the gyro-
radius Rg, evaluated at the mid-line of the array, based on the magnitude of Bz
from equation (4); namely, the gyronumber R /X is equal to Q/4.

FLUXES

The dynamical limits represented by equations (13)-(15) may be used to
compute particle fluxes at the surface. For a monoenergetic isotropic particle
velocity distribution, the number of particles hitting unit area on the surface
in unit time, at a distance x from the center-line, may be shown to be given by

Fmono(E) I T /'T {l C cos-IA + A1--7-K} (17)
mono /-m ITit

where A = 1 - P/Q,
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no is the particle number density at infinity, E and m are the particle energy
and mass, and P and Q are given by equations (14) and (15). Thus, the factor
in brackets becomes unity as P/Q becomes small. It vanishes if P/Q exceeds 2
(see equation (16)). If Q is small, P must also remain small, which means that
surface impacts are confined to the vicinity of the center-line (x=O). Also,
the flux distribution is symmetric about the center-line.

The flux due to a Maxwellian velocity distribution may be computed by
integrating equation (17) over the energy distribution. This must be done
numerically, by quadratures. Using Parker's quadrature method (ref. 3), dimen-
sionless flux-profile data were computed, for electrons and protons, for tem-
peratures T=lO kev and T=l ev, typical values in geosynchronous orbit. The pro-
files (positive x only), are shown in tables 1-3, for y-values along the panel
from 20 km down to zero, in steps of 2 km. The current I is assumed to be pro-
portionally reduced as y decreases. The x-values range from zero to 1 km in
steps of 0.1 km. The second column, labelled "xmax", shows how close to the
wire (at x=l) particles of energy equal to the temperature can get (equation
(16)).

Table 1 shows 10-kev proton profiles. The profiles are fairly well spread
out over the surface, but with a sharp dropoff to zero at x=l km, as expected.
As y decreases the coverage of the surface becomes greater as the wire current
decreases. The data of the table indicates that the proton gyroradius Rg at
E=l0 kev and B=O.4 gauss (midway between the currents at y=20 km - see equation
(4)) is 2.3 km, a size comparable with the width of the array. Escale= 4 .8 kev
is the magnetic scale energy, and the thermal energy 10 kev is larger than this.
Hence there is consistency between the lack of shielding of 10-kev ions and the
sizes of Escale and Rg. Note that the density is unity (ambient value) along
the axis (x=O), and a ong the last row, for y=O (where the current and magnetic
field vanish). Recalling that these results represent dynamical limits, it is
evident that the "ridge" of unit density along the axis (middle of panel)
should actually be significantly lower due to the inhibition of motion in the
x-z plane by the sheet-current magnetic field.

Table 2 shows l-ev proton profiles. Here, there is essentially no cover-
age of the surface (except very near x=O. See the xmax column). Hence the
shielding is very effective. This is also consistent with the thermal energyof I ev being much less than Escale=4 .8 kev, as well as with Rg=2 3 m at 0.4
gauss being much less than I km.

Table 3 shows 10-kev electron profiles. Here, the penetration is slightly
greater, particularly near y=0. However, the panel may be considered effec-
tively shielded. Calculations were also done for l-ev electrons, but results
are not shown here, since, as may be expected, the penetration is completely
negligible, much less than in table 3. For the 10-kev and l-ev electrons, R
has the values 53 meters and 53 cm, respectively. g

These numerical-integration results are consistent with expectations based
on the simple criterion of Q compared with unity, where E is set equal to kT.
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POSSIBLE INCREASE OF SOLAR CELL LIFETIME

It is estimated that 80 percent of the radiation damage to solar cells
would be due to the trapped Van Allen belt electrons with energies up to 5 mev
(E. G. Stassinopoulos, private communication, 1978), against which magnetic
shielding is possible. (The remaining 20 percent is due mostly to cosmic rays
which are not presently shieldable.) From the simple criterion of this paper
that Q be less than unity, we see from equation (15) that electrons up to sev-
eral mev in energy are prevented from reaching a large fraction of the array
surface in the vicinity of the 100-kiloamp currents. In particular, from equa-
tions (15) and (16), with E=5 mev and I(y) represented by 5000y amp, with y in
km, the area shielded against up-to-5-mev electrons lies between x(km)=tanh
[O.923x20/y(km)] and x(km)=l.O. At y=20 km, this range of positions is from
730 m to 1000 m. Hence the range of protected positions is 270 m, within which
the solar cell lifetime would be prolonged by a possible factor of 5.

We would like to thank James G. Laframboise for his helpful comments.
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Table 1.

DYNAMICAL LIMITS
MAGNETICALLY SHIELDED FLUX PROFILES

10 kev IONS

2 km x 20 km
100000 amps
Escale = 4.8 kev
R = 2.3 km*
g

x(km)

y(km) xmax 0. .1 .2 .3 .4 .5 .6 .7 .8 .9 1.0

20 .62 1.00 .92 .80 .66 .51 .36 .23 12 .04 .00 0.

18 .67 1.00 .94 .83 .7o .5b .42 .29 .17 .07 .01 0.

16 .72 1.00 .95 .85 .74 .62 .49 .35 .23 .11 .03 0.

14 .77 1.00 .95 .88 .78 .67 .56 .43 .30 .17 .06 0.

12 .83 1.00 .96 .90 .82 .73 .63 .51 .39 .25 .11 0.

10 .89 1.00 .97 .92 .8b .79 .70 .61 .49 .3b .20 0.

8 .95 1.00 .98 .94 .90 .84 .78 .70 .61 .49 .32 0.

6 .98 1.00 .99 .96 .93 .89 .85 .79 .72 .63 .48 0.

4 1.00t 1.00 .99 .98 .96 .94 .91 .88 .84 .78 .68 0.

2 1.00 #  1.00 1.00 .99 .99 .98 .97 .96 .94 .91 .87 0.

0 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 0.

Ion gyroradius based on B = 0.4 gauss midway between wire currents at
100000 amp. Note: R is larger than array width of 2 km.

g
tVery close to but less than unity.
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Table 2.

DYNAMICAL LIMITS
MAGNETICALLY SHIELDED FLUX PROFILES

1 ev IONS

2 km x 20 km
100000 amps
Escale = 4.8 kev

R = 23 m*
g

x(km) +

y(km) xmax  0. .1 .2 .3 .4 .5 .6 .7 .8 .9 1.0

20 .01 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

18 .01 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

16 .01 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

14 .01 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

12 .01 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

10 .01 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

8 .02 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

6 .02 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

4 .04 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. U.

2 .07 1.00 .07 0. 0. 0. 0. 0. 0. 0. 0. 0.

0 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 0.

Ion gyroradius based on B = 0.4 gauss midway between wire currents at
100000 amp. Note: R is small compared with array width of 2 km.

g
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Table 3.

DYNAMICAL LIMITS
MAGNETICALLY SHIELDED FLUX PROFILES

10 kev ELECTRONS

2 km x 20 km
1OUOOU amps
Escale = 2.5 mev

R =53 m*

x(km)

y(km) Xmax 0. .1 .2 .3 .4 .5 .6 .7 .8 .9 1.0

20 .02 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

18 .02 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

16 .02 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

14 .02 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

12 .03 1,00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

10 .03 1.00 0. 0. 0. 0. 0. 0. 0. 0. 0. 0.

8 .04 1.00 .00 0. 0. 0. 0. 0. 0. 0. 0. 0.

6 .06 1.00 .02 0. 0. 0. 0. 0. 0. 0. 0. 0.

4 .08 1.00 .12 .00 0. 0. 0. 0. 0. 0. 0. 0.

2 .17 1.00 .50 .12 .01 .00 0. 0. 0. 0. 0. 0.

0 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00 1.00

Electron gyroradius based on B = 0.4 gauss midway between wire currents at
100000 amp. Note: R is small compared with array width of 2 km.
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Figure 1. - Sample design configuration (Rockwell).

386



Figure 2. -Current distributions in solar array panel analytical model.

FIELD LIMES DLf TO wIRE CuRREITS

rWLD LINES DLr 7 3E11 CC:.iNT

Figure 3. - Manetic tield systems in solar array panel analytical model.
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ENVIRONMENTAL INTERACTION IMPLICATIONS FOR LARGE SPACE SYSTE:-..

E. Miller, W. Fischbein, M. Stauber, P. Suh

Grumman Aerospace Corporation

AB ST EA CT

Large Space Systems (LSS) comprise a new cla s of spacecraft, the desion
and performance of which may be seriously affected by a variety of enoiron-

mental interactions.

In addition to dimensions which are orders of a magnitude larger than

those of conventional spacecraft, most LSS are characterized by low density
structures, extensive dielectric surfaces and comrposite structural elements.
Many LSS also require multikilowatt or megawatt power systems, which mijht op-
erate at multikilovolt levels. Perhaps most significant is that most of these

advanced systems must operate efficiently for 10 to 30 years with little or no
maintenance.

This paper addresses the special concerns associated with spacecraft
charging and plasma interactions from the LSS designer's viewpoint. Survivabil-
ity of these systems under combined solar U.V., pacticle radiation and repeated

electrical. discharges is of primary importance. Additional questions regard
the character of electrical discharges over very large areas, the effects of
high current /voltage systems and magnitude of induced structural distrbances.

Incorporation of large scale charge controls and complicated electrical
and structural interactions could impose difficult design requirements and have
a major impact on LSS costs. Worst-case estimates are made, and p ssible de-

sin/performance impacts assessed for LSS environmiental interactions of major

concern.

A concept is described for a large scale experiment platform wich uti-
lizes space structure demonstrati, , articles presently under study by the Air
Force and NASA. These platforms could provide severa." thousand square meters

* of test area, with maximutm dimensions up to one kilometer.

Accelerated charge/discharge, induced avalanche and plasma power loss
experiments might be configured for low earth crl it, and the free-flyer test
platform retrieved after several months for anal.sis of co mbined environment -I
effects. Additional instrumentation could be installed, the platform boosted
to g]eosynchronous orbit to measure large scale plasma characteristics and space-
craft interactions, and test samples retrieved with a manned orbit transfer

vehi e>after long-term exy-sure.

INTRODUCTION

The Space 'huttle will open a new era of space transportation in the early
s A multitude f' a-n,- duration, complex, mutifunction missions will be

pos. ible with the i,.oue capalilities of the Space Transportation System (STS).
-any of the advancel missions considered for the next two decades will require
a new -oneration -' f spaeecr ft, called Lar'-e Space Systems (LSS).
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Some of the LSS concepts, devised for a variety of applications, are
illustrated in Figure 1. The LSS of the 198 0's will be orders of magnitude
lariger than anything launched to date. Most will be constructed in space

using materials and support machinery transported, by the STS. By the 1990's,
much iarger Solar Power System demonstration articles, second or third gener-

ation ISS, might be flown.

Although designed for a wide variety of missions, the basic characteris-
tics of most unmanned LSS are quite similar. Spaceborne radars, communication
and scientific platforms and solar power demonstration articles are large, low
density structures which generally make extensive use of dielectric and com-
posite materials. Exposed surface areas for these systems range from thousands

to millions of square meters. Also, several missions require multikilowatt to

me,-awatt electrical power sources and could operate at multikilovolt levels.

Num:erous analytical, manufacturing and test methods must be developed to
deal with these huge structures, high power and voltage levels and novel con-
struction and deployment techniques. One of the greatest challenges facing
the LS) designer, however, is to achieve a reliable, efficient system which can
survive the space environment, with little or no maintenance for 10 to 30 bears.

The need for long-term environmental effects data on LSS candidate mate-
rials is well known. Some laboratory tests have already begun and flight ex-
periments (:3CATHA, L[UEF) are scheduled for the near future. The compounding
effects of electrstati2 chart-ing and repeated electrical discharges on mate-
rials and components ani structural and electrical interactions with the space
plasma coull have a serious impact on the design, performance and economic
viability of many LSS.

A p!*ooTram was initiated by Grumman last year to assess the impact of envi-
rormiental iteractions on the LSS Uind'tL" stuly. This combined engineering/re-
search effort includes modeling of coupling mechanisms, identification of most
probable trouble spots, niominal and worst-case estimates of environmental ef-

fects and alternate design approaches to minimize or eliminate damaging effects.
dome of the results ( f these studies i-re described below.

, I )F TYPICAL LAESG-E SPACE SYSTEMS

Several L]S program:ri have been conducted by Grumman during, the past few
yours. Conceptual and preLimInanry desirns have been developed for solar power
satellites, space stations:, s;Pcc-lued radars, multifunction communication and
survei: in, e nlatforms, spna, construction platforms and large space structure
demonstratirn articles. Two such systems, designed f'nr widely different mis-
sis, ..- the dp i co !,ed Radar (2511) and S',olar Power Satellite (SPS) Demon-
strintion Article.

The -,nerd "rangmemnt of a ty-lical i is shIovn in Figure 2. This sys-
tern empI-,yl ' unique ,epl yb] , wiro w4heel antenna which can he stowed in and
depl_ yed t'rr' the shlilt ]e in ,iameters up to -00 meters.

389



The antenna is attached to and supported by a drum that is the basic struc-
ture at the lower end. This drum also provides mounting surfaces for commu-
nications antennas, the lower systems package (LSP), the lower attitude control

thrusters and the mast canister. Attached to the upper end of a deployable
mast is the upper systems package (USP) which provides mounting surfaces for
the antenna feed, upper thrusters and solar or nuclear power source.

The phased-array antenna is supported by a graphite/epoxy compression rim

assembly which, in turn, is supported by spring-tensioned fore and aft stays
(graphite/epoxy strips). The phased-array antenna is made of gore panel assem-
blies that lie in the plane of the rim and are spring-tensioned between the rim
and drum. The compression rim assembly is a polygon composed of thinwall tubes;
the number and length depends on the deployed diameter.

The triangular antenna array gore assemblies, shown in Figure 3, are made
in sections and spliced together by circumferential mini-hinged beams that pro-
vide the required interlayer spacing. For the space-fed phased array, the
triple layer panels consist of ground-side and feed-side antenna planes located
one quarter wave-length from the ground plane.

The antenna planes consist of frame-mounted subarrays shown in Figure 4.
The frames are assembled edge-to-edge in an axisymmetric array of rows and
columns within the bounds of the gore section. Each frame is a square structure
made of 2.5 mil aluminum. The sub-arrays, dipoles and feed lines are made of
0.25 mil copper, on 1 mil H-film substrate.

The ground plane consists of a 2.5 mil pierced aluminum sheet. The re-
sulting mesh sections are bounded by radial edge tapes and reinforced with
transverse aluminum battens.

Solid state RF amplifiers and digital electronics are mounted on the

ground plane. These are powered from upper and lower antenna planes at +180
vdc and -10 vdc respectively. The electrical network, distributed throughout
the antenna, carries about 90% of the total generated power to several hundred
thousand electronic modules.

All antenna and ground plane surfaces may be covered with a thermal con-
trol coating to minimize temperature gradients throughout the array. Elec-
trically conductive coatings could be used on the ground plane, but non-con-
ductive coatings would be used on the antenna planes to permit proper operation

of the dipoles.

The LSP drum is fabricated of aluminum alloy in a thin skin, cylindrical
configuration. The USP is also fabricated of aluminum alloy. The nuclear
reactor mast or solar array support structure (with drive motors) mounts to the
upper frame of the USP. Up to 100 kilowatts of power is provided to the sub-
systems and phased array modules.

Depending on system size, jet or ion thrusters are used for attitude con-
trol. Thrusters mounted on the LSP provide stationkeeping, roll control, and
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part of the pitch and yaw control. Additional thrusters are mounted on the
USP to complete pitch and yaw control.

Active or passive versions of the deployable wire wheel antenna can be
used for many different missions. Grumman has emphasized the phased array
approach for SBR, and detailed lightweight gore designs and models have been
developed for these systems. Reflector and bootlace lens antennas have also
been designed for radiometry and communications systems.

SPS Demonstration Article

Feasibility and conceptual design studies conducted over the past few
years have shown that the SPS is an attractive power source alternative for
the twenty first century. Further technology development is being encouraged,
and it is likely that some form of SPS technology verification spacecraft will
be flown in the 1990's.

The relative scales of these SPS test articles can be appreciated from
Figure 5. Here, some of the growth possibilities leading to the full-scale SPS
are illustrated. Note that even modestly sized demonstrations systems are from
ten to several hundred times larger than the largest photovoltaic system pres-
ently being considered for the early 1980's - - a 50 kilowatt array for the
LEO power module.

Several photovoltaic SPS concepts are being studied including planar and
concentrator arrays, silicon, gallium arsenide and other solar cells. The
structural arrangement of a typical concentrator SPS is shown in Figure 6.
Solar cell blanket and concentrator support trusses are of aluminum or com-
posite material, constructed from smaller, one-meter beams which are auto-
matically fabricated in space. The slotted waveguide antenna is made of alumi-
num or metallized composites and includes thousands or millions or DC-RF con-
verters.

Cross sections of advanced solar cell blankets which might be used for
, the SPS are shown in Figure 7. Compared to current technology, SPS solar cell

blankets will be much thinner and lighter. Glass or plastics might be used for
substrates or continuous cell covers. Solar cells are interconnected via
very thin wraparound contacts and bus conductors, and, if klystrons are used
for RF power conversion, series cell strings could operate at voltages up to
47.5 kilovolts.

Many solar-powered LSS in the mid to late 1980's will likely use solar cell
blankets similar to these SPS candidates but will probably operate at voltages
no higher than a few hundred volts.

The reference SPS demonstration article used for Grumman environmental
interaction studies is shown in Figure 8. The basic planar array configuration
is similar to that from a recent NASA/Boeing study, sized to provide 100 mega-
watts of rectified power on the ground. Structure, antenna and solar cell
blankets are similar to those described above. Electrical distribution and
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control networks are integrated throughout the array; power is transmitted to
the antenna via slip rings. Attitude control and stationkeeping is provided
by thrusters. The effective density of the spacecraft, including all sub-
systems is about 3 x 10-3 kg/m3 .

One of many possible electrical configurations is shown in the figure. In
general, solar cell strings are arranged with opposing current flow to minimize
magnetic torques on the spacecraft. In this example, 16 strings each gen-
erate 250 amps at 41 to 45 kilovolts. Positive and negative busses are lo-
cated at the center and ends of the array. These connect to the main power
busses which run the length of the array and terminate at the slip rings. A
total of 4000 amps is delivered to the RF converters at 40 kilovolts.

ENVIRONMENTAL INTERACTIONS AND EFFECTS

The study of LSS environmental interactions was initiated by identifying
those charge/discharge effects and plasma interactions that might have an im-
pact on the design, performance or cost of these spacecraft. Initial concerns
for the SBR and SPS demonstration article are summarized in Tables 1 and 2.
The potential interactions, sites and effects listed in these tables are
common to most LSS using advanced solar cell arrays or phased array antennas.

Degradation of dielectric structures, optical materials and surfaces can
result from repeated electrical discharges as described in the literature.
Numerous dielectric-metal interfaces exist throughout the SBR and SPS, spe-

cifically at the antenna dipoles and solar cell edges, which are potentially
susceptible to discharge-induced damage. Discharges on metallized dielectric
delay lines and waveguides could also erode these critical elements.

Damage or disruption of the electrical distribution network, while a
concern for all LSS, may be especially severe with large, distributed power
systems as on SBR and SPS type spacecraft. Interactions with very high, dis-
tributed voltages and numerous RF converters and waveguide antennas are of
particular importance for the SPS.

The lightweight, flexible LSS structures will distort under electro-
static forces, on-board, geomagnetic and VXB field interaction, plasma coupling
currents and induced differential heating. Surface distortions and plane
separation variations could have a significant effect on antenna gain, effi-
ciency and pointing accuracy. Plasma-induced forces will also affect attitude
control and stationkeeping requirements. The trusters used for these functions
may also contribute to spacecraft contamination, differential charging and pow-
er loss in multikilovolt systems.

ANALYSES OF LSS ENVIRONMENTAL INTERACTIONS

Preliminary analyses and engineering estimates were made to assess the
possible magnitude of some of the effects of plasma interactions and other en-
vironmental factors on LSS performance. These analyses emphasized the SPS
demonstration article, as it can be expected to experience such effects with
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greater severity than, for example the SBR, due to its larger currents, volt-
ages, and size.

Specifically, analyses were made of the potential distribution on the
cover of a 47 KV solar array under substorm conditions and of the magnetic
shielding against charging currents provided by the on-board current distri-
butions on a 100 MW SPS demonstration article. Other estimates performed

include plasma leakage currents, erosion rates due to proton scattering, torques
from on-board current coupling to BGEO, and solar array performance loss due to
radiation damage.

In analyzing the charging potential distribution on the 47 KV solar array
an array length of 700 m was assumed, with the solar cell interconnected such
as to provide a constant impressed voltage gradient along, and a constant volt-
age across, the array.

Without solar illumination and without the effect of solar cell cover
slides, magnetic substorm charging currents would float this potential distri-
bution so as to make most of the array length negative with respect to the
plasma (based on a simple plasma particle drift approximation).

The inclusion of sun-illumination (Jpe(Vs=O) = 3 nA/cm 2 ) and of the effect
of dielectric cover material in a self-consistent (thick sheath) analysis leads
to substantially different results for the surface potential distribution on
the array. The specific analyses employed the following approach: A local
value of the array potential V is assumed and the potential Vs on the overlying
surface point is calculated selfconsistently, subject to the equilibrium volt-
age conditions ZJi(Vs) = 0, where the J. represent the current density elements
shown in Fig. 9. The current balance includes the leakage current JZ through
the dielectric cover for an appropriate value of the cover bulk resistance.
The calculation is repeated for a series of equally spaced V values on both
sides of the point where the leakage current reverses direction as a result of
a change in the sign of (Vs-Vp). The location on the array where Vp changes
sign, relative to either end of the array is then determined by the condition

" f~i n (J i n d.A =Au (Jgou dA

A. Z n f 2. out
f. if out~

This also determines the parasitic current in the circuit formed through the
dielectric cover, the array, and the plasma.

Tw cases were analyzed, for bulk resistance values of 10 1 and 1013

ohm-cm2 , respectively. For the higher resistance, the surface potential Vs is
positive but very low (a few volts), as shown in Fig. 10a. The integrated
leakage current value for a 95 m wide array section is .038 amp. For the lower
resistance value (1013 ohm-cm 2 ) the surface potential becomes at least partly
dependent on the array potential V . Namely, Vs becomes strongly positive for
positive V values, while for negJive Vp it remains at a few volts positive.
(Fig. 10b.). The integrated leakage current here is .19 amps for the array
section. Since the full array has 16 such sections the total leakage current
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is 0.6 amr for the 1014 ohm-cm 2 array cover and 3.1 amp for the 1013 ohm-cm2

cover. In either case this is an insignificant fraction of the 400 amp full
array current.

The SPS will produce significant magnetic fields as a result of the large
array currents. These fields could act to shield the array from plasma parti-
cles, at least locally.

The effectiveness of this shielding was estimated for the 100 MW SPS
demonstration article (under neglect of electrostatic forces), with current
sources and current busses arranged as shown in Fig. 11. This arrangement
consists of 16 sheet current sources of dimensions 190 by 377.5 meters and
14 line current sources corresponding to the current busses. Each sheet
source carries a current of 250 amps, while bus currents range from 250 to
3000 amps. For this current distribution the magnetic field over the array
was determined. Fig. 12 shows the component of the magnetic field B11 ,
lying in the plane parallel to and one meter above the array surface. The
B-field mapping provided the basis for estimating the minimum energy needed
by particles to reach the array. For this estimate the particles were as-
sumed to be normally incident on the array surface, and the minimum energy, Ec
was determined from the minimum normal momentum necessary for penetration
to the distance of a gyro radius from the array surface. Values of E for
electrons are shown in Fig. 12 at various locations on the array. For
example, above the midpoint of the 3000 amp bus the array is screened from
normally incident electrons of up to 32 keV. However, away from the busses,
and particularly at the interfaces between opposing current sheets the elec-
tron cutoff energies for normal incidence become very low. This indicates
that an arrangement of array currents, such as shown in 7 ig. 11, although
favorable for minimizing induced torques, may promote differential charging
by electrons. For protons, the cutoff energies are 1/1836 of those for
electrons, hence, the magnetic fields considered here will not shield against
protons above a few tens of electron volts. For example, the maximum proton
cutoff energy, obtained above the 3000 amp bus, is 17 eV.

Another estimate concerned the torques induced from the coupling of the
array currents to the ambient geomagnetic field, taken as 0.001 gauss. The
array was assumed to be oriented so as to have the main current bus aligned
with the field; the torques would therefore arise from forces on the secondary

busses runninp at right angles to the main bus. A maximum torque of 18 Newton-
meters (13 ft-lb) about the array center-line is estimated; the resultant
increment in AV requirements for attitude control is insignificant.

An estimate was also made of the added thrust capability required for
station keeping if all the substorm particles were incident on only one side
of the array. The combined pressure from an electron flux of 6.109 e/cm2 /sec
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and a proton flux of 1.4108 p/cm
2 /se is found to be 7.8-10-11 newtons/m2

(1.6.10-8 lb/fit 2 ). This represents about 1/6 of the solar pressure on the
array.

In view of the frequently encountered concern with ion sputtering as a
mechanism for surface erosion and contaminant production, a worst case asses-
ment of proton sputtering on SiO2 was made. A continuous substorm proton flux
of 1.4-108 p/cm 2/sec at kT = 15 keV was assumed, together with a spectrum-
integrated sputtering yield of 10-2. This leads to a mass removal rate of

1.hlO- g/cm/year (or 6.3" 10- A/year), which per se is insignificant; how-
ever, the optical performance of solar cell covers may be degraded in the pro-
cess. The associated contaminant production rate is 0.09 g/day for th 100-MW
demonstration article, which is compared with a mass release of I x 10 g/day

from hydrazine thrusters or 2 x l0 g/day from cesium thrusters for sta-

tion keeping.

Therefore, the development of a solar blanket in which radiation damage
can be removed by on-site annealing appears to be essential for SPS. A de-
sign concept for a heat-annealable solar cell is shown in Fig. 7.

The importance of radiation damage in degrading the performance of solar
arrays is well recognized. For example, radiation darkening in solar cell
cover glass is expected to produce a transmission loss of - 4% over a 30 year
SPS life-time; here the darkening tends to be limited by concurrent ultra-
violet annealing. (Note that a 4% performance loss represents a 2.5% increase
in SPS program costs.) By comparison, solar cell degradation by radiation is
much more severe in 1EO. This degradation is equivalent to that produced by
a yearly fluence of 1 to 2 x 1014 l-MeV electrons (including the contributions
from solar flares). A 16% efficient cell will degrade 20 to 30% over 10 years
in GEO, primarily due to solar flare proton damage.

LARP IE F CALE ENVIRONMENTAL INTERACTION EXPERIMENT PLATFORM

Air Force and NASA studies are now defining test articles and flight pro-
grams which will demonstrate on-orbit construction of large space structures.
These demonstrations will be the first LSS-related activities in space, and
according to current plans, will occur by 1984. One of the concepts for such
a demonstration article is shown in Figure 13. This utility platform is con-
structed while attached to the Shuttle, utilizing one-meter beams which are
fabricated by the automatic beam builder located in the Shuttle payload bay.
A simple gravity-gradient stabilized platform is shown in the figure which
supports several earth-pointing experiments. Electrical power and other sub-
systems have also been added to provide long-term, free flyer capability.

The same platform could carry a variety of material, component and sub-
system segments as depicted in Figure 14. In this example, several different
material, solar cell blanket and antenna gore samples, in various sizes and
configurations, are mounted over almost all of the available 900 square meter
test surface. Temperature and illumination sensors, particle and electro-
magnetic pulse (EMP) detectors are distributed throughout the test samples.
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Integrators, recorders and other equipment are located in an experiment sup-
port package. The platform is powered by radioisotope thermoelectric gen-
erator (RTG) to eliminate plasma disturbances and orientation requirements
associated with solar cell arrays.

Low Earth Orbit (LEO) Tests

The platform can be left in LEO for extended periods and periodically re-
visited by the Shuttle. Test samples and on-board data can be retrieved, and
new samples added if desired.

Since LEO plasma characteristics are significantly different from those
in geosynchronous orbit (GEO), relatively few LEO test results will extrapolate
to GEO.. However, charge/discharge effects, passive charge controls and space
environment synergisms could be evaluated, and size/configuration relationships
established for large area elements. Also, since most LSS programs include
construction azid operation of demonstration systems in LEO, these tests will
provide valuable design/performance data for these systems.

Other tests which might be used to verify analytical models and ground
test results are

" Materials response-plasma dynamics

" Transient-induced differential charging

" Discharge avalanche

" Electric/magnetic field-induced forces

" Voltage/leakage current scaling

High Altitude Tests

With the addition of a propulsion stage, the platform could be placed in
elliptical urbit or in GEO where the majority of LSS will eventually operate.
A conceptual design of the largest test platform which could be boosted to high
altitude from LEO is shown in Figure 15. This article is constructed in a
manner identical to that described above, with its maximum dimensions nearly
100 meters. A cluster of three IUS (Interim Upper Stage) engines are used to
propel the 6800 kilogram spacecraft. A total of 4800 square meters of plat-
form area is available for test samples. Instrumentation and experiment sup-
port equipment is distributed throughout the platform, and an RTG used for
electrical power as with the LEO platform. One or more retractable plasma
probes can be added as shown to measure plasma characteristics at various
distances from the spacecraft. Motor-driven boom designs are available for
probe extensions up to one kilometer.

A test platform of this type in GEO could provide definitive environmental
interaction data to guide the design of future LSS. The following types of
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tests could be performed, in additon to those listed above, for a nearly com-
plete characterization of physical processes and coupling mechnisms:

" Electric field acceleration

" Magnetic field deflection/focusing

" Plasma-induced heating

" Geometrical particle shadowing

* Plasma sheath formation

* Plasma instability non-linear effects

* Spacecraft geomagnetic wake

* Active charge controls

" Large scale performance verification

This LSS test platform could be constructed and placed in GEO by the mid-
198 0's. Real-time data could be recorded shortly after orbit insertion. Data
can be sampled over long intervals to evaluate effects of environment varia-
tions and long-term material property changes.

An advanced orbit transfer vehicle (OTV), which might be available around
1990, could visit the LSS test platform in GEO. Test samples could be in-
spected, retrieved for ground tests and replaced with new or different samples
for additional space testing. If accelerated materials ground tests cannot be
properly developed, or prove too costly, long-term GEO experiments of this type
may be the only way to derive the design data and confidence levels needed be-
fore committing to development of a complex, costly LSS.

Much research and engineering analysis must yet be done to estimate LSS
environmental interactions and effects. Many plasma-related interactions and
long-term materials effects will most likely require large test articles of
the type described above; the opportunity to fly these experiments will be here
shortly. A program should be formulated now to define the research and anal-
yses to be performed, the types of experiments to be flown, and to begin pre-

liminary designs of the large scale experiment platform.
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TABLE 1 POTENTIAL CHARGE/DISCHARGE EFFECTS ON LSS

EFFECT SBR SPS DEMO

* DIELECTRIC CRAZING/DARKENING * SOLAR CELL COVERS & THERMAL CONTROL SURFACES

" DIELECTRIC EMBRITTLEMENT 9 SOLAR ARRAY SUBSTRATE & COMPOSITE/GLASS
0 STRUCTURAL ELEMENTS

" CONTAMINANT DEPOSITION * SOLAR CELL COVERS, THERMAL CONTROL SURFACES
o ACCELERATED ELECTRICAL DISCHARGES

" METAL EROSION/VAPORIZATION 0 SOLAR CELL INTERCONNECTS& THERMAL BLANKETS

" ANTENNA DIPOLES/DELAY * METAL/COMPOSITE
LINES/ELECTRONIC WAVEGUIDES
MODULE CONTACTS

" INSULATION BURNtHROUGH o DC POWER DISTRIBUTION

I RF CONVERTER FEEDS

" EMI/VOLTAGE TRANSIENTS * SUBSYSTEM WIRING/ELECTRONICS

" ANTENNA POWER DISTRI- * POWER DISTRIBUTION
BUTION & ELECTRONICS NETWORK

" ELECTROSTATIC FORCES- * PRIMARY/SECONDARY STRUCTURE
STRUCTURAL DISTORTIONS

* ANTENNA/GROUND
PLANES

TABLE 2 POTENTIAL PLASMA INTERACTIONS WITH LSS

INTERACTION SBR SPS DEMO

* PLASMA PARTICLE ACCELER- e INCREASED RADIATION DAMAGE
ATION BY CHARGED SURFACES * ORBIT/ATTITUDE DISTURBANCE FORCES

* PLASMA/LSS COUPLING CURRENTS o EXAGGERATED ECLIPSE/LOAD TRANSIENTS
* DISTORTING FORCESiTORQUESi

o MAGNETIC FIELD FOCUSING/ * INCREASED DIFFERENTIAL CHARGING
DEFLECTION

* ANTENNA POWER DISTRIB. * POWER DISTRIB. NETWORK

* ELECTRIC FIELD ACCELERATION 0 AVALANCHE BREAKDOWN

* PLASMA LEAKAGE CURRENTS 0 HIGH VOLTAGE POWER
LOSS

* ELECTRIC/MAGNETIC FIELDS - 0 RF CONVERTER BEAM
ELECTRON BEAMS DEFOCUSING

* MULTIPACTOR DISCHARGE S WAVEGUIDE BREAKDOWN

* ION THRUSTER EXCHANGE 0 INCREASED DIFFERENTIAL CHARGING
CURRENTS

•-INCREASED POWER LOSS
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Figure 1. Era of Space Transportation

Figure 2 Space Based Radar Configuration
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Figure 5. Evolution of Solar Satellite Power Systems

Figure 6. SPS Construction (Antenna Proximity I
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Figure 13. Utility Platform Constructed by Shuttle-Based Beam Builder
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SPACE ENVIRONMENTAL EFFECTS AND THE SOLAR POWER SATELLITE

John W. Freeman, David Cooke, and Patricia Reiff
Department of Space Physics and Astronomy

Rice University

ABSTRACT

This report summarizes some preliminary findings regarding
the interactions between the space plasma at GEO and the Marshall
Space Flight Center January 1978 baseline SPS design. These in-
clude the following:

1. The parasitic load will be dominated by photoelectrons and
will amount to about 34 MW.

2. Material of higher conductivity than kapton should be used
for the solar reflector substrate and the solar cell blanket sup-
port material.

3. The satellite structure and solar reflector should be tied
electrically to midpoint voltage of each solar cell array.

4. Tests should be run on the proposed solar cell cover glass
material (synthetic sapphire) to determine if breakdown is ex-
pected.

INTRODUCTION

Figure 1 illustrates the basic concept of the solar power
satellite. A large area solar cell array converts sunlight into
I).C. electricity. This is in turn converted to microwaves via
klystrons. The 1 km diameter microwave antenna directs the beam
from the geosynchronous orbit satellite to a receiving antenna on
the ground. The receiving antenna (called a rectenna) consists
of a large array of dipoles, rectifying diodes and filters whose
output is D.C. electricity suitable for conversion to A. C. distr-
bution to a power grid.

The area of the solar cell array is about 50 km2 for a 5GW
output satellite. If solar concentrating reflectors
are used the solar cell surface area may be reduced.

The Rice University study is concerned with the NASA
Marshall Space Flight Center SPS baseline design as of January

408



1978. The purpose of the study is to investigate and make
design recommendations regarding satellite charging due to geo-
stationary orbit ambient plasmas.

The study involves the following steps:

1. Define the "worst case" plasma environment.

2. Calculate probable voltages at critical points
on the satellite.

3. Identify vulnerable areas.

4. Suggest design changes where necessary.

S. Calculate the probable new voltages after
design changes.

6. Calculate the parasitic current loads.

Based on a search of the literature and data we have selected
the following "worst case" conditions for the plasma sheet at geo-
synchronous orbit:

kT (electrons)= 5 key

kT (protons) = 10 key

-3
n n = 2 cm

e p

These are not the absolute worst case conditions found but they
are typical of a severe substorm and should be adequate to indicate
out trouble spots in the spacecraft design.

Figure 2 illustrates theMSFC baseline design used in our
study. This design employs solar reflectors to concentrate the
sunlight on the solar cells. The concentration ratio is 2. The
solar reflectors are the sides of the troughs shown in arrays of
three at each end of the satellite. The solar cell blankets are
suspended by cables at the floor of each of the troughs in a
trampoline fashion. The solar cells are connected in parallel
across the trough and in series along the trough so that each
pair of blankets puts out about 6000 amps at 45.5KV. There are
six such pairs on each of the six troughs.

CURRENTS

Our first task was to compute the plasma thermal currents
and photoelectron currents to tie solar cell array. In treating
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the plasma electron and ion currents we assumed a thin sheath
approximation, ie. that the collecting area was the area of
solar cell array (front and back) and that positive ions would
be attracted to the negative portion of the array and electrons
to the positive. We assumed that the photoelectron current from
the negative array would be the expected photoelectron current
density times the array area. The photoelectron current density
was obtained by integrating the product of the photoelectron
yield function for synthetic sapphire and the solar spectrum.
The resulting photocurrent density is 3 x 10- amp/cm . For
the positive array, we assumed that the solar reflectors would
supply a bath of photoelectrons which would be attracted to the
positive array. Since the subtended area of the solar reflector
adjacent to the solar array is about the same as that of the
array the photoelectron current is taken to be the current den-
sity times the array area. Figure 3 illustrates the photoelec-
tron paths and gives the current densities. The photoelectron
current is found to dominate the thermal ion and electron cur-
rents both of which are given by

= ne ; _1kT

where n, T and m are the number density, temperature and mass
of the ions or electrons, and k and e arc the Boltzman constant
and electron charge, respectively. The resulting parasitic cur-
rent, Ip, mostly photoelectrons, is about 3000 amps. Assuming
the midpoint of the solar array is grounded to the solar reflec-
tor, the average voltage above and below ground V is 11,375 volt,.
The parasitic load is therefore

P = I V = 34 MW
p p

This is about 0.7% of the 5 GW output.

SOLAR CELL SURFACE VOLTAGES

Turning to the voltages developed on the satellite, we
decided at the outset that the solar cells were probably the
single most vulnerable item on the satellite because they are
exposed solid state devices. Figure 4 shows the design of the
GaAlAs Solar Cell being considered for the NISFC Baseline design.
This cell is an inverted design with synthetic sapphire forming
both the cover glass and substrate. The sapphire is 20 micro-
meters thick. The cell is supported by a 25 micrometer kapton
blanket.

410



For our purposes the cell is idealized as a sapphire, act-
tive region, Kapton sandwich (see Figure 5). The voltages across
the sapphire and Kapton dielectrics are then the IR drops
resulting from the photoelectron and plasma thermal currents
times the resistance of the dielectrics. These voltages are
shown in FiguY S. The assumed resistivities of sapphire and
kapton are 10" ohm-cm and 1016 ohm-cm respectively. The larg-
est voltage is that across the kapton blanket on the positive
array. This may exceed the breakdown voltage for kapton,
2 x 106 V/cm.

THE OPTIMUM GROUNDING POINT

To calculate the floating potential for the solar cell array
(defined as the point on the series voltage string closest to the
plasma potential) we require that, at equilbrium, the sum of all
currents between the satellite and the plasma be zero. We calcu-
late this sum by adding the currents to the positive and negative
areas of the array, A+ and A-

A-(Jphe + 2Ji) = A+(Jphe + 2Je )

ignoring the metallic solar reflectors. Here J J. and J are~phe' 1 e
the photoelectron, ion and electron current densities. This
yields

A A 1.17
+A

Ideally, the negative area (and hence voltage string) should be
17% larger than the positive surface. We do not consider the cal-
ulation to have 17% precision, however. We recommend grounding
themidpoint of each voltage string to the satellite structure and
the solar reflectors.

It might be argued that the photoelectrons, Jphe' are not

part of the spacecraft-magnetospheric plqsma current loop and
therefore should not be included in the current balance equation. I
We believe that a substantial fraction of the photoelectrons will
escape to space and that their inclusion is therefore appropriate.
In calculating the electric potentials of bodies in space it is
accepted practice to include the photoelectron currents (eg.
Whipple, 1965; Manka, 1973). Moreover, estimates of the electric
potential of the lunar surface can only be made to agree with the
experimental values when photoelectron emission is included
(Freeman and Ibrahim, 1975; Freeman, Fenner and Hills, 1975).
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The floating potential will change with time but will probably
tend to equilibrate about the midpoint on the voltage string so
this is probably a good choice as a practical matter (L.W. Parker,
private communication).

VOLTAGES ON PASSIVE SURFACES

We estimate the voltage, 0, on the darkside passive
(unbiased) surfaces of the satellite using Chopra's equation
(Chopra, 1961)

le M .TE - Seln ei
I eFT I

For the sunlit surfaces, the potential is several times the mean
photoelectron energy. Thus, we expect +10 to +100 volts for the
sunlit surfaces and -10,000 to -20,000 volts for the darkside sur-
faces. The backside of the solar reflectors are 1/2 mil kapton
whose breakdown voltage should be less than 2500 volts. Thus,
arcing i:; to be expected on the backside of the solar reflectors.
Figure 6 summarizes these voltages at various points on the sat-
ellite.

THE SHEATH THICKNESS

Because of the high voltage biases produced by the solar
cells the appropriate sheath is a Child-Langmuir sheath given by
(Langmuir, 1914)

r me d2

If we take J to be the plasma electron thermal current given by

en (8kT)1 / 2

we have for the sheath thickness

d = 933 n-1/2 (kt) -1/4 V
3 4
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-3
d is in cm; n, electrons cm ; kt in el' and V in volts. This
is the expression given by Parker (this volume) except for
the deletion of his term which corrects for a significant ram
current. The ram current due to satellite motion through the
medium is negligible because the thermal plasma and the satel-
lite both co-rotate at the same velocit). Plasma t'loo-" from
the geo,'agnetic tail are ignored here.

Figure 7 is a sketch showing the dimensions of the Child-
Langmuir sheath. Note that it is of the order of the width but
not length dimensions of the satellite. Our earlier thin sheath
approximation is valid only to within factors of unitv.

CONCLUSIONS

At this point in the study, our conclusions are as follows:

1. Voltage breakdown will occur on the solar reflec-
tor backsides and probably on the solar cell kap-
ton support blanket.

2. The parasitic load will be dominated by photoelec-
trons and will amount to about 34 MW (for GEO
only).

3. The optimum ground point to the structure and
solar reflectors is the middle of each solar cell
voltage string ie. we want +22.75KV to -22.75KV.

4. Tests should be run on the solar cell front face
in a substorm test facility to see if conductive
cover glasses should be used.
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PLASMA PARTICLE TRAJECTORIES AROUND

SPACECRAFT PROPELLED BY ION THRUSTERS

H. B. Liemohn, R. L. Copeland, and W. M. Leavens
Boeing Aerospace Company

ABSTRACT

Ion thrusters are being considered for propulsion of future spacecraft due
to their relatively low fuel mass to thrust ratio and easy access to solar
power for long duration missions. -Operation of such thrusters requires high
spacecraft potentials, and their local electric fields can draw return current
from the thruster plasmas, reducing system efficiency. In this paper,
the thruster plasma is assumed to be described by a collimated energetic beam
(10 keV) and a cloud of ionized thermal propellant (%10 eV) produced by
charge-exchange. A simple adiabatic model is used to describe the expansion of
these neutral plasmas away from the source. As the pressure falls, shielding
currents dissipate, and the geomagnetic field takes control of the particles.
In low earth orbit, it is concluded that the vehicle easily outruns its
thruster plasma. At geosynchronous altitude, the local electric fields around
high voltage surfaces collect return current from the thermal plasma that ap-
pears to be limited only by the available space charge. Results appropriate
to proposed electric propulsion missions and the solar power satellite are
presented and operational considerations are discussed.

INTRODUCTION

Spacecraft requirements for long-duration missions and minimum vehicle
weight have enhanced interest in ion thrusters that operate from solar energy.
Although these propulsion systems have low thrust, their low mass to over-
all thrust during prolonged missions makes them strong candidates for inter-
planetary explorations to comets and asteroids and as a means of station
keeping for geosynchronous payloads. They are also attractive for orbit-
transfer propulsion when time is not a primary limitation.

A number of small thrusters have been built and tested in space and the
laboratory (e.g., refs. 1-4). Somewhat larger propulsion modules have been con-
ceived for future large-scale applications (refs. 5,6). All of these thrusters
generate a thermal plasma in a chamber and accelerate the ions across closely
spaced grids. The high grid voltage collimates the ion beam, and an adjacent
electron source provides immediate neutralization. A secondary source of
plasma at the outlet occurs by charge exchange between the beam ions and
escaping neutral a toms. Appr(,xilmatelv 1.5 of the beam charge is transferred
to these thermals which represent a significant source of local current. Some
operational characteristics of these thrusters are summarized in table I.
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TABLE I. NOMINAL ION THRUSTER CHARACTERISTICS
(refs. 5-7 and D. Grim, private communication)

Source Grid Diameter (cm) 30 100

Propellant Gas Hg A

Beam Current (A) 2 80

Acceleration Voltage (kV) 1.1 10*

Exit Plane Beam Density (ions/cm
3) %5 x l0

9

Exit Plane Thermal Density (ions/cm
3) l011

Thermal Ion Current (A) 0.2 -8

Efficiency (%) 70 80

Thrust (N) 0.13 6

*Solar power satellite station keeping operation at geosynchronous

altitude.

The plasma environs around the spacecraft consist of both thruster exhaust

and natural background. Some characteristics of these plasmas that are needed
in the following analysis are presented in table II. Only operations in low

earth orbit (LEO) around 400 km altitude and geosynchronous earth orbit (CEO)
at 6.6 earth radii geocentric are considered here to demonstrate the effects.

The spacecraft is assumed to be following a circular trajectory so that its
speed relative to the background magnetoplasma is 7.7 km/sec at LEO and nearly
zero at GEO. At LEO the natural plasma density is adequate to shield the

spacecraft fields from the thruster plasma. However, the tenuous conditions
at CEO allow fields to extend well beyond the vehicle dimensions.

TABLE II, PLASMA ENVIRONMENT PARAMETERS

Crefs. 7-8)

LEO at 400 km CEO at 36,000 km

Natural Plasma Argon Thruster Plasma

Beam Thermal
-3 11 12

Ion Density (m- ) LEO 10 - 10
GEO 106 107 - -

Ion Thermal LEO 0.1
Energy (eV) CEO 1 - 10 10 10

Ion Mean Free Path (km) LEO %10 10 10

GEO %106 -107 l0

Ion Larmor Radii (km) LEO 1 2 0.5
GEO 1,000 500 60

Debye Length (cm) LEO \0.8 0.03 0.007
GEO 800 (at exit plane)
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For ion propulsion to operate efficiently from solar energy, a high voltage

solar array is required to avoid the extra weight of power converters. The
local electric fields around these panels can attract the thruster plasma if
Debye shielding by the ambient plasma is inadequate. Additionally, as the
thruster plasma disperses, the geomagnetic field eventually takes control of
the particles, and some geometries permit orbits to fold back on the vehicle
surface. Such return current diminishes the effectiveness of the overall sys-
tem by inhibiting propulsion and/or leaking power from the solar energy col-
lectors.

The purpose of this paper is to investigate the interaction of the

thruster plasma with its parent power source. The intention is to understand
the plasma behavior qualitatively and make quantitative assessments where re-

turn current may be significant. The goal is to identify modes where there are
negligible system losses, determine characteristics of modes where return cur-
rent levels impact the system efficiency, and explore ways to modify ineffi-
cient configurations. In the following section a model is developed for the
expansion characteristics of the energetic beam and thermal plasma. The next
section describes the role of the geomagnetic field. The spacecraft field
effects are treated in the last section.

THRUSTER PLASMA EXPANSION

Rather than solve the nonlinear MHD fluid equations numerically for equi-

librium conditions, a less complicated approach is presented in which the tra-
jectory equation for the average plasma column radius with time is derived ana-
lytically from conservation of energy and adiabatic constraint equations. The
adiabatic fluid equations are used because they are often a valid approximation
for collisionless systems. The only requirement is that the third moment of
the distribution function around the mean expansion speed must be small. This,
along with conservation of particles, yields an equation for the average plasma

density with time. It is solved only for the ion motion, assuming that there
exists a charge neutralizing background of electrons that follow the ions.

From conservation of energy,

1/2 i v2 = k(To - T) (1)

where M is the ion mass, v is the local mean ion velocity, k is Boltzmann' s
constant, To is the thermal ion temperature at the source, and T is the local
ioli temperature along the beam. The adiabatic constraint equation is

T/N - =T/N (2)
0. 0

where NZ Is the line plasma density, No is the source density, and y is the
ratio of specific heats which has the value 5/3 here.
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Beam Plasma

Since tho divergence angle of ion trajectories exiting the accelerating
diode is small, and the axial ion speed greatly exceeds the rocket speed, a

line source plasma model with radial adiabatic expansion can approximate the

beam plasma expansion. Assuming no end -isses, conservation of particles re-

quires

2
N /N° = (r/r) (3)

where r and r are the column radii at the thruster aid ,ihng thbe beam. Inte-

gratingothe differential equation resulting from eqs. (1), (2), and (3), gives

an implicit expression for r(t),

t =3 r [(r) 2 /3 [(r)4/3l1112 + lo /23 + (r )4/3-1)1211 (4)
O 4 0 r r r

where v is the initial plasma thermal velocity. Equation (4) may be solved0

numerically. From eqs. (1) to (3) one can easily obtain N(t), T(t), V(t),
and z = ut, where u is the directed beam speed.

A Gaussian angular distribution is assuli ' to account r beam diver-
gence at the source. Combining these result,, leads to an expression for the
beam envelope,

N (f, Nz) = ,Q(Z) e ! " (5)

where Nz is the axial den-ity calculated as above, P is the angle with respect
to the z axis, and 00 is typically 3'. Figure I shows beam plasma density
contours for a one meter argon 100 cm th:xster at two different times

1000 Contour 1: t = 7.0 x 10-2 sec.

r/r = 2.6 x 10 cm-
0

2: t = 2.9 x 10-1 sec.
50 l--n = 3.0 x 10 cm-3.

1
o - -- -- Z/r0

'3 10 i)

-500 ....

Figure . - Beam plastam density cootoors for rrron SPS thruster.
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Thermal Plasma

Charge transfer within the beam, between the slow neutrals and the fast
ions, produces a relatively high density cool plasma which remains in the
neighborhood of the thruster. The source characteristics of this plasma plume
depend upon the charge transfer production rate and the subsequent motion of
the slow ions which are described in the Appendix. The latter step is con-
siderably more complicated, because the ion dynamics are dominated by the
electrostatic potential structure in the charge transfer region, which in turn
is determined by the beam neutralization process.

Here, the adiabatic model is assumed to adequately describe the motion of
the thermal plasma away from the source. However, the isotropic motion of
neutrals suggests hemispherical expansion so that conservation of particles now
has the form

ns/no M (r o/p)3  (6)

where n is density and p is radial distance. Following the same analysis as
before, yields an explicit equation for P(t),

+ (to t (7)

where Vo is the mean velocity in the source region. Similarly, expressions
for ns(t), T(t), and V(t) may be obtained. The initial density distribution
of neutrals is assumed to have a cos 0 angular distribution (ref. 7). Conse-
quently, the thermal density envelope has the form

n(6,p) = n (P) cos 0 (8)

Figure 2 shows density contours of the thermal plasma from the argon
thruster for two different times. Note that the density levels for the con-
tours in both figures I and 2 are the same. Also, it is important to note that
the beam plasma escapes the spacecraft region easily while the slower thermal
plasma remains in the vicinity of the spacecraft.

150 Contour 1: t - 8.7 x 10- sec
r/r0  2 n - 2.6 x 104 cm-3

100 2: t - 1.7 x 10-2 sec

50 50 1 n - 3 x 103 cm-3

0 0 200 z/4

Figure 2. -Thermal plasma density contours for argon SPS thruster.
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GEOMAGNETIC FIELD EFFECTS

The thruster plasma is sufficiently dense in the vicinity of its exit plane.
(see table I) to generate its own currents that buck out the geomagnetic field.
As the beam and thermal plasmas expand however, these currents are dispersed,
and the geomagnetic field eventually takes control of the individual particles.
An exact treatment of this transition process is extremely complex and beyond
the scope of this paper. A simple pressure balance criterion is used instead,
since the exact transition process does not appear to affect the conclusions.
The motion of the particles is described by conventional adiabatic theory
(e.g., refs. 10, 11) as the local geomagnetic field is fairly uniform locally.
The effect of spacecraft electric fields is treated in the next section.

Due to the large icn Larmor radii and mean free paths compared to charac-
teristic plasma dimensions (see table II), a continuous transition from the
plasma fluid to single particle orbits probably extends over an appreciable
fraction of the thermal and beam plasma plumes. The pressure balance expres-
sion

1NM = B2/8T (9)
2

where B is the geomagnetic field, is recognized as a gross approximation. How-
ever, it serves a useful purpose as the estimated locations of the transitions
are found to be relatively close to the source. Injection velocities for ions
into the geomagnetic field are assumed to be those of the free expansion, since
the Larmor radii are large. These assumptions provide a reasonably consistent

model for estimating geomagnetic effects.

Beam Plasma

From the beam qualities described by eq. (5) and displayed in fig. 1, it
is evident that these energetic ions are well collimated. Substituting these
density envelopes into eq. (9) and evaluating at LEO and GEO gives the transi-
tion values shown in table III. Comparison of these results with those in
table II confirms the assumption regarding the lack of geomagnetic distortion
through the transition.

TABLE III, THRUSTER PLASMA FLUID TO PARTICLE
ORBIT TRANSITION LOCATION

Density
B N or n Beam Thermal

(gauss) (ions/cm ) z/r r/ro p/r 0

8LEO (400 km) 0.31 2.4 x 10 63 2.9 4.8

(EO (36,000 km) 0.0011 2.9 x 103 40,000 400 208
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The ion-beam directed velocity is substantially greater than that of the
spacecraft at LEO as well as at GEO. Consequently, these ions enter the geo-
magnetic field with their beam speed. Since their thermal motion is small as
well, their pitch angle relative to the geomagnetic field is nearly equal to the
angle between the thruster direction and the field. These ions follow well
known first-order adiabatic orbits along geomagnetic flux tubes (e.g., refs. 10,
11). Depending on their mirror altitude, they may be trapped for an extended
period (possibly years above LEO).

Most applications at LEO involve accelerating spacecraft to attain higher
altitude and the ion beam is directed at a large angle to the field. The tilt
of the geomagnetic axis relative to the earth's axis and appreciable trajectory
inclinations can produce angles as small as 30" or less, however. If the beam
is directed toward the atmosphere, the particles are completely absorbed in the
spacecraft hemisphere; if the beam is directed upward it travels to the opposite
hemisphere, where it is deposited.

At GEO the spacecraft is usually stationary in the geomagnetic field, and
the ion beam may be directed at any angle with respect to the field depending
upon its purpose. Generally the beam ions are injected into trapped orbits of
long duration. Their longitudinal drift motion and subsequent dispersion is
expected to eliminate any appreciable return current to the spacecraft. How-
ever, some caution is advised to avoid those rare conditions around the geo-
magnetic equator that create particle mirror locatfons close to the vehicle
which could cause bursts of return current. At the opposite extreme, beams in-
jected nearly parallel to the field (within the loss cone) follow the flux tube
down to the atmosphere where they are absorbed. Due to the variety of possible
operating conditions, no attempt is made to provide quantitative results here,
although they are readily calculable.

Thermal Plasma

Due to its hemispherical expansion, the thermal plasma density falls much
faster than that of the beam. Consequently, its transition location is very
close to the vehicle as indicated by the values in table III. Furthermore, the
thermal plasma does not function as independently of the spacecraft as the beam
can; the plume stays close to the vehicle until the field takes control. Thus,
these ions cause concern as a possible return current source.

The motion of the thermal ions is most easily perceived in the rest frame
of the spacecraft as a continuum of expanding spheres, which is depicted
schematically in figure 3. As the plume density drops to the transition
threshold defined by eq. (9), the rearward hemisphere acts as a source surface
for injection into the geomagnetic field. Alternatively, in the laboratory 4
frame the ion motion is perceived as a vector sum of the spacecraft velocity and
radial expansion vector as shown in figure 4. This vector diagram is valid for
all times of interest since the expansion motion is radial at nearly constant
speed and the Larmor radii are large compared with the plume dimensions
(table II). At the outer boundary the mean thermal expansion is 6.9 km/sec
compared to the spacecraft speed of 7.7 km/sec at LEO.
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At LEO it is evident from figure 4 that the plume cannot "catch up" to the
spacecraft (when local electric fields are omitted from consideration), because
thermal speed is directed into the hemisphere away from the vehicle. Even those
ions in the energetic Maxwellian tail of the thermal plasma move away due to
lack of collisions back toward the vehicle. A typical cluster of thermal ion
orbits is shown in figure 5 for the case where the spacecraft is being propelled
normal to the local geomagnetic field.

The thermal ions emanating from a geosynchronous satellite thruster would
follow geomagnetic orbits like those in figure 5 assuming no electric fields
were present; however, the scale is now 300 times larger (see Larmor radii in
table II). Those ions injected nearly orthogonal to the local geomagnetic field
can return to the spacecraft after one gyration if their velocity components
satisfy the inequality

v,, /v < R,, Ckm)/60rr (10)

where v,, is the velocity component parallel to the field, v is total ion speed,
and £,, is the dimension of the spacecraft parallel to the field. For a typical
100 m extension less than 0.0005 of the thermal ion charge would be collected
directly; the rest enter trapped orbits.

All the other ions travel away along geomagnetic flux tubes until they mir-
ror and return past the plane of the spacecraft. From adiabatic theory for geo-
magnetically trapped particles (e.g., refs. 10, 11), the time to return to the
spacecraft is on the order of 2 Re/V, where Re is the geocentric distance to
the spacecraft. For argon ions at 10 eV, this bounce time is %1.2 x 104 secs.
During this time they drift in longitude at the rate of about 3 x 10-8 rad/sec,
which corresponds to an equatorial transit distance of 1500 km, well away from
the spacecraft.

~750
eRelease Locations "'6005 e .6After 

450 r(m)1 millisec

30-to Field -

spacecn~ 
_u 0

7.7 km/sec - -6 -4 -2 4'0
at LEO v= 6.9 km/sec (M) Release Location

Figure 3. - Thermal ion plume expansion Figure 4. - Thermal ion trajectories
(spacecraft frame). at LEO (laboratory frame).
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SPACECRAFT FIELD EFFECTS

Spacecraft that employ ion thrusters for propulsion will probably use
solar arrays to generate their electrical power. Since significant propulsion
can only be achieved with high power levels, the array will undoubtedly operate
at high voltages to reduce conduction losses. Such potentials on exterior
spacecraft surfaces produce regions of high electric field which can dramati-
cally alter the thruster plasma. Since the thermal plasma cloud lingers in
the vicinity of the spacecraft, the ions and electrons are easily attracted
back to the vehicle by these fields. If the surface is insulated, space charge
can build up to neutralize the applied fields. If there is access to non-
insulated conductors, as, for example, exposed solar cell connectors, the
return current shortcircuits the system, lowering efficiency. Presumably the
main thruster beam operates at such an energy and distance from these field
sources that it remains unaffected.

A spacecraft driven internally to high voltages behaves like a floating
double probe (refs. 12, 13). Its potential distribution is biased nega-
tive due to the higher mobility of electrons. Experience has shown that a
double probe in an ionospheric plasma with an impressed voltage V has its posi-
tive end at about 0.1 V above the plasma potential and its negative end around
0.9 V below plasma potential (ref. 14). This large negative field region at-

tracts the thermal ions from the thruster, and their rate of collection limits

the return current to the vehicle.
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Return Current Theory

The range of spacecraft generated electric fields determines the volume of
plasma that can supply return current. The electric field around a naturally
charged spacecraft extends outward only a few Debye lengths (see table II) be-
cause of shielding by the ambient plasma. For high voltage solar arrays, how-
ever, the shielding length is larger, and it is necessary to determine the
scaling with array voltage.

When the applied potential energy eV is much greater than the thermal
kinetic energy kT, the ions are pulled from the plasma with nearly zero energy
(kT), and the electron space charge becomes exponentially small just a few
Debye lengths from the plasma edge. Under these conditions the Langmuir-Childs
space-charge analysis applies (refs. 15, 16). The ion current density flowing
from the background plasma to a negative satellite surface is

12/)/ 2 V3 /2

JL.C. . (2e/M)2 2 V2  (11)
97r86 x

where 82 is a geometry factor and x is the distance between the source plasma
and the collector. The ion current Ji collected by the surface is limited to
that available from the surrounding enviroment, including the ambient plasma
ions and ram current on forward surfaces (due to spacecraft motion), as well as
ion thruster sources.

The separation x is determined by limiting JL.C. to the available jithat
can be drawn from the surrounding region. For the geosynchronous situation
where Ji - neV, equation (11) has the solution

1/2 /2 3/ 1T1/2

8x - I_,In (12)

Note that Bx is independent of particle mass, and thus applies to ion- or
electron-collecting sheaths. The factor B is unity for plane-parallel geometry
(or any curved surfaces with Ox much less than a typical dimension) but may
vary substantially for other geometries (ref. 16).

For the conditions of geostationary orbit, a plane electrode at 10 kV
would have a shielding length of 1'7 km. Thermal plasma bubbles produced by
ion thrusters on booms even one kilometer away would be within the range of
the electric fields from the spacecraft.

Solar Power Satellite Applications

As an illustration of the space charge limit on return current, consider
station keeping of the solar power satellite (SPS) at GEO. One version of the
SPS system (ref. 6) has 25 control thrusters located on a 0.5 km boom ex-
tending from each corner of the solar array rectangle. Operating
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characteristics are those of the 100 cm argon thruster listed in table I. The
solar panel is designed to operate at 40 kV so that its central power mains
are around 4 kV positive and 36 kV negative with respect to the external
plasma. At the edge of the array near the boom the panel potential is midway
between the mains.

Consider first the case where the coaxial power line to the thrusters is
unshielded with its exterior surface at the negative potential. The thermal
ions are attracted to the cable by its external fields. The amount of current
that this cable can collect has been estimated using the methods developed by
Langmuir (refs. 15, 161 and treating the cable as a rectangular strip of
length L and width ira. The running integral of the charge limited current
starting from the end of strip away from the source and stopping at the
thruster cluster radius ro is given by the expression

4iroa 2e 1/2  3/ cos e]

l(>z) =--- a(-) V3 / 2  Co s e + kn (1-cos 6) (13)L M L(l-cOs e)I
where 0 = sin (z/L) r 0 < z < L (14)

The plot of I(>z)in figure 6 demonstrates the concentration of current density
near the thruster. The SPS thruster cluster at the end of the boom produces
about 200 A of thermal plasma, and the integral 1(r6 ) over the 500 m boom re-
veals that about 300A could be collected on a I m coaxial cable.

This current collection can be eliminated by suitable insulation around
the conducting surfaces. But the high voltage solar panels provide an alter-
nate sink for thermal ions. The space-charge limited current capacity of such
surfaces is described by equation (13) as well, and the current density has a
profile similar to that in fig. 6. A schematic diagram of the current flow to
SPS is shown in fig. 7. Most of the charge would be collected in the corner
region where the boom attaches to the main structure. The enormous dimensions
of the collecting surface imply that all of the thermal ion current would be
collected by the exposed solar cell interconnects.

Insulating the entire solar panel surface would eliminate this return cur-
rent path. However, this insulation membrane must be able to withstand high
voltages that are created by charge collection on the outer surface. Labora-
tory experiments with plastic materials such as Kapton have been performed
(ref. 17), and the material suffered breakdown and pinhole formation at the
edges of conducting elements. Development of new materials or somewhat thicker
membranes presumably will be needed to withstand the electric fields. Thus, to
avoid solar panel breakdown, collection of thermal return currents on bare co- -

axial cable appears to be a more desirable procedure.
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Figure 6. - Space-charge-limited current collected by
exposed boom cable to thruster cluster on SPS.
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Figure 7. - Thermal ion current collected by unshielded solar cell interconnects
on SPS panels.
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APPENDIX. THERMAL ION GENERATION

Charge-Transfer Plasma

The slow neutrals are assumed to expand spherically as if they originated
at a point a distance ro behind the accelerating mesh. The fast ions are as-
sumed to flow in a constant radius cylinder over the range where the neutral
density is high enough to support charge transfer. Because a significant
fraction of the original ion beam undergoes charge transfer, it is necessary
to solve the coupled equations for the densities of fast and slow ions.

Momentum transfer during charge transfer collisions can be neglected.
However, we also neglect the effects of momentum changing collisions, which is
not entirely justified and would have a significant effect on the thermal
plasma expansion. In the expansion calculations, we have used spherical ex-
pansion rather than cylindrical expansion (as implied by the potential model)
as a crude way of accounting for the typical forward motion of the thermal
particles acquired in elastic collisions with beam particles.

Slow ion creation and loss:

dn s + + a(vf-v ) + +dt =Vj (vfv (if~j+ V) Js -Js if) (1)
dt s v f vs  f s

where
1- +

js n v etc., and

if+ fo ~+ 0
if i + Jf ; is Js + '

and a is the charge transfer cross-section.

Fast ion creation and loss:

dnf+  + (vf -v) +
dt - + f s Q f - if +s (2)dt f v f vs  s f

dnf+  dn +  (3)
dt dt

Taking Z - 0 at the effective center of spherical expansion for the slow
particles, and letting

l/Z 2  + +2 (4)
is 0 0 /s 1 0

we have

S_- (Z2 j) when operating (5)
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onj s 3 Is IS and f=7()

f If

+]

Combining (4) and (5) and defining slow fluences V S v s by

is = V /Z2 , + V Z)/Z2  (7)

we obtain a differential equation for the slow ion fluence,

2+ +

on~i Jss 0 s ,3 n

-2 + - =0 (8)z2  2
KZ

where

vf 's (9)
a (vf - v S )

The solution of equation (8) is

+
s - a e- p ( z ) (10)

when

p(Z) = (- ) + (z- o) (1])
Z Z K 0

0

where Z is the thruster exit position, i.e., 7, r , the exit radius. Since

p(Zo ) =00, the constant a is given by the initiIl vayue of the charge transfer

rate,

a Jf -- s

K Z 2
0

Thus the slow ion source distribution is

3s + Jf Js -p()
= - e- (13)

az 2K Z2
0

and the net slow ion current is

+ f s -P ( Z ) d7 (14)is + ( Z) = "- 2 -- fe d

KZ 7
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Thermal Ion Acceleration

The thruster beam is emitted over an area A with average density nb and
speed vb such that 0

Ib = e nb vA (1)

where

1 M~2
1Mv = eV -eV (2)
2 b b n

where M is the ion mass, Vb is the beam accelerating voltage, and Vn is any
ion retarding potential which builds up between the outer accelerating grid
(vehicle skin) and the beam in order to pull in sufficient electrons from the
neutralizer to balance the ion space charge.

The region near the vehicle skin where the drop Vn occurs is assumed to

be small compared to the charge transfer mean free path, and we will also as-
sume that relatively few slow charge transfer ions move backward to the grid

(both of these approximations are substantiated by the results). Then the
total positive charge density near the exit grid is e nb. Overall space charge
neutralfty requires that

ne = nb  (3)

The electrons are supplied by a plasma source mounted on one side of the
thruster. The open area of the plasma source is much smaller than Ao . The
outer structure of the neutralizing plasma source is grounded to the outer
structure of the thruster. This plasma can be assumed to have an electron
temperature of 4,l eV and an ion temperature of perhaps 0.1 eV. Since the net
current emitted by the vehicle must be zero, the neutral plasma must be the
source of a current, I •

Drawing this current from the plasma to the beam requires the voltage
Vn, i.e.,

Ie (Vn -Ib (4)

The functional form for the neutralization current is the Langmuir-Childs
equation (ref. 15):

1/2 3/2(2e/m) V n
weemith- 292n An (5) iIe = L.C. =  9TB 2 Z2 n

where m is the electron mass, Z is the separation between the beam and the
thruster plasma, a is the appropriate geometrical factor, and An is the emit-
ting area of the neutralizing plasma. Equations (4) and (5) determine Vn , the

difference between the potential at the center of the beam and the vehicle skin

potential,
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Vn = 92 } (6)

Evaluating the constants

22/3

V = 5. xl bNZ )2j/3 (Volts) (6a)

we see that 82 must be very small or A must be large in order to explain
the observed drops of just a few tens of volts between the beam center and the
surrounding space.

It is impossible to obtain a large emitting area, with the small emitter
presently in use and the low ion temperatures characteristic of these plasma
generators.

The gap, however, can be quite small. We shall see below that the charge
transfer plasma density is approximately 2.6 x 1010 cm- 3. The space charge
shielding length for these ions, assuming a temperature of 1000*K, is
X = 7(T/n )1/2 . The expression for the voltage required to emit Ib across
atgap de erm ned by a shielding plasma is

1/2

V = 7.7 x 104L [ t ]2 (7)

For a current of 80 amps and the above plasma characteristics, equation (7)

gives

V = 15.4 volts

Without the charge transfer plasma, V would be much larger.

n
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STATUS OF MATERIALS CHARACTERIZATION STUDIES

Carolyn K. Purvis
NASA Lewis Research Center

SUMMARY

in the context of the spacecraft charging technology investigation, stud-
its have been made to characterize the response of typical spacecraft surface
materials to the charging environment. The objective is to obtain an under-
standing of the charging and discharging behavior of such materials for the
reliable prediction of spacecraft response to charging environments and as a
guide for the design of future spacecraft. Materials have been characterized
in terms of such basic properties as resistivity and secondary emission and in
terms of charging and discharging behavior in simulated charging environments.
Both types of information are required to develop adequate predictive capabili-
ties. This paper summarizes the results obtained to date, assesses the present
understanding of charging and discharging behavior, and identifies areas in
need of further study.

INTRODUCTION

The spacecraft charging technology investigation is being conducted to
provide design guidelines and test standards for the control of absolute and
differential charging of geosynchronous spacecraft (ref. 1). Attainment of
this objective requires development of the capability to predict spacecraft re-
sponse to charging environments. The phenomenology of spacecraft charging re-
sponse consists basically of the electrostatic charging of spacecraft surfaces
by the environment and the arc discharging of differentially charged spacecraft
surfaces, including the coupling of the discharge energy into spacecraft elec-
trical systems. During these processes, the spacecraft's surface materials in-
teract with the environment, with each other, and with the spacecraft's struc-
ture and electrical systems - largely through the absorption, emission, and
conduction of charge. The response of a given area of surface material depends
on the environment, the properties of the material (resistivity, secondary
yields, dielectric strength, etc.), and its configuration (i.e., its geometri-
cal and electrical relationships to other portions of the spacecraft). Reli-
able prediction of spacecraft charging response thus requires accounting for
the effects of both the basic properties of spacecraft materials and their con-
fieurations: on their charging and arc discharging behavior.

Mat~rial are characterized for spacecraft charging by identifying and
desrriining their particular traits or features, in configurations typical of
spacecraft construction, that determine a spacecraft's charging response in a
given environment. MateriAls characterization studies have three objectives:
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(1) to support model development by providing insights into the mechanism that
determine charging responses, (2) to identify the values of material property
parameters that are needed as inputs to models, and (3) to provide the data re-
quired to validate models.

Three approaches have been taken: Literature reviews have been made to
locate relevant information. Experiments have been performed in which samples
of spacecraft materials in various configurations were exposed to charging en-
vironments (in general, to electron beams). Parametric studies have exercised
models of the charging phenomena to identify the importance of various parame-
ters in determining charging response.

For purposes of materials characterization, the spacecraft charging phe-
nomena can be divided into two classes, charging and discharging. Charging
characteristics are those that determine a surface's equilibrium potential in
a specified environment and its charging rate. Discharging characteristics are
those that determine the conditions causing an arc discharge to occur and the
features of the discharge. Coupling of discharge energy into spacecraft sys-
tems depends on the features of the discharge and on spacecraft design. From
the materials characterization standpoint-, coupling does not constitute a sepa-
rate area of investigatiorn, but rather defines a requirement for an arc de-
scription in terms of the arc's electromagnetic signature. Both the charging
and the discharging responses are affected by the properties of the materials,
by their configurations, and by the environment. Identifying the roles of
these effects and their relative importance in determining charging and dis-
charging responses is an essential part of materials characterization.

The present paper summarizes the status of materials characterization
studies in terms of progress toward attaining the three objectives for the two
classes of response.

CHARGING RESPONSE

Mechanisms

Charging is the response by which a surface comes into equilibrium with
its environment. The environment of interest consists of charged particles and
photons incident on the surface. The surface interacts with this environment
by absorbing, emitting, and conducting charge and thereby acquiring a potential
relative to the environment such that, in equilibrium, the net current to the

surface is zero. This must be true at each point on an insulating surface.

The mechanism by which orbiting spacecraft acquire nonzero potentials was
known well before spacecraft charging became recognized as an operational haz-
ard (ref. 2). The observed charging of geosynchronous spacecraft to negative
kilovolt potentials is attributed to the same current-balance mechanism oper-
ating in the geomagnetic substorm environment, in which the plasmas are charac-
terized by kilovolt temperatures (refs. 3 and 4). Charging-response models
vary widely in the sophistication of techniques used to calculate incident,
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emitted, and conducted fluxes to surface elements but have in common the condi-
tion of zero net current to all surface elements in equilibrium (refs. 5 to 8).
The time required to attain equilibrium depends on the net currents to various
surfaces and the capacitances in the system (refs. 8 and 9).

The problem of determining charging response thus reduces to calculating
net currents to surfaces. The net current to a particular surface element is
simply the sum of incident, emitted, and conducted currents. These currents
depend on the environment, the properties and potential of the surface element,
and the effects of its surroundings.

Material Properties

The simplest case to consider is that of an isolated slab of insulation.
In this case, a surface element interacts with the external environment and, if
it is an insulator, with the metal structure directly beneath it. Current den-
sities to a surface element of such an insulator are illustrated in figure 1.
The current densities depicted are those considered significant for charging
response in the geosynchronous substorm environment, in which electron and ion
distributions are expected to have temperatures in the kilovolt range (refs. 2,
8, and 10).

In this simple case, current densities of incident ions and electrons (ji
and j , respectively) depend on the undisturbed environment and on the surface
potential 9S. All other current densities depend on the properties of the
surface material as well as on environmental input (incident ions, electrons,
and photons). The material properties required are evidently those that de-
scribe the yields of emitted electrons as functions of the energy and angle of
incident particle impact and the bulk conductivity of the insulator.

Environmental effects on surface charging are illustrated in figure 2.
Figure 2(a) depicts local effects of two adjacent surface elements at different
potentials. If 2 is more negative than cpI (as illustrated), the resulting
fields affect the trajectories of incoming electrons (and ions) so that the
energy and angle distributions of environmental particles incident on each sur-
face element depend on both I and P2" Trajectories of emitted electrons
are also affected by these fields, so low-energy electrons emitted by surface 2
(at CP2 ) can be collected by the more positive surface (at TI). These col-
lected electrons then represent an additional source of incident current to
surface 1. In addition, surface currents can flow between the two surface ele-
ments J.1 .

Figure 2(b) depicts a similar, but more global, effect in which a poten-
tial barrier results in the exclusion of low-energy environmental electrons
from the distribution arriving at surface I (at cpI) and in trapping of second-
ary electrons emitted by this surface. Such trapping reduces the effective
secondary yield of surface 1. Formation of potential barriers can result from
differences in the properties of surface materials (as depicted) or from aniso-
tropies in the environment. The most obvious environmental anisotropy is solar
illumination; formation of potential barriers due to illumination of one side

439



of a spacecraft is expected (refs. 11 and 12). The ATS-6 data indicate that
such potential barriers do develop in space (ref. 13).

In terms of material properties, the effects of surroundings indicate a
need to know the surface conductivity and the energy and angle distributions of
emitted electrons.

The material properties needed to calculate charging response then are
basically the yields and distributions of electrons for electron, ion, and
photon impact and conductivities. These yields and distributions in turn de-
pend on physical and chemical properties and can also be functions of applied
field, temperature, etc. Charging modelers have used methods to calculate the
energy and angle dependence of electron yields that differ in the specific pa-
rameters required. Table I lists material properties commonly used in charging
models. Specifically included in the table are properties required by the NASA
charging analyzer progratq (NASCAP) code (refs. 8 and 14), which gives the most
detailed treatment of material properties. Two of the listed properLis,
radiation-induced conductivity aR and dielectric strength ED, are of more
interest for discharging response than for charging response but are included
in table I for completeness.

The materials whose properties are needed are those used fer spacecraft
surfaces. These include pure metals and alloys; polymer films; quartz; and a
host of paints, coatings, composites, and fabrics developed particularly for
space applications. The extent to which property information is available for
these materials varies widely. In general, fairly complete characterizations
are possible for pure metals, and many characteristics of quartz and of polymer
films (Teflon, Kapton, and Mylar) have been measured. By contrast, very little
is known about the properties of alloys and other spacecraft-specific materials.

To date, a comprehensive compilation of required material property infor-
mation has not been made. A literature survey (ref. 15) has indicated that
dielectric and electron interaction data are available for polymers. Conduct-
ing studies have been made for polymer films and quartz (refs. 16 to 18) and
for some other spacecraft materials (refs. 19 to 21). Photoelectron emission
has been measured for some spacecraft materials (ref. 22). Modelers of charg-
ing have compiled property data on materials of specific interest to their
studies (refs. 2, 7, 8, and 23). Secondary-electron yield due to ion (H+) im-
pact appears to be the least available property for all materials of interest.

Thus, although material property information required to model the charg-
ing of spacecraft surfaces is available, it is both incomplete and scattered.
An effort to compile the available information and to identify specific areas
of deficiency is needed. Information on the influences of temperature,
illumination-applied fields, surface condition, aging, etc., on the various
properties should be included in such a compilation. Once specific areas of
deficiency are identified, experimental programs to obtain the missing infor-
mation can be devised.
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Experimental Results

Ground studies of the charging of spacecraft surface materials have been

reported by several investigators (refs. 24 to 31). Such tests generally in-
volve exposing the surface of interest to normally incident monoenergetic elec-
tron beams in vacuum chambers. Two types of sample have been investigated:
samples of single materials (polymer, paint, etc.) and samples in a "spacecraft
configuration" (solar-array segments, thermal blankets, etc.). The single-
material samples have generally been mounted on metal substrates that were
electrically grounded to the facility. The spacecraft-configuration samples
have generally been tested with their metallic portions grounded to the facil-
ity. Data reported include current in the ground line and surface potentials.
A "typical data set" (fig. I of ref. 24) is reproduced in figure 3.

The most common method of summarizing charging test results is by plotting
surface potential at equilibrium as a function of electron beam voltage, as il-
lustrated in figure 4. The figure shows two types of response for insulators.
Linear behavior is interpreted to indicate that the material's resistivity is
large enough for leakage currents to be negligible. In this case the equilib-
rium potential is determined by surface emission characteristics (secondary-
electron current due to electron impact ise and backscattered electron cur-
rent Jbs). Behavior in which the surface potential reaches a plateau beyond
some beam voltage is interpreted to indicate that the equilibrium potential is
determined by leakage current in the plateau region. The type of behavior ob-
served depended on material thickness and beam current density as well as on
resistivity and electron emission characteristics. This complicates comparison
of results from different investigators, since the beam current densities used

vary from one to another. With 1-nA/cm 2 beam current densities, 0.01-
centimeter-thick Teflon and Kapton samples exhibited emission-dominated behav-
ior to beam voltages of 12 and 14 kilovolts, respectively; in these tests, arc-
ing occurred at higher beam voltages (ref. 24). Leakage-dominated equilibrium
has been reported for thin (Q .0025 cm thick) Kapton and Mylar (ref. 29) and
for S-13GLO paint (ref. 24) with l-nA/cm 2 beams, and for 0.005-centimeter-thick
Kapton at slightly higher current densities (ref. 28).

Equilibrium potential profiles of several surface-material samples exhibit
irregularities that are probably due to configuration effects such as those il-
lustrated in figure 2 (beam deflection, trapping of secondaries, etc.) (refs.
9, 24, and 29). Irregularities in equilibrium surface potential caused by the
presence of small gaps between sections of a single type of insulation (e.g.,
solar-cell cover slides or strips of Teflon tape) were also observed. These
became more pronounced for larger samples, apparently as a result of increased
beam deflection by the larger samples (ref. 30).

Efforts to validate the NASCAP code by comparing its predictions with ex-
perimental data have begun (refs. 9 and 14). Agreement between prediction and
experiment is generally very good when both material properties and test data
are available (e.g., Teflon and Kapton). Additional experimental data for
single-material samples are needed, since it is preferable to validate the
models for individual materials before adding the complexity of surroundings
effects.
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Since experiments have been performed with normally incident monoenergetic
electron beams, the data presently available do not permit models to be cali-
brated for the effects of distributed (in energy and angle) electron fluxes or
for electron emission due to ion or photon impact. Experiments incorporating
these additional environmental factors are needed, since the space environment
consists of distributed fluxes of ions, electrons, and photons.

Ground testing of complex objects (spacecraft models), with concurrent
modeling, is required to ensure that configuration effects are modeled ade-
quately.

Parametric Studies

The two preceding sections identified the need for experimental efforts to
obtain material properties and to provide model validation data for a variety
of materials. The test matrix to examine each material in each environment,
even without considering experiments to study configuration effects or dis-
charge characteristics, is prohibitively large. Since charging models that in-
corporate material, configuration, and environmental factors are available, one
approach to reducing the number of tests required is to conduct parametric
studies. Such studies can be used to identify those material properties and
configuration characteristics that are most important in determining charging
response to various environments and how accurately the properties must be
known for a given prediction accuracy.

As an example, effects of changing secondary-electron yields on predicted
charging response to ground test and space environments are illustrated in fig-
ure 5. Figure 5(a) shows NASCAP predictions of the charging response of a
metal plate in a 10-keV electron beam for three sets of secondary-electron-
yield parameters. The metal plate is electrically floating and has a capaci-
tance to its surroundings of 200 picofarads. No illumination or ions are pres-
ent, so the currents to the plate are due to the beam and the emission of back-
scattered and secondary electrons by the plate. As shown in the figure, chang-
ing either the maximum yield 6m or the energy for maximum yield Em affects
both the final plate potential and the rate at which charging occurs. From
these curves, changing 6m has a stronger effect on equilibrium potential than
changing Em: Using the middle curve (6m = 2.6, Em = 300) as a base and reduc-
ing 6m by 63 percent (to 0.97) increase the final potential by 38 percent.
Increasing Em by 33 percent (to 400) decreases the final potential by only
9 percent. The dependence of final potential on beam voltage is linear, as
shown in reference 14.

Figure 5(b) shows NASCAP predictions of the charging response of an ATS-5
model object (ref. 14) in a 5-keV, 1-particle/cm3 Maxwellian "space environ-
ment." On the time scale of figure 5(b), differential charging is negligible,
so the entire object is at the potential shown. The curves reflect effects of
halving the secondary-electron yield for l-keV proton impact 6 p for all sur-
face materials. "Standard" 6p'S are those in the current version of NASCAP

for Teflon, silicon dioxide, and aluminum, which are the surface materials of
the ATS-5 object (ref. 14). With the curve for standard 6p's as a base, a

442



50 percent reduction in 6p's has resulted in a 58-percent increase in poten-
tial.

Secondary electron yield is expected to be an important factor in deter-
mining final potential in space substorm conditions, because secondary yields
for protons with impact energies of tens of kilovolts are expected to be great-
er than unity and these effectively add to the proton fluxes (refs. 2 and 32).
Figure 5 suggests that ion-generated secondary electrons are an important de-
terminant of absolute spacecraft potential. Obviously, the information pre-
sented in figure 5 is insufficient to determine whether the relationships are
linear and over what range of material and environmental parameters they are
appropriate. It does, however, indicate the usefulness of parametric studies.

Although no comprehensive parametric studies of material property influ-
ences have been reported to date, some work has been done (ref. 33) and further
results are expected (refs. 34 to 36). Such studies should be expanded to in-
clude configuration effects; it has been suggested (ref. 9) that the relative
areas of different surface materials are an important consideration in deter-
mining charging rates and levels.

DISCHARGE RESPONSE

Mechanisms

Although charging response is adequately understood in terms of current
balances, quantitative discharge mechanism models have yet to be devised. To
attain a predictive capability it is necessary to identify the mechanisms re-
sponsible for initiation and propagation of arc discharges and to describe arcs
in terms of their electrumagnetic signatures.

Discharges of concern for spacecraft charging are those that can occur on
dielectric surfaces charged by exposure to fluxes of kilovolt particles. The
dielectric surface exposed to this environment is supposed to be charged nega-
tively with respect to the underlying spacecraft structure. It thus acts as a
cathode in a discharge. The situation differs from voltage breakdown of a di-
electric between metal plates in that there is no dielectric-metal interface at
the cathode, there is a limited supply of charge at the cathode, and the elec-
tric field in the dielectric is created by charges that are removed when dis-
charge occurs. Little information on this type of discharge has been reported
in the literature (ref. 15).

For calculating charging response it is sufficient to consider the absorp-
tion, emission, and conduction of charge to occur at material surfaces (since

the depth of penetration of kilovolt particles is much less than the thickness
of spacecraft surface materials). However, such a description is probably in-
adequate for considering discharge-response mechanisms.

Kilovolt electrons incident on a dielectric surface penetrate a distance
of micrometers. Secondary electrons are emitted from a region within a few
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tens of angstroms from the surface. This results in a charge distribution in-
side the dielectric in which negative charge accumulates in some layer below
the surface. The situation is sketched schematically in figure 6 for a dielec-
tric slab mounted on a grounded metal substrate. Electrons are emitted from a
region near the surface; incident electrons penetrate further into the dielec-
tric, and a region of radiation-enhanced conductivity is formed; a distribution
of negative charge (fig. 6) inside the dielectric results. The detailed shape
of this distribution depends on material properties (bulk conductivity GB,
radiation-induced conductivity aR, electron range RE, and emission yields),
on the distribution of incident electrons, and on irradiation time. Models now
exist that describe such charge deposition profiles (refs. 8, 37, and 38), and
techniques have been devised for their measurement (ref. 39).

Although no quantitative models of discharge mechanisms have yet been
developed, mechanisms involving charge propagation in the radiation-enhanced
region (refs. 40 and 41) and arc propagation by secondary emission (refs. 27
and 42) have been suggested. Such mechanisms have yet to be evaluated.

Experimental Results

In the absence of quantitative theoretical models for discharges, experi-
ments must be relied on to provide both insights into discharge mechanisms and
a data base from which empirical models can be constructed.

Investigations of the discharge response of electron-irradiated spacecraft
dielectrics have been reported by a number of workers (refs. 24, 27, 28, 30,
41, and 43 to 47). For the most part, such investigations have involved expo-
sure to monoenergetic electron beams of insulator samples mounted on grounded
substrates or spacecraft-configuration samples (solar-array segments, thermal
blankets, etc.) mounted with their metal portions grounded. Data taken include

current in the ground line and surface potentials. In some experiments a scan-
ning electron microscope has been used as both the electron source and the
diagnostic (refs. 41 and 45). Typical current-to-ground and voltage-versus-
time results are illustrated in figure 7. When a sample is exposed to an elec-
tron beam, charge and voltage build up on the dielectric surface and a corre-
sponding current flows in the ground line. When a discharge occurs, a fast
current pulse is observed (denoted by the arrow in fig. 7) that signifies net
negative charge leaving the surface: The surface potential drops and charging
resumes.

Charges transferred and a fast current pulse (return or reverse current
pulse) observed during a discharge are illustrated in figure 8. In figure
8(a), charges are shown emanating from a trigger site. Charges Q, and Q2
are transferred to the substrate, where they cancel with their image charges.
The net charge QI leaves the surface and couples through the external cir-
cuit, which includes the vacuum facility and associated structures. Current
flows in the ground line (meter I) and reflects the transfer QI (which is a
negative charge). The horizontal arrows in figure 8(a) represent charge trans-
ferred on or near the surface to the trigger site, that is, arc propagation or
a charge release mechanism.
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A return current pulse is illustrated in figure 8(b), and Q, is just the
time integral of this current pulse. Such pulses exhibit a wide variety of de-
tailed shapes (see, e.g., ref. 30) and may reflect multiple rather than truly
single events. They are most easily characterized in terms of parameters such
as peak current Ip, duration At, net charge Q, , /At I p dt, and rite Lime

dI/dtli. Results reported vary widely and depend on sample size and instrumen-
tation as well as on sample material and configuration. The values of Ip,
QI, and At all increase with increasing sample area for small samples
(ref. 46); recent results indicate limitations on how large an area is affected
in a single discharge (ref. 30). As an example, values given for samples of a
few hundred square centimeters in area are At -500 nanoseconds, I p ~20 to
100 amperes, and Q, -20 to 60 pC for silvered-Teflon samples (ref. 24).

A critical aspect of instrumentation that must be considered in investi-
gating return current pulses is the impedance to ground in the experimental
setup. Typical surface potentials at discharge are about 10 kilovolts, and
peak currents are about 100 amperes. Thus, a 50-ohm termination does not ap-
proximate a short circuit in this case, and test results may depend strongly
on this impedance (ref. 30). This is of particular concern for application of
results to the spacecraft situation.

In addition to descriptions of return current pulses, estimates have been
made of the energy in a discharge, the charge transferred, and the area dis-
charged (refs. 24 and 30). To date, no data have been reported on the radiated
electromagnetic signature of such arcs. This information is important to cal-
culations of electromagnetic interference (EMI) resulting from discharges. It
is lacking because none of the experiments reported to date have been conducted
in anechoic chambers so that facility resonances have made EMI measurements im-
possible.

The trigger mechanism for discharges is not understood, but data indicate
that the observed discharges begin at gaps, holes, or edges and do not repre-
sent bulk dielectric breakdown (refs. 24, 27, 30, 43, and 44). Thus, dis-
charges are observed at electric field stresses signficicantly less than the
dielectric strengths of the insulators under study when gaps or edges are pres-
ent. Some thres old condition, probably configuration dependent, other than
insulator dielectric strength must be quantitatively defined for accurate arc
prediction.

Lzierimental evidence to date indicates that discharges begin at gaps in
insulation; that charge is removed from an area much larger than the trigger
site; that a net negative charge is ejected from a surface during discharge;
and that this charge ejection results in significant currents flowing in ground
lines. Yet to be investigated are the EMI due to discharges and effects on
discharge response of such environmental factors as distributed fluxes of elec-
trons aud the presence of ions. Experiments in which solar-array segments with
flexible substrates of Kapton-fiberglass laminates have been illuminated during
exposure to electron beams have indicated that arcing on such structures is
greatly reduced during illumination, probably because of photoconductivity and
the thermal enhancement of Kapton conductivity (refs. 24 and 46).
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CONCLUDING REMARKS

The charging response of surfaces exposed to charged-particle and photon
fluxes is understood in terms of current-density balance mechanisms. Models
of charging response are available and predictions agree well with experimental
results for cases in which material properties are adequately known. Material
property information now available should be compiled to identify specific
areas and materials for which data are lacking and to provide property values
for use in prediction. A cursory examination of the information available in-
dicates that the least well-known property for most materials of interest is
secondary-electron yield due to ion impact and that the most poorly character-
ized materials are those that have been developed specifically for space ap-
plications. Also poorly known are property changes with time due to exposure,
repeated arcing, etc. The experimentation required to determine material prop-
erties adequately for charging-response predictions can be significantly re-
duced by using parametric studies to identify t.ose properties most important
for determining charging response and how accurately these properties must be
known for a specified prediction accuracy.

Data on charging response of spacecraft surface materials under monoener-
getic electron irradiation are available for many, though not all, materials
of interest. Data on the effects of additional environmental factors are
needed. Of particular concern is information on the response to ion impact
since this is expected to be an important determinant of spacecraft response.
Effects of more complex geometries also need investigation to ensure that the
modeling is adequate.

The mechanisms for initiation and propagation of arc discharges are not
yet understood, although a number of their characteristics have been experi-
mentally identified. The initiation mechanism is apparently configuration de-
pendent: Arcs occur preferentially at gaps, seams, and edges. A net negative
charge is emitted during discharges. Its measured magnitude depends on system
instrumentation as well as on sample material and area. These dependencies
are of particular interest in modeling arc propagation as well as in extrapo-
lating ground test data to space conditions. Models of charge deposition and
transport in electron-irradiated dielectrics have been devised, and they pro-
vide a necessary first step toward developing discharge mechanism models.

This paper has summarized the present status of materials characterization
studies. Efforts are being made to develop empirical models for discharge
pulses. Data on a wider variety of materials and configurations are needed to
support this activity as well as mechanism model development. There is a grow-
ing data base on characteristics of return current pulses. Yet to be investi-
gated are the electromagnetic interference spectra from arc discharges and the
effects of such environmental factors as distributed fluxes of electrons and
ions and temperature on discharge response.
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TABLE I. - MATERIAL PROPERTIES

Type of property Property Symbol

Physical and chemical Density p
Chemical composition CC
Atomic number A
Atomic weight Z

Electrical Dielectric constant

Bulk conductivity oB

Surface conductivity GS

Radiation-induced a
conductivity R

Dielectric strength ED

Particle penetration Electron range Re

Ion range R i

Rate of energy loss for dEe/dx
electrons

Rate of energy loss for dEi/dx
ions

Electron emission Photoelectron yield 6PHO(Ephe)

Secondary-electron yield 6se(Ee,e)
due to electron impact:
Maximum yield 6m

Energy for maximum Em
yield

Backscatter coefficient 1(Ee,e)

Secondary-electron yield 'si(Ei,")
due to ion impact:

Yield at Ei = 1 keV 6p
(protons)

Energy for maximum yield Ep
(protons)

Work function W
Distribution of emitted fPHO(Ee)

photoelectrons
Distribution of secondary fse(Ee)

electrons from electron
impact

Distribution of secondary fsi(E,e)
electrons from ion impact
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TEST RESULTS FOR ELECTRON BEAM CHARGING OF

FLEXIBLE INSULATORS AND COMPOSITES

John V. Staskus and Frank D. Berkopec
NASA Lewis Research Center

SUMMARY

This paper discusses the results of materials tests conducted in the
Lewis Research Center's geomagnetic-substorm-environment simulation facility.
The materials tested were flexible solar-array substrates, graphite-fiber/
epoxy - aluminum honeycomb panels, and thin dielectric films. The tests con-
sisted of exposing the samples to monoenergetic electron beams ranging in en-
ergy from 2 to 20 keV. Surface potentials, dc currents, and surface discharges
were the primary data.

Four solar-array substrate samples were tested. These samples consisted
of Kapton sheet reinforced with fabrics of woven glass or carbon fibers. They
represented different construction techniques that might be used to reduce the
charge accumulation on the array back surface.

Five honeycomb-panel samples were tested, two of which were representative
of Voyager antenna materials and had either conductive or nonconductive painted
surfaces. A third sample was of Navstar solar-array substrate material. The
other two samples were of materials proposed for use on Intelsat V. All the
honeycomb-panel samples had graphite-fiber/epoxy composite face sheets.

The thin dielectric films were 2.54-micrometer-thick Mylar and 7.62-
micrometer-thick Kapton.

INTRODUCTION

Many geosynchronous satellites have experienced behavior anomalies in
electronics systems at some time during their lifetimes (refs. 1 and 2). These
anomalies are believed to result from discharges that take place on various
satellite surfaces after differential charging by the geomagnetic substorm
environment (ref. 3). The Lewis Research Center has undertaken investigations
of the charging behavior of various materials in its geomagnetic-substorm-
environment simulation facility (ref. 4). Thermal control materials and some
solar-array segments have undergone considerable testing (refs. 5 to 7). Con-
cern about the behavior of materials proposed for use on future satellites led
to the testing of several flexible insulator and composite samples.

Flexible-substrate solar arrays used on some communications satellites
present a large insulator area that can be charged by the environment. The
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first such array was designed and built for the Canadian-American Communica-
tions Technology Satellite (CTS) before spacecraft charging effects were under-
stood. However, there was sufficient concern for the possible charging of this
array that a charging investigation was conducted (ref. 8). The CTS has sur-
vived environmental charging since its launch in January 1976 but has suffered
a power loss possibly because of a charging event (ref. 9).

When a similar solar array was proposed for use on the latest Comsat sat-
ellite, Intelsat V, several modifications to the substrate were suggested to
minimize the charging of the dielectric surface. The Kapton-fiberglass sub-
strate was changed to include woven carbon-fiber fabrics, or conductive surface
coatings, or both. The fabric and coatings would be electrically grounded.
These "quasi-conductive" dielectric substrates required testing to evaluate
their effectiveness in controlling surface charging. Four solar-array segments
with different carbon-fabric weaves and surface coatings were prepared by AEG-
Telefunken and Comsat Corp. These segments are part of the samples tested and
reported on herein.

Five graphite-fiber/epoxy - aluminum honeycomb panels (samples of mate-
rials for the Navstar, Voyager, and Intelsat V satellites) were also tested.
They are representative of solar-array substrates, antenna materials, and
structural panels used on these satellites. The two antenna-panel samples were
painted, one with a conductive paint and the other with a nonconductive paint.

Two thin-film materials, 2.54-micrometer-thick aluminized Mylar and 7.62-
micrometer-thick Kapton, were also tested.

The flexible-substrate solar-array samples and the Intelsat V honeycomb-
panel samples were furnished by the Comsat Corp. The Navstar honeycomb-panel
sample was provided by the Rockwell International Corp. And the Voyager
honeycomb-panel samples were supplied by the Jet Propulsion Laboratory.

DESCRIPTIONS OF SAMPLES

Flexible-Substrate Solar-Array Samples

The four flexible-substrate solar-array samples were nominally 10 centi-
meters by 11 centimeters in area. The substrates were made of 12.5-micrometer-
thick Kapton sheet (density, 19 g/m2 ) that was reinforced with either a woven
carbon-fiber material or a woven glass-fiber material bonded to one surface.
A silver-filled polyester strip bonded to the back surface along each 10-
centimeter edge provided electrical contact to the reinforcing and/or charge-
control material. The front surface of each sample held 2-centimeter-by-4-
ctntimeter solar cells of 10-ohm-centimeter resistivity.

Sample 1 (fig. 1) had 66-g/m2 woven carbon-fiber material bonded to the
back surface for reinforcing and charge control. The fabric elements were
approximately 0.15 centimeter wide and were spaced 5 per centimeter, resulting
in a bare Kapton area of about 6 percent. The conductive polyester edge-strips
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were spaced 10 centimeters apart with 50 carbon-fabric elements connecting
theat. The woven material contained 48 carbon-fabric elements crossing the sam-
ple parallel to the polyester edge-strips. A short piece of Kapton-insulated
wire was bonded into each polyester strip for making circuit connections. The
resistance across the back of the substrate was 3.6 ohms. Eight 2-centimeter-
by-4-centimeter solar cells were mounted on the bare Kapton front surface of
the substrate in two parallel strings of four cells in series. The 0.01-
centimeter-thick cerium-doped cover slides were applied with DC 9350 adhesive
and were similar to those used on the Communications Technology Satellite
(ref. 8).

Sample 2 (fig. i) had 45-g/m2 woven carbon-fiber reinforcing and charge-
control material bonded to the back surface. The fabric elements were about
0.1 centimeter wide and were spaced approximately 3 per centimeter, resulting
in a bare Kapton area of about 42 percent. The conductive edge-strips were
9.8 centimeters apart and were joined by 34 carbon-fabric elements. Thirty-two
carbon-fabric elements crossed the substrate parallel to the conductive edge-
strips. The resistance of the substrate between the strips was 3.9 ohms. Cir-
cuit connections to the strips were made through a short piece of silver mesh
bonded into each strip. Four 2-centimeter-by-4-centimeter solar cells con-
nected in series were attached to the bare Kapton surface of the substrate.
The long dimensions of the substrate and the cells were parallel. The 0.015-
centimeter-thick cerium-doped cover slides had a magnesium fluoride antireflec-
tion coating.

Sample 3 (fig. 1) was like sample 2 except that a film of soot-bearing
adhesive was spread over the woven carbon-fabric material to cover the bare

Kapton and to improve the conductivity of the back surface. Thirty-three
strands of the carbon-fabric material crossed the sample perpendicular to the
conductive edge-strips, which were 9.9 centimeters apart. Thirty-two strands
of material crossed the substrate parallel to the conductive edge-strips. Sub-
strate resistance between the conductive edge-strips was 2 ihms.

Sample 4 (fig. 1) had 27-g/m2 -dense woven glass-fiber material applied to
the front surface of the substrate for reinforcing. The weave density of about
24 strands per centimeter allowed very little, if any, bare Kapton to be ex-
posed. Soot-bearing adhesive, as used on sample 3, was applied to the bare
apton on the back surface. Two conductive polyester edge-strips were placed

..cntimeters apart on top of the soot-bearing adhesive. The resistance of
,shistrate between the strips was 5.3 kil'-hms. Table I summarizes the sam-
_.aracteristics.

Graphite-Fiber/Epoxy - Aluminum Honeycomb Samples

v, orb-panel samples were tested. All five had aluminum honey- 4
* "rphite-fiber/epoxy face sheets. Two of the samples were

- :aonductive paint and the other with a nonconductive paint.
,npes had bare graphite-fiber/epoxy face sheets. The

was a sample of the Navstar satellite solar-array

ntimeters by 29 centimeters by 1.59 centimeters thick.
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Its 0.03-centimeter-thick face sheets were wrapped around two opposite edges of
the core and were joined, making a loop around the core. A gap in the graphite-
fiber material ran halfway around the loop across one face of the sample. The

epoxy content was higher along this stripe than over the rest of the face sheet.

The two painted samples (6 and 7) were Voyager satellite antenna materials.
The nonconductive painted sample was 38 centimeters by 6 centimeters by
1.6 centimeters thick with PV100 (titanium oxide in silicone alkyd) paint on
one surface. The sample with conductive paint (7) was 14 centimeters by
14 centimeters by 2.5 centimeters thick with Goddard Space Flight Center paint
designated NS43C on both sides.

The remaining two honeycomb-panel specimens (8 and 9) were samples of
materials proposed for use on the Intelsat V satellite. Both specimens were
15 centimeters square. Sample 8 had 0.01-centimeter-thick woven graphite-
fiber/epoxy face sheets bonded to a 1.8-centimeter-thick aluminum honeycomb
core with 0.005 centimeter of unsupported epoxy. Sample 9 had 0.04-centimeter-
thick unidirectional graphite-fiber/epoxy face sheets bonded to a 0.86-
centimeter-thick aluminum honeycomb core. Both samples had a hole drilled
through one corner. An aluminum block was cemented in the hole with conductive
adhesive. The block provided a point for mounting and for making electrical
connections.

Thin-Film Samples

The thin-film materials tested were

(1) Kapton polyimide film - type H, 127 micrometers thick and with a
vapor-deposited aluminum film on one side

(2) Kapton polyimide film - type H, 7.62 micrometers thick and uncoated

(3) Mylar polyester film, 2.54 micrometers thick and with a vapor-
deposited aluminum film on one side

The two thinner films were tested both totally isolated from ground and mounted
on a grounded substrate. The thickest material was tested only while mounted
on a grounded substrate.

The aluminum substrates were 17.1 centimeters by 20.3 centimeters with
leads attached for measuring charging and leakage current. The two aluminized
films were mounted with the aluminized sides in contact with the substrates.
The two thinner films were mounted by wrapping the film around the substrate
edges and taping it to the substrate back.
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DISCUSSION OF TESTS AND RESULTS

Flexible-Substrate Solar-Array Samples

The testing of the flexible-substrate solar-array samples consisted of
three parts. In the first part, the front surfaces were exposed to monoener-
getic electron beams of 2 to 20 keV while in total darkness. In the second

part, the back surfaces were exposed to monoenergetic electron beams while in
total darkness. In the third part, the front surfaces were simultaneously ex-
posed to a 20-keV electron beam and simulated solar illumination. The inten-

sity of the illumination at the experiment surface was approximately 0.6 times
the solar intensity at 1 AU. Nominal electron flux was 1 nA/cm2 for all tests.

Each test was begun with the sample surface neutral. A gaseous-nitrogen
ion source was used between tests to discharge this surface. During the tests,
electron current collected by the solar cells and that collected by the sub-

strate were monitored separately. The sample's surface potential was monitored
with a noncontact, field-nulling, electrostatic voltmeter whose probe could be
swept across the surface at a separation of about 0.2 centimeter. Discharge
activity was monitored with a 15-centimeter-diameter loop antenna centered
about 38 centimeters from the sample center.

The first series of tests - run for 20 to 30 utinutes at beam voltages of
2, 5, 8, 10, 12, 14, 16, 18, and 20 kilovolts - were conducted to survey the
response of the substrate front surface and the solar-cell cover slides. The
second series of tests - run for 20 to 30 minutes at beam voltages of 2, 8, 12,
16, and 20 kilovolts - were conducted to survey the response of the back sur-
face. The test results were compared to determine the most effective technique

for controlling charge buildup on the back surfaces. In the third series of

tests, the front surface of each sample was irradiated with a 1-nA/cm
2 , 20-keV

electron flux for 2 hours. The first 1/2 hour of the test was like the initial
front-surface tests except that the sample temperature was lowered to about
-180 C. During the second 1/2 hour the sample was illuminated by a solar

simulator that produced about 0.6 times I-AU solar intensity at the sample

plane. During the third 1/2 hour the sample was again in darkness, and during
the fourth 1/2 hour it was again illuminated. Throughout the test the temper-
ature, substrate collection current, cell-circuit collection current, and sur-
face potential profile were recorded each minute. During the illuminated por-

tions of the test, the array-segment short-circuit current and open-circuit
voltage was also recorded each minute.

The test results for sample 2 are shown in figures 2 to 5. Figure 2 shows
typical surface potential profiles for the front and back surfaces of the sam-
ple taken while the surfaces were being bombarded in darkness. Figures 2(a)

and (b) are equilibrium profiles of the front surface under exposure to 5-keV
(low energy) and 20-keV (high energy) beams, respectively. The low-energy

beam charges the Kapton border to a significantly higher potential than the
solar-cell cover slide. The high-energy beam charges the cover slide and the
Kapton border to comparable potentials. Figures 2(c) and (d) show the back
surface in a high-energy beam early in the test and at equilibrium. The
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approximately 0.1-centimeter-wide carbon-fiber threads and the intervening 0.2-
centimeter squares of Kapton are resolvable as the alternating potential peaks
and valleys. The conductive strips on the sample edges show up as high poten-
tial peaks. The most significant observation to be made is that the small open

areas of Kapton on the back surface become charged to nearly the same potential
as the broad open Kapton borders on the front surface.

Figure 3 shows the range of potentials occupied by the various surface
materials of the sample for exposure to 2- to 20-keV electron beams. Figure 4
shows the equilibrium electron currents to the conductive substrate and solar-
cell circuits in 2- to 20-keV electron beams. The current collected by the
solar-cell circuit during electron irradiation of the back surface is not shown
since it was more than an order of magnitude less than the current collected
during 'front-surface irradiation.

The test conducted with the solar simulator is summarized in figure 5.
Figures 5(a) and (b) show the surface potentials on the cover slides and the
Kapton substrate border. Under illumination of only 0.6 Sun intensity, the
surface potentials are reduced by an order of magnitude from the values reached
during electron irradiation in total darkness possibly because of the photocon-
ductivity of Kapton (ref. 10). Figure 5(c) shows sample temperature as a func-

tion of time. The thermocouple used to monitor the temperature was located in
the center of the substrate's back surface. Because of its location it prob-
ably indicated the true temperature of all the sample surfaces only during the
first 1/2 hour of testing. During this time, there were no thermal inputs to
the sample and a steady state had been achieved. Figure 5(d) is a cumulative
record of the discharge activity that took place during the test. The three
counters connected to the loop antenna were operating with thresholds of 1, 2,
and 5 volts. The top curve shows the discharges that generated pulses greater
than I volt in the antenna. The bottom curve shows discharges that induced
pulses greater than 2 volts. No discharges generating 5 volts were observed
during the 2-hour test of sample 2. Discharge activity was greatest during the
first 1/2 hour when the sample was cold and in darkness. The discharge rate
was reduced after illumination of the sample but increased during the second
1/2 hour of darkness. The discharge rate during the second dark period was
somewhat less than the rate during the first dark period possibly because of
higher sample temperature.

The test results obtained with sample 3 are shown in figures 6 to 9. Fig-
ure 6 shows typical potential profiles for this sample. Sample 3 was identical
to sample 2 except for the addition of the soot-bearing adhesive charge-control
material to the back surface. The cover-slide and Kapton-border potential pro-
file for low-energy (5-keY) electron beam irradiation (fig. 6(a)) is very simi-
lar to that for sample 2 (fig. 2(a)). The profile for high-energy (20-keV)
electron beam irradiation (fig. 6(b)) shows that the Kapton border became less
highly charged probably because of the additional soot-bearing adhesive charge-
control material. The most dramatic improvement is shown in figure 6(c), the
profile of the back surface exposed to a 20-keV electron beam. The maximum
potential is two orders of magnitude less than that of the sample without the
adhesive-soot material (sample 2). Figures 7 to 9 show surface potential as
a function of beam energy, collected electron current as a function of beam
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energy, and the curves summarizing the 2-hour test in which the sample was
illuminated by simulated solar radiation.

The test results for sample 4 are summarized in figures 10 to 13. Figure
10(a) shows the potential profile of the front surface under exposure to a low-
energy (5-keY) electron beam. The cover slide and the fiberglass-over-Kapton
border became charged to approximately the same potentials as the cover slides
and Kapton borders of samples 2 and 3. The potential profile of the front sur-
face under exposure to a high-energy (20-keV) electron beam is shown in figure
10(b). Exposure of the back surface to a 20-keV beam produced the potential
profile shown in figure 10(c). Recall that the back surface has the soot-
bearing charge-control material applied to plain Kapton without any woven
carbon-fiber material. Comparison with figure 6(c) shows that the adhesive-
soot material alone is nearly as effective as the combined woven-carbon-fiber
and adhesive-soot material in reducing charge accumulation. Figures 11 to 13
show surface potential as a function of beam energy, collected electron current
as a function of beam energy, and the curves summarizing the 2-hour test of the
sample subjected to alternating periods of darkness and simulated solar illumi-
nation.

The test results for sample 1 are summarized in figures 14 to 17. This
sample was a better simulation of a proposed flight array in that the exposed
area of the substrate on the solar-cell side was a small fraction of the total
sample area. Figure 14(a) shows the two deep potential wells due to charge
accumulation on the narrow Kapton borders. The potentials reached by the sur-
faces in the low-energy (5-keV) electron beam were much the same as the levels
reached by similar surfaces on the other three samples. The voltage probe
crossed four solar-cell cover slides as it traversed the sample, and evidence
of these is barely discernible in figure 14(a). Figure 14(b) is a typical sur-
face potential profile of sample 1 in a high-energy (20-keV) electron beam.
The cover slides are more easily seen. The potential profile of the back sur-
face in a 20-keV electron beam is shown in figure 14(c). The back surface of
this sample looks much like the back surface of sample 2, except that the
carbon-fiber material is more densely woven. Comparing figure 14(c) with fig-
ure 2(c) shows that the closer weave eliminated the numerous highly charged re-
gions evident on the back-surface profile of sample 2. Although an improvement
over the behavior of sample 2 was realized, the closer weave was not as effec-
tive in reducing charge accumulation as the adhesive-soot material applied to
samples 3 and 4 (figs. 6(c) and 10(c)). Figures 15 to 17 show surface poten-
tial as a function of beam energy, sample current as a function of beam energy,
and the curves summarizing the 2-hour test with periods of solar simulation.

Sample 1 experienced significantly more discharge activity on the front
surface than did the other three samples. This may be due to the larger number
of solar cells, whose cover slides could become charged and independently dis-
charge to the solar-cell interconnections. Comparing figures 5(d), 9(d),
13(d), and 17(d) shows that illumination of the front surface significantly re-
duced or eliminated discharge activity on all samples, possibly because of the
photoconductivity of Kapton (ref. 10). The data indicate that the densely
woven carbon-fiber fabric alone or the less-dense carbon-fiber fabric with the
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adhesive-soot material added were most effective in preventing discharge activ-
ity when the back surface was irradiated in darkness.

Graphite-Fiber/Epoxy - Aluminum Honeycomb Samples

The five honeycomb-panel samples were tested to determine, in each case,
the degree to which the surfaces of interest became charged in monoenergetic
electron beams of 2 to 20 keV.

The Navstar sample (5) was mounted with its back surface against a 27.3-
centimeter-by-29.3-centimeter aluminum plate to which a lead was attached to
measure electron current to the sample. Typical surface potential profiles
are shown in figure 18(a). The ragged profile is probably a result of varia-
tion in the concentration of epoxy and graphite fibers at the surface. Note
the prominent potential spike at the discontinuity in the graphite-fiber sheet.
The general surface potential across the sample is shown in figure 18(b) as a
function of beam energy. For energies greater than 5 keV, the potential in-
creases only slightly if at all. The nominal current density at the center of
the sample was I nA/cm2 before each test, as read by the Faraday cup. The sam-
ple current recorded for each test was nearly I microampere, indicating an
average flux over the 893-square-centimeter sample of about 1 nA/cm2 . No dis-
charges were recorded by the loop antenna located near the sample or by the
time-exposure camera.

The Voyager antenna samples (6 and 7) were exposed to electron beams of
2 to 20 keV and flux densities of 1 and 3 nA/cm 2 . The dependence of the sur-
face potential on beam energy and flux density is shown in figures 19(a) and
(b). The dependence on beam energy disappears or is much reduced above 10 keV
for both samples. The surface potential of the conductive-paint sample is
about two orders of magnitude lower than that of the nonconductive-paint sample

for the same beam conditions. Data from earlier tests of another nonconductive
paint (S-13GLO) is shown in figure 19(c) for comparison.

The sample 8 and 9 honeycomb-panel surfaces were also exposed to 2- to
20-keV electron beams of I- to 3-nA/cm 2 flux density. The samples were tested
simultaneously, side by side. The tests were conducted with the samples at
-4 00 C to better simulate the environment of the materials in use on Intelsat V.
Typical surface potential profiles are shown in figure 20(a). The results of
these tests, including the Navstar test data for comparison, are shown in fig-
ure 20(b). The ragged appearance of sample 8's profiles is similar to the

Navstar profiles and is probably due to the varying epoxy concentration across
the surface. Sample 9's profiles appear more uniform, with two prominent po-
tential spikes at the locations of significant epoxy bleed through the carbon
fibers. Though the loop antenna did not record any discharge activity, the
sample current record and the time-exposure photographs show evidence of activ-
ity on sample 8.

The sample current records (fig. 21(a)) were quite noisy. The pulses on
sample 9's current record may have been a response to what was happening on the
other sample. The time-exposure photographs (fig. 22) show a faint glow out-
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MINT-

lining the graphite-fiber pattern of sample 8 but show no evidence of dis-
charges from sample 9. Also, the surface potential of sample 8 appeared dif-
ferent with each sweep of the probe (fig. 21(b)), but sample 9's profile ap-
peared nearly constant.

Thin-Film Samples

The first test specimen of Mylar was about 28 centimeters square and was
isolated from ground, with the bare surface facing the electron source. An
electron beam of nominally 1 nA/cm2 , at its center, in the plane of the speci-
men was stepped through various energies from 2 to 20 keV. The potential of
the Mylar surface was monitored by the electrostatic voltmeter.

The response of surface potential of the Mylar film to the varying beam
energy is shown in figure 23. With the specimen isolated from ground and in
total darkness, thus eliminating bulk conduction and photoemission currents,
the equilibrium surface potential was a function of beam energy and the mate-
rial secondary emission properties. Although no temperature-measuring devices
were mounted on the specimen, it was estimated that the specimen was at 100 C,
as were other structures within the chamber.

The surface potential response of the 7.62-micrometer-thick Kapton film
to varying beam energy, with the specimen totally isolated from ground, is
shown in figure 24. In this configuration, the surface potential is about the
same as that of the Mylar film mounted similarly and exposed to the same-energy
electron beam. The surface potentials are compared in figure 25 as a function
of beam energy for both materials in the totally isolated and grounded sub-
strate mounting configurations. The test data and calculated values of resis-
tance and resistivity are contained in table II.

The data from the testing of the 127-micrometer-thick Kapton film show
that the surface potential increased linearly with beam energy to about 12 keV.
Beyond this level, discharges began to take place on the surface. The data
taken were not sufficient to tell whether the discharges were characterized by
charge transport from the front surface to the back surface at the edges or by
charge emission from the surface to other structures within the chamber.

CONCLUSIONS

Four flexible-substrate solar-array segments, five graphite-fiber/epoxy -i7-
aluminum honeycomb panels, and two thin dielectric films were exposed to mono-
energetic electron beams in the Lewis Research Center's geomagnetic-substorm-
environment simulation facility. The array segments represented different ap-
proaches to making the dielectric back surface "quasi-conductive" and thus
minimizing surface charge accumulation. The tests showed, as expected, that
the more nearly continuous the quasi-conductive surface treatment, the lower
the surface potential. The tests of the honeycomb-panel samples are evidence
that strong, lightweight, nonmetallic structural materials are available that
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have acceptable spacecraft-charging properties. If the surfaces have a suffi-
ciently high and uniform concentration of conductive medium with a conductive
path to ground, surface potentials well below those at which discharges occur
can be maintained. Finally, thin dielectric films charge to high surface po-
tentials when they are isolated from ground. However, when the films are

placed over a conductive substrate at ground potential, surface potentials of
less than 2 kilovolts can be maintained even when the films are irradiated

with 20-keV electrons.
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TABLE 1. - SAMPLE SUBSTRATE CHARACTERISTICS

Sample Materials
a  

Element Substrate Dimensions, Anticharging Resistance
without mm represented by- between

anticharging conductive

edge-strips,a
Density, g/m

2  
k.

1 Kapton (12.5 am) 19 155 100 , 110 CFCb 0.0036
CFCb 66

CY 209 plus 66

hardener HT 972

2 Kapton (12.5 trm) 19 95 100 , 110 CFCb 0.0039

CFCb 45

DuPont 46971 plus 31
hardener RC 805

3 Kapton (12.5 urm) 19 104 100 , 110 CFC,b DuPont 46971, 0.0020
CFCb 45 hardener, and soot

DuPont 46971 plus 40
uardener RC 805

4 Kapton (12.5 0 m) 19 59 100 < 110 DuPont 46971, 5.297
Fiberglass 90001 27 hardener, and soot

DuPont 46971 plus 13
hardener RC 805

aAll the samples had two strips of silver-filled polyester bonded to the back surface so that

the back surface could be grounded.
bCarbon-fiber composite.

TABLE 11. - TEST DATA AND CALCULATED RESISTANCE FOR THIN PLASTIC FILMS

Sample Beam Surface Beam voltage Sample Sample Effective Effective
energy, potential, minus surface current, current bulk bulk

keV kV voltage, iA divided resistance, resistivity,

kV by area, " -cm
nA/cm

2

127-rm-thick 2.5 1.64 0.86 0.011 0.032 0.149)<1012 0.409, 1016

Kapton 5 4.15 .85 .005 .014 .83xlO 12 2.277xs0
Ib

8 7 1 .006 .017 1.167<10 12 3.201 10 16

10 9.0 1 .005 .015 1.8,l012 4.9381016

12 10.8 1.2 .007 .020 1.543<1012 4.232"1016

a15 12.8 2.2 .008 .023 l.6xlO 12 4.389,1016

al8 12.8 5.2 .012 .035 1.067"<1012 2.927x1016

a2 0  13.0 7 .013 .037 <1012 2.743×1016

7.62- m-thick 2.5 1.63 0.87 0.029 0.08 5.82"10
1 0  

2.662, 1016
Kapton 5 2.12 2.88 .229 .657 .926' 1010 .42 I 1016

8 2.10 5.90 .278 .798 .755v1010 .145S1016

10 1.96 8.04 .298 .823 .658<1010 .3001016

15 1.20 13.8 .579 1.66 .207m0
I0  

.094 sl 16

20 .50 19.5 .140 .978 .147<1010 .06741016

2.54- m-thick 2.5 1.1 1.4 0.09 0.259 1.222<1010 1.676"1016

3lar .925 4.075 .191 .548 .',84"1010 .664,51016

10 .32 9.68 .322 .924 .099<1010 .136o1016
-10 .039 19.961 .380 1 111 1 .0l× 1010 .014\ 1016

':;irt,c dischargst, occur; surface potential not truly in equilibrium; all samples
1,.0, "11 20.32 cm.
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AREA SCALING INVESTIGATIONS OF CHARGING PHENOMENA

Paul R. Aron and John V. Staskus
NASA Lewis Research Center

SUMMARY

The'charging and discharging behavior of square, planar samples of sil-
vered, fluorinated ethylene-propylene (FEP) Teflon thermal control tape was
measured. The equilibrium voltage profiles scaled with the width of the sam-
ple. A wide range of discharge pulse characteristics was observed, and the
area dependences of the peak current, charge, and pulse widths are described.
The observed scaling of the peak currents with area was weaker than that pre-
viously reported. The discharge parameters were observed to depend strongly on
the grounding impedance and the beam voltage. Preliminary results suggest that
measuring only the return-current-pulse characteristics is not adequate to de-
scribe the spacecraft discharging behavior of this material. The seams between
strips of tape appear to play a fundamental role in determining the discharging
behavior. An approximate propagation velocity for the charge cleanoff was ex-
tracted from the data. The samples - 232, 1265, and 5058 square centimeters in
rea - were exposed at ambient temperature to a I- to 2-nA/cm2 electron beam at

energies of 10, 15, and 20 kilovolts in a 19-meter-long by 4.6-meter-diameter
simulation facility at the Lewiq Research Center.

INTRODUCTION

It has been clear from the beginning of the spacecraft charging investiga-
tion that an understanding of the geometric scaling laws that describe charging
phenomena is of fundamental importance. Larger systems are being built, and
even larger ones are being seriously proposed for future missions. Worse-case
calculations and extrapolations from existing data have a limited reliability
and utility. Therefore, experimental studies must be undertaken with larger
areas of engineering material than previously tested. There is also an inade-
quate theoretical understanding of the discharge process. An experimental
study of the variation with area of the parameters that describe the discharge
process should provide important clues to guide the mathematical modeling ef-
fort. Some significant experimental measurements of area effects have been
reported in the literature (refs. 1 and 2). Balmain (ref. 1) has systemati-
cally investigated area effects in a variety of spacecraft materials. His
work was confined to areas of less than 100 square centimeters, but it did
give the first clear experimental observation of the scaling of discharge
pulse characteristics with area. Bogus (ref. 2) has also reported measure-
ments of area scaling for large samples (3800 cm2 ); however, his work has been
confined to solar arrays.
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At Lewis, an effort has begun to study systematically the area and geome-
try dependence of the charging and discharging parameters for a variety of
spacecraft materials. Because of previous experience with silvered-Teflon
thermal control tape, it was chosen as the first material to be tested in this
investigation. The large size of the Lewis simulation facility has made it
possible to study Teflon samples that are more than an order of magnitude
larger than those previously reported.

MATERIALS, APPARATUS, AND PROCEDURE

Materials

The samples consisted of strips of 5-centimeter-wide, silvered, fluori-
nated ethylene-propylene (FEP) Teflon thermal control tape. The tape is a com-
posite that consists of a 0.011-centimeter-thick sheet of Teflon with, first,
a layer of vapor-deposited silver and, second, a layer of vapor-deposited In-
conel 600. These layers were followed by a third, a 0.03-millimeter-thick
layer of conductive adhesive. The adhesive was two parts GE SR525 silicone
rubber mixed with one part silver powder (by weight). The tape was applied to
a clean 0.313-centimeter-thick, square aluminum plate in strips extending the
full length of the plate. The strips were butted edge to edge. The edges and
the back of the plate were not covered. However, no part of the bare plate was
exposed to the direct electron beam. The tape was applied with finger pressure
and was tested in vacuum to have a resistance from the silver layer to the
plate of approximately 60 ohms for a 1-square-centimeter area. Three sample
assemblies were prepared - with areas of 232, 1265, and 5058 square centi-
meters.

Apparatus

Figure 1 shows the interior of the vacuum tank and the experimental ar-
rangement. The 1265-square-centimeter sample is shown in place. It is fixed
to the sample carriage, a vertical bar that can be moved remotely up to 1.1 me-
ters horizontally, perpendicular to the tank axis. To the right of the sample
is a stainless-steel beam shield. Behind the sample and, therefore, not visi-
ble in the figure is a 10-square-centimeter Faraday cup. Below and to the left
of the sample is the arm on which are fixed the heads of two TREK model 340 HV
electrostatic voltmeters. The spacing between the heads is adjustable and they
are swept in a vertical arc across the sample surface. The probes were typi-
cally spaced 2 millimeters from the sample.

The sample assembly was grounded in one of two ways. In the first con-
figuration, which is referred to as the 50-ohm configuration, the aluminum
plate was insulated from the carriage and the tank structure. A 50-ohm coaxial
lead approximately 10 meters long was brought from the sample out through the

tank wall. The shield was grounded at the tank wall. The center conductor
passed through the core of a Pearson model 110 current transformer. The lead
was then brought to a switch that could ground it through a 50-ohm resistor or
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apply it to the input of an electrometer. This configuration is shown in fig-
ure 2 as a solid line. In the second configuration, which is referred to as
the low-impedance configuration, the insulator between the sample and the car-
riage was replaced by an 8-centimeter-long aluminum post threading the core of
the Pearson current transformer. This configuration is shown in figure 2 as
the dashed line. It was conceived to minimize the sample impedance to ground.

The current transformer is useful for signals with rise times greater than
50 nanoseconds. The transformer output was monitored with both a Tectronix
model 7834 storage oscilloscope and a Biomation model 8100 waveform recorder.
The waveform recorder was used in the pretrigger mode. In this mode it stores
the output voltage of the Pearson transformer as a function of time over a se-
lected interval (usually 20 psec). This time interval includes a selectable
time interval before the trigger. This capability is particularly useful for
transient phenomenon as it eliminates the question about what happened before
the trigger point. The signal was played back slowly through an integrator,
and it and its time integral were recorded on a two-channel strip-chart re-
corder.

The output of the electrostatic voltmeters and their time integrals were
recorded along with the various electrometer currents, position readouts etc.,
on a multichannel strip-chart recorder. The electron flux (1 to 2 nA/cm) was
generated by two Lewis electron guns (ref. 3). The guns were mounted next to
one another, on either side of the tank axis, approximately 10 meters from the
sample plane. The current distribution in this plane was measured by an array

of current collection disks. The flux varied ±30 percent over the largest sam-
ple area. The electron trajectories were minimally affected by the Earth's
magnetic field since the mild steel in the outer wall of the vacuum tank re-
duced the field by about a factor of 10.

A loop antenna feeding a three-level radiofrequency transient-event count-

er was located near the sample and served to count discharges and sort them by
amplitude. Also located near the sample and visible in figure 1 in the upper
right corner was a gaseous-nitrogen plasma source that was used to neutralize
the surface charge on the sample.

The vacuum tank is a horizontal steel cylinder 19 meters long and 4.6 me-

ters in diameter pumped by 20 liquid-nitrogen-baffled 91-centimeter-diameter

oil diffusion pumps. It was comfortably operated at approximately 2.7xi0
- 8

N/m2 (2x10-6 torr) for these tests and has a no-load pressure of approximately

1.3x10- N/m 2 (10- torr).

Test Procedure

In the 50-ohm configuration the samples were exposed sequentially to 10-,
15-, and 20-kilovolt beams. The imbedded charge was neutralized with the plas-
ma source between exposures. The sample was irradiated at each voltage for a

short time (15 to 60 sec), and the surface voltage profiles were measured over
the entire sample area at the end of each interval. At 10-kilovolt exposure
the three samples were charged to equilibrium (fig. 3) with the sample ground
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completed through the electrometer (fig. 2). At 15- and 20-kilovolt exposures
the samples did not charge to equilibrium but began exhibiting breakdowns when
the maximum surface voltage was as low as 8.5 kilovolts. With the ground
switched from the electrometer to the 50-ohm termination, the return-current
pulses were recorded until a representative group had been assembled. As the
last procedure in the run, the electron beam was turned off just before the
next predicted breakdown and the surface voltage profiles were measured. The
beam was then turned back on until the next discharge and then immediately
turned off and the surface resurveyed. These data give the total charge on
the surface before and after a discharge.

After this sequence of measurements was made for the three samples, they
were remounted in the low-impedance configuration, and their discharge behavior
was remeasured at both 15- and 20-kilovolt electron fluxes.

RESULTS

Charging

Figure 3 is a typical time history of the charge buildup on a 232-square-
centimeter sample in a 10-kilovolt electron beam. The voltage profiles were
taken with the probes passing across approximately the middle of the sample.
The individual strips of tape are revealed by the sharp dips on the surface
voltage at the seams, where the tape strips are butted.

During the initial stages of charging, the distribution of charge on the
surface should mirror the actual flux distribution (assuming, of course, that
the surface properties are uniform over the sample). The observed variation
of the surface voltage with the position of the 232- and 1265-square-centimeter
samples is consistent with the measured ±30 percent variation of the beam flux
over the sample plane. The largest sample (5058 cm2 ) shows a somewhat wider
variation, the origin of which is undetermined. All three samples at equilib-
rium exhibit a uniform profile except for the gaps and a characteristic falloff
at the edges.

The equilibrium voltages at the center were 8.0, 7.2, and 7.6 kilovolts
for the 232-, 1265-, and 5058-square-centimeter samples, respectively. The
voltage profiles at equilibrium, in all three cases, do not (jhibit complete
bilateral symmetry. All are skewed in the same way, suggesting a lack of sym-
metry in the experimental arrangement as the cause.

Figure 4 shows the normalized voltage profiles, where the distance x is
scaled by the half-width w of the sample and the voltage V by the maximum
voltage Vm. In these reduced coordinates the three samples are, to first or-
der, identical if the seams are ignored. This observed scaling with sample
width is inconsistent with the model proposed by Parks and Mandell (September
1976 Monthly Progress Report on NASA Contract NAS3-20119, Systems, Science, and
Software) and used by Stevens, et al. (ref. 4) to fit their edge-gradient data.
Their model considers surface and bulk resistance along with a one-dimensional
current-balance description (ref. 5) to predict the edge profiles. The in-
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ability of the Parks-Mandell model to predict something as fundamental as the
observed scaling indicates that the dominant physical mechanism that controls
the edge profile has not been incorporated. Multidimensional effects are the
most obvious possibilities. In particular, the spreading of the beam due to
the finite width of the sample should be considered. The deflection of the in-
coming particles will certainly be greater for larger samples.

Discharging

Discharge phenomenon in these samples were studied at beam voltages of 15
and 20 kilovolts. Discharging seemed to begin when the maximum sample voltage
was as low as 8.5 kilovolts. These early discharges were characterized by
their small size relative to the more typical breakdowns. Figure 5 is a time
history 6f the breakdown behavior of the 232-square-centimeter sample, which is
typical. The voltage profiles were taken across approximately the center of
the sample and transverse to the tape direction.

The seams are apparent in figure 5(a) as two small dips. The probe sweeps
over a 4-kilovolt calibration bar at the end of its travel. Figure 5(a) shows
the profile after 215 seconds of charging with a 15-kilovolt electron beam.
Figure 5(b) shows the same profile just after the first breakdown and 270 sec-
onds after the start of charging. The breakdown is evident as a charge-
depleted region around the left tape seam. The extent of this charge-depleted
region along the seam direction is shown in figure 6. The only two sweeps that
show depletion are figures 6(c) and (d), demonstrating that the length of the
depleted region is no more than 768 centimeters long and is away from the ends
of the sample. Figure 5(c) shows the profile after further charging; no break-
downs were observed on the arc counter or the current monitors. The overall
voltage level is higher than in figure 5(b) and the charge-depleted region is
filling in. Figure 5(d) shows the profile taken after 370 seconds of charging
and immediately after the second observed breakdown. This profile, when com-
pared with figure 5(c), indicates that both seams broke down. Figure 5(e)

shows the same profile after 600 seconds of charging and before the next break-
down which occurred at 665 seconds. The results of that breakdown are shown in
figure 5(f). Before this breakdown, the maximum surface voltage increased over
that in figures 5(c) and (d) and almost total charge cleanoff resulted. Almost
total charge cleanoff is typical of the behavior of this size sample for most
of the subsequent breakdowns.

Qualitatively, the preceding sequence of events is analogous to the be-
havior seen commonly on high-voltage insulators when they are initially brought
up to their working voltage. In this case, gaps that before breakdown have the
largest voltage gradients (electric fields) break down initially at low volt-
ages and, by depleting the charge near them, reduce the locally high electric
field. The regions away from the gaps can then charge to even higher voltage
until the next most sensitive high-electric-field-region breaks down. This
allows the sample voltage to go even higher. This process continues until
there are many sites similarly sensitive and quasi-repetitive behavior sets in.

Figure 7 shows three examples of the more typical return-current pulses I
resulting from the discharge of the 232-square-centimeter sample. Figures 7(a)
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and (b) show data taken with the 50-ohm grounding configuration at 15 and 20 kilo-
volts, respectively. Figure 7(c) shows a typical pulse with the low-impedance
grounding configuration. The vertical gain is a factar of 2 smaller than in fig-
ures 7(a) and (b). A most distinctive characteristic of this sample when tested in
the low-impedance configuration is the appearance of a positive precursor. That
is, there is an initial downward spike that represents a positive current leav-
ing the sample. Here, and in all the return-current-pulse data shown, a signal
greater than zero represents a current of negative charge leaving the surface
(ref. 6). Only this sample, in this configuration, exhibited a positive pre-
curser and it always did. However, the net charge leaving the surface was al-
ways negative, as in the other samples. This positive precurser may be related
to the positive charge bursts reported by Yadlowsky (ref. 7). He observed both
positive and negative charge bursts with different time evolutions in b teak-
downs in bulk Teflon. This would suggest that such currents of both positive
and negative particles are contributing to give the result reported here.

Figure 8 shows some typical return-current pulses from the 1265-square-
centimeter sample. They have been chosen to demonstrate the range of sizes and
shapes observed. The nonrepeatability of the shape, the wide variety of sizes,
and the general lumpy quality of the pulses suggests that they are composites
of many small breakdowns. The low-impedance pulses (figs. 8(c), (d), and (e)),
though similar in overall shape, have higher frequency noise components than
the 50-ohm pulses. Figure 9 shows some pulses from the 5058-square-centimeter
sample. The same comments concerning the variability of size and shape that
were made about the 1265-square-centimeter sample are appropriate here.

For the purpose of discussing area effects the individual return-current
pulses are described by three parameters: the maximum current I, the total
charge Q, and the time At, where nt is defined as the width of the pulse
at 1/2. Except for the first few discharges that were described earlier,
there was no evident systematic dependence of these parameters on the discharge
history. A distribution function for these parameters was constructed by
choosing a narrow interval of the variable and plotting the fractional number
of events occurring in the interval. A smooth curve was then drawn through the

4point.

Figure 10 is an example of such a distribution function for the peak value
I of the return-current pulses observed with the 1265-square-centimeter sample
at 20 kilovolts with the low-impedance grounding configuration. The horizontal
bar indicates the current interval.

These distributions were characterized by three parameters: the largest
value of the parameter observed, denoted by the subscript M; the value of the
parameter at the peak of the distribution function, which can be thought of as
the most probable value, denoted by the subscript MP; and, finally, the width
A of the distribution function at 1/2 the MP value. Table I contains the
reduced data arranged by area, beam voltage, and grounding configuration. The
last two columns give the total number NT of discharge pulses recorded and
analyzed for both grounding configurations. The small number of pulses studied
in the low-impedance, 15-kilovolt, 232-square-centimeter case resulted from a
reluctance of the sample to break down under these conditions.
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Figure 11 shows the data for the maximum current IM observed as a func-
tion of area for the two grounding configurations and beam voltages. It was
expected that the area dependence of this current would be of interest because
it is a worst-case parameter. Where it seemed appropriate, a least-squares fit
was drawn through the three points. The 20-kilovolt, 50-ohm data fit an IM

14.3 (A)0 .25 line, where A denotes area. The low-impedance data at either
beam voltage does not lend itself to a single-term power-law description, and
straight lines are used to connect the points. The area scaling exhibited by
the 20-kilovolt, 50-ohm data is weaker than the (A)0 .5 75 reported by Balmain
(ref. 1) for smaller samples. It is difficult, however, to compare his work
directly with that reported here since his grounding was different, his statis-
tical treatment of the data was not the same, and his current density was three
orders of magnitude larger. However, his data do extrapolate in close agree-
ment with the low-impedance, 20-kilovolt, 232-square-centimeter point.

Two qualitative observations should be made about the maximum-current data
in figure 11. First, in agreement with A. Rosen of TRW (private communication),
the grounding configuration had a significant effect on the behavior. For ex-
ample, at 20 kilovolts significantly larger currents were observed with the
low-impedance ground than with the 50-ohm ground. However, at 15 kilovolts the
opposite is true. Second, both the 50-ohm and low-impedance data exhibit a
weaker area dependence with a 15-kilovolt beam than with a 20-kilovolt beam.

Figure 12 shows the most probable peak current IMP as a function of
sample area in the same format as in the previous figure. The same strong de-
pendence of the behavior of this parameter at 15 kilovolts on the nature of the
grounding is observed. At 20 kilovolts the area dependence of IMP is clearly
much weaker than that exhibited by IM . In fact, it would seem that to a first
approximation, IMp is independent of the area.

Figure 13 shows the maximum charge QM in the same format as in the two
previous figures. At 20 kilovolts both grounding configurations show good
least-squares fits to QM= K(A)0 .78 , where K is a constant. The low-
impedance configuration gave a somewhat larger value of K (0.38) than the
50-ohm configuration (0.30). The 15-kilovolt, 50-ohm data (fig. 13(b)) Arc fit
(rather poorly) by QM = 0.75 (A)0 .65 , which is weaker than the 20-kilovolt
scaling. But, given the quality of the fit, no conclusion can be drawn con-
cerning the beam-voltage dependence of the exponent.

Figure 14 shows the most probable charge QMP as a function of area. At
20 kilovolts the dependence of this parameter on area is significantly weaker
than that of QM, but at 15 kilovolts its behavior is similar to that of its
QM counterpart. Both the QM and QMp data show the same sensitivity to the
grounding configuration as does IM  in that, at 20 kilovolts, a low-impedance
ground increases the charge over the 50-ohm value but at 15 kilovolts it de-
creases it.

Figure 15 shows the maximum discharge time AtM as a function of area.
All four sets of data fit AtM = K(A)x very well. The values of K and x
for the four cases are given on the figure. The 50-ohm data for both voltages
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show that AtM scales approximately as the first power of the area, but the
low-impedance data exhibit significantly weaker scaling.

Figure 16 shows the data for the most probable discharge time AnT. The
20-kilovolt data in both grounding configurations fit AtMp = K(A)x in a con-
vincing way, but with values of x significantly smaller than in the AtM
cases. It appears that At~p scales approximately as the square root of the
area. This dependence suggests that a characteristic linear dimension may con-
trol the breakdown behavior. If it is assumed that the most probably breakdown
starts somewhere in a seam, propagates along it at constant velocity, and is
limited by the length of a single seam, the coefficient K can be interpreted
as i/2fv, where v is the propagation velocity. The factor 2 is approxi-
mate and is inserted because the most probable pulse would start somewhere near
the middle and propagate in both directions, f is a correction that would con-
vert At to the total time the pulse propagates down the gap. A model of the
discharge process that could predict the return-current-pulse shape is required
to accurately evaluate f. Such a model does not exist, but f is assumed to
be near 2. Within the limit of this crude description, the propagation veloc-
ity v is approximately 1.5x10 7 cm/sec for the 50-ohm data.

Discharge Phenomenology

A consideration of the basic physics of the discharge process in the
geometry being studied here immediately calls to question the meaning of the
pulse-current measurements described in this paper. Figure 17 schematically
describes the experimental situation. In the figure, Qbefore and Qafter
are the net charge in the surface of the sample just before and just after the
breakdown, respectively; Qpulse is that part of the charge that goes to the
baseplate in such a way as to go through the meter; and Qshort is that part
of the charge that goes to the baseplate without going through the meter. Two
contributions to Qshort are shown. The lower one corresponds to charge going
around the edge of the sample and the upper one, which may be the largest part,
corresponds to charge going down the seam to the baseplate.

* There is no way, given the present limited understanding of the breakdown
process, to predict the relative sizes of Qpulse and Qshort" Tbeir ratio
should be governed by the details of the experimental geometry, materials, etc.
Further, there is reason to expect that their characteristic time evolutions
(At, e.g.) would be different since the characteristic impedance of the two
paths is not likely to be the same. Since Qshort would probably have the
lower impedance path, its At may be significantly smaller than the At cor-
responding to Qulse; In this experimental arrangement there is no way to
determine directly the current-time signature corresponding to Qshort, but
its magnitude was determined by applying the charge conservation equation
shown in figure 17. Any conclusions drawn from these data must be considered
to be tentative since only one pulse for each area and beam voltage was con-
sidered and only the 50-ohm grounding configuration was used.

The total charge on the surface before the pulse Qbefore and the charge
after the pulse Qafter were determined by integrating the surface voltage
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profiles over the sample area and from the known ratio of capacitance to area
(0.17 pF/m2 ). The sample was treated as a parallel-plate capacitance with the
surface of the Teflon as one plate and the silver the other.

Figure 18 summarizes the data for the three charges - Qafter, Qpulse, and

Qshort - as a function of area for the two beam voltages. The charges are ex-
pressed as a fraction of Qbefore" The data in figure 18(a) demonstrate that
almost complete charge cleanoff occurs for the 232-square-centimeter sample,
but the larger samples show that there is a tendency to saturation at a

Qafter/Qbefore of about 0.3. The fraction in the observed pulse Qpulse /

Qbefore seems to drop from about 0.4 for the smallest area to about 0.3 at the
largest area. The fraction in the unobserved pulse Qshort/Qbefore starts at
about 0..5 and drops to 0.3 or 0.4 at the largest area. Most importantly, it is
certainly of the same order as Qpulse/Qbefore at all areas studied. This
result clearly demonstrates that the experimental characterization of discharge
behavior in ground tests such as are described in this paper must be done in a
manner that considers the contribution of Qshort if results useful for ex-
trapolation to spacecraft behavior are to be obtained.

CONCLUDING REMARKS

The charging and discharging characteristics of large-area samples of sil-
vered Teflon tape presented herein demonstrate a complex behavior. These re-
sults are preliminary. There is much work to be done and many avenues to ex-
plore before an unambiguous picture can emerge. Even at this stage of the in-
vestigation, however, some definite conclusions can be drawn.

The 10-kilovolt charging data demonstrate that the edge-voltage profiles
scale with the width of the sample. This implies that the existing one-
dimensional model, which invokes bulk and surface currents, is incomplete and
that multidimensional effects such as beam spreading must be included in any
realistic model of insulator charging.

The discharge pulse data demonstrate that the grounding configuration is
of real significance. It modifies both the magnitudes of the discharge param-
eters and in most cases their apparent scaling with area. The same statement
can be made about the effect of beam voltage. This is a clear warning that
tests with distributed fluxes and spacecraft-like configurations may be manda-
tory for a realistic simulation of spacecraft materials discharging behavior.

The first few discharges always take place at seams, in the high-voltage
region of the sample. However, the role of seams in typical breakdowns is not
completely clear. (This study does not distinguish clearly between seam-length
effects and area effects since, for these samples, the seam length scales to a 4
first approximation directly as the area.) This ambiguity can and should be

resolved by measurements with solid insulator films.

The charge-balance results demonstrate that measuring only the return-
current-pulse characteristics does not adequately define the behavior of these
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materials for spacecraft applications. Consideration must be given to the mag-
nitude and time evolution of Qshort. The time evolution of Qshort may not
be related in any simple way to the observed time evolution of the return-
current pulse.

Although the maximum peak currents continue to increase with area
(I - A0.4), the observation that the most-probable peak currents seem to be
nearly independent of area suggests that there ;iay be some limiting sample area
that contributes to a pulse. Very large areas may also exhibit peak currents
that appear area independent since the highest current pulse may continue to
scale, but the probability of a high pulse being observed may decrease.

The discharge propagation velocity of l.5x10 7 cm/sec extracted from these
data could provide a clue to the nature of the dominant physical phenomenon
controlling the discharge process.
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Figure 1. Vacuium-tank interior and experimental arranolement.
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CHARGING RATES OF METAL-DIELECTRIC STRUCTURES

Carolyn K. Purvis, John V. Staskus, James C. Roche, and
Frank D. Berkopec

NASA Lewis Research Center

SUMMARY

Metal plates partially covered by 0.01-centimeter-thick fluorinated
ethylene-propylene (FEP) Teflon were charged in the Lewis Research Center's
geomagnetic substorm simulation facility using 5-, 8-, 10-, and 12-kilovolt
electron beams. Surfacevoltage as a function of time was measured for vari-
ous initial conditions (Teflon discharged or precharged) with the metal plate
grounded or floating. Results indicate that both the charging rates and the
levels to which the samples become charged are influenced by the geometry and
initial charge state of the insulating surfaces.

The experiments are described and the results are presented and discussed.
NASA charging analyzer program (NASCAP) models of the experiments have been
generated, and the predictions obtained are described. Implications of the
study results for spacecraft are discussed.

INTRODUCTION

Anomalous behavior of geosynchronous spacecraft has been attributed to the
arc discharging of differentially charged spacecraft surfaces (ref. 1). In ex-
amining the response of a spacecraft to the charging environment, it is of in-
terest to identify both the potentials to which various spacecraft surfaces
charge and the rates at which these potentials vary in response to environmen-
tal changes. Of particular interest are the magnitudes and rates of change of
the potential differences between various spacecraft surfaces.

It has been reported that the potentials (with respect to space plasma
potential) of the ATS-5 and ATS-6 spacecraft structures can change rapidly by
kilovolts in response to changes in the plasma environment, entry into and exit
from eclipse, or the turning on or off of particle emitters (refs. 2 and 3).
This is not surprising since the capacitance of these spacecraft with respect
to the environment is small. The question of interest here is the effect of
such changes on potential differences between spacecraft structures and insu-
lating surface materials. Ground studies have shown that insulating films
mounted on grounded substrates and subjected to bombardment by monoenergetic
electron beams with current densities typical of the geosynchronous substorm
environment require several minutes to reach equilibrium (refs. 4 and 5). Cal-
culations with one-dimensional models indicate that even longer times may be
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required to develop equilibrium differential charges in the actual space envi-
ronment (ref. 5).

The study described in this paper was undertaken to investigate charging
rates an" final potentials of insulating surfaces and underlying metal portions
of composite metal-dielectric structures. It is an extension of work previous-
ly reported (ref. 5). Ideas touched on in the earlier study are refined and
revised on the basis of the data presented here. This paper describes the com-
posite samples, the experiments, and their results. Predictions of the NASCAP
code (ref. 6) for some of the experiments are presented and compared with the
data. Implications of the results for spacecraft are discussed.

EXPERIMENT DESCRIPTION

The experiments were performed in the Lewis Research Center's geomagnetic
substorm simulation facility (ref. 7). Samples were bombarded with beams of
5-, 8-, 10-, and 12-kilovolt electrons at a current density of 1 nA/cm2 . All
tests were performed in the dark.

Samples Tested

Samples consisted of metal plates of aluminum alloy partially covered by
strips of 0.01-centimeter-thick silvered FEP Teflon tape in several configura-
tions. The tape was applied to the plates, silver side down, with conductive
adhesive. The plates were mounted on 6.3-centimeter-long ceramic posts to pro-
vide electrical isolation. Coaxial cable leads from the plates were brought
outside the tank so that the plates could be grounded to the tank structure or
allowed to float electrically.

Tests were performed on samples with four different patterns of Teflon
tape, shown in figure 1. All the plates were 15.2 centimeters by 20.6 centi-
meters and the Teflon tape was 5 centimeters wide. In the figure, crosshatched
areas (labeled M) represent exposed metal and plain areas (labeled T) represent

Teflon. The Teflon area is one-third the total for configuration 1, two-thirds
the total for configurations 2 and 3, and the entire surface area for configu-
ration 4.

Test Sequences

Two series of tests were run: The first used one sample of configura-
tion 1 and one of configuration 2, and the second used one sample each of con-
figurations 2, 3, and 4. Test sequences and quantities measured were the same
for both series of tests, but diagnostic capabilities were increased for the
second series.

In the first series of tests, surface voltage data were taken with a TREK
Model 340 and a surface voltage probe that was mounted on a radial arm and
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swept across the samples at a distance of 2 to 3 millimeters from the surface.
The probe was positioned to pass across the center of the sample (series I
probe track in fig. 1). The probe could also be stopped at any point in its
sweep. Time histories of sample charging were taken both with the probe sweep-
ing back and forth across the sample surface and with the probe stopped over
the exposed metal plates. The stopped positions were chosen so that the
probe's 0.95-centimeter-diameter head did not shield the Teflon from the beam.

In the second series, two TREK Model 340 HV surface voltage probes were
mounted on the same swinging arm, again 2 to 3 millimeters from the surface.
These probes were positioned so that the upper probe passed across the vertical
centerline 4.8 centimeters above the sample center and the lower probe passed
across the vertical centerline 6.6 centimeters below the sample center (se-
ries 2 probe tracks in fig. 1). Stopping the double-probe system over the ex-
posed metal plate shielded some of the Teflon from the beam. Therefore, high-
voltage leads from the plates were brought outside the tank, and a third probe
arrangement was set up to monitor the plate voltages during charging. This
probe monitored the plate voltages during charging both with the double probes
sweeping and with them stopped well away from the sample.

All voltage data were recorded on a multichannel strip-chart recorder.
The probe-arm sweep rate was set so that the probes crossed the sample in about
7 seconds. Data read from the strip chart were accurate to about ±5 percent,

with a minimum error in resolution of about ±100 volts. The configuration 2
sample was tested in both test series so that effects due to differences in in-
strumentation could be identified.

The test sequence for each sample at each beam voltage was begun with the
sample surface at zero potential (measured by the probes). The sequence con-
sisted of the following steps:

(1) With the metal plate electrically floating, the sample was exposed to
the beam and allowed to charge to equilibrium.

(2) With the beam still on, the metal plate was then grounded externally
and the Teflon was allowed to charge until its surface potential reached equi-
librium.

(3) Then the metal plate was electrically floated and the system allowed
to charge until equilibrium was again reached.

This sequence was repeated at least twice with each sample in each series so
that data could be taken with the probes sweeping and with the probes stopped.
In addition, some tests were run in which fully charged floating samples were
shielded from the beam during the grounding of the plates.

During the testing, particularly during the third step of the sequence,
some effects were observed that were traced to nonuniformities in the electron
beam or to interactions of the probes with the samples. To the extent possi-
ble, such instrumentation-related effects have been eliminated from the data
reported.
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EXPERIMENTAL RESULTS

In this section, test results are described and illustrated with the 5-
and 8-kilovolt beam data. First, important general features of the samples'
responses during the test sequence are identified in the 5-kilovolt data. Then
sample responses to each step of the test sequence are considered in more de-
tail and illustrated with the 8-kilovolt data. Except as noted, responses to
the 10- and 12-kilovolt beams were qualitatively the same as those at lower
beam voltages. Data points for Teflon represent probe readings at the centers
of the Teflon strips. Where data from two probes were available, readings were
averaged; error bars are used to indicated scatter in the data where appropri-
ate.

The charging responses of the four test samples during the test sequence
with the 5-kilovolt beam are shown in figure 2. To present the charging his-
tories on the same time scale for comparison, the "ground plate" and "float
plate" points have been plotted at 240 and 540 seconds, respectively. However,
since the samples were all very nearly in equilibrium in these time frames, the
illustrative value of setting the time scales equal was felt to be more impor-
tant than preserving their details here.

The figure indicates several noteworthy general features of the samples'
responses. First, in every instance in which rapid changes of potential oc-
curred, the potential of the plate and that of the Teflon surface changed at
nearly the same rate. That is, although absolute charging (changes in poten-
tial of the whole sample) can occur rapidly, differential charging (changes of
the relative potentials of the Teflon surface and the underlying plate) takes
place more slowly. This is in agreement with the concept that the rate of dif-
ferential charging is controlled by the capacitance between the Teflon surface
and the plate, whereas the rate of absolute charging depends on the much small-
er capacitance between the sample as a whole and its surroundings. Thus, when
the samples were exposed to the beam at the beginning of the sequence, the
Teflon surfaces and the plates changed potential at the same rate for about the

* first 15 seconds. Then differential potentials began to develop. When the
plates were grounded (at 240 sec in fig. 2), the differential potentials be-
tween the Teflon surfaces and the plates were maintained. The Teflon surface
subsequently charged back to its equilibrium potential at a rate controlled by
its capacitance to the plate. Again, when the plates were floated with the
Teflon surfaces precharged (at 540 sec, in fig. 2), the initial change in plate
potential was reflected in an equal change in the Teflon surface potential. In
this case the Teflon surface became more negative than its equilibrium poten-
tial (overshot) and began to discharge to reestablish its equilibrium with the
beam.

The second general point evident from figure 2 is that the plates charged
more slowly with the Teflon precharged than with it initially uncharged. The
charging rate of the plates with the Teflon precharged was affected by the
relative areas of Teflon and metal exposed to the beam and, to a lesser degree,
by the arrangement of the Teflon strips. Thus, the configuration 1 sample
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plate charged most rapidly and the configuration 4 sample plate most slowly in
the third step of the test sequence.

Finally, the Teflon surfaces in these tests always took on more negative
potential than did the plates. This is consistent with observations of the
charging of Teflon surfaces and bare metal plates (refs. 5 and 8). It means
that the polarity of differential charging studied is one in which the insula-
tion has a more negative equilibrium potential than does the metal "structure."

In the following sections, sample responses to the three steps of the test
sequence are considered individually; the 8-kilovolt beam data are used to il-

lustrate the behavior.

Step 1

In this step, the samples were charged from an "all zero" initial condi-
tion. The Teflon surfaces and the four sample plates responded as shown in
figures 3(a) and (b), respectively. During the initial 15 seconds of charging,

the plates and the Teflon surfaces of each configuration charged at nearly the
same rate. Furthermore, all four configurations charged at the same rate.
This is not surprising since the capacitances of the samples to their surround-
ings were nearly equal (measured to be 200±30 pF); the rate of absolute charg-
ing is dominated by this capacity.

The time histories of charging for the Teflon surfaces of the four con-
figurations are very similar (fig. 3(a)). All are monotonic. The equilibrium
potentials of the surfaces were all about -6 kilovolts, consistent with other
measurements of Teflon samples (refs. 4 and 5).

Differences among the four configurations are shown by time histories of
plate charging (fig. 3(b)). The data indicate that, after 20 to 40 seconds of

charging, the configuration I plate was the least negative, the configuration 4
plate was the most negative, and the configuration 2 and 3 plates were at the

same (intermediate) potential. The configuration 4 plate remained the most
negative and, at equilibrium, had a potential only slightl", less negative than
the overlying Teflon surface and more negative than equilibrium potentials re-
ported for bare plates (ref. 8). Although the charging of the configuration 1,

2, and 4 plates appeared monotonic, the configuration 3 plate reached a maximum
negative potential at 20 to 40 seconds. It then decayed by about 500 volts to
equilibrium.

These responses can be understood qualitatively by considering the cur-
rents to each sample as a whole and to its individual components (Teflon sur-
faces and metal) individually and the "capacitors" being charged by these cur-

rents. Initially, each sample charged as a whole at a rate that was determined
by the total current it collected and its capacitance to its surroundings.

Differential potentials between the Teflon surfaces and the plates result from
charging the capacitors made up of these surfaces and requires currents to each
side of these capacitors. The magnitude of the current available to charge the

Teflon-to-plate capacitor must depend on the relative areas of Teflon and metal
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exposed to the beam, on the differences between the secondary emission proper-
ties of the two materials, and on fields that can deflect the electrons.

In configuration 4, the plate had no direct access to the beam. The po-
tential of the whole sample was driven by the net current to the Teflon sur-
face. Because the plate could only collect "stray" currents (e.g., secondaries
from the Teflon or beam electrons deflected by fields around the sample), there
was essentially no current available to cause differential charging, and thus
only a very small differential potential developed.

In configuration 3, the Teflon area was twice that of the metal plate ex-
posed to the beam. Evidently, the Teflon area dominated the charging of the
sample during the first 20 to 40 seconds of charging and caused the plate to
"overshoot" (i.e., become more negative than) its equilibrium potential. At
this point, the plate emitted more secondaries than it received primaries.
This resulted in a net positive current to the plate, so that the negative po-
tential of the plate was reduced.

If this description of the behavior of the configuration 3 sample plate is
correct, it must be supposed that the configuration 2 sample plate also "over-
shoots" its individual equilibrium potential during the first 20 to 40 seconds
of charging (since the relative areas of Teflon and exposed metal are the same
for these two configurations). The fact that the configuration 2 plate does
not discharge must then be due to the difference between the geometrical ar-
rangements of the Teflon strips on the two samples. The exposed metal of con-
figuration 2 was between the two Teflon strips, but the exposed metal of con-
figuration 3 was on the edges of the sample. Since the Teflon surfaces were
more negative than the plate, a potential barrier that prevented the secondary
electrons from the plate from escaping existed in configuration 2. This im-
plies that the final potential reached by the plate in this configuration was
more negative than the "equilibrium potential" that this plate would have
reached had it been exposed to the beam with no Teflon on it.

Step 2

In this step of the test sequence, the metal plates of fully charged sam-
ples (i.e., both the plates and Teflon surfaces charged as at the end of
step 1) were grounded, and the Teflon was allowed to charge. Some tests were
run in which the metal plates were grounded with the samples exposed to the
beam, and some with the samples shielded from the beam. Shielded samples were
grounded during probe sweeps and with the probes stopped awny from the sample.
(Sweeps were made before and after the grounding of the plates to determine
the potentials.) Samples exposed to the beam were generally grounded during
probe sweeps so that the Teflon surface potential could be observed as charging
uf the Teflon with the plate grounded began. Results are illustrated in fig-
ure 4 for a sample of configuration 3. In the figure, VT represents the po-
tential of the Teflon surface and VM that of the plate before the plate is
grounded. The crosshatched areas show the differential between the Teflon
surface and the plate. The sample is sketched in along the abscissas to indi-
cate its location. Figure 4(a) depicts probe traces (voltage readings across
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the sample) taken before and after the plate was grounded and with the sample
shielded from the beam. Figures 4(b) and (c) depict traces during which the
plate was grounded and with the sample shielded from and exposed to the beam,
respectively. In all cases, when the plate was grounded, the differential be-
tween the Teflon surface and the underlying plate was maintained, at least on
the time scale of milliseconds required for the probes to sense and adjust to
the change in potential. Grounding the plate is equivalent to grounding one
side of a capacitor, with the other side (in this case, the Teflon surface)
open circuited; the voltage across the capacitor does not change. Even if the
beam is left on during the grounding of the plate, the current to the Teflon
surface is too small to change the potential across the Teflon-plate capacitor
noticeably in milliseconds. As shown in figure 4(c), the Teflon surface ex-
posed to the beam began to charge after the plate was grounded, at a rate char-
acteristic of the Teflon-plate capacitor. Charging of the Teflon surfaces with
the plates grounded proceeded as in previously reported (ref. 5) charging tests
of Teflon on grounded substrates.

Step 3

In this step, the plates were allowed to float electrically (by opening
the ground connection) with the Teflon surface initially charged to its equi-
librium potential. As has been noted (fig. 2), the plate charged negatively,
causing the Teflon surface to become more negative than its equilibrium poten-
tial. Net current to the Teflon surface became positive (electrons out) so
that the Teflon-to-plate capacitor was discharging while the plate-to-
surroundings capacitor was charging. That is, the differential potential be-
tween the Teflon and the plate was being reduced by net electron emission cur-
rent from the Teflon while the potential of the plate with respect to its sur-
roundings was being made more negative by net electron current to the plate.

The samples' responses to step 3 of the test sequence with the 8-kilovolt
beam are illustrated in figure 5. Evidently, the most important factor in de-
termining the rate at which each sample plate charges is the area of metal ex-
posed to the beam (fig. 5(a)). The configuration I plate charged most rapidly
and the configuration 4 plate most slowly at every beam voltage tested. The
rate at which the plate charged, in turn, determined how large an excursion
from its equilibrium potential the Teflon surface made. This can be seen from
5-kilovolt data shown in figure 2; it is demonstrated more dramatically by the
8-kilovolt data shown in figure 5(b). With an 8-kilovolt beam (and also with
the 10- and 12-kV beams) the potential of the configuration! 1 plate changed
rapidly during the first few seconds of charging. Its potential exceeded (in
magnitude) the difference between the Teflon surface potential and the beam
voltage (--2 kV) before the differential between the plate and the Teflon sur-
face had time to change. The net result was that the Teflon surface potential
exceeded the beam voltage. When this happened, the electrons from the beam no
longer reached the Teflon surface and the "capacitor plate," which is the Tef-
lon surface, was effectively open circuited. The differential between the Tef-
lon surface and the plate was maintained during the plate's charging. Probe
measurements made 15 to 30 minutes later in the test sequences showed no change
in this situation. The same results were obtained for this sample with the
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probe sweeping across the surface and with it stationary. Clearly, this behav-
ior cannot be expected in space, where ions and higher energy electrons pre-
clude the possibility of a true "open circuit" situation. However, it does in-
dicate that insulating surfaces can be driven far more negative with respect to
the environment than their equilibrium potentials.

At the opposite extreme, the configuration 4 sample charged so slowly that
with an 8-kilovolt beam (and also the 10- and 12-kV beams), the Teflon surface
did not depart noticeably from its equilibrium potential (i.e., had maximum
excursions of <100 V).

Charging rates for the plates of configuration 2 and 3 samples were inter-
mediate between those of configurations I and 4. As shown in figure 5(a), the
configuration 2 sample plate charged slightly faster than did the configura-

tion 3 plate with the 8-kilovolt bcam. The difference in charging rates of
these two sample plates is more marked with the 5-kilovolt beam (fig. 2) but
appears to decrease with increasing beam voltage (i.e., for the 10- and 12-kV
beams). One can argue that the configuration 2 sample plate was expected to
charge more quickly than the configuration 3 plate because of the trapping of
the secondaries emitted by the plate in the configuration 2 sample. The reason
for the decrease in the difference between charging rates of these two sample
plates with increasing beam voltage is not clear. It might be due to the sec-
ondary yield decreasing with increasing impact energies for kilovolt primaries.
This would reduce the number of secondaries available to be trapped and conse-
quently reduce the difference between the currents to the plates in the two
configurations.

The Teflon surfaces on the configuration 2 and 3 samples behaved in a
similar fashion at all beam voltages tested. In each case the initial rise in
plate potential caused the Teflon surface to become more negative than its
equilibrium potential, and it proceeded to discharge slowly back to equilibrium
as the plate charged. The plates for these samples charged slowly enough that
the Teflon surface potential remained less (in magnitude) than the beam voltage
by at least several hundred volts and was therefore able to discharge toward

equilibrium.

NASCAP MODELS

The NASA charging analyzer program (NASCAP) is a computer code developed
to calculate the charging of objects in three dimensions. The code and its
capabilities are described elsewhere (refs. 6, 8, and 9). For this study, ob-
jects were defined in the code to represent the configuration 2 and 3 samples
tested. Grid spacing was chosen to reflect the relative sizes of the samples
and the test chamber, with the minimum number of grid points that gave a rea-
sonable resolution on the sample. This choice and that of the time stepping
option used were made to minimize computer time (rather than to maximize simu-
lation accuracy). Simulations were run according to the "test tank" mode of
code operation.
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NASCAP Objects

Three objects were defined in the code for this study; they are illus-
trated in figure 6. Each object is composed of two metal plates that are one
mesh unit thick and have one-mesh-unit spacing between them (fig. 6(a)). The
"back" plate (i.e., the one farther from the electron gun) was held at ground
potential during the simulation. Capacitance between the two plates was set at
200 picofarads to simulate the measured 200±30-picofarad capacity of the actual
samples to their surroundings. The "front" plates that were exposed to the
beam were defined to represent a bare metal plate (object 1, fig. 6(b)), and
the configuration 2 and 3 samples (objects 2 and 3, figs. 6(c) and (d), respec-
tively) described earlier. Each plate was six by eight surface cells in area
and one cell thick. The grid points were 2.54 centimeters apart in the inner-
most mesh in the code. Thus the objects modeled were 15.2 centimeters by
20.3 centimeters, but the actual samples were 15.2 centimeters by 20.6 centi-
meters. The small difference in actual and modeled size should have had very
little impact on the results. The bare metal plate was used to compare the be-
havior of plates with and without surface insulation. Teflon surface cells
labeled "X" in figures 6(c) and (d) are those cells for which current and volt-
age information was printed during simulations. Figures 7 and 9 show the aver-
age values for these cells.

For the simulations in this study, standard NASCAP properties were used
for the Teflon. The metal plates were modeled as aluminum, but with a
secondary-electron emission coefficient of 2.6 and primary-electron energy to
produce maximum secondary-electron yield for normal incidence of 350 electron
volts to describe the yield of true secondary electrons. These choices are
based on the results of a study in which the predicted and measured charging
behaviors of materials were compared (ref. 8).

NASCAP runs were made to simulate the test sequences (steps 1, 2, and 3
in the section EXPERIMENT DESCRIPTION) for the configuration 2 and 3 samples
with 8- and 10-kilovolt beams.

Simulation Results and Comparison with Data

Results of the NASCAP simulations of step I of the test sequence are shown
in figure 7 for the 8-kilovolt beam case for objects 2 and 3. Data for config-
uration 2 and 3 samples are included for comparison. The code predicted that
samples charge somewhat more slowly than the data indicate. However, overall
agreement seems rather good. In particular, the potential of the object 3
plate was predicted to reach a maximum negative value and then decline in mag-

nitude, as is observed in the data. The potential of the object 2 plate does
not decline, again in agreement with observation. The code output indicates
that this is due to suppression of the secondary electron emission from the
plate by local fields in the case of object 2, as was surmised earlier. It was
also speculated earlier that the plate may have "overshot" its equilibrium po-
tential for these two sample configurations. This speculation is supported by
the predicted charging histories of the metal plates of three objects shown in
figure 8. Plates of objects 2 and 3 reached their maximum negative potentials
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about 600 volts larger in magnitude than their equilibrium values. Object 3
plate discharged to equilibrium potential after about 8 minutes total charging
time; object 2 plate remained "too negative" as a result of trapping of second-
aries. This illustrates the kind of insights into charging behavior that
NASCAP can provide.

At the beginning of the simulation of step 2, the plate was grounded and
the potentials were recalculated "imnediately" afterwards (actually the code
takes a 0.001-sec time step). Again, predictions are in accord with the data:

Differential potential between the Teflon surface and the plate was maintained.
Charging of the Teflon back to equilibrium proceeded as expected. Again, the
code predicted charging to occur more slowly than was observed, but the dis-
crepancy was not great.

Predictions for step 3 of the test sequence are much less satisfactory;
the predicted rate of charging in this step was much less than the observed
rate. This is illustrated in figure 9 for object 2 (configuration 2 data) with
a 10-kilovolt beam. The reasons for this are not presently understood. It may
be that simulation inaccuracies due to choices of grid size and time stepping
option are increased by the presence of large fields due to the precharged Tef-
lon surfaces. Another possibility is that portions of the physics not modeled
in the code are more important in this step of the test sequence than in others.

Despite the discrepancy between observed and predicted charging rates with
the Teflon precharged, the code does predict the general features of the data,
that is, that the initial charging of the plate causes the Teflon surface to
become more negative than its equilibrium potential and subsequently to dis-
charge toward this potential as the plate charges.

SUMMARY OF RESULTS AND CONCLUSIONS

The charging response of composite metal-dielectric structures has been
* investigated experimentally and simulated with the NASCAP code. Overall, the

code's predictions were in good agreement with the data, particularly consider-
* ing the uncertainties in the material properties used as input (ref. 8). Dis-

crepancies in the time response do indicate, however, that caution should be
used in predicting behavior of objects with large differential potentials be-
tween adjacent surface grid points. The code's predictions can be used to pro-
vide insight into charging response. Several features of the charging response
of the composite samples have interesting implications for the charging behav-
ior of spacecraft.

Although potentials on an entire object can change rapidly in response to
changes in its environment, differential potentials across thin insulators
change much more slowly. The rate of absolute charging depends on the capaci-
tance of the entire object to its environment and the net current it receives
from the environment. The rate of differential charging between an insulating
surface and the structure beneath it depends on the capacitance between them
and the net difference in currents to the two "plates" of this capacitor. The
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currents available to charge these various "capacitors" depend on the relative
surface areas of materials available to collect current from the environment,
on the properties of these materials (such as secondary emission and resistiv-
ity) and their electrical interconnection, on local fields that can trap low-
energy emitted particles, and on any "artificial" sources such as particle
emitters. Factors that determine these currents affect both the rates at which
the various "capacitors" charge and the potentials at which equilibrium with
the environment is attained.

The capacitance of the spacecraft to its environment depends on its over-
all size, but the capacitances of various parts of the spacecraft to one an-
other depend on the spacecraft's construction. In general, the spacecraft-to-
environment capacitance is usually orders of magnitude less than the surface-
to-surface capacitances. This means that sudden changes in the potential of a
spacecraft do not result in sudden large changes in potentials across thin in-
sulation. Thus, such operations as activating an electron emitter do not pre-
sent an immediate arcing hazard to thin insulation. However, if there are in-
sulating structures on the spacecraft that have small capacitances to the struc-
ture, these will charge back to their equilibrium potentials much more quickly
than the thin insulators with large capacitances to the structure. This gives
rise to the possibility of generating large differential potentials between
different insulating surfaces after a sudden change in spacecraft potential.
Finally, forcing the structure to remain at a fixed potential relative to the
environment (by emitting electrons, for example) will allow large differential
potentials to bnild up across thin insulators on time scales of minutes or tens
of minutes.

Another consequence of the disparity in charging rates in the possibility
of "overshoot"; that is, surfaces can acquire potentials significantly more
negative (with respect to their environment) than equilibrium calculations
would indicate. This is expected when there is an abrupt change in the envi-
ronment of a precharged spacecraft. From an operational point of view, this
effect should only be hazardous if the absolute spacecraft potential is of con-
cern; for example, if two spacecraft are attempting to rendezvous.

From the point of view of the experimenter seeking to measure the plasma
environment, both absolute and differential charging complicate the task of
data interpretation. Effects of both types of charging on particle data from
the ATS-5 and ATS-6 spacecraft have been reported (refs. 2, 10, and 11). Re-
sults of the present study indicate that shifts in reference potential (abso-
lute charging) should occur relatively quickly in response to environmental
changes but that changes in local fields around the spacecraft due to differen-
tial charging should occur relatively slowly. The latter effects are more sub-
tle and thus should be more difficult to identify and eliminate in data analy- -
sis. Care should be used in locating such experiments on spacecraft and in
designing scientific spacecraft to minimize charging effects. 4
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MATERIALS AND TECHNIQUES FOR SPACECRAFT STATIC CHARGE CONTROL I1*

R. E. Schmidt and A. E. Eagles
General Electric Company

Space Division

Results of exploratory development on the design, fabrication and test-
ing of transparent conductive coatings, conductive bulk materials and ground-
ing techniques for application to high resistivity spacecraft dielectric mat-
erials to obtain control of static charge buildup are presented.

Deposition techniques for application of indium oxide, indium/tin oxide
and other metal oxide thin films on Kapton, FEP Teflon, OSR and solar cell
coverglasses are discussed. The techniques include RF and Magnetron sputter-
ing and vapor *osition. Development, fabrication and testing of conductive
glass tiles for OSR and solar cell coverglass applications is discussed.

Several grounding techniques for rapid charge dissipation from the con-
ductively coated polymer and glass dielectrics which have been developed and
tested in thermal cycled and electron plasma environments are described.

Results of the optical and electrical characterization and aging effects
of these coatings, bulk materials and grounding techniques are discussed as
they apply to the performance of their design functions in a geosynchronous
orbit environment.

INTRODUCTION

Passive temperature control of spacecraft equilibrium temperature is
accomplished by a controlled mix of solar reflective and infrared emissive
properties of the materials on the spacecraft's external surfaces. High
dielectric insulating materials are commonly used for this passive control
because of their high solar reflectance in second surface mirror config-
urations and inherent high emittance. This class of materials includes
back surface aluminized Kapton films, silvered FEP Teflon films and high
purity silica glass with a back surface silver coating for use as Optical
Solar Reflectors (OSR's), all of which are used as thermal control materials.

In geosynchronous orbit these dielectric materials are directly exposed
to high energy electron plasmas which are particularly severe during geo-
magnetic substorm activity. As high dielectric insulating materials these
materials will collect and support electric charge buildup until the di-
electric strength is exceeded and electrical discharge or arcing occurs to
areas or components with lower potential energy. These discharges result

* This work was supported by the Air Force Materials Laboratory under
Contracts F33615-76-C-5075 and F33615-76-C-5258.
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in degradation of the thermo-optical and mechanical properties and interfer-
ence with low level logic commands to and from the spacecraft due to the radio
frequency noise generated by the arc. Furthermore, the degradation of the
thermal control surfaces by vaporization of the material itself or their
second surface metalized coatings may interfere with other sensor systems by
condensation of these volatiles on detector or radiator surfaces.

The purpose of this paper is to describe the development of materials
and techniques to prevent and/or control the electrostatic charge buildup
on several materials most commonly found on the external surfaces of geo-
synchronous orbiting satellites. It represents the progress made during
the last eighteen months of a materials development and test program on de-
veloping transparent conductive coatings and materials for application to
dielectric materials including

(1) Uncoated and silvered FEP Teflon thin films (2-5 mil)
used for solar reflecting second surface mirrors with
high emittance for thermal control coatings

(2) Uncoated and aluminized (back surface) Kapton type H
film (2-3 mil) commonly used as a top layer for multi-
layer insulation blankets

(3) Optical Solar Reflecting (OSR) tiles (typically 8 mil)
of fused silica with a back surface coating of silver
and Inconel for second surface mirror applications
requiring high thermal emittance surfaces (similar to
the performance of the silvered FEP Teflon coating)

(4) Glass slides of fused silica and borosilicate (or
microsheet) which are used for cover slides on silicon

solar cells

APPROACH TO THE PROBLEM

Transparent Conductive Coatings

Conductive transparent coatings from semiconductor - metal oxides rep-
resent one possible means of controlling electrostatic charge buildup while
having a minimal effect on thectande properties of the spacecraft materials.
The most commonly used thin oxide films for transparent and conductive coat-
ings have been combinations of indium oxide and tin oxide. The conductivity
of these oxide coatings, first developed as resistance heaters on glass sur-
faces, is critically dependent on the creation of a proper oxygen-metal
balance during the deposition to provide sufficient conduction electrons in
the coating. The properties of these and other metal oxide coatings have
been found to be strongly dependent on the conditions of the substrate and
the deposition process.

Thin films of 90% indium oxide and 10% tin oxide have been deposited
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onto 3 mil Kapton, 5 mil FEP Teflon sheets and OSR and coverglass tiles of
fused silica and borosilicate using Magnetron, DC and RF sputtering and
resistive heating vapor deposition techniques. Deposition has been
demonstrated both reactively by Magnetron and DC sputtering and by resistive
heating from In/Sn metal targets in an oxygen and argon atmosphere and non-
reactively by RF sputtering from a dielectric indium/tin oxide target.

Visible absorptance and infrared emittance measurements of indium-tin
oxide (ITO) reactively sputtered onto FEP Teflon films as conductive coat-
ings in thicknesses up to 900 A show a definite dependence upon thickness.
Emittance, solar absorptance and transmittance in the visible region are
shown in Figure 1 as a function of the coating thickness. As shown, the
effect of the coating thickness is more pronounced in the visible spectrum
than in the infrared.

Indium oxide and aluminum oxide coatings have been deposited in thick-
nesses down to 100 A by resistive heating vapor deposition onto FEP Teflon
and Kapton films and microsheet tiles. The films that were formed after
the deposition were slightly dark due to oxygen deficiencies in the coat-
ings. However, after heating in air at about 220 0 C for a period of 15 min-
utes the coatings were highly transparent with sheet resistances in the 108

ohm/square range. The results of these coatings are shown in Table I.
Optical measurements between 0.27 and 2.7 pm show that heat treating at
2000C had no affect on the transmission of the Teflon film.

Reproduction of conductive transparent coatings was found to be strongly
dependent upon the deposition technique and preparation parameters such as
substrate temperature, vacuum, background of carrier gas and ratio of carrier
to reactive gas, power levels and geometry of sample to source. Heat treat-
ment of the coatings following the deposition as described above in some in-
stances was found necessarv to improve the transmittance of the thin film
coatings. Table 2 shows some of the control variables which have been con-
sidered in depositing ITO by Magnetron sputtering.

The effect of post deposition heat treatment in air is most evident as
a marked improvement in the optical transmission of the films deposited
in both reactive and non-reactive deposition techniques. It has been found
that the addition of an RF field to the planetary fixture during the mag-
netron sputtering relieves the requirements for this post-deposition heat
treatment. The additional RF activation was found to have its most pro-
nounced effect on the optical and electrical properties of the film when
used during the deposition, while use following the deposition seemed to
have little to no effect.

Other oxides of antimony, bismuth, lead, zinc, cadmium, titanium and
silicon were also evaluated using resistive heating vapor deposition. All
of the oxides showed reasonably high transmission on microsheet after Post-

deposition heat treatment but in general, showed high resistance insulator
qualities or had surface resistances which varied considerably from batch
to batch.

In general, most conductive and reproducible transparent coatings
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were produced reactively by magnetron sputtering of indium-tin oxide from
a 90% indium/10% tin target in a closely controlled oxygen/argon atmosphere
with an in situ RF field applied to the planetary. The resulting ITO coat-
ings had surface resistances predominantly in the low kilohms/square range in
addition to a very low change in the absorptance of the substrate. Figure
2 shows a typical spectral response curve for 300 X coating on a 5 mil FEP
Teflon film and 10 mil borosilicate substrate.

Conductive Glass Development

A lithium borosilicate glass developed by GE several years ago under
AFML contract F 33615-71-C-1656 with the designation GE-lTL was considered
as a substitute glass material to prevent static charge buildup because of
its good transmission and resistance to high energy electron (beta) rad-
iation. A solid 11.4 cm diameter sample of the modified lithium borosil-
icate glass was cast in a shallow graphite mold, annealed and finally pol-
ished to a 0.14 cm (55 mil) thickness. A comparison of the transmittance
of this glass with fused silica and borosilicate is shown in Figure 3A.
A 1" x 1" x 1.8" block of the lithium borosilicate glass shown in Figure
3b was poured, annealed, cut and polished into I" square wafers about
0.25 mm (10 mil) thick. These slides were then coated on one side with a
0.2 pm coating of silver to simulate an actual OSR configuration. Figure
3c is a plot of the solar reflectance and thermal emittance at 100OF of the
GE ITL glass tiles. The spectral weighted average of these curves give a
value of R = 0.88 ands= 0.12 with e = 0.86. Bulk resistance measurements
of the 0.14 cm (55 mil) thick glass according to ASTM-D257 showid the mod-
ified lithium borosilicate resistance to be of the order of 101 ohms.

Conductive Adhesive

Optical Solar Reflectors (OSR's) of fused silica and borosilicate
(Corning 0211 microsheet) tiles have been coated with indium oxide, indium
tin oxide and other metal oxides for evaluation during this program.
Typically, three inch square matrices of one inch and three quarter inch
square tiles have been mounted to aluminum plates as shown in Figure 4a
for testing. A conductive, low outgassing, graphite loaded adhesive has
been developed to bond the OSR's and provide a conductive path for charge
dissipation to the spacecraft structure. The adhesive composition con-
sisted of RTV 566 or 560 filled with 13% by weight of Hercules 1z mm chopped
graphite fibers. The RTV 566/HMS fiber formulation produced a resistivity
of about 7.5 x 104 ohm-cm. The conductive adhesive in combination with the
ITO or 10 coated OSR's as shown in Figure 4b has been shown to provide a
space stable adhesive system which provides a reliable conductive path be-
tween the coating and the metal support surface.

Chamfering

A major concern in using conductive coatings on OSR's and solar cell
coverglasses is achieving a durable and continuous coating around the front
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surface to the sides of the glass for a conductive path to the metal support
structure. Chamfering of the glass edges in order to deposit a reliable hard
and continuous conductive coating on the front and sides of the glass, ('0uonn
was demonstrated as an alternate to the currently used method of welding
conductive leads to contact points on each tile. The capillary action of
the conductive adhesive between the tiles when they are pressed into position
then provided the necessary conductive link between the coating and the metal
frame, as illustrated in Figure 4c. Glass tiles of fused silica and micro-
sheet have been successfully chamfered at a 450 angle using 600 grit emory
polishing paper, as shown in Figure 5a under 3X magnification where e.ach
division is 0.127 mm (5 mils). A final OSR configuration with ITO coated
chamfered 2 cm square microsheet tiles is shown in Figure 5b.

Solar Cell Coverglasses

Active solar cells in typically 2 cm by 4 cm size were used in fab-
ricating, testiag and evaluating the conductive transparent coatings and
grounding techniques. Coverglasses of fused silica, microsheet and Cerium
doped microsheet were bonded to the solar cells using Sylgard 182 or RTV
142. Typically, arrays were fabricated for testing in two series sets of
4 parallel cells as shown in Figure 6. The solar cells were then bonded to
3 mil Kapton substrates with Sylgard 182 and then mounted to an aluminum

plate. Resistance measurements between the transparent conductively coated
coverglasses and the solar cell circuit after mounting showed a high res-
istance of the order of I011 ohms on a majority of the coated coverglasses.
This high resistance is a result of the lack of a reliable conductive path
between the coverglass coating and the solar cell bus electrode. Coating
the coverglass after it had been mounted to the solar cel-I did not signifi-
cantly improve the probability of creating a conductive path between the
top of the coverglass the solar cell electrode. To improve the condicti.-
ity of this charge leakage path a silver loaded epoxy 1109S from Electro-
science Labs was applied to the junction of the coverglass and solar cell
bus electrode as shown in Figure 7a. After applying this conductive epoxy
diluted with 3:1 mixture of Xylene along the edge of the glass and curing
in air at 1000 C for 90 minutes, the resistance between the solar cell
electrode and the [0 coated coverglasses, as shown in Figure 7b, was re-
duced to the order of 105 ohms for all the coverglasses.

Ground Bond Development

Several grounding techniques were evaluated to provide connections
between conductive coatings on the Kapton and FEP Teflon films and the
spacecraft structure. The objective was to provide integral metal to
polymer film laminates with high peel and shear strengths which could
withstand the thermal and electrical cycling environment of geosynchron-
ous orbit. Four design configurations evaluated were

1. Adhesive bonded metal to polymer and overcoated with con-
ductive oxide
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2. Heat sealed metal to polymer bonds

3. Adhesive bonded metal to conductively coated polymer

4. Mechanical clamp to the conductively coated polymer

One mil thick thermo setting DuPont Pyralux adhesive was used to bond
1 mil thick copper foil to coated and uncoated substrates of 3 mil Kapton.
The composite shown in figure 8a was formed between two heated plates (175 0 C)
under about 1.34 x 106 Pascals (200 psi) for 2 minutes. A 500 X coating of
indium oxide over the entire Kapton sample including the ground tab provid-
ed a solderable joint with a resistance of 107 ohms to anywhere on the film
surface. ' success was obtained in trying to bond copper foil directly
to thd FEP Teflon using the Pyralux adhesive without any surface treatment.
A direct heat sealing of the copper foil to the FEP Teflon was also attempt-
ed. However, the heat required to bond the FEP to the copper foil resulted
in severe surface distortion and the Teflon to foil sealing edge was very
susceptible to cracking. Application of an etching solution of Tetra Etch
to the FEP Teflon improved the surface adhesion so that application of
Pyralux sheet adhesive and copper foil as described above provided a strong
solderable bond.

Adhesive bonding of the grounding electrode to the conductive oxide
coated polymer films was also evaluated. Conductive tapes and epoxies
were considered for application to the ITO coated polymers for attaching
a solderable metal foil to the conductive coating. Table 3 summarizes the
various ground bond configurations tested. For this application 3M's con-
ductive copper tape X1181 showed much greater adhesion to the ITO coated
Teflon and Kapton films than Eccobond's silver loaded epoxy. It was found
that application of the Pyralux to the coated FEP surface required etching
the coating from the FEP before a strong adhesive bond could be obtained.
Thermal cycling tests were performed in air between -650 and +lOOC on
these bonds to evaluate their stability. Resistance measurements between
the ground tabs and the ITO coatings during the thermal cycling are summar-
ized in Table 4. The variation in a typical run is illustrated in
Figure 9. These test results indicate that all the configurations were
electrically stable during the three cycle test.

STATIC CHARGE TESTING

Test Facility

The electrostatic charging and control facility is shown schematically
in'Figure 10. The facility is designed to irradiate flat samples up to 4.5
inches in diameter at electron energies up to 30 KeV in a vacuum system
which is initially in the mid 10- 7 Torr range. The design of the gun in-
cludes a three element electrostatic lens to obtain uniform beam density

across the sample area and allow adjustment in flux density. Current meas-
uring electrodes are connected to the rear of the aluminum back plate sample
holder for bulk leakage currents and to the annular sample retaining ring
for surface leakage current monitoring.
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A secondary electron collector cylinder is also part of the system which
can be swung in place around the sample during irradiation to monitor charged
particles leaviug the surface of the sample. A Monroe model 144-1009s non-
contacting electrostatic voltmeter probe is mounted on a rotable arm which
can be swept across the sample surface when the secondary cylinder is not
in place. During irradiation the probe may be swung completely out of the
way of the beam or may be used to measure surface potentials during irrad-
iation.

Coating Charge Control

Indium oxide (1O) and indium tin oxide conductively coated FEP Teflon
and Kapton films were tested in the charging control facility. Bulk (ID)
and surface (IR) conduction currents were recorded for beam potentials
between 2KV and 20KV for the first several minutes of irradiation and also
following shut off of the electron beam. Initial maxima and steady state
values for the 10 and ITO coated 3 mil Kapton and 5 mil FEP Teflon are shown
in Tables 5 and 6. Surface potential measurements using the Monroe electro-
static voltmeter following irradiation at beam potentials of 10KV, 15KV and
20KV showed surface potentials of less than 5 volts for all four materials
tested.

The typical line shape of the conduction currents ID and IR as the
electron beam was turned on and off for the Kapton and Teflon materials is
shown in Figure 11. Integration of the current over the transient portion

of the current curves show that most of the charge deposited in the film
below the coating was quickly dissipated when the beam was turned off as
shown in Table 7.

Electron irradiation tests were also conducted on the ITO coated Kapton
and Teflon samples for several hours over a period of six months. Between
these tests the samples were stored in a dust free environment at room tem-
perature. Following this series of tests no visible sample degradation
was observed and Lhe surface resistance measurements on the sample were in
the 4-10x10 6 ohm/square range before and after the irradiations.

Ground Bond Tests

The copper foil *,rounding connection on Kapton using Pyralux adhesive
and overcoated with conductive transparent indium oxide, shown in Figure

8 was tested under electron irradiation. The surface current electrode
was isolated from the periaeter of the sample except at the ground tab.
The bulk and surface leakage currents were similar in character to those
reported in Table 6.

Ground bonds soldered to conductive copper tape or copper tab/con-
ductive epoxy and bonded to ITO coated films of Teflon and Kapton were
also irradiated by 2KeV to 20KeV electrons. Figures 12a and 12b shows
the general test configuration for the two bonding methods. Figure 12c
shows the detail of the copper tab/Eccobond 56C/ITO ground connector on
the Teflon. Bulk, surface and secondary collector currents were similar
to those reported above. However, surface potentials up to -100V were
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measured on samples shown in Figures 12b and c when irradiated at 20KV. These
surface potentials were centered around the solder joints on the ground tabs
and examination after the test revealed that traces of solder flux on the
leads was responsible for the small charge accumulation.

OSR Matrix Testing

Table 8 shows a summary of the OSR configurations tested under electron
irradiation. The effective conductivity or charge control of the graphite
loaded RTV 566 was measured under electron irradiation to provide a base-
line for future OSR matrix tests using the conductive adhesive. Table 9
summarizes the measured currents through the material (ID) and the secondary
electron collector. The surface potentials measured following irradiation
show that the material charged nominally to between -90 and -160 volts.

Uncoated OSR Matrix

A three inch square matrix of nine square tiles of fused silica with-
out any conductive coating was exposed to monoenergetic electron beams
between 2KeV and 20KeV at nearly l0nA/cm 2 for several minutes. The glasses
were mounted using the conductive adhesive. Currents measured through the
backplate, around the perimeter and from the secondary collector are shown
in Table 10. The maximum surface potential exceeded the range of the Monroe
voltmeter following irradiation in a 4KeV beam but did not show electro-
static discharging until irradiated in a 15KeV beam. Reducing the beam den-
sity to below 4nA/cm 2 reduced the discharge rate but not proportionally. A
similar set of measurements and observations were made on a 3 inch square
matrix of uncoated OSR tiles of microsheet. Similar currents and potentials
were also measured on an OSR matrix covering the entire 4.5" diameter sample
area. Decay of the surface potential following irradiation at 6KV followed
an exponential decay very closely with a 12.5 minute time constant and an
initial potential of about -2100 volts.

An uncoated three inch square matrix of 16 chamfered 10 mil thick
microsheet tiles using the conductive RTV was also tested under electron
bombardment. Although similar current and surface potentials were measured
as before for the other uncoated tiles and discharging was observed during
the 15KeV beam irradiation, the discharge rates were not as regular as
before. Figure 13 shows the variation of surface potential with electron
beam energy for this uncoated OSR up to 6KeV irradiation.

Conductively Coated OSR Matrices

An OSR mosaic of 16 TO coated 2 cm microsheet tiles mounted with
conductive adhesive to an aluminum plate was irradiated in an electron
beam with energies up to 20 KeV. The peak and steady state bulk leakage
and secondary collector currents are listed in Table It. Note that in
contrast to the uncoated sample currents, the initial peak is much
smaller, indicating a much smaller subsurface charge deposit than in the
uncoated materials. Surface potential measurements with the capacitively
coupled probe gave maximum surface voltages of 37V, 46V, and 45V after
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irradiation by 1OKeV, 15KeV and 20KeV electrons, respectively.

A 16 tile matrix of ITO coated chamfered 2 cm square microsheet tiles
with conductive adhesive bonding was also tested. The test results, shown
in Table 12, indicate the successful charge control demonstrated by the
coated tiles. Measurement of the negligible surface potential and the lack
of a subsurface charging peak on the bulk leakage current indicate a neg-
ligible charge buildup on this sample.

Conductive Glass OSR

Electron irradiation tests on a 3 inch square matrix of 0.38 mm (15
mil) thick one inch square tiles of modified lithium borosilicate (GE-lTL)
glass with a silvered back surface between beam energies of 2 to 20 KeV
showed no significant charge buildup on the glass surface. Bulk leakage
and secondary collector urrents are given in Table 13 for an average beam
density of about lOnA/cm . No surface electrode was used on these samples
because the relative conductance of the glass prevented any surface charge
buildup.

Solar Cell Arrays

Four solar cell arrays were tested under irradiation by electron
plasmas with energies up to 20 KeV. They were fabricated with varying
degrees of charge control solutions. All of the arrays tested were fab-
ricated in an active 2 cell by 4 cell arrangement with two series sets
of 4 parallel cells. The two cm by four cm cell array thus formed a
7.6 cm (3 inch) square array. The array was tested in an active mode
with a 10 ohm load resistor across the array leads. A beam aperture
adaptor with a three-inch diameter similar to the one used for testing
the OSR matrices was attached to the secondary collector approximately
one-inch in front of the test fixture in order to restrict the electron
beam to the solar cell area of the sample test fixture.

The initial configuration tested was an uncoated array. Unusually
low potentials were recorded at all beam energies and no severe dis-
charging was observed. Surface potentials of 360V, 830V, 1KV and 1.2KV
were recorded after exposure to beam energies of 5, 10, 15 and 20KeV
respectively. The low surface potentials for this uncoated sample was
attributed to the small current output of the electron gun of about
0.2nA/cm 2 during this set of measurements.

An array was next tested whose coverglasses had been coated with
indium oxide. The first set of measurements were made on the coated
solar array without any conductive epoxy applied to the coverglass/

solar cell bus area. Measurements were terminated after observing
severe dischargin while being irradiated in a 5KeV beam with a current
density of 5nA/cm . The arcing and discharging disappeared after the
solar cell bus/coverglass junction was overlaid with a coating of
Electroscience 1109S conductive epoxy and retested in an electron
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beam at energies up to 20KeV with beam densities up to 5nA/cm 2 .

The next cell array tested used 10 coated chamfered coverglasses with
conductive epoxy applied along the chamfered edge and the cell electrode.
Low surface potentials of 170, 275, 335, 365 and 390V at 4, 6, 10, 15 and
20KeV beam potentials indicate that no significant charge build up was
occurring on the solar cell coverglasses. The IV performance of this
array, before and after the irradiation is shown in Figure 14 and indicates
a slight decrease in the power output of the cell. However the same mag-
nitude decrease in power output was also observed on the uncoated array
after electron irradiation.

A four by two solar cell array with Cerium doped microsheet cover-
glasses from Pelkington P.E. (PPE) was also tested in the ESD facility
with energies up to 1OKeV. The surface potentials measured with the
Monoroe probe were nearly up to -2000V after irradiation in a 6KeV beam
in contrast to the low potentials measured on the 1O coated coverglasses.
Due to high surface charge accumulation on the cerium doped coverglasses
it is evident that the doping is insufficient to control the electro-
static charge buildup and further tests were terminated in order not
to destroy the cells. The same type of decrease in power output was
observed in these cells, shown in Figure 15, as was observed in the
coated cell as a result of the irradiation tests.

Electron/UV Exposure

Six Teflon sample configurations were exposed to 1000 hours of
combined electrons and the equivalent of one UV sun. The 5 mil thick
samples which were tested were 1) Virgin FEP Teflon; 2) FEP Teflon
which had been heat treated at 200 0 C for 30 minutes; 3) FEP Teflon with
a 200 MQ conductive coating of indium oxide which had been heat treated
as in No. 2 and, 4-6) three samples with conductive coatings of indium
oxide of different thicknesses and a thin flash overcoating of chrome
oxide. The 10 and chrome oxide coatings were deposited with the resis-
tance heating at 1xlO- 4 Torr 02 partial pressure. The indium was
deposited in thicknesses of 350, 500, and 750 A. Table 14 summarizes
the average transmittance weighted over the solar spectrum from measure-
ments in air before and after the exposure. Addition of the flash coat-
ing of the chromium oxide seems to retard the degradation of the coating.

CONCLUSION

Thin films of indium oxide and indium tin oxide have been success-
fully and reproducibly deposited as conductive transparent coatings onto
gli;ss, Kapton and FEP Teflon sheets as large as one foot square. Dep-
osition by Magnetren sputtering has produced the most consistent and
,iniCorm catings with no need for post deposition heat treatment result-
ing in coatirngs typically with a Aa of 0.02 from the uncoated substrates.
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A modified lithium borosilicate glass developed by GE under another
program has been fabricated in 0.38 mm (15 mil) OSR tiles. Tests under
a simulated substorm environment have shown its ability to dissipate the
incident charge flux and prevent any charge accumulation. The effective
conductivity of the OSR bondi..ng adhesive has been increased by the addi-
tion of graphite fiber to provide a conductive path between the transparent
conductive coated OSR or conductive glass and the spacecraft grounding
structure. The chamfering of the OSR tiles has been demonstrated along
with the conductive coatings to provide a highly reliable conductive path
from the front surface to the conductive adhesive.

Several grounding techniques have been evaluated for their ability
to drain the charge buildup from the conductively coated surfaces of
Teflon and Kapton films. The bonds have been thermally cycled and tested
under electron irradiation in a simulated environment and have been shown
to provide a stable conductive path between the conductive coating and
spacecraft ground.

These conductive coatings, materials, and grounding techniques are
now being further evaluated to determine the best coating thickness and
processing techniques to provide the minimum optical interference to the
substrate and still have a charge control material. Further development
will evaluate the scale up of these processes for large samples and their
behavior in larger and combined environments.
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Table 1. Summary of Vacuum Vapor Deposited Transparent Conductive Oxide Films

HEAT AT SURFACE
BACKGROUND TAPE (2) 4250F/ RES IST IVITY (3)

MATERIAL DEPOSITION RATE OXYGEN PRESSURE TEST 15 MIN. TRANSPARENCY 010 SUBSTRATE

Al 20 3  25A/MIN. 5 x 105 TORR P~l) YES NO DETECTABLE 5 x 1017 TO 5 x 1' KAPTON

-4R P YE NCREASE IN7
In 203 25A/MiN. I X10 OR YE TRANSMISSION 5 X 10~ To 5 x 108 KAPTON

hiD4  
BEFORE AND

In 2 03  25A/MIN. I 04TORR P YES AFTER TESTING 5x 107T o5 x 10  FEP
Al 2 03  25OA/M IN 5 x 10-5 TORR P YES 5 x 10 To 5 x 1' MICROSHEET

In 2 03  25OAIMI N I X 10 TORR P YES 5 x10 7TO 5 x 1 MICROSHEET

In 2 03  25OAIMI N. 1 X 0- TORR P YES 5 x 1017 TO 5 x 10-8 MICROSHEET

Table 2. Magnetron Coated FEP and Kapton

02 Partial E~vaporation Surface
Pressure Process Temp Rate Thickness Resistivity A Transmission

Material Run Torr (0 c) X/MA 0/13

Kapton 24 3.8x10-4  121 22 100 37K .03

Kapton 25 4.4x,0-4  150 16 100 7.9K .05
FEP 25 4.4xl0-4  150 16 100 7.9K .10

Ka pton 26 5.5x10-4  121 2* 100 5x108  0

FEP 26 5.5x10-4 121 2* 100 00 0

Kapton 27 3. 5x10-4  
100 20 300 12.5SK . 10

FEP 27 3. 5x10- 4  100 20 300 6. 5K ** .16

Kapton 28 6,c10- 100 22 300 350 .074

FEP 28 6x10-4 100 22 300 1300 .10

FEP 28 6X10-4 100 22 300 15000 . 10

Ka pton 29 4.9x10-4  
100 10 1 300 75K .02

Slow rate of cvaporation enables more complete oxidation of ITO; increasing resistance and insulating properties of film.

Post bake at 3680 1' for 4 hours reduced surface resistance to 1300 fl/c.
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Table 4. Extreme Values of Surface Resistance During Thermal Cycle Tests

Minimum Resistance Maximum Resistance
Configuration (105 D) (105 n2)

Copper Tape on ITO FEP Teflon 0.240 1.57

Copper Tape on ITO Kapton 0. 114 0.472

Mechanical Clamp on ITO Kapton 0. 032 0. 078

Mechanical Clamp on ITO FEP Teflon 0. 285 3.64

Copper Tab/EA 956/ITO Kapton 0. 036 0. 040

Copper Tab/Pyrolux/ITO Kapton 0. 033 0.037

Copper Tab/56C/ITO FEP Teflon 0. 645 1.52

Copper Tab/56C/ITO Kapton 0. 133 0. 257

Table 5. Summary of Current Measurements of 10 and ITO FEP Teflona

1O FEP Teflon (Sample No. 44) ITO FEP Teflon (Sample No. 37)

IDc IR IS ID II ISBezam

Potential (kV) Max. S. S. b Max. S.S. S. S. Max. S. S. b Max. S.S. S.S.

2 0.05 0.03 11 11 180 0.8 0.05 99 26 240

6 0.1 0.02 220 150 90 2.2 0.05 270 150 125

10 0.25 0.02 360 200 75 2.6 0.05 280 200 90

15 0.4 0.02 300 200 55 3.5 0. 05 450 310 90

20 0.65 0.02 300 200 45 4.5 0.05 470 340 85

a All currents in units of nanoamperes c I bulk conduction current

Steady State IR  surface conduction current

I secondary collector current
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Table 6. Summary of Current Measurements of 10 and ITO KAPTONa

Beam IC-Kapton (Sample No. 40) ITO-Kapton (Sample No. 36)
Potential 1Db - Ris I Ris

(kNV) M'vax S. S.d Max S.S. S. S Max S.S. Max S.S. S.S.

2 0.2 150 120 280 nmd ;.m run nm rim

6 1.4 0.03 540 330 100 21 0.1 630 42 0 i60

10 3.4 nm 570 340 90 4.3 0.0a 630 150 nm

15 8.1 0.02 600 360 70 9. 9 0.05 750 460 nm

20 12.6 0.02 500 360 60 6.0 0.05 690 570 nm

a All currents in units of nanoamperes. C Steady state.

b ID = bulk conduction current d Not measured.

IR = surface conduction current
IS = secondary collector current

Table 7. Stored and Drained Charge From 10 Coated FEP Teflon

Beam Pot. (kV) Charge Stored Charge Leaked

-9 -9
10 1.21 x10 C 0. 53 x10 C

15 1.47 x10-9 c0. 80 X10 -9C

20 1. 89 X10 C 0. 84 x10 -9C
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Table 8. Conductive OSR Development Test Matrix

)SR TILE TILE TEST SAMPLE ADHESIVE COATING SAMPLE
4ATERIAL SIZE ODIFICATION SIZE FRONT BACK ID #

lused Silica 1" Square None 3" x 3" Cond.RTV -- Ag #52

(Corning 7940)
" 4.5" diam Solid disc 4.5" diam .... .. #46

hicrosheet I" Square None 13" x 3" Cond.RTV -- Ag 53
(Corning 0211)

i" " one 4.5" dism. Cond.RTV -- Ag 57

1" " one 3" x 3" Cond.RTV ITO Ag 86

2 cm " one 3Y x 3" Sylgard 182 -- Ag 34

2 cm " one 3" x 3" Cond.RTV -- Ag 70

2 cm " one 3" x 3" Cond.RTV ITO Ag 38

2 cm " one 3" x 3 Cond.RTV GE- Ag 39
inL
fri t

2 an " Chamfered 3" x 3" Cond.RTV -- Ag 71

2 cm " Chamfered 3" x 3" Cond.RTV 10 Ag 72

2 cm " Chamfered 3" x 3" Cond.RTV ITO Ag 85

GE-ITL 1" " one 3" x 3" Cond.RTV -- Ag 64

4.5" diam Solid disc 4.5" diam .... .. 42

.... ..._ 4.5" dim Cend.RTV .. .. 33

Table 9. Summary of Currents in RTV With Graphite Filler

Beam ID IS Surface
Potential Steady State Steady State Potential

(kV) (.A) (nA) (kV)

2 200 100 .09

4 250 80 .16

6 300 80 .16

8 350 80 .16

10 370 85 .15

15 480 100 .12

20 490 90 .09
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Table 10. Summary of Currents of Uncoated Fused Silica Square OSR Mosaic

Beam ID IR iS Max. Surface
Potential Peak S.S.b Peak S.S. S.S. Potential

(kV) () A ) .) W) CV)

2 -- 31 -- 83 295 -400

4 90 38 13 19 290 -2240

6 > 100 50 8 23 275

10 190 55 8 29 260

15 >200 90 -- 26 220

Table 11. Summary of Currents in ITO Coated Microsheet OSR Mosaic

Beam Io 'S I0/IS
Potential Peak S.S. Peak S.S. S.S.

(KV) (nA) (nA) (nA) (nA)

10 260 200 - 30 6.6

80 80 31 15 5.3

15 140 110 - 16 6.8

40 40 7 5 8.0

20 110 80 17 12 6.6

Table 12. Summary of Currents in ITO Coated Chamfered 16 Tile Microsheet
(2 cm square) OSR Matrix

ID IS IR Surface

Beam Potential Initial S. S Initial S. S S. S Potenti -

(kV) (nA) (nA) (nA) (nA) (nA) (V)

2 100 100 100 90 70 0

5 140 180 70 45 25 3

10 200 30 25 15 8

15 230 250 45 40 14 -

20 220 240 35 35 14 12
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Table 13. Summary of Current and Surface Potential on GE-1TL OSR Mosaic

Beam Surface
Potential DS Potential

(kV) (nA) (nA) ID/(IS+ID) (V)

2 65 550 .10 7

5 270 250 .52 8

10 350 190 .64 9

15 430 210 .67 9

20 450 220 .67 9

Table 14. Average Transmittance for Coated and Uncoated FEP Telfon
Under Electron/UV Exposure

Sample Pre Test Post Test

Transmittance (%) Transmittance (%)

FEP Teflon 90. 3 87.0

FEP-Teflon 89. 5 87.5
(Heat-treated)

FEP/IO (200 Mn) 84. 6 79. 6

a
FEP/lO + CO (2 KMn) 85.0 82.0

FEP/IO + CO (200 Mn) 84.4 81.7

FEP/lO + CO (2 Mn) 81.8 78. 9

a CO - Chromium Oxide
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Figure 2a. Transmittance and Reflectance of ITO Coated FEP Teflon
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Figure 2b. Transmittance and Reflectance of ITO Coated Microsheet
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Figure 3b. Block of GE-ITL Glass
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Figure 3a. Transmittance of Fused Silica, Borosilicate and GE-1TL Glass
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Figure 4a. OSR Configuration of ITO Coated One-Inch Square Microsheet
100A ITO ON OSR
SURFACE AND CON.

CONDUCTIVE FILLET TINUOUS AROUND EDGE.

ELECTRICALLY CONDUCTIVE OSR ALUMINUM BACKPLATE ELECTRODE
RTV 566 15% GRAPHITE

Figure 4b. Continuous Antistatic Grounded OSR Configuration
100A ITO ON OSR

JSURFACE AND CON.
CONDUCTIVE FILLET X , IIU U R U D;

CHAMIFERED EDGE

ELECTRICALLY CONDUCTIVE OSR ALUMINUM BACKPLATE ELECTRODE
RTV 566 15% GRAPHITE
Figure 4c. Continuous Antistatic Grounded Chamfered OSR Configuration
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Figure 5a. Chamfered Edges of 10 Mil Thick Fused Silica

..............................
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Figure 6. Active Solar Cell Array with Uncoated Microsheet Covergiass
GROUND

TRADITIONAL CONNECTION CNUTV OTN

;,ETHOD CELL____ CNUTVCOTG
CONNECTION COVERGLS

S. WAFER

CONDUCTIVE PAIN T

METHOD0 UNDER COATING APPLIED

DEVELOPMENT AROUND POLISHED EDGE
CELL CONDUCTIVE COATING
CONNECTION

COVERA GLAS
S, WAFER

Figure 7a. Grounded Covergiass Design

Figure 7b. Active 10 Coated Solar Cell Array with
1109S Conductive Epoxy Ground Strip
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Figure 8. Copper Foil Grounding Connection on Kapton
Using Pyralwc Adhesive
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Figure 11. Bulk Conduction Currents for 10 Kapton

Figure 12a. ESD Test Configuration for Copper Tab Bonded to
ITO Coated Kapton with Eccobond 56C
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Figure 12b. 1/2" x 1/2" Conductive Copper Tape Ground Bond to
ITO Coated FEP Teflon

Figure 12c. 1/2" x 1/2" Copper Ground Tab Bonded to ITO Coated FEP Teflon
with Eccobond 56C Conductive Cement
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Figure 14. 2 x 4 10 Coated Solar Cell Array
Performance After Electron Irradiation
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ELECTRIC FIELDS IN IRRADIATED DIELECTRICS

A. R. Frederickson
Rome Air Development Center

ABSTRACT

An existing model for quantitatively predicting electric field build-up in
dielectrics is used to demonstrate the importance of material parameters. Re-
sults indicate that electron irradiation will produce 106 V/cm in important
materials. Parameters which can alter this build-up are discussed. Comparison
to known irradiation induced dielectric charging experiments is discussed.

INTRODUCTION

We wish to discuss the situation where space radiation penetrates a dielec-
tric surface producing internal charge densities, fields, and possible breakdown
effects. There are negligible transient magnetic field effects under typical
space irradiation which corresponds to the classical dielectric work under low
intensity laboratory irradiations. It has long been known that dielectrics can
be made to spontaneously breakdown (discharge) under such irradiations (refs.
1,2) and that breakdown may occur during or hours after cessation of the irradi-
ation (ref. 3). The Lichtenberg figures (ref. 1) which often result from such
discharges are clear indications that internal bulk processes are fundamentally
involved in the discharges. Work with samples which have not discharged indi-
cates that very large (106 V/cm) fields are often generated in irradiated dielec-
trics (refs. 4 to 6). We will apply recently developed (refs. 7,8) methodology
to calculate the internal electric fields, charge densities and current densi-
ties for irradiated dielectrics under such laboratory irradiations. In prin-
ciple the method can be used for space radiations but the necessary set of pa-
rameters has not yet been quantitatively evaluated for space radiation.

The Lichtenberg figure effect is so dramatic that it has long been of in-
terest and results of work on the effect may be helpful to the spacecraft charg-
ing area. The effect is usually reported for electron irradiations above
100 keV but has also been seen for X-rays. The figures are often associated
with a large physical flaw in the sample introduced either prior to or after
the irradiation. Discharges in materials do not always produce figures. Sam-
pies with initial figures can produce further Lichtenberg figures upon subse-

quent additional irradiations. We therefore deduce that spacecraft dielectrics
may discharge spontaneously under irradiation especially in regions of high flawdensity and that dielectrics charged up by irradiation can be discharged by
micrometeorite impact at a later time.
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Early work on discharges in irradiated dielectrics related the discharge
to the sample material, the nature and quantum energy of the radiation, and the
total exposure required to induce discharge. Empirical guidelines have been
used by persons wishing to make Lichtenberg figures based on what worked in the
past. A change in the radiation beam energy or the sample size or shape often
resulted in no discharges but explanations for such effects were not quantita-
tively investigated. Only recently has some basic data and modelling become
available to quantitatively predict the generation of intense electric fieldF
in irradiated dielectrics (refs. 7-9).

From work in the various subfields of radiation transport (photon, proton,
ion, electron, and neutron) we can predict the spatially dependent flux and
current of charged particles at high energies (>100 eV) in the dielectric
(ref. 10). Thus we can predict the spatial distribution of charge deposited by
the high energy radiations. This distribution of charge can then be used to
predict the electric fields internal to the dielectric.

Simultaneously, the problem of electric conduction in irradiated dielec-

trics has been theoretically (ref. 11) and experimentally (ref. 12) investi-
gated. Results from these investigations allow us to calculate the conduction
currents and the relaxation currents arising from the space charge fields in
the dielectrics. It turns out theoretically, as we see below, that the conduc-
tion processes can either cause or prevent the development of breakdown fields.
Information (ref. 13) and discrepancies (ref. 12) in the literature indicate
that a great amount of uncertainty accompanies the evaluation of dielectric
conductivity. However enough data exist that we can use it either as first
guesses in our calculations or as worst case extremum in calculations for engi-

neering application.

We can apply the radiation transport data and thp dielectric conductivity
data to Maxwell's equations and predict the transient or steady state response
of a system of conductors and dielectrics. It is particularly simple in one
dimension (ref. 14) although I believe we are constrained to numerical solu-
tions on the computer in any case. We perform such a one-dimensional (1-D) cal-
culation in this paper to illustrate the generic effects and the important pa-
rameters which relate to the bulk dielectric breakdown problem.

The particular example we choose to look at is dictated by availability of
data on radiation transport, availability and ease of experimental comparison,

possible application to spacecraft situations, and clarity of illustration. We
irradiate thick (0.1 to 0.4 cm) sheets of Teflon with 1 MeV electrons while both
sides of the sheet are at ground potential.

MOD EL

i.,ple and irradiation geometry are shown in figure 1. The front and
r,.!,. are assumed to not perturb the radiation transport in the di-

;. mount of perturbation can be calculated and is truly negligible
• -,munt with electrons (ref. 15). The front electrode must be very
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thin relative to an electron range and the rear electrode must be similar in
atomic number to the dielectric. If the electrodes violate these constraints
it is possible to correct "exactly" for the effect by use of electron transport
codes but that involves extra work not related to the problem at hand.

For most of the calculations presented below, the Teflon was 0.3 cm thick.
It has sometimes been found that breakdown occurs more readily in samples be-
tween one and two electron ranges thick and thus the choice of 0.3 cm. Results
tor other thicknesses are also given to show that theory similarly predicts such
a thickness dependence.

"he irradiation intensity may be high for spacecraft purposes but is
chosen to correspond to easily realizable experimental conditions. Calcula-
tions have been made for various intensities, and nonlinearities which are due
to dark conductivity effects do not become important until the intensity is re-
duccd by 103 or more. For purposes of demonstration only we wish to avoid
t hese effects.

Grounding or fixing the bias on both electrodes makes an immediately tract-
able situation. If we allowed the front surface to float, the calculation
would bcoome more complicated without improving our understanding. Because of
(a) secondary emission effects, (b) the simultaneous presence of positive and
negative charge plasma around the satellite, and (c) photoelectron emission,
it seems that usually a dielectric surface will not charge beyond 104 volts
relative to the rear electrode (body of the satellite). It is clear from the
results that 104 volts on the surface will not significantly alter the large
internal fields generated in the dielectric. Thus, grounding both electrodes
is not expected to deviate from the situation seen on real satellites within
the dielectric except in unusual cases.

The equations and numerical techniques have been completely described
elsewhere (ref. 7). The dielectric is initially net charge neutral. The ir-
• "diation begins at time t = 0 and continues uninterrupted. As electrons
accumulate in the dielectric, electric fields build up resulting in the gener-
ation of significant conduction current. The conduction current also causes

charge to be moved around and deposited in the dielectric. This is a dynamic
process which continues to change dramatically as the irradiation progresses
in time.

At selected times we can use the computer print-out to monitor the spatial
charge density, electric field, net current density (sum of incident electron
W ,ar current and conduction current) and meter current. The meter current is
mathematically determined by Integrating the net current density over the
thickness of the dielectric: it can be thought of as the image current flowing
to the rear electrode so that the electrode remains at ground potential. As we
watch the various quantities change during the irradiation we can understand
the physics of the process.

It is instructive to vary the parameters which describe the dielectric or
the radiation and see the resulting changes. This provides further insight
into the complex physical processes which take place. As In all numerical
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solution techniques it is difficult to pick out the parameters, a-priori, that
are critical to our situation. However, with a few runs given below we can see
that certain parameters are important to the spacecraft charging problem.

RESULTS

The Calculation

Figure 2 describes the current directly attributable to the motion of the

incident electrons as they scatter and lose energy in the dielectric; notice
they are' all stopped before penetrating 0.25 cm. This curve is an approximate
fit to Monte Carlo data (ref. 17) using the function A exp(l - exp Bxn) and is
open to argument since very little data is available. However the shape is es-
sentially correct and should serve our purposes well.

We calculate the rate of charge deposited by this high energy electron

current from the continuity equation

_- = d...J (1)

at dx

in one dimension where p is the charge density, J is the current density,
and x is the depth in the dielectric. We then determine p(t) from

p(t) = p(t = 0) + 2P-- dt' (2)
at'

Figure 3 shows the result for t = 6 seconds.

We can use several methods (Gauss' law is sufficient) to determine the

electric field resulting from such a space density. The electric field result-
ing from the space charge density at t = 6 seconds is shown in figure 4. Note

that peak fields are rapidly approaching 10 5 V/cm. Such large fields must re-

sult in some conduction current.

There are many many models we can use to estimate the conduction currents

(ref. 13). Our purpose is not to validate conduction models but to investigate

the parameters controlling field build-up in irradiated dielectrics. We choose

to use a popular expression for conductivity (refs. 12,13)

a = +00 (3)

where a is conductivity, k is a coefficient empirically determined (ref. 12),

6 is dose rate supplied by the high energy radiation, and 0 is the conduc-

civity under no irradiation. Of course there are many other conductivity ef-
fects (field dependence, trap effects, total dose effects) which could be put
easily into the computer but they do not help clarify the basic picture. Fig-
ure 5 is a plot of equation (3) for the particular case at hand (ref. 18); the
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conductivity is a strongly varying function of depth in the dielectric.

Using the conductivity and electric field data we calculate the conduction
current

c x) = O (x) E(x) (4)

and assuming the high energy electron current, J0, remains constant we determine
the net current in the dielectric, J, from

J(x,t) = Jc(x,t) + J0(x) (5)

Equations (1) and (2) are recalculated at time t using equation (5) to
determine the electric field which results in a changed Jc and the process is
continued, self consistently, using small time steps on the computer.

Data

Figure 6 shows the evolution of J(x) from t=0 to t = 100 seconds; there is
quite a change occurring in Jc(x) over this time span as a result of the
build-up of spacecharge. Figure 7 shows the spacecharge density from t = 0
to t = 100 seconds. The increase in magnitude of p as the irradiation pro-
gresses is a natural result of the deposition of high energy electrons. The
drastic change of shape between p(x,t = 10) and p(x,t = 100) curves is a
dramatic demonstration of the importance of conduction currents. Figure 8 shows
the evolution of E(x) from t = 0 to t = 100 seconds. Notice that E(x) is
approaching maximum values of 106 V/cm which may cause breakdown.

Figure 9 describes the net current density, J(x), for times from 100 to
500 seconds. Notice that as time progresses, the current density is tending
towards a "flat" function. If J(x) were constant then 3p/3t would be zero.
It is postulated here that usually the build-up of conduction current occurs in
such a way that J(x) becomes, ultimately, a constant and final equilibrium is

* obtained. However irradiation and geometrical conditions might be obtainable
*so that oscillatory equilibrium occurs (for example analogous to the Gunn ef-

fect (ref. 19)).

Also notice in figure 9 that the "peak" is continually moving to the right.
This has important implications for the electric field build-up near the rear
electrode. The motion of this "peak" is very dependent on the assumed initial
current distribution, J0 (x), especially in the region of large x. It should
be noted that in this region of x, J0(x) is sometimes called the straggling
tail of the electron penetration distribution and is a subject of current con-
troversy; the exact shape of the curve for J0 (x) at large x is uncertain and
yet may have importance in this dielectric area. At late times in the irradia-
tion, only electrons in this straggling tail region penetrate the dielectric
beyond the centroid of the spacecharge distribution and contribute to a contin-
uing change in the spacecharge density. MeV electrons which do not penetrate
to the "peak" at late times are exactly cancelled by conduction processes at
these shallower depths.
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Figure 10 plots the spacecharge density p(x), at times from 100 to 1000
seconds. Notice that the peak in electron density constantly moves to larger
depths as the electrons in the straggling tail become caught between the repul-
sive force of the charge distribution centroid and the "impenetrable" region of
low conductivity near the rear electrode. An important concept results from
this: If a region of negligible conductivity exists, the Jo(x) distribution
may cause continued spacecharge build-up until the spacecharge fields are com-
parable to the free electron stopping power of the medium which usually exceeds
107 V/cm - a field definitely in the breakdown category.

Also notice in figure 10 the important result that a positive spacecharge
density develops in the region of x = 0.12 cm. This is similar to a result
experimentally observed by Evdokimov and Tubalov (ref. 20) and theoretically

predicted by Matsuoka et al. (ref. 9) by a similar calculation. The positive
spacecharge has important implications for the spacecraft charging problems.
The process which generates the positive spacecharge might be described as
follows:

(a) A large negative spacecharge occurs near the extrapolated range depth
of the incident electrons.

(b) The resulting electric field drives carriers through the conducting
regions, such carriers then pile up at the borders of the less-conductive re-
gions.

(c) In this case, "holes" are driven from the region of high dose rate
(where they are generated) towards the negative charge centroid. Before they
reach the negative charge region they are "stopped" by the significantly lowered
conductivity (at approximately 0.15 cm) near the negative charge centroid.
(This argument is for qualitative purposes and is not meant to imply that either
holes or electrons are the dominant conduction mechanism.)

Figures 11 and 12 show how the net current density continues to decrease on
average, continues to "flatten out" and how the electrons in the straggling tail
continue to add electrons deep in the dielectric. The curves have not been com-
puted for t > 5x104 seconds but it is obvious that straggling electrons will
continue to add charge until the conduction through the unirradiated region,
Jc(x = 0.3 cm), equals the net current at the front surface J(x = 0).

Figure 13 describes the space charge density as time progresses out to

5x104 seconds. The trends evident in prior figures continue but we are now ap-
proaching equilibrium. Another important fact becomes obvious for electron ir-
radiated dielectrics: For fully penetrating radiations such as thin dielectrics

or gamma rays equilibrium is reached at total doses typically 105 rads or less
(ref. 12) but for nonpenetrating radiations the straggling effect can substanti-

ally increase the "dose to equilibrium," in this case to greater than 107 rads.
1

It should be noted that Teflon seriously degrades at 106 rads while most other
dielectrics require 108 or more for degradation.

1 (5xl04 seconds) (2xlO 2 rads/sec) = 107 rads.
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Figure 14 is a plot of the electric field at late times. Notice that the
field Y(x = O,t) has stabilized while at x > 0.1 it has not stabilized. The

electric field is the most important parameter since we are interested in pre-
dicting breakdown. There are three maxima in the field; at the front surface,
at the rear surface, and at approximately 0.18 cm. In one dimension the front
and rear surface fields are derivable from the zeroth and first moments of the
charge distribution (i.e., from the net total charge and the position of the
centroid of the charge) but the fields interior to the dielectric are calculable
only from the full distribution. At late times the field interior to the di-
electric (related to the positive space charge region) becomes larger than the
front surface field and also of sufficient magnitude to produce breakdown.

It should be remembered that the positive space charge region resulted
from the conductivity gradient. We can generalize this result to say that any
dielectric structure with a conductivity gradient is likely to internally
charge up to produce large electric fields in regions adjacent to the gradient
while under external irradiation. If one constructs a dielectric of layers
(even of the same material from different batches) one is introducing another
mechanism whereby dielectric breakdown under irradiation might occur. Conduc-
tivity gradients can be introduced by many factors (heat and light, for example)
and should be avoided in spacecraft dielectrics.

Figure 15 is a plot of the three maxima in the electric field as a function
of time. Of course these results are peculiar to the particular conditions
chosen for this exercise. The relative magnitudes of the maxima (peaks) could
change severely with changes in sample thickness, beam energy, dark conductiv-
ity, or coefficient of induced conductivity k (see eq. (3)). Other terms such
as delayed conductivity, field dependent conductivity, and radiation damage
would also be important. Never-the-less this figure vividly demonstrates thet
breakdown fields can occur with greatest likelihood near the surfaces or in ini-
terior regions of modulated conductivity.

The dark conductivity ao assumed in the calculations was 10- 20 ohm -I

cm- , probably an extreme for "Teflon." Similar calculations were also run for
0O = 10-17 ohm-

1 cm-l, the other extreme, with almost identical results. The
main difference is obvious in figure 15: the interior and rear surface field
strengths do not become quite as large and reach equilibrium sooner.

Teflon has a coefficient of induced conductivity k greater than most

dielectrics of interest. If we decrease k then the equilibrium electric
fields will increase and thus other dielectrics are more likely than "Teflon"

to breakdown. They may easily build up fields 10 times higher than Teflon in

some irradiation conditions.

We can vary the coefficient of radiation induced conductivity by a factorof 10 or more and still be within the range of values reported in the litera- -
ture. Table 1 describes the results for one particular case. Notice that the

coefficient of induced conductivity acts nearly as a dark conductivity term at
the front surface, that is, the electric field is nearly linearly dependent on
resistivity, but at the center and rear the fields are not linearly dependent

on the coefficient. This nonlinearity is strong when the radiation is nonpene-
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trating. With fully penetrating radiation the equilibrium electric fields
are always nearly linearly dependent on the coefficient of radiation induced
conductivity.

It is interesting to vary the dielectric thickness and see how the three
maximum (peak) field strengths vary. Table 2 shows the results for 1 MeV elec-
tron irradiation. In general, fully penetrating radiation is likely to produce
smaller fields than nonpenetrating radiation and Bernhard Gross reports experi-
ments on electron irradiations where breakdowns indeed occur most readily in
samples with thicknesses between one and two electron ranges. However, by no
means are breakdowns exclusive to this thickness range.

COMPARISON WITH EXPERIMENT

Our calculations produce one easy observable - the meter current. Fig-
ure 16 shows the meter current as a function of time during the irradiation.
We have not been able to do the experiment prior to this conference but a simi-
lar experiment and calculation has been reported (ref. 9) with excellent agree-
ment. Considering all the variables and their uncertainties, I would not expect
good agreement in general. For several years we have been performing similar
experiments with y and X-rays without obtaining (meter current) excellent
agreement, but we have created large fields routinely - it is a shocking expe-
rience to handle an irradiated dielectric.

This experiment has been performed once since the conference with poor com-
parison with the theory. The meter current was two orders of magnitude lower
than expected at early time so we raised the beam current intensity to 4xlO

- 4

A/m2 . The current slowly rose in time starting at 2xl - 8 A and 3000 seconds
later was 2.7x10- 7 A declining to 1.3x10- 7 A by 104 seconds. After 3000 seconds
the meter began violent, sometimes full scale pulsing reflecting some sort of
breakdown process which grew throughout the remaining irradiation. This irradi-
ation was significantly more intense than the calculations above, but such an
effect would not be predicted by the model.

2

There are methods for investigating the trapped charge distribution in the
dielectric such as thermally stimulated discharge and others (ref. 20), but the
methods are indirect and may contain weak assumptions. This area seems to be
more popular in the recent literature. I hope further work in this area will
prove helpful to us. We would like to do similar calculations for a broad spec-
trum of irradiations but it will be hard work to put together a dose profile for
1 keV to 10 MeV electrons from the literature; it will be impossible to find
data to construct the high energy electron current profile for that energy
range. The best we could do is to make a guess or to get "someone" to do a
Monte-Carlo run for a specific spectra of interest. Based on experience from
several tens of calculations (refs. 7,12) for a variety of materials under a
variety of irradiations I believe that for any given spectrum with quanta above

21mmediately prior to publication a lower intensity experiment was performed
and gave agreement with the model at early times. The reason for the above dis-
crepancies is not yet clear.
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10 keV large fields will be generated in most "good" dielectrics and that given
a particular dielectric geometry it is the unusual spectra which would not sub-
stantially charge dielectrics. I think it would be unlikely to find a spectra
which would not charge a dielectric to >105 V/cm; further work is required to
prove or disprove this statement (ref. 21).

It is here proposed that the following experiment be done because it is
central to spacecraft charging. The theory described above can predict values
for radiation induced conductivity and dark conductivity which would signifi-
cantly reduce the maximum electric fields. We know that nonpenetrating high
energy electrons are as troublesome as any radiations so we could alter samples
to increase k and o0 and use electrons to test their charge-up response.
It may be possible to formulate dielectrics with the proper spacecraft proper-
ties (optical, thermal, mechanical as well as conductive) without the danger of
field build-up.

It is clear that effects such as field dependent conductivity, dose re-
lated damage, radiation induced traps, contacts, etc., can be important. They
all impact the generation of fields through the conductivity term in our model.
Their quantitative evaluation is very variable for materials of interest. At
this time, such effects seem to be relatively small compared to the radiation
induced conductivity term. But, it might be profitable to consider these ef-
fects with an eye to increasing the conductivity under irradiation and through
the unirradiated region, if any exists. Experiments on these effects would be
helpful.

SUMMARY

We have described a model which predicts currents and fields in irradiated
dielectrics; we find some weak empirical agreement in the literature and in our
own experiments. It turns out that the parameters which describe the conduc-
tion mechanisms in the dielectric may be critical for spacecraft purposes since
they seem to be the handle by which we can prevent excessive electric field
build-up. A nonuniform conductivity profile in the dielectric is shown to be
potentially important: we should avoid such profiles. In general the higher
energy quanta (>10 keV) are probably more important because they penetrate
deeper and deposit greater electric potential energy in the dielectric causing
more energetic breakdown discharges.

Several suggestions are made concerning the search for usable dielectrics
which will not substantially charge up; increasing the bulk conductivity offers
the greatest potential for eliminating discharges and decreasing differential
charging.
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TABLE 1. - PEAK ELECTRIC FIELDS AT EQUILIBRIUM FOR 0.24-cm-THICK

TEFLON UNDER 1-MeV ELECTRONS FOR THREE ASSUMED VALUES OF k
-5 2- 17 - 1 -1

[10 A/m 2 ; 00 - 10 ohm cm-1

k (see eq.(3)) Equilibrium Electric Field Intensity, V/cm

sec/ohm meter rad Front Center Rear

10- 14 .056 .047 .52

10- 15 .545 .40 2.78

10- 16  4.81 2.42 10.2

TABLE 2. - PEAK ELECTRIC FIELD INTENSITIES AS FUNCTION OF "TEFLON"

THICKNESS FOR ASSUMED VALUE OF DARK CONDUCTIVITY
-17 -1 1- 15

[G0 = 1017 ohm-cm-; k 10

Dielectric Equilibrium Field, 106 V/cm
SThickness Front Center -- Rear

.10 cm .069 not defined .108

.15 cm .221 not defined .639

.18 cm .375 (.12) 1.71

.20 cm .466 .20 2.76

.22 cm .521 .31 3.34

24 cm .545 .40 2.78

.30 cm .559 .50 1.04

5
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EFFECTS OF ELECTRON IRRADIATION ON LARGE INSULATING SURFACES

USED FOR EUROPEAN COMMUNICATIONS SATELLITES

J. Reddy and B. E. Serene
European Space Agency

INTRODUCTION

The Orbital Test Satellite (OTS) and its derivatives ECS (European
Communications Satellite) and MARECS (Maritime ECS) make extensive use of
aluminised kapton for passive thermal control.

The satellites are three axis stabilised and in geostationary orbit
(OTS at 100E). The external configuration is such that the kapton is in
contact with the plasma and is able to charge electrostatically.

Some time ago a test programme was initiated to establish the maximum
charging potentials of these surfaces and to give some indication of the
discharge characteristics (Ref. 1). The results of this work, together with
results obtaine(O by others (Ref. 2, 3) led us to believe that the discharge
characteristics and the consequent material degradation would be related to
the size of the charging surface. In view of the large exposed insulating
surfaces on OTS it was decided to perform a series of measurements on large
samples (z 0.5 m2 ) in order to establish the discharge rates and characteris-
tics and observe any material degradation.

TEST SAMPLES AND PREPARATION

The largest exposed surfaces which present an insulating surface to the
*plasma are the VHF Shield Assembly and the Antenna Dish.

The VHF Shield Assembly is shown schematically in Fig. 1. The outer layer
of aluminised kapton is separated from a relatively thick sheet of aluminium
foil by a thin (6 P) layer of kapton. The thick aluminium foil is connected
electrically to the satellite structure and provides a continuous ground
plane for the VHF Antennas on the satellite. The complete assembly is held
together by means of adhesive kapton tape. In addition to this, and in order
to provide a nominal electrical connection between the vacuum deposited
aluminium and the main aluminium foil, a small rivet and washer assembly is
used, shown in Fig. 2. For their assembly the central kapton layer is perforated
allowing the aluminium to squeeze through and so provide electrical continuity.

The VHF Shield Assembly is completed by a number of venting holes shown in
Fig. 3.

570



The second item under test was a sample of the structure used for the main
antenna dish. A schematic of this structure is shown in Fig. 4. This antenna
comprises an aluminium honeycomb on which is mounted a carbon fibre sheet
which is painted with white paint, type S13 GLO. It was not certain if this
paint was conductive, and even so, the electrical continuity between the
carbon fibre and the honeycomb was not assured.

Samples measuring 0.7 m x 0.7 m of these assemblies were prepared and
mounted on an aluminium frame. The conductive rear surfaces of the samples
were connected electrically to the frame which could then be used to provide
a reference point for the measurements.

TEST CONFIGURATION AND CONDITIONS

The tests were performed under an Estec contract and financial and
technical management by the Deutsche Forshungs und Versuchsanstalt far Luft
und Raumfahrt (DFVLR) at Porz Wahn in Germany (Ref. 6). The chamber is shown
in Fig. 5 and has a conventional commercial electron gun as a source. This is
followed by a scattering foil (2 p thick) in order to achieve reasonable
homogeneity over the sample area. The scattering foil details are described in
Ref. 4. The beam homogeneity was measured using three simple sensors traversing
the chamber in the plane of the test object.

With the incident electron beam of 25 keV (before the scattering foil) the
homogeneity obtained in the plane of the test sample was approximately 30 %.
The flux profile is shown in Fig. 6.

The mounted samples were suspended in the chamber and isolated from it
(Fig. 7). The frame was connected by means of a dedicated wire to a ground
reference point external to the chamber. This allowed measurement of the
leakage current and the discharge current. The incident flux was monitored by
means of a fixed sensor in the plane of the test sample. A thermistor was
mounted on the rear surface of the sample to measure temperature.

In addition to the above, a commercial field mill was installed on the
scanning mechanism with the intention of measuring the sample surface potential.
Unfortunately, due to the flexibility of the samples the mutual attraction of
the field mill and sample precluded such measurements.

The discharge current was measured using a current probe type P6022
connected to a Biomation 8000 transient recorder. A schematic diagram of the
electrical configuration is shown in Fig. 8.

The samples were irradiated for eight hours at two temperatures - room
temperature (approx 200) and liquid nitrogen temperature (-1730 C) under a
vacuum of 10- 6torr.
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The effects of illumination of the surfaces on charging were simulated
by illuminating the test samples with a simple 500 watt lamp mounted outside
the chamber.

-2
The incident flux was 10 n amperes.cm . The electron beam energy after

scattering was not measrred directly but has been calculated to have the
profile shown in Fig. 9. (Ref. 5 also.)

TEST RESULTS

The test results will be presented as follows:

a) Visual observations during irradiation by electrons

b) Measurements made of leakage current and discharge characteristics

c) Observations of material degradation after irradiation is completed

VISUAL OBSERVATIONS

VHF Shield Assembly

The most immediate observation made during the irradiation of the VHF
Shield Assembly was that it appeared as it the entire surface discharged
with the major part of the illumination being around the venting holes and
the central rivet (Fig. 10). In fact two distinct forms of discharge were
observed. The first already described and also smaller point discharges
apparently located randomly on the sample.

Antenna Structure

The visual observations here were limited to discharges observed at a
particular point on the surface. The intensity of the discharges was so low
that photography was not possible.

In addition to the discharges it was observed that the painted surfaces
fluoresced with a yellow-green colour at room temperature but with a blue-
violet colour at liquid nitrogen temperature. The explanation for this is not 4
obvious.
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ELECTRICAL MEASUREMENTS

VHF Shield Assembly

A plot of the leakage current versus time is shown in Fig. 11 showing
the charging characteristics and the discharges. The rate of discharges is
shown in Table I where it can be seen that the discharges became less frequent
as the test proceeded.

During illumination with the lamp no discharges were observed at all.

Typical discharge currents are shown in Figs. 12 and 13. Unfortunately,
equipment limitations did not allow an absolute measurement of the maximum
amplitude. However, it can be seen that the amplitude may be in excess of
400 amperes with a rise time faster than one hundred nanoseconds and a pulse
width of four microseconds. We should also note that the measurements were
made on a ground connection several metres long which suggests that the actual
maximum could be even higher.

Antenna Structure

A plot of the leakage current versus time in the antenna structure is
shown in Fig 14. The rate of discharges is shown in Table 2, and here it can
be seen that the rate of discharges stays constant and are only observed at
liquid nitrogen temperatures.

Illumination with the lamp resulted in no change in the discharge
characteristics indicating that there is little photo-emmission from this
paint.

The discharge current was measured and is shown in Figs 15 and 16. It can
be seen that the maximum current is considerably less thaft one amp~re. In
addition there is a pronounced 'ringing' associated with the length of the

ground connection.

MATERIAL DEGRADATION

VHF Shield Assembly

The degradation of the vacuum deposited aluminium (VDA) is shown in
Figs 17 - 20. As can be seen there has been considerable evaporation of the
VDA in the regions surrounding the venting holes and the rivet. The
evaporation of the VDA surrounding the rivet was sufficient to isolate the
rivet from the VDA itself. In addition to the damage around the holes, damage
was observed in the regions associated with small indentations in the VDA.
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Further investigations showed that there was no degradation in the kapton
itself even in those areas where VDA was evaporated.

In one instance the rear aluminium foil was actually punctured, apparently
by the force of the aluminium evaporating. The area of VDA which was evaporated
is estimated to be 0.3 % of the total surface area.

Antenna Structure

The only observable effect on the antenna structure surface was some
discolouration of the paint in the region where discharges were observed.
Closer inspection showed that the paint finish at this point was not very good
and the possibility is that this defect promoted the discharges and subsequent
degradation.

CONCLUSIONS

From the foregoing results it is clear that although it is capable of
charging to a reasonably high potential, the effects of discharges on material
property and EMI for the antenna structure are relatively insignificant.

For the VHF Shield Assembly the opposite is true. Here we have seen
considerable damage to the VDA and associated with this are very large
transient currents which could severely affect the system electronics.

It is difficult to assess the effects of the loss of VDA on the overall
thermal design; however, a simple solution to this problem is to make the
aluminum layer much thicker. This solution has been tried and the results
are reported in Ref. 3. Furthermore, the need to reduce edges to a minimum by
the exclusion of holes and rivets is also obvious.

With regard to the current transients solutions are somewhat less
immediate. We have seen on smaller examples (0.1 m x 0.1 m) current transients
of the order of thirty ampbres. For samples described here we have currents of
the order of several hundred ampbres. Clearly there is a limit to the maximum
amplitude which may be seen regardless of surface dimensions. However, it is
certain that the energy dissipated in the discharge will continue to increase.
The test results given here indicate a maximum discharge energy of the order
of tens of joules. Such energy flowing in the satellite structure is almost
certain to result in anomalous electronic behaviour.

With the present external satellite design 'frozen' with regard to
thermally acceptable materials the only solution to this problem would appear
to be desensitisation of all susceptible electronic circuitry.

Finally, it must be emphasised that any attempts to evaluate the char-
ging and more importantly the discharging behaviour of materials must be made
on samples which reflect accurately the mechanical configuration and more
importantly the actual operational dimensions.
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Table 1 Rate of discharges of the VHF Shield Assembly

Number of discharges

Time Room temperature LiN 2

First hour 16 18

Second hour 17 14

Third hour 7 8

Fourth hour 2 0

Fifth hour 12 2

Sixth hour 14 2

Seventh hour 1 0

Eighth hour 4 4

Table 2 Rate of discharges of Antenna Structure

Number of discharges

Time Room temperature LiN 2

First hour zero z130

Second hour zero constant

Third hour zero constant

Fourth hour zero constant

Fifth hour zero constant

Sixth hour zero constantSixth hour zero constant 
,

Eighth hour zero constant
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Fig 3: overall blanket view
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SKYNET SATELLITE ELECTRON PRECHARGING EXPERIMENTS*

Victor A. J. van Lint, David A. Fromme, Roger Stettner
Mission Research Corporation

ABSTRACT

Large surface areas (_ I m2 ) of the Skynet I Qualification Model (SQM) sat-
ellite were exposed to the environments of a) a flux of monoenergetic electrons
and b) pulsed high-intensity X-ray photons from an exploding-wire-radiator (EWR)
source, separately and simultaneously. Experiments were performed with both the
cylindrical solar-cell panels and the end thermal blanket exposed to these envi-
ronments. The satellite was instrumented with fiber-optics isolated fast-
response sensors capable of sensing and recording the time-varying electric
fields and surface currents on the satellite. Spontaneous discharges of the two
surfaces were characterized prior to measurements of the interaction of the
System-Generated Electromagnetic Pulse (SGEMP) from the X-ray photon burst with
the electron precharged surfaces.

Spontaneous discharges of thermal blankets and of solar cells differed in
several respects. Solar-cell discharges resulted in much larger changes in
average satellite potential, with a net satellite charge loss of _ 10-6 coulombs
being measured. Thermal blanket discharges, however, were smaller in magnitude,
with the net loss of charge less than 5xI0 6- coulombs. During the solar-cell
panel experiments, at a precharge potential well below the threshold for spon-
taneous discharge, a discharge which was apparently triggered by an X-ray photon
pulse was observed. This triggered discharge was similar to spontaneous dis-
charges recorded for solar panel illuminations.

A two-dimensional self-consistent finite difference computer code (SEMP)
was used to predict the currents on the Skynet both with and without precharging
of the thermal blanket. These calculations, which used an estimated thermal-
blanket voltage profile, predicted a factor of 2 increase in satellite exterior
axial currents. Measured precharged enhancement factors for peak current den-
sity varied between a factor of 2 and 5 in good agreement with the predictions.
The enhancement is probably due to the effect of the tangential electric fields
rather than the normal field on the photo-electron orbits. A late-time current
(> 100 nsec) was observed in the measurements but not in the predictions. This
current may be due to secondary electrons repelled by the surface potential.

*Work supported by Defense Nuclear Agency under Contract DNAO01-77-C-0009.
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INTRODUCTION

Electron charging and spontaneous discharge characterizations have been per-
formed on a variety of materials in the form of small samples (area L 103 cm2 )
(References 1-7). The potential profiles on insulators, as a function of elec-
tron energy, current density and time have been measured. The frequency of dis-
charge and some characteristics of the discharge process (replacement current
etc.) have been determined. The importance of geometric effects near the
insulator-metal interface has been established. The present experiments were
designed to measure the effect of precharging on the SGEMP (System-Generated
Electromagnetic Pulse) response produced by an exploding-wire radiator on a
large scale sample of typical satellite configuration. As a necessary prerequi-
site some spontaneous discharge measurements were performed.

EXPERIM[NTAL DETAILS

The Skynet Qualification Model (SQM) was provided by Ford Aerospace and
Communications Corporation in conjunction with a series of SGEMP investigations
and was chosen as the test object. The exterior geometry of the Skynet satellite
is illustrated in Figure 1. In orbit it spins around its axis, exposing to the
sun the solar cell panels around the periphery. The 2 x 2 cm silicon solar cells
are covered with .014 cm thick x 2 x 2 cii cover glasses. They are mounted on
eight honeycomb panels comprising two fiberglass sheets around an aluminum core.
The solar cells are interconnected and are electrically connected to the satel-
lite's metal structure by the primary power wiring only. The honeycomb cores
are individually electrically insulated. The top and bottom surfaces of the
thermal blanket are covered with a .01 cm layer of thermal paint (white on the
top shield and black on the bottom). The thermal blanket is composed of a
fiberglass layer .01 cm thick over several layers of aluminized mylar .007 cm
thick supported by a 1.2 cii nylon fiber honeycomb sandwiched between two .005
cm aluminum plates. The aluminum sheets are electrically connected to the satel-
lite's metal structure. On top of the satellite a small microwave reflector is
mounted on a despun motor assembly. On the spinning section this is surrounded
by a grounded metal ring. In the SQM the despun assembly was replaced by a metal
plate during these experiments.

Results from sensors on the inside of the SQM and from internal wiring
have been reported previously (Reference 8).

The SQM was placed inside a 4 in diameter x 6 m long vacuum chamber (fur-
nished by Air Force Weapons Laboratory) attached to the OWL II EWR source (fur-
nished by Physics International Company) as illustrated in Figure 2. A diffuse
electron gun was mounted on the front face of the chamber, exposing the surface
at an angle of - 30' with respect to the EWR source. The accelerating voltage
in the gun was varied between 3 and 15 keV. The current density at the sample
could be adjusted up to 100 LA/mn2. The geometry and properties of the electron
gun produced a nonuniformity in the current density at the irradiated surface of
approximately a factor of two. The vacuum chamber was provided with a LN2-cooled
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annular cold plate surrounding the aperture in the front, which maintained the
vacuum near 1x10 - 5 Torr. The chamber was provided with an electromagnetic damp-
er in the form of two cylindrical 200-Ohm sheets at .8 and .94 tank radii and
a single sheet near the back wall. Pulsed electrical measurements indicate that
the resultant damping times of the tank electrical modes are less than 20 ns.

The satellite metallic structure was grounded to the tank structure through
a 50 ko string of resistors. This provid'd less than 5 volt structure poten-
tials during charging at currents up to 10-4 A/m2 .

The structure was nevertheless isolated during discharges and photon pulses,
both of which have durations significantly less than the 10 sec time constant
of the satellite and resistor chain.

Measurements were performed using a series of EG&G CMLX3B (Reference 9)
surface current sensors on the exterior of the satellite as noted in Figure 1.
All of the data was acquired via fiber-optic data links (Reference 10), recorded
on Tektronix 7912 transient digitizers, and processed on a PDP 11/40 computer.

The characteristics of the photon source output have been discussed in
References 11 and 12. The peak emission currents from surfaces of the satellite
was - 300 A/m2 .

The electrostatic voltage was measured at one location on the top thermal
cover .15 m from the outer edge and in the middle of a solar cell cover .15 m
from the top edge with Trek electrostatic voltage probes. These measurements
were qualitative only, since the irregular surfaces precluded scanning the probe
head and it was left in place during electron spraying. Therefore the voltage
achieved by the nearby surface may have been affected by the presence of the
probe. The measured potentials remained essentially constant after the electron

beam was turned off as long as the chamber pressure was below 2x10 - 5 Torr.

The time derivative of the electric field was monitored on the front ther-
mal blanket opposite the position of the electrostatic voltmeter. Two B loops
were also mounted -.2 m in the front of the front thermal blanket.

CALCULATION METHODS

The calculations were not designed to predict the details of the SGEMP
response but to indicate the magnitude of the effect of precharging and explore
the mechanisms of triggered discharges.

Calculations were based on the hypothesis that the interaction between pre-
charging and SGEMP response was solely the effect of the pre-existing electric
fields on the photoelectron orbits. The objective of the calculations was to
compare SGEMP skin currents and fields with and without precharge; no discharge
model was included in the simulations. The simulations were performed with a
particle follower Maxwell solver SGEMP code. The effect of the SGEMP exposure on
the electric field distribution was calculated to evaluate the hypothesis that
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a discharge can be triggered by an SGEMP-induced increase in local electric
stress.

The potential was measured at only one point in the experiment so that a
measured potential profile was not used in the code simulation. Instead, a
physically reasonable profile was used which incorporated the one data point.
Figure 3 shows the model used in the simulation. The experimentally measured
point showed a voltage difference between the dielectric surface and substrate
of 3 kV. The prescribed profile was taken to be 3 kV between dielectric and
substrate out to 60 cm from the center line, for the last 10 centimeters the
potential difference dropped linearly to zero.

The cell size in the simulation, 2.5 cm is much larger than the actual
dielectric thickness (2x10-2 cm) but smaller than all other physical dimensions.
Physically we wish the potential difference to reflect the change in the real
charge density on the surface, aR , as photoelectrons are emitted. To accomplish
this we can prescribe the dielectric constant in the simulation. The relation-
ship between voltage V and real charge density for a thin flat dielectric of
thickness d is given by aR = V/d. The code value of , cc is given by cc =
EAz/d, where e is the actual dielectric constant in the experiment (about 4), d
is the actual dielectric thickness, and Az is equal to the grid size in the code.

The simulations with precharge were made by first slowly placing charge on
the grid elements in the computer code SEMP. During the photon pulse simulation
particles were emitted from the dielectric surface using a typical time history
chosen ;rom several individual shot records and a peak emission current of
1.8xi0 - amp/cm4. A linear times exponential energy distribution having an
average energy of 1.6 keV was used together with a cosine angular distribution
with respect to the normal. This distribution represents adequately the emitted
spectrum and distribution caused by the exploding wire photon source. Simula-
tions were made both with and without precharging using the same time history
and spectrum.

The effect of the SGEMP exposure on the electric field distribution was
also calculated to evaluate the hypothesis that a discharge can be triggered
by an SGEMP-induced increase in local electric stress.

SPONTANEOUS DISCHARGE - THERMAL BLANKET

The nature of the spontaneous discharges observed visually on the thermal
blanket and the solar cells were significantly different.

The thermal blanket discharges appeared as several small pin-points. The A
points were irregularly located, often near but not limited to the perimeter
and mounting screws of the thermal blanket. Visually, many of these points
would appear at approximately the same time.

The results from a B loop mounted in front of the front thermal blanket
are shown in Figure 4. The trace shows fairly clear evidence of multiple exci-
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tations over a time frame of -600 nsec. Both the visual observations and the
B traces shown were taken during a test period when the electron beam energy was
near the threshold for breakdown and discharges occurred at a rate of 1-2 per
minute as measured on the electrostatic voltage probe at a beam current of
9x1 0- A/cm 2.

The electrostatic voltmeter trace (Figure 5) provides a record of a typical
thermal blanket charging/discharging sequence. The initial charging is typical
of a charging capacitor and has been studied in detail on small samples, with
movable voltage probes which provide a better measure of the surface potential
distribution. There are two significant features of the discharges, indicated
by slight vertical deflections in Figure 5. The first is that the discharge
did not occur below a certain threshold beam energy, which corresponds to a
threshold potential. The second feature is that a discharge seems to represent
a minor perturbation of the surface potential at the probe location. The probe
is at a fixed point and the discharges could be remote (_ .5 m) from the probe.
Nevertheless, the discharges do not seem to involve the entire area (or even a
large fraction of the area) since the voltage does not drop significantly.

The E probe, located 1800 opposite the electrostatic voltage probe, pro-
vided time resolution of the voltage change during a discharge. The traces
shown in Figure 6 present the output from this probe for several of the spon-
taneous discharges. A feature of this E trace is the precursor (noted by the
arrow in Figure 6). The precursor corresponds to an increase in the potential
(less negative) over a period of -200 nsec prior to the sudden onset of the
main discharge lasting - 100 nsec.

The area of the E probe trace is approximately zero indicating the electric
field (and charge) near the probe fluctuates during a thermal blanket discharge
but undergoes no significant net change. This agrees with the TREK probe
measurements at another location.

A second feature that should be noted is the high frequency oscillations
present in the main discharge time frame. The response of the satellite struc-
ture to thermal blanket discharges was described in a previous paper (Reference
8). The satellite response when compared to previous electrical and photon
tests (References 8 and 13) suggests that 1) the discharge process consists
of a number of discrete fast events, 2) the discharge was far from axially
symmetric, and 3) secondary excitations occur in the - 600 nsec time frame.

All of these results agree with the external sensor results presented in
this paper.

SPONTANEOUS DISCHARGES - SOLAR CELLS

The typical solar cell discharge appeared visually as a localized line
spark along the edge of one or a few solar cell cover glasses, rather than the
several light spots noted on thermal blanket discharges. 4

591



Portions of the trace from the electrostatic voltmeter during a charging/
discharqinq sequence of the solar cells is given in Figure 7. Several important
features should be noted. The discharges occur above a certain threshold poten-
tial as in the thermal blanket discharges. The absolute magnitude of this
threshold in these measurements is biased by the fact that the voltage probe
could not move and shadows the immediate area of the measurements. The second
feature (obvious in several of the discharges) is the magnitude of the voltage
change. In one particular case (Figure 7b) the potential fell almost to zero
volts, corresponding to a clean wipe-off of the charge on the solar cell being
monitored.

The final feature (Figure 7a & 7c) is an increase in the potential of the
solar cell being monitored. This occurred on several occasions and corresponds
to a transfer of electrons from a surrounding solar cell to the cell being moni-
tored.

Replacement current, measured on the 50 ko resistor chain (Figure 8), con-
sistently indicated that - 1000 nC of electrons were transported from the model
to the tank walls during solar cell discharqes. This amount of charge would
raise the average potential of the solar cell covers to near ground, after which

electrons would no longer be accelerated to the tank walls. This amount of charge
also corresponds approximately to the amount of charge stored on a single solar

cell cover calculated from the measured surface potential. Figure 8b also in-
cludes an example of a second high frequency excitation - 600 nsec after the
initial discharge.

The rise time of the replacement current is determined by the time history
of the electrons leaving the model and their transit times to the tank wall.
The expected electron energy at the tank wall corresponds to the average poten-
tial of the satellite. The average potential experienced by the electron will
be significantly less than this due to the decrease in satellite potential (from
charge emission) and to the spatial distribution of the potential. An average

potential of I kV produces an electron transit time of several hundred nanoseconds,
in reasonable agreement with Figure 8, and indicates a discharge emission time
less than 100 nanoseconds. Results from sensors on the satellite presented in a
previous paper (Reference 8) indicated that solar cell discharges excited external
surface currents much larger than thermal blanket discharges. This agrees with
the net charge loss measurements.

SGEMP RESPONSE OF PRECHARGED SATELLITE

The SQM was exposed to a series of EWR irradiations in an uncharged state
and after a 10 minute exposure at 3xlO - 5 A/m of electrons from the gun at 10 kV

potential. The thermal cover was exposed four times (twice without charge and

twice precharged). The solar cells were exposed four times (once without charge
and three times precharged).

The external axial current density for thermal blanket irradiation is com-
pared in Figure 9 with the results of the computer predictions. Both the calcu-

592



lations and measurements exhibit an increase in peak current compared to the
uncharged response.

This peak current increase due to precharging is probably due to the modi-
fication of electron orbits by the tangential electric field. The static normal
field due to charging is _104 V/m and is small compared to the measured space
charge fields of 105 V/m (Reference 14). A previous experiment and calculations
with a metal disk charged to -10 kV indicated less than a 30% change in SGEMP
response due to a field which is normal to the surface at all points. The dif-
ferential charging of a dielectric above a grounded substrate can lead to signi-
ficant potential gradients on the satellite and gives rise to tranrverse fields
that affect every electron.

The broadening of the pulse shape noted in computer predictions cannot be
confirmed by the measurement since the two photon pulses did differ in pulse
shape in the 0-40 nsec range. The oscillations which produce the peak at 80 nsec
in the predictions and at approximately 40 nsec and 60 nsec in the measurements
are due to the interaction of the interior of the satellite with the external
current through the gaps between the thermal blanket and the solar panel. The
late time current (> 100 nsec) noted in the measurement is not due to this dif-
ference in pulse shape and is not present in the computer simulation. The
late time current may be due to secondary electrons emitted from the surface
which would normally be forced back to the surface by the space charge field.
In the precharged case these electrons are repelled by the surface charge and
may contribute to the net current from the top to the side of the satellite.
Since the code does not produce or propagate secondary electrons they do not
appear in the code.

Larger peak values and broadening of the pulse shape were typical of most
of the sensors on the surface and in the interior of the satellite (Reference 8).

The external axial surface current density for a solar panel illumination
with and without precharging is compared in Figure 10. The peak current density
increase of a factor of 2-5 was comparable to that noted on the thermal blanket
measurements.

Figure 11 represents the time histories for the axial current sensor,
azimuthal current sensor and an axial surface current sensor on the inside of
the solar panel during one of three solar panel precharged shots. The time of the
photon excitation is noted by an arrow. An intense excitation on both of the
axial current sensors occurs approximately 65 nsec after the photon pulse. The
threshold for spontaneous discharges on the solar panel corresponded to a beam
voltage of 14 kV during the previous electron exposures. No spontaneous dis-
charges occurred at 10 kV, which was the beam voltage used for the charging
prior to the photon irradiation. Thus it is likely that the discharge observed
was triggered by the photon irradiation. The response of sensors near the
illuminated solar panel was much larger than those further away as expected.
The characteristics of the triggered discharge are similar to the spontaneoussolar cell discharge characteristics discussed earlier as far as the instrumen-
tation and analysis available thus far would determine.
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The two-dimensional code described earlier was used to investigate possible
mechanisms for triggering discharges. The simplest assumption regarding the
triggering mechanism for either spontaneous or triggered discharges is to
assume an electric field threshold exists above which a discharge occurs. The
simulation was run for a model of the thermal blanket shown schematically in
Figure 12a. A potential profile consistent with the single measured potential
and graded linearly to the edge of the dielectric was assumed. The solid line
in Figure 12b is a histogram of the electric fields normal to the surface at
positions just above the surface resulting from this linear potential. The
solid lines (0 nsec) represent the field just prior to the photon pulse. The
dotted and dashed lines represent the field strengths at 15 & 30 nsec after the
photon pulse. The normal fields above the surface (at 15 nsec and 30 nsec) are
significantly higher than the uncharged photon response and higher than the
initial field due to charging. The tangential field at Position 7 is increased
also. As expected near the center of the dielectric there is very little change
in the electric fields within the dielectric. Near the edge (Position 4) the
field within the dielectric is increased but only slightly. The radial elec-
tric field in this simulation achieves its highest value both within and above
the dielectric, prior to the photon pulse; the photons merely cause a relaxation
of the radial fields at the positions investigated. The magnitude of the in-
creases predicted by this simulation are not valid estimates due to cell size
limitations.

The above simulation was run for a model of the thermal blanket. The
geometry of a solar cell, which has a metal tab extending beyond the dielectric,
would probably enhance the effects seen on this computer model. The simulation
could not contain enough detail to treat the solar cell case.

Two major points, however, can be made from the simulation. Fields in ex-
cess of those due to the initial charging can be produced by the rearrangement
of charge on a dielectric during a photon pulse, and this rearrangement of
charge from the pulse lasts beyond the end of the pulse. The latter could be
critical in terms of providing time for a discharge to begin. Research on
vacuum dielectric breakdown has indicated that short pulse voltage thresholds
are higher than the threshold for long pulses.

The triggered discharge may have very serious consequences for satellite
design. The existing evidence indicates that solar-panel spontaneous discharges
are limited to one or a few cover glasses. If a large number of cover glasses
were charged to near their spontaneous discharge threshold, an intense photon
pulse could trigger a simultaneous discharge of many of them, resulting in an
electrical stress to the electronics much more severe than normally encountered.

SUMMARY

Spontaneous discharges on the large area thermal blanket material differed
significantly from those on the solar panels covered with 2 x 2 cm solar cells.
This is to be expected since the materials are quite different (paint and quartz)
with quite different surfaces which affect the secondary electron emission.
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Thermal blanket discharges: (1) appeared as multiple pin points, (2) seemed to
consist of multiple high frequency discrete events, and (3) corresponded to small
average satellite potential changes (small net charge loss < 50 nC). Solar panel
spontaneous discharges: (1) appeared to be single line discharges near the edge
of one or more solar cells, (2) corresponded to large average satellite poten-
tial changes (net charge loss - 1000 nC), (3) sometimes represent total discharge
of at least one solar cell, and (4) seem to be limited to one or a few solar cells.

The magnitude of the modification of the SGEMP surface current response
for thermal blanket illumination was in good agreement with the computer simula-
tion. Thus the modification of the electron orbits by the transverse electric
field seems to explain the enhancement of the SGEMP response to first order. A
late time (> 100 nsec) current was noted experimentally but not in the code pre-
dictions. This may be due to secondary electrons not in the code.

A discharge which was very probably triggered by a photon pulse was observed
on the solar cells. Its characteristics were similar to a spontaneous solar cell
discharge. The possibility of triggering many solar cells simultaneously could
pose a serious threat to electronics. A code simulation has indicated that an
increase of surface potential gradients due to charge rearrangement during a pho-
ton pulse on a precharged surface could be the mechanism for triggering a dis-
charge at potentials below the threshold.

Many thanks to John Rutherford and IRT Corporation, San Diego for support in
designing and operating the electron gun; Harry Diamond Laboratories, Nasa
Lewis Research and Spire Corporation for instrumentation support.
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POTENTIAL MAPPING WITH CHARGED-PARTICLE BEAMS*

James W. Robinson
David G. Tilley

The Pennsylvania State University

SUMMARY

Spacecraft charging produces electric fields near the structures being
tested. The calculation of the fields is often difficult because of a complex
ge-metry or a lack of data for dielectric surface potentials. This work seeks
experimental methods of mapping the equipotential surfaces near some structure
of interest. Such measurements can verify or supplement calculations. The
two methods described rely on the detection of charged particles which have
traversed the regions of interest and are detected remotely. Whereas tech-
ques have been developed previously for use with rotationally symmetric
systems, no such restriction is applied in this work. One method is the
measurement of ion energies for ions created at a point of interest and
expelled from the region by the fields. The ion energy at the detector in eV
corresponds to the potential where the ion was created. An ionizing beam
forms the ions from background neutrals. The other method is to inject
charged particles into the region of interest and to locate their exit points.
A set of several trajectories becomes a data base for a systematic mapping
technique. An iterative solution of a boundary value problem establishes
concepts and limitations pertaining to the mapping problem.

INTRODUCTION

Measurements of electrical potential ultimately depend upon making an
observation of a charged particle in the region of interest. Often some
mechanical device is also inserted into the region but ideally one would use
the smallest charge, the electron, by itself. Then the perturbing effect of
the measurement would be at a minimum. This paper describes two approaches
for making potential measurements in vacuum where nearby surface charges
create the potentials to be measured. The methods both strive to keep the
density of test charges to a minimum. All detection equipment is kept out of
the region being measured.

The first of these two methods uses the neutral atoms or molecules always
present. A collimated ionizing beam of electrons or photons passes through
the region and the ions formed are collected and analyzed as they Irift out
of the region. Typically the pressure will be i0-l Torr and ions will be

*This work was supported by The National Aeronautics and Space Administration

under grant number NSG-3166.
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detected with a colntinuous-dynode avalanche detector. The field must be
oriented to expel ions for this method to be useable.

The other method requires no background neutrals and it is usable with
fields of either polarity. Low-current particle beams are injected into the
region of interest with known velocities and entry positions. Exit points
are measured. The data from many trajectories may be combined in a iterative
calculation that generates a map of the potential in the region probed by
the beams.

These two methods have similar purposes but they differ sufficiently in
technique that they are described separately in the two major sections of
this report. Work is in progress for both methods so that directions of
effort are indicated where appropriate.

IONIZATION OF NEUTRALS

This method of measuring potential is simple in concept. If a neutral
molecule is located at some point of interest and is ionized by some process,
then it will be accelerated by the electric fields and strike a properly
positioned detector at reference potential. If the detector can measure the
energy of the particle, then that energy (in eV) can be equated to the
poteitial at the original point. A series of measurements point by point
provides a map of the region of interest. Several variations of this method
are possible but several constraints need to be recognized.

Resolution

The first quantity for which resolution is important is the position of
the source point. Ions are generated in some neighborhood having radius a
and centered at point r . If the potential function to be measured is (r)

0

th n its value will be in the range

) ,(ro) +-r (Ar + a) + ()

where T represents a random spread in the ion energies. in most situations,
say for P(r)- lV, randomness in ion energies may be neglected. However the
spread of electron energies may be much higher. Hence ions are the preferred
species in many situations but then the gradients must be such as to drive
ions toward the detector. The randomness arises from the thermal energy of
the neutrals being ionized and from energy imparted by the ionizing agent.

The quantity a depends on the width of the particle beam or photon beam
which is employed to ionize atoms. This parameter can be made very small by
the use of focussed electron beams while with either photons or electrons
the required fluxes are small enough that a pair of pin holes will emit a
sufficient beam having a diameter of a few millimeters at the point of inter-
est. Finally th, effects of beam steering must be considered. Any beam is
directed no more accurately than permitted by the reproducibility of
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mechanical settings. However this feature should not set a significant limit.
Rather the alignment of a system is the critical feature. Also an ionizing
electron beam can be deflected by magnetic fields or electrostatic fields so
that Ar can be unacceptably large. Increasing electron velocity to decrease
Ar is only moderately helpful because above 100 eV, ionization cross sections
decrease. When the preceding factors are weighed, the optimum choice for an
ionizing agent often will be a collimated beam of photons.

The second quantity to be measured is energy of the ions being detected.
After the ions enter the orifice of the detector thex must be subjected to
some selection process. Either some theshold condition may be imposed such
that only those ions with energy exceeding the theshold are recorded, or some
system such as a curved-plate analyzer may select particles with energies in
a specified band. A threshold device we have used is recommended as it is
capable of resolving to within 2% whereai a typical curved-plate system

resol\7es at 7% (ref. 1).

Restrictions

Because of the desire to minimize the effects on the system being
measured, one should observe several precautions. First the ionizing beam
itself should not strike any surfaces. Otherwise it would modify the
surface charge and the potentials at points of interest, ideally the beam
would pass by the structure creating the potential distribution and be
absorbed in a dump on the other side from the source.

Another beam effect less easily dismissed is the drifting of electrons
to the structure. These electrons are released along with ions at the point
of interest. If ions are repelled from the structure, the electrons will be
attracted. When neutral gas pressure is uniform throughout the vacuum
chamber, ions an. electrons are released from all points along the ionizing
beam path, yet they are needed only at the one point. Conceivably the
neutrals could be concentrated at the region of interest by pumping the
chamber to a substantially lower pressure while ilijecting gas through an
appropriately directed nozzle. Then, a beam of neutral atoms would cross
paths with the ionizing beam. 'Tse of a sensitive detector is necessary to
minimize the charged-particle perturbations. The ionizing beam should be
only as intense as needed for ohberving the response.

When an electron ionizing beam is used, the beam itself perturbs the
potentials being measured. If a beam having radius a carries current I
where acceleration is through voltagL, V, then the line charge density,
using inks, is

P =(2)

The potential at a relative to some reference radius r is
0

V(a) - V(ro ) = in (r a) (3)
0 0

For a typical beam of I rm, 10 -A, and 100 V, where we let the reference r
6
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correspond to separation between beam and structure (say 0.1 m) we find that
V(a) - V(r ) = 0.0138V. This can be ignored.

Electron Beam Experiments

An electron beam source and ion detector were built by David Ross as
described in reference 2. These systems are described here and some results
are given.

The electron gun consisted of a hot tungsten wire placed behind a pair
of apertures. The outer aperture had a diameter of 1.1 mm and it was placed
19.6 mm from the inner aperture having a diameter of 1.4 mm. The apertures
were grounded and the filament was biased at -150V to produce a current. As
a fine wire probe was moved through the path of the beam, it showed a beam
divergence of 2.60 such that at a typical working d stance of 10 cm, the
beam width was 4.5 mm. Currents, approximately 10- A, detected by the 1-mm
probe wire provided more than adequate ionization.

The test configuration was a conducting right-dihedral angle biased
typically at 70V relative to the detector located near the ground plane.
Figure I shows computed equipotential contours and particle trajectories for
the test configuration. The detector moved along the x-axis. The ion source

was mounted with two degrees of freedom along the x and y axes and projected
a beam more or less parallel to the apex of the wedge. The experiment was
essentially two-dimensional.

The basic detector design is illustrated in figure 2. It provides four
functions, a measure of beam position at the detector plane, a measure of beam
angle, a measure of ion energy, and a means of detecting particles. The
detector element was a continous-dynode electron multiplier operated in a
pulse-generating mode so that it would indicate the impact of an ion on its
input cone. It was followed with a two-stage 10-X amplifier, an oscilloscope
which showed pulses, and a counter. For ions to reach the input cone they
had to pass through a set of three apertures and a repeller electrode which
provided the various types of discrimination. All elements of the system
were rigidly mounted in a metal can which could be translated and rotated by
mechanical linkages.

The two outer apertures provided the measure of location and angle. Only
when both were positioned to correspond with incoming ions would ions enter

the inner chamber. The apertures were 12.7 mm apart, the outer had a diameter
of 0.76 mm, and the inner, 0.38 mm. The response as a function of angle had
a m a: ured half-width of 3'.

The second aperture, the third aperture, and the cylindrical repeller
provided the energy discrimination. The repeller was biased positively and
created a saddle-point potential between apertures. When particles had
sufficfent energy to pass over the saddle-point, they continued through the
third aperture and were detected. The hole in the third aperture was somewhat
larger than the others; this was to avoid loss of particles deflected as they
passed over the saddle-point. Figure 3 shows response as a function of bias
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voltage on the repeller. Particles at 19.3 eV were repelled by voltages on
the tube exceeding 24.IV. The ratio 0.80 of these values corresponds well to
0.79 calculated for the drift-tube, radius-length ratio of 0.45. The drift-
tube length was 2.8 cm.

The sample trajectories shown in figure 1 are computer simulations
obtained by injecting ions at the detector plane with velocities more or less
opposite to those measured. The source point is found to be a very sensitive
function of angle, so sensitive that the measure of angle is practically
useless. If the position angle measurements were sufficiently accurate, they
could be used to corroborate the locations of the source points as determined
by the aiming of the electron gun. However our experience has shown that
the detector is useful only as an energy measuring instrument. The measure
of angles is further complicated by the effects of the magnetic field which
causes trajectories to curve.

Our experiences with an electron beam system have suggested two changes
in technique. The ionizing beam should consist of photons so that it won't
be deflected and the detector should have less angle resolving capability so
that the ion beam can be more easily located. However the energy resolution
should be maintained.

X-Ray Beam Experiments

A preliminary study of an X-ray beam system has been completed. The
electron beam system was adapted to this purpose for a demonstration of
concept and now a better X-ray system is being constructed.

For the demonstration of concept the electron source was replaced with
an X-ray source which however did not fit well into the available space and
could not be steered precisely. Nevertheless a beam was produced and ions
were detected. Figure 4 shows detection response for two different orien-
tations of the X-ray beam. Of interest here is the design of the X-ray
source. A steel pin biased at +600V drew 0.8 mA of current from a nearby
grounded tungsten filament. Soft X-rays emanating from the pin were colli-
mated by a pair of apertures to form a beam which in this case had a radius

of I cm in the working region.

Under construc' ion are a source having much smaller apertures and a
detector having wide-angle response. This combination is expected to provide
better resolution.

POTENTIAL MAPPING FROM PARTICLE TRAJECTORIES

Various instances of using beam trajectories to map a rotationally
symmetric potential profile have been reported (refs. 3,4) and a general
mapping technique has been described where a reasonably dense plasma and
magnetic field are required (ref. 5). This work seek, methods of generating
potential maps where Laplace's equation is valid and magnetic field is
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insignificant. Data characterizing the region of interest are obtained by
injecting charged particles (or low-current beams) with known velocities and
observing their exit points. A preliminary study of a boundary value problem
has provided a useful frame of reference for studies of mapping techniques.

Boundary Value Problem

The analysis of data in the general mapping problem is equivalent, when
charge density is low, to solving Laplace's equatio.i. The data set will
always be finite, i.e., a finite number of particle trajectories will have
been observed, and the map will consequently be approximate. The analyst
must decide upon the level of detail he requires and select a data set
sufficient for his purposes. He must be cautious not to misuse his data in
a manner represented by the function y = cos x which provides a perfect fit
to the set of points (yi = 1, x. = 271!).

The need to solve Laplace's equation led to a preliminary study of a
boundary value problem in a context that could be extended to the mapping
problem of interest. Being sought was an iterative technique which would
converge toward a solution as precise as boundary specifications would justi-
fy. Convergence was accomplished by comparing the approximate solution with
boundary constraints and then perturbing the solution to improve the match.
The procedure was developed for boundary conditions specified as values of
potential on a set of points spaced more or less uniformly on the boundary.

The key to the method is the choice of perturbing function. Let the
estimated solution e be of a functional form known to satisfy Laplace'se
equation. Also let some perturbation $ d be a solution of Laplace's equation
which decreases with distance from some singular point. Then the sum

= ce + 4d must be a solution because of the superposition principle. When

d is properly chosen, 0 will match the boundary conditions more closely than

le does and a convergent process can be developed. The perturbation must be
localized to a small portion of the boundary so that when an improvement is
made in the match for that portion, the other portions will not be changed
much. Also the singularity must be located outside of the region of interest.
Consequently the singularity will be placed outside of but near to the
boundary where matching is to be improved. The perturbation can be that of a
single charge, a dipole, or a higher order pole but we have chosen to work
exclusively with dipoles. They are reasonably localized without being overly
difficult to manipulate.

With respect to some location and preferred direction, we may describe

a dipole as

d= (cosa) /p 2 (4)

where p is the strength, a is the orientation of the field point, and p is
the distance of the field point. This is the potential function in 3 dimen-
sions for a dipole consisting of plus and minus point charges closely spaced.
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However for 2-dimensional work the choice should be

Od = P (cosa)/p (5)

which represents the potential for plus and minus line charges. In either
case the separation between charges is small compared with p and the dipole
is a singularity. When a 2-dimensional dipole is located at (xd,yd) and a
field point at (x,y), then 4 d is given by

Pcos (X-Xd) + p sine (y-y d
(xxd) 2 + (y-yd) 2

where is the orientation of the dipole measured relative to the x-direction.
Though we need not restrict , we find it convenient to choose cosO = - x d/rd

and sine = - Yd/rd where r d is the displacement of the dipole from the origin.

Thus when p is positive, the positive side of the dipole faces the origin and

d is given by

Xd (x-xd) + y d(y-yd ) (7)
d r d (x-x ) )

rd -d) + (-d)

The dipole is placed so as to produce a desired perturbation in P. Let
the origin be at the centroid of a closed boundary curve (2-dimensions) whose
radius is a single-valued function of angle. Assume that for some boundary

point (R,O) the discrepancy between Oe and the specified boundary condition
is largest of all discrepancies and then place the dipole on the same radius
e at rd > R. See figure 5. At (R,O), equation (7) reduces to

d(R,O) l/(rd- R) (8)

and we are assured that the largest perturbation on the boundary will occur
at (R,0), at least if the radius of the boundary does not change greatly from
one point to the next. If Pb represents the specified boundary condition we
require that

ib(R,O) e(RO) + 1/(rd- R) (9)

and then we calculate $ at all points of interest in the region. Even with
previously specified, we must exercise a choice of either rd or 1.

When the dipole is placed far from the boundary its strength must also
be large and its influence extends to a large portion of the bounded region.

In the limit as rd and p approach infinity, the dipole affects all points
equally and in fact shifts all points by a constant. At the other extreme,
that of close placement, the effect of the dipole is very localized. The
choice of position represents compromises between speed and accuracy of the
solution. When boundary conditions are specified as a set of points, they
can be satisfied easily by placing a small dipole very near to each point.
However this solution is not desirable because it will bear little resemblance
to the relatively smooth boundary function likely to have been implied by
the set of boundary points. Furthermore various solutions may be obtained

612



as different choices of p and rd are made. When a minimum distance rd-R is

specified, a given dipole can be forced to influence several boundary points

and the boundary function will be smooth. A solution will still not be unique

but various solutions will differ only in small amounts. We have found

practically that rd-R should be at least as large as the distance between

neighboring boundary points. A useful criterion expressed in terms of the

number of boundary points n is that

rd-R = RG/n (10)

where typically G > 2'r.

Convergence can be obtained by specifying that all dipoles will be a

given distance from the boundary. In this case the number of dipoles is

equal to the number of boundary points though a given dipole strength may be
the sum of contributions from several iterations. However convergence may

be faster if some criterion in introduced for picking distance. Figure 5
illustrates two situations in terms of discrepancies indicated by each point
where we define discrepancy at the ith point by

di = bi - ei1)

When several adjacent points have discrepancies of the same sign, the dipole

should be far enough away that it will perturb all of those points. On the

other hand, when discrepancies alternate in sign, the dipole should be close.

Noting that (R,0) locates the point of absolute maximum discrepancy, we let

(R',O') represent the nearest point for which the discrepancy is of the

opposite sign. Letting da be the average absolute discrepancy and T be some

constant 0 < T < I, we can select rd so that

Sd(R') + T da (12)

The sign is chosen to he the same as for t d(R,f)). This requirement on

,1'd(R',0') forces a choice of r d that is sensitive to the polarities of nearby
, discrepancies, but retrictions are necessary. When T is specified as being

small, the value of r, may not satisfy equation (10) which must be given
priority. When T is Large the convergence will be slow and perhaps nonexis.-

tent. The benefits of introducing equation (12) are relatively minor.

Though, in concept, dipole perturbation alone should suffice for finding

a solution, some auxiliary operations have been found to be useful. These
are rotating, shifting, and scaling of the estimated potential function. As

an initial estimated potential one may simply assume that $ x. However if
say potential increases more or less as y, then a preliminary rotation of 900
is appropriate. One might subsequently replace qbe by e = be + b where b
represents a shift. fn terms of discrepancies b is calculated from

b = - (./n

When shifting has been done th av,'rago potontial is
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= = (14)a C1 Z:1.4

Finally a scaling factor can be determined:

C = lb -a / Ie -a (15)

The potential 4' is replaced by a scaled potential:

" = c (-a + a (16)

For our work, each dipole addition has been preceded with both shifting and
scaling operations.

Details of the method have been explained for the 2-dimensional case,
though no assumptions have been introduced which would limit the method from
being applied in 3 dimensions. The number of boundary points would be larger
and correspondingly more dipoles would be required.

Potential has been found at points inside of a square by the method of
dipole perturbations. The test problem is specified in figure 6 which shows
20 boundary points uniformly distributed in angle. All points on the bottom
side of the square were assigned a pote~tial of 0 and Lhe others a potential
of 10. Potentials were calculated for boundary points and for an array of
internal points layed out in polar coordinates. Equipotential cont, urs were
then plotted as shown in figure 7. Points on the equipotentials were found
by linearly interpolating along a straight line between array points; some
of the irregularities noted in the figure may be attributed to the approxi-
mation made in the interpolation. Potential intervals between curves are
0.25V. This example required 214 dipoles where the convergence criterion was
that ild < 0.00001, though a much less stringent criterion could have been
used.

Potential Mapping

The transition from the boundary value problem to the particle-trajectory
problem is accomplished by using trajectory data in place of boundary data
when synthesizing the potential function. The general approach is to sum
contributions of numerous dipoles placed outside the region of interest such
that simulated particle trajectories in the region match the observed
trajectories. As in the boundary value problem, the solution is not unique
and the data must not be overextended.

The problem has been defined in two dimensions with reference to a line
along which both beam source and detector move. A beam is injected into the
space above the line, repelled, and returned to the line where its exit
position is monitored. Measurements are of entrance position, entrance ve-
locity, and exit position for as many selected beams as required by the
application. The beam can be of either electrons or ions. A computer
simulation uses a known potential distribution that can be produced experi-
mentally with a set of parallel fins as illustrated in figure 8. The base
line is at ground potential, all fins are equally biased, and equipotential,
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lines have been computed for the configuration. Shown in the figure are
several simulated particle trajectories. The potential can be found with
a conformal mapping from a flat plane given by

= Imag [sin -e)] - Imag [sin -(e w)], w = (c-y) + ix (17)

The zero potential line does not exactly match the x-axis but the error is
small enough to be ignored if c exceeds 2. The fin spacing is T.

Experimental trajectory data are being sought to test the procedure but
they can also be simulated with a trajectory tracing program. In fact the
simulation will permit an assessment of what experimental errors can be
tolerated. Both for providing simulated data and zr -us- in the potential
mapping procedure, a tracing routine developed by DeVogelaere (ref. 6) has
been programmed. The routine requires fields to be calculated at specific
points on the trajectory and when potential is specified on a discrete set
of points, Newton's interpolation procedure (ref. 7) is used.

The scenario of the simulation follows three steps. First the potential
illustrated in figure 8 is calculated for a square array of points. The
simulated particles are injected into the array, trajectories are traced, and
exit points are recorded. Finally these simulated trajectories are used as
a basis for generating various potential maps which can be compared with the
original array to assess the effectiveness of the mapping procedure.

The map is constructed by placing dipoles above the region being mapped.
Let the vertical placement yd exceed the maximum range of the map so that the
singularity does not fall in that range. There is a requirement that the
reference plane have a fixed potential so that a dipole placed at (xd,yd)
must be balanced with its image at (x ,-yd). An original estimated potential
function = ay is then perturbed by he placement of dipoles in pairs until
some convergence criterion is met.

Work in progress presently deals with the process of selecting dipoles.
Shown in figure 9 is a map which has partially converged after the placement
of 8 relatively weak dipoles. The convergence is quite slow and subject to
instabilities if it is speeded up. For this particular map, each dipole
selection was based on the trajectory which deviated most from the desired
exit point. This approach, analogous to the correction of the worst point
in the boundary value problem, has some basic flaws which are best overcome
by considering several neighboring trajectories in making the choice of a
dipole. For example if two trajectories at different x-values have deviations
of opposite sign then a dipole might be placed at some xd intermediate between
them. Choice of Yd is related to how many trajectories are to be substan-
tially modified by the dipole. In any case dipoles are to be kept at least
as far above the boundary as the trajectories are spaced from each other.
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CONCLUDING REMARKS

Measurements show that a beam of electrons or photons can ionize enough
neutrals at 10- 5 Torr that they can be detected by a continuous-dynode
electron multiplier behind collimating pinholes. The energy of the ions when
detected is a direct measure of the potential where they were created. The
photon beam has the advantage that it can be directed to the desired spot
along a straight line whereas an electron beam curves in the electric and
magnetic fields usually present. Though the ion detector was designed to
provide spacial and angular resolution of the ion trajectories, it need only
resolve energy.

A method of solving Laplace's equation is described where the final
solution is the sum of some initial estimate and the contributions of selected
dipoles placed outside the region of interest. A preliminary calculation is
based upon the specification of potentials on a discrete set of boundary
points. This result is then extended to the use of particle trajectory data
in place of boundary potentials. Work in progress seeks to identify efficient
schemes of picking dipoles from an analysis of trajectory data so that
potential maps may be generated.
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ELECTROSTATIC DISCHARGE PROPERTIES OF SELECTED

VOYAGER SPACECRAFT MATERIALS*

J. B. Barengoltz

Jet Propulsion Laboratory

California Institute of Technology

R. B. Greegor II, L. B. Fogdall and S. S. Cannaday

Boeing Aerospace Company

ABSTRACT

As a part of an extensive program to assess and ameliorate the electro-

static discharge hazard to the Voyager spacecraft posed by passage through

the charged particle environment near Jupiter, a testing activity to charac-
terize the behavior of selected Voyager materials was undertaken. A series
of twelve material and component samples were exposed to an electron beam in
order to measure the time history and amplitude of resultant electrostatic
discharges. These tests were conducted at a Boeing Aerospace Company combined
radiation effects test chamber.

The typical experimental design was to mount the test article with its

dielectric surface facing the beam and its conductive portion isolated from
ground except by way of a shielded cable on which a discharge pulse could be
observed. The behavior of the sample was then observed at bombarding energies
from 20 to 100 keV in increasing 20 keV increments and then 90 to 30 keV in
decreasing 20 keV increments. Observations were made at each energy for
nominally two hours at an electron flux of 4x10 9 cm-2 s- I .

INTRODUCTION

The differential electrical charging of spacecraft surfaces in a charged
particle environment is a recognized subject of interest to spacecraft design-
ers. This effect was originally a matter for the scientific instruments such
as charged particle spectrometers where the measured spectrum would be offset.
However, the observed correlation between anomalous effects in the electronics

ol geosyn'hronous uaLe1lites -lnd magnetic substorms is a strong indication

of differential charging and subsequent electrical discharges (Ref. i).

The Voyager Project established an extensive program (Ref. 2) to assess
and minimize this electrostatic discharge (ESD) hazard for the two Voyager
spacecraft which will encounter the radiation environment near Jupiter. This

*This work presents the results of one phase of research carried out at the

Jdt Propulsion Laboratory, California Institute of Technology, under contract
No. NAS7-100, sponsored by the National Aeronautics & Space Administration.
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program's objective was to design the spacecraft so as to eliminate the hazard
and to demonstrate through testing and analysis that the goal had been met.
Components of this program included analyses of the differential charging, due
to electrons, protons, and the photoelectric effect, of the Voyager spacecraft
(performed by Sanders, et al. of TRW (Ref. 3)), a systematic design process
to eliminate wherever possible exposed dielectrics from the spacecraft, simu-
lated ESD tests of the spacecraft, and the computer code Systems Electromag-
netic Analysis Program (SEMCAP) (TRW). The work described in this paper was
intended to characterize the remaining suspect materials (from an ESD view-
point) and to provide values for the magnitude of possible discharges. This
data was required to ensure that the simulated ESD tests were adequately
severe, and as input to SEMCAP, which was used to predict potential adverse
subsystem respon;es and verify that corrective measures were appropriate.

Procedure

A series of twelve material and component samples from the Voyager space-
craft were exposed to an electron beam in order to measure the time history
and amplitude of resultant electrostatic discharges. The test articles were
FEP teflon, a section of magnetometer boom longeron with a piece of bare
cable braid mounted on it, a section of longeron with a piece of jacketed
cable mounted on it, a piece of the magnetometer cable (alone), a flight
Brewster plate, a piece of plume shield, a section of the high gain antenna,
a piece of the frequency selective subreflector, a separation connector, a
piece of thermal blanket, a sample of the radioisotopic thermoelectric
generator (RTG) case coating, and an end dome of an RTG case (Table 1). In
general, these test articles can be categorized as follows: (1) planar
dielectric/conductor structures (teflon, Brewster plate, high gain antenna);
(2) non-planar dielectric/conductor structures (magnetometer boom longeron,
frequency selective subreflector, separation connector); and (3) structures
of unknown dielectric tendencies.

The samples were exposed in one of two Boeing combined radiation effects
test chambers (CRETC) (Fig. 1). These systems are clean vacuum systems with
fluidless pumping and glass, ceramic, and metal seals and with provisions
for the simultaneous exposure of a sample to electrons, protons and ultra-
violet. In these tests only the electron source was ymployed, at energies
ranging from 20 to 100 keV and a flux of 4x10 9 cm-2s

The electron energy was calculated from the known electron gun cathode
potential with a loss in the aluminum scattering foil based on range-energy
tables. A rotatable Faraday cup was employed to measure the electron beam
profile after the spreading by the foil. A second, fixed Faraday cup was
standarized for the flux at sample center and then used to monitor the
electron beam during the exposure of a sample.

The test articles were mounted so that the dielectric surface, i.e., the
exposed surface in spacecraft use, was facing the electron beam (Fig. 2, 3,
& 4). The conductive part of the test article was Isolated from ground except
by way of a shielded cable on which a discharge pulse could be observed. This
signal cable was connected to ground through a 50 Q resistor for impedance
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matching. The discharge pulses were measured by a fast rise-time current
probe on the ground wire or the voltage across the resistor. The measured
pulses were displayed on a wide bandwidth 7000 series Tektronix scope with
fast writing speed (2cm ns- 1 ) and recorded by a Polaroid camera. A simple
loop antenna was also located in the chamber to count all events, including
those too small to trigger the pulse measurement circuit.

The general test procedure was to expose the sample to electrons at
energies from 20 to 100 keV in 20 keV increments and then 90 to 30 keV in
20 keV decrements. At each energy observations were made for about two
hours.

Test Results

A summary of the test results is provided in Table 2. Without exception,
all of the samples known to be dielectric/conductor structures exhibited single
pulse discharge-like events (See, e.g. Fig. 5). These samples are the teflon,
magnetometer boom longeron (with cable or cable braid), Brewster plate, high
gain antenna, frequency selective subreflector and the separation connector.
Conversely all of the samples whose exposed dielectric surfaces had been
modified during the Voyager ESD program to enhance conductivity and confer ESD
immunity exhibited only atypical events. The signal from an atypical event
was similar to a damped oscillation with a fast frequency (0.25 to 0.50 ns-1 )

and a decay period of 50 to 200 ns. These samples were the magnetometer cable
(alone) and the thermal blanket. The teflon outer insulation of the cable
had been replaced by a wrap of "conductile" teflon tape. Similarly the
outer Kapton surface of the thermal blanket had been painted with a "conduc-
tive" Sheldahl paint.

Of the doubtful dielectrics, the plume shield produced three single-pulse
signals during its entire exposure and a larger number of atypical events.
The sample exposed had a black, low-conductivity surface as supplied (perhaps
an oxide layer). The two different sized samples of RTG case were observed
to yield only atypical signals, however (Fig. 6, 7 & 8). There is some un-
certainty about the resistivity of the iron titanate (in a borosilicate matrix)
coating involved, but it is much less than all materials except the "conduc-
tive" teflon and Sheldahl.

DISCUSSION

The teflon results lend themselves to analysis because of the planar
geometry and the known breakdown voltage of the material. In addition, the
special sample holder employed (Fig. 2) drastically reduced edge effects by
beam masking. Thus one expects a total surface charge of i.611C from the
calculated capacitance and a breakdown voltage of 17.5 kV. Thp charge observed
in the largest single discharge (determined by integration of the current
pulse) was in fact 12,jC(Fig. 5).

This result contrasts to some extent with the findings of Stevens, et al.
(Ref. 4) of a "replacement" charge of l5jC (measured as in this work) for a
measured discharge of 50 to 6OpC in 127pm (5 mil) FEP teflon. Stevens, et al.
determined the actual discharge from the surface potential before and after
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breakdown and a measurement of the sample effective capacitance by the surface
charge and voltage dependency during charging. They conclUded that the
"replacement" charge does not appear to compensate for all of the charge lost
in the discharge. As noted in their work, however, edge effects are very
important. The expected surface charge for their larger sample would be 66ijC
on the basis of the ideal capacitance and breakdown voltage (coipared to
11.1C for this work). However, the edge effects lowered tile observed break-
down voltage to 12 kV from 17.5 kV and evidently increased the effective
capacitance from 3.8 nF to a value between 4.2 and 5.0 nF. Since etge effects
drastically lowered the breakdown potential, perhaps much of the missing charge
was an edge breakdown.

A comparison of the maximum currents observed in thiis work alnd Reference
4 shows them to be approximately commensurate (250A vs. I )OA, rcsl1ect ivol v).
Even if a factor o 3 to 4 is applied to the previous work's result to
predict an arc discharge of 300 to 400A, this conclusion is unchanged.
Further, the pulse widths observed have a ratio of about 10 llad the discharge
charges about 5 (in tile opposite sense). It appears that in the absence of
edge effects, the total charge is observed and scales with area (a lactor of
6). However, the pulse width also scales with the area (an P( constant), so
that the peak current is not dependent on surface area. ldgip discharging
evidently causes part of the current not to be obse rved as "repl1aceflen
current and lengthens the duration of the 'repllacement" signal.

The magnetometer boom longeron section and caible braid tc;t (Fig. 3)
produced a very interesting result. During the exposure , lhi. saitple the
charging of the fiberglass longeron caused a force which ittricted the
flexible cable braid. The braid was observed to how o'it, 'outact the
relatively st ifIf longeron, and occas ional INl rcll ill in (nalt I () 1 '' 1 d ils up
to fifteen minutes. The subsequent sudden release was a lw ,;i; corr ilated
with the observation of a discharge signal. After the test t direct measure-
ment of the force required to produce this observat ion tt i lit v;illl at 0).lI N.
A calculation of the force ill terms ot a uniform 1 ink- of charge pica I Iel to a
cylindrical conduct or leads to a total cho rge o, tihe Ionge 011 8 . 8x M- 8 C.

In terms of capacitance and breakdown voltage, the I -cm se.tion corresponded
to 8.6pF charged to -10.2kV. The maximum observed charge was 4xl()- 8C" on a
5A discharge event. The simplest exp I anat ion of the observ'at ion of only
part of the possible total arc chare is t-hit the. discliacre was p:irt i a l due
to the braid springing back and the limited rig iol of origiJnail (ontact . In
any event at least one half oif the arc chargte w, Ws observed ill tl "rCplIce-
ment" signal . Edge effects were also ope rot i vi' s i nce t lie cab I e bra i d was
mounted on the Iongeron by conductive "knuckles". Theriore an\, disciarge from
this spacecraft component is limited to th at from a sect ion betweeii adjacent
"knuck 1 es".

I'he atvpicl I pil Ises are the most d i f icul t I Lu t t, uiin rst and . On the
bas is of their lpe araoca in the low resist ivityv s;implkes only, the h\vpothesis "
of ;a burst, of very s11ill I-aI d1i,- arges j Itt -oc't ive. 'ile damping" would
then be due to mutunlI diicl'ian'e of these siverol pa ta 1 1l ],I bie ldown patis.
The resistivel I damped ,RC enci lotion intcrpretat ion is supprlted by the
observed change in tihe 0ple in'e ,I the signa:1ls fr1o-01 tie lt' 1\ ,ic ii11,i dome

when ;n cxternil 471t inductor was plilCC( ill pica It' 1o tlW, ixie al',11
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resistor (Figs. 7 and 8). The plume shield may have been an intermediate case
with its thin oxide layer, i.e., some global discharges and some local dis-
charges.

This picture is enhanced by an extra test conducted on a stainless steel
sample of the size of the RTG case coating sample. During the first three
hours, this dummy sample exhibited three atypical pulses similar to the RTG
case coating results. Then no more events were observed. Apparently, there
were some localized areas of surface contamination which cleaned up due to the
vacuum and the electron beam.

CONCLUSIONS

Twelve material and component samples of the Voyager spacecraft have been
evaluated in terms of their electrostatic discharge tendencies. As expected
all of the test articles exhibited some discharge phenomena when exposed to an
electron beam. An important unexpected result was the appearance of a damped
oscillating discharge from the poor insulators in contrast to a simple pulse
signal from the good insulators.

Of direct interest to the spacecraft ESD question is the demonstrated pos-
sibility of a global or complete discharge from a dielectric. The current
pulse as measured represents a charge commensurate with the actual discharge
(a factor of 0.5, say) provided that edge effects are absent or minimized.
This can be accomplished by masking the edges of the sample from the beam. The
peak current probably does not scale with surface area. Insulator thickness
will affect the value through the breakdown voltage, however. The arc charge
probably scales with capacitance, while the pulse width is likewise proportional
to capacitance. The atypical discharges from the poor insulators appear to be
a series of local discharges. As such, none of the parameters would scale with
sample surface area.

Further systematic research would be desirable to place some of these ten-
tative conclusions on a firmer basis, especially the "replacement" current/arc
current and the scaling hypotheses. For analysis of circuit susceptibility to
discharges in nearby insulators, an arc rise time model is required. Finally,
the sense of the observed current, electrons flowing into the conductor from
the external circuit, is difficult to explain with any simple discharge model.
A good model would be indispensable in conjunction with research yet to be ac-
complished.
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TABLE 1. - PHYSICAL PROPERTIES OF SAMPLES TESTED

DIELECTRIC SURFACE
TEST ARTICLE THICKNESS AREA AP N

COMPOSITION (/Am) (cm2) (pFI

FEP TEFLON FEP TEFLON 127 50 630

LONGERON/CABLE BRAID FIBERGLASS N/A N/A 8.6

LONGERONIMAG CABLE FIBERGLASS /TEFLON' N/A NIA ?

MAG CABLE TEFLON' 63 45.6 ?

BREWSTER PLATE EPOXY 50 620 38,000

PLUME SHIELD NICKEL OXIDE ? 50 ?

HIGH GAIN ANTENNA PV-100 PAINT 100 (NOM) 290 2500

SUBYELECTOR PV-100 PAINT 100 (NOM) N/A 14 (EST)

SEPARATION CONNECTOR PHENOLIC NIA NIA 150 (EST)

THERMAL BLANKET SHELDAHL' 25 (NOM) 50 ?

RTG CASE PIECE IRON TITANATE 50-75 25 [ 7 3 [I0,fJ]
[END DOME] BOROSILICATE MATRIX 50_75 25 ( _0___1,0_

INTENDED TO BE CONDUCTIVE

TABLE 2. - SPACECRAFT MATER IALS DISCHARGE

TEST RESULTS SUMMARY

TYPICAL MEASURED PULSEa
TEST ARTICLE RISETIME WIDTH AMPLITUDE

(nS) Ins) (A)

FEP TEFLON 30 50-300 20-250

LONGERONICABLE 2 5 0.5-6
BRAID

LONGERON/MAG 4-10 10-20 0.8-2 (BRAID)
CABLE N/A NIA (0. 08 -0. 8)b (WIRE)

MAG CABLE N/A N/A 0.5-5b (BRAID)
NIA N/A (IV)

b (WIRE)

BREWSTER PLATE 1.5-10 4-20 0.1-3

PLUME SHIELD 10-40 50-300 0.05-0.3

HIGH GAIN ANTENNA 2-10 8-20 0.1-0.4

FREQ SELECTIVE 2-8 8-80 0.1-8
SU BREFLECTOR

SEPARATION 10-20 15-30 0.2-18
CONNECTOR

THERMAL BLANKET N I A N I A 2-3b

RTG CASE PIECE NIA NIA 0.15-100
b

,

RTG CASE END DOME NIA NIA 0.2-5.5b

'PULSE PARAMETERS, ESPECIALLY AMPLITUDE ARE ENERGY
DEPENDENT

bATYPICAL OSCILLATING SIGNALS, NO PULSE-LIKE SIGNALS

6
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Figure 1. - Combined radiation effects test
chamber (CRETC) system.

! i .

Figure 2. Teflon test setup.
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F~iguire 3. -Longeron and braid test setup.

Fi?;tvre 4. -Antenna section ttusL ,etup.
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Figure 5. -Teflon loop antenna discharge
pulse. Energy, 40 keV; 1 V/division;
100 A/division.

Figure 6. - RTG case strip pulse. Energy,
20 keV; 500 mV/division; 0.2 A/division.
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Figure 7. - RTG end dome pulse. Energy,
100 keV (room temperature); 500 mV/
division; 1 A/division.

Figure 8. - RTG end dome pulse with 47-gH
external inductor. Energy, 100 keV
(room temperature), L = 47 gH); 100 mV/
division; 0.04 A/division.
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CHARACTERIZATION OF ELECTRICAL DISCHARGES

ON TEFLON DIELECTRICS USED AS SPACECRAFT

THERMAL CONTROL SURFACES*

E. J. Yadlowsky, R. C. Hazelton and R. J. Churchill
Colorado State University

SUMMARY

The dual effects of system degradation and reduced life of synchronous-
orbit satellites as a result of differential spacecraft charging underscore
the need for a clearer understanding of the prevailing electrical discharge
phenomena.

In a laboratory simulation, measurements are made of electrical dis-
charge current, surface voltage, emitted particle fluxes, and photo-emission
associated with discharge events on electron beam irradiated silver-backed
Teflon samples. Sample surface damage has been examined with optical and
electron beam microscopes. The results are suggestive of a model in which
the entire sample surface is discharged by lateral sub-surface currents flow-
ing from a charge deposition layer through a localized discharge channel to
the back surface of the sample. The associated return current pulse appears
to have a duration which may be a signature by which different discharge
processes may be characterized.

INTRODUCTION

iz oitu measurements on synchronous-orbit satellites during magnetic
substorm activity have indicated that the associated electrical discharges
result from differential charging of satellite surfaces by fluxes of high
energy electrons ( 20 KeV). The task of ameliorating the effect of space-
craft charging on satellite performance requires a clear understanding of the
charging and discharging phenomena. In particular, the system parameters
which determine the electrical breakdown threshold, the particles emitted
and electrical currents associated with the breakdown must be understood.
This information would facilitate the development of techniques to alleviate
electrical stresses on satellite components and of models to predict locations
on the satellite of minimum electromagnetic interference where sensitive
instrumentation could be located.

*Sponsored by NASA GRANT NSG-3145

The autors are now at Kollmorgen Corporation,
501 First Street, Radford, Virginia
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The research program described here dea-s with the characteristics of
breakdown events on silver-backed Teflon samples irradiated by a monoenergetic
beam of electrons under conditions where the sample edges have been shielded
from direct irradiation by the electron beam. The dependence of the minimum
breakdown voltage on sample thickness and irradiation history was determined.
The additional evaluation included the dependence on sample area and break-
down voltage of the transient currents associated with the discharges, the
energy and angular distribution of the particles emitted, and the temporal
characteristics of the emitted light. Surface damage resulting from discharge
events was studied using optical and scanning electron beam microscopes.

The results indicate that puncture breakdowns through the sample are
prevalent, that the sample is discharged by lateral surface currents which
flow beneath the sample surface, and that plasma effects are important in the
discharge process. Further, the discharges are observed to fit two distinct
groups with the time duration of the return current pulse being a convenient
distinguishing characteristic.

In the remainder of the paper, the experimental system is discussed
briefly. This is followed by a presentation of the experimental technique
and the measurements obtained. A discussion of results and a conclusion
section complete the paper.

EXPERIMENTAL SYSTEM

The spacecraft charging phenomenon is simulated in a vacuum chamber by
irradiating a dielectric target with a high-energy electron beam. It is
convenient to discuss the total system relative to the schematic diagram
shown in figure 1.

The simulation chamber consists of a 30 cm diameter cylindrical glass
tube about I meter in length. Four cylindrical ports 15 cm in diameter
located at the central section of the tube provide outlets for vacuum ports,
introduction of electrical and photographic measurement systems and the in-
stallation of target assemblies. The electron beam gun is located at one end
of the 30 cm diameter cylinder and generates an axial electron beam to the
centrally located target area. Base pressures of 10- 7 Torr are possible using
a 10 cm diameter oil diffusion pump system.

To simulate the spacecraft charging, the dielectric targets are bom-
barded with a mono-energetic divergent electron beam having an acceleration
potential from 0 to 34 kV and a beam current density at the target location
of 0-5 nA/cm 2 . Uniformity of the electron beam over the target area is about

25% for a 10 cm diameter target located 50 cm from the electron beam gun.

The silver-backed dielectrics used in the irradiation process are
mounted on various target assemblies at the center of the four-port region
of the simulation chamber so as to have the dielectric front surface of the
target at an angle of 500 to the axis of the electron beam. The sample is
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supported by an annular aluminum ring providing electrical contact to the
silver-backed Teflon sample through conducting paint. The entire sample
holder is placed within, but electrically insulated from, a grounded enclosure
containing an aperture through which the sample is irradiated. By means of
this arrangement, the sample edges are not irradiated directly by the electron
beam thus facilitating breakdown studies not dominated by edge effects. The
aperture opening can be varied from 2.5 cm to 8 cm dia. by controlling the
opening of an adjustable iris mounted on the sample enclosure. The control
linkage is brought through the vacuum wall to facilitate the study of dis-
charge properties which depend on the surface area irradiated. The front
surface of the sample is visible for inspection and photographic measurements.

The electron beam voltage required to initiate a breakdown is determined
by irradiating the sample to nearly steady state conditions with successively
larger accelerating beam voltages until a discharge occurs.

The transient current that flows to the silver backing on the sample
during a discharge event is measured by a Tektronix CT-1 current probe clipped
on the lead connecting the silver backing to ground potential.

A system of mirrors and viewing ports permits time-integrated photo-
graphs of the self-luminous electrical discharges to be taken. The resultant
photographs of the discharge path along the sample surface and the central
site of the discharge are correlated with scanning electron microscope studies
of material damage.

Charged particle measurements are made using a biased Faraday cup and a
retarding potential analyzer (RPA), both of which are illustrated in figure 2.
The Faraday cup consists of a shielded collector which can be biased to
collect either positive or negative particles through a grid aperture of
2.5 cm. The output current of the collector is shunted to ground through a
A0 ohm load and the r-sulting voltage measured with a Tektronix 556
oscilloscope.

The retarding potential analyzer used for the measurement of emitted
particles consists of a particle collector plate and two inuependently
biasable grids enclosed in a grounded shield having an input aperture of 1.2
cm. For the measurement of positive particles the collector is biased at -9 V
to capture the positive particles which pass through the grids. Grid G2, the
suppressor grid, is biased at -800 V to prevent secondary electron emission
from the collector surface which could be erroncously interpreted as positive
particles. The first grid is then biased positively to define a threshold
energy for the incoming particles. By varying the bias on the first grid the
energy spectrum of the incoming ions can be measured.

The output of the collector is measured in a manner identical to that
used with the Faraday cup. A temporally resolved particle flux is thereby
derived and particle transit times and total particle emissions are determine,.
Similar measurements are made for negative particles with the collector
biased to + 9 V, the second grid grounded, and the first grid biased negative-
ly. In all cases the amplitudes of the incident particle fluxes are derived
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by multiplying the measured signal by the weighting factor of 1.8 to account
for grid attenuation. The distribution of particle energies is obtained from
the measured dependence of collector current on retarding grid voltage by
graphical differentiation.

For the angular measurements presented herein, the probes were position-
ed as shown in figure 3. The sample is tilted lv 400 to the beam axis to allow
observation of normally emitted particles free from detector interference
with the beam. The Faraday cup is set at a fixed angle of 400 below the hor-
izontal plane, 9.5 cm from the sample surface. The RPA is located about
15 cm from the sample center and is free to pivot some 700 about the sample
center line. The entrance aperture of the RPA subtends an angle of 30 with
respect to a point on the target surface.

A high energy retarding potential analyzer (IERPA) was designed to pro-
vide a retarding potential of up to 11 kV. The HERPA is positioned 9.2 cm
from the sample surface and has an aperture of 5.6 cm. Measurements are made
in a fashion identical to those of the RPA.

The temporal characteristics of the light emitted during an electrical
breakdown were recorded using an optical system consisting of an f/2 lens
collection system, fiber optics to transmit the light signal through the wall
of the vacuum chamber and a photomultiplier to detect the signal.

EXPERIMENTAL RESULTS

In order to provide a coherent and consistent picture of the electrical
discharge pro-'ess on the dielectric samples, measurements have been made of
minimum breakdown voltage, material damage, return currents, particle emission
and photo-emission from the sample surface.

Breakdown Voltage

The breakdown voltage was measured for previously unirradiated
samples of thickness 25, 50, 75 and 125 p (1,2,3 and 5 mil) silver-backed
Teflon. Since a method of direct measurement of surface potential was un-
available, the surface potentials at breakdown were inferred from the measured
electron beam voltage. Work by Stevens (private communication) indicates
that the measured surface potential is 1.8 kV less than the beam voltage.
The thresholds are plotted against sample thickness in figure 4 and demon-
strate a reasonably linear correlation between thickness and breakdown
voltage. The history of the breakdown occurring on a single 75 P sample
(fig. 5) demonstrates a wide variation in the breakdown voltage. For the
particular example shown the initial breakdown voltage is 26 kV decreasing to
14 kV after 20 breakdowns. It is noteworthy that the breakdown voltage does
not stabilize at any particular vjlue.
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Material Damage

Material damage on the irradiated dielectric surface following an
electrical discharge has been studied using an optical microscope and a
scanning electron beam microscope (SEM). The optical microscope reveals in-
formation about sub-surface damage as well as surface damage whereas the SEM
is used for high resolution surface studies. The photographs in figure 6
reveal a hole through the dielectric material to the grounded silver backing
resulting from the discharge current flow. In addition, this microscopic
investigation reveals the existence of filamentary surface tracks which
terminate at the holes as in figures 6a and 6b. These material damage tracks
are similar in form and appearance to luminous Lichtenherg streamers observed
on the surface during the discharge, although no direct comparison has been
made. The tracks in the Teflon appear to be the results of currents which
flow through the Teflon parallel to the surface during the discharge of the
sample. Ionization and recombination in the current channels are accompanied
by light emission which gives rise to the luminous Lichtenberg patterns. The
process of discharging the sample by currents flowing underneath the sample
surface is consistent with puncture sites where filamentary material damage
has occurred as in figures 6a and 6b. In figure 6c, a current filament is
seen to surface a number of times before reaching the main discharge channel.

The microphotographs of the discharge sites dramatically demon-
strate the material damage resulting from the discharges on the sample. It
is evident that the energy in the current channel is sufficient to rupture
the channel as in figure 6b and to eject molten Teflon from the puncture site.
In addition, there is appreciable silver loss from the grounded silver backing
as seen in figure 6d as well as extensive melting and ejection of material
from the discharge sites.

Return Current

Return currents to the sample were measured during a discharge with
a Tektronix CT-l current probe and a Tektronix oscilloscope. Since the probe
was installed outside of the vacuum system, a shielded cable leading from the
sample to the probe was terminated in its characteristic impedance (50 ohms)
so as to minimize reflections.

From numerous observations of the return current associated with
a breakdown, two distinct categories of pulses have been identified. The
first is characterized by a long duration pulse of 200 to 400 ns. while the
second is represented by a short pulse of 20 ns duration. These two time
scales appear to relate to different discharge processes and are discussed in
the next section.

In addition, the total charge in the return current pulses was
determined by integrating the recorded current traces. Figure 7 illustrates
the relit ionship between this charge and the irradiated area of the sample
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surface. Although there are large shot-to-shot variations in total charge
a generally linear relationship exists implying that the entire sanyle surface
is discharged during a given event.

Particle Emission

Using the particle collecting probes (Faraday cup, RPA, HERPA),
the charge, energy, and angular distribution of the particles emitted during
a discharge were determined. Figure 8 shows two traces from the Faraday cup
with the bias first set to collect negative particles (8a) and then to col-
lect positive particles (8b). The time history of negative particles includes
an early electron spike followed by a longer electron pulse. The early pulse
is present in all breakdowns while the later pulse is intermittent.

The maximum retarding potential (3 kV) of the RPA was not suf-
ficient to reduce significantly the amplitude of the early spike. Therefore,
a high energy retarding potential analyzer (HERPA) was designed and tested to
11 kV. Using this probe the energy of the electrons in the early spike was
found to be in the range of 5-7 keV.

The later pulse of electrons exhibited energies less than the
threshold sensitivity of the RPA ( leV). Coincident with the late electron
pulse is a pulse of positive particles as shown in figure 8b. Using the RPA,
the particle flux was measured as a function of the retarding potential as
shown in figure 9. From figure 9 the energy of the positive particles is
estimated to be 70 eV. The total number of electrons and positive particles
is of the same magnitude. The coincidence of arrival times, the equality of
particle number and the relative energies of the positive and negative
particles all imply that the late pulse leaving the sample constitutes a
plasma.

Figure 10 shows the total number of early electrons as a function
of the irradiated area of the sample. As with the return current, the number
of emitted particles is linearly related to the area of the sample.

Light Emission

Light emission during electrical discharge was measured in con-
junction with the return current pulse. The experimental data clearly shows
that the emitted light signals follow closely upon the return current. It
may also be observed that the emitted light persists for 100 ns beyond the
point at which the return current pulse has decreased to zero. It should also
be noted that the amplitude of the light emission during the short return
current pulse is four times as large as that occurring during the long
duration return current pulse.
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DISCUSSION OF RESULTS

A consideration of the measurements presented provides a physical
picture of the general process by which the sample surface is discharged.
The interrelationship of these measurements leading to a cataloging of
different discharge processes is presented in this section.

The dependence of the minimum breakdown voltage on the shielding of the
sample edges, on sample thickness, and on the previous history of discharges
on the sample provides insight into the material characteristics which govern
the breakdown voltage.

The dramatic increase in the minimum breakdown voltage from 15 kV to
32 kV for a 125 p (5 mil) sample when the sample edges are shielded from
irradiation indicates that bulk properties of the sample control the break-
down threshold once surface effects associated with sample edges are elimi-
nated. The slope of the straight line in figure 4 yields a breakdown strength
for the bulk material of 2.6x10 6 V/cm (6.5 kV/mil) which is in good agreement
with the manufacturers' value of l.8x10 6 V/cm (ref. 1) for a 75 p sample.
Preexisting defects are expected to depress the breakdown voltage from the
ideal value. This can be seen in figure 5 where the value for the first 20
discharges is decreasing on the average. The discharges can also alter the
material properties to increase the breakdown voltage as seen by the non-
monotonic variation.

The sub-surface crazing together with the surface cracks are similar in
form to the luminous Lichtenberg patterns and are in close agreement with the
observation of others (Crutcher, private communication). The fissures are
evidence for current channels formed by vaporization and ionization of the
dielectric material. They imply that the surface is discharged by lateral
currents flowing beneath the surface and indicate the extent of the region

discharged.

All of the return current pulses represent a unidirectional flow of
electrons from ground to the silver backing on the sample, in agreement with
the observation of Berkopec ot al. (ref. 2) The majority of the return current
pulses could be classified as short (- 20 ns half-width) or long (200-400 ns)
with a few scattered values of 90-120 ns. The trend in figure 5 is for the
short pulses to be associated with peak values in the breakdown voltage and
long pulses to be associated with decreasing or minimum values in threshold
voltage. The total charge in the pulse appears to depend on the irradiated
area for the long pulse but not the short pulse. Although there is scatter
in the data, the relatively straight line through the maximum values of charge
flow for long pulses in figure 7 indicates that the entire sample surface
irradiated is being discharged under the conditions studied. Stevens (private
communication) has observed both partial and total discharges of the sample
which could account for some of the scatter in the data. This classification
of return current pulses as to short or long pulses provides a convenient
method for distinguishing between different discharge phenomena.
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The emission of particles from the surface was studied to determine the

origin of the return current pulse. The initial burst of high energy electrons
accounts for the polarity of the return current pulse. The energy of the

particles is in the range of 5-7 keY for the duration of the pulse. Since the
time of flight for these electrons (20 ns) is much less than the duration of
emission, the pulse length of the high energy electron emission appears to be
representative of the sample discharge time.

Both the short and the long duration emissions of high energy electrons
occur simultaneously with the corresponding return current pulse. The two-
fold difference in duration for the particle emission is a factor of 10 less
than the difference in the return current case. The results tend to support
the observations of Nanevicz and Adamo (ref. 3) and Gross et al..(ref. 4) that
electrons are emitted during a discharge.

The later pulse consisting of positive ions and electrons was observed
only when the return current pulse was short. The magnitude and duration of
the positive and negative particle signals indicate that the particles are
emitted as a near neutral plasma. An insight into the nature of the pulse is
obtained from a consideration of the particle energies. The results shown in
figure 9 indicate that the ions are emitted with a minimum energy of 30 eV.
Another estimate of the particle energies can be obtained by determining the
time of arrival of the particles at the collector from the temporal evolution
of the collector signal. From the transit time and known sample-to-detector
distance the velocity, and hence, kinetic energy can be determined. The re-
sults again show that all the particle energies exceed a minimum value. By
equating the minimum energies, an estimate of the positive ion mass can be

found if the ion is assumed to be singly ionized. The value of 13.3 amu so
obtained is sufficiently close to the atomic weight of carbon 12 to encourage
a tentative identification of the later positive ion peaks as due to singly
ionized carbon, although the data is not sufficiently definitive to rule out
fluorine.

An estimate of the currents flowing on the sample surface can be obtain-

ed by dividing the total charge of the 75 V thick sample charged to 24 kV by

* the time given by the duration of the high energy electron burst. This value

(300 A) can account for the vaporization and ionization required to produce a
plasma. The presence of the plasma pulse -n turn accounts for the light
emission during the discharge as well as the sub-surface cracks and fissures
on the sample.

CONCLUSION

The somewhat random variation in the measured parameters in this study

indicates the complex and changing nature of the electrical discharges. There-

fore. the need to develop a realistic model becomes readily evident.

The experiments indicate that puncture discharges occur when the Teflon

sample edges are shielded from direct irradiation by the electron beam. Under
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these conditions the surface voltage of an irradiated sample increases until
the electric field strength within the sample, possibly at a material defect,
exceeds the dielectric strength of the material, thereby initiating a break-
down through the sample with the grounded silver backing, serving as one
electrode. Apparently the entire sample surface can be discharged by lateral
currents flowing beneath the surface. Material damage in the form of fissures
and cracks results from these currents. Correlation of light emission and
return current measurements indicates plasma formation takes place during the
initial stages of the breakdown process. The plasma formed provides the
necessary conducting paths for discharging the sample. The burst of high
energy electrons accounts for the polarity of the return current and provides
a measure of the sample discharge time.

Another significant feature is the duration of the return current pulse
which is an easily measured parameter to distinguish between two different
discharge processes. When a long duration return current pulse is observed,
the following discharge characteristics are also present: a) particle emis-
sion consists of a relatively long burst of high energy electrons, b) the
total charge in the return current pulse is proportional to the irradiated
area of the srmple, and c) the light emission indicates a low-amplitude,
long-duration pulse. For a short duration return current pulse the following
discharge characteristics are observed: a) particle emission consists of a
relatively short burst of high energy electrons followed by a later near-
neutral pulse consisting of positive ions and electrons, b) the total charge
in the return current pulse is independent of irradiated sample area, and
c) the light emission is a large amplitude short pulse.

If the experimental results are sorted according to the time duration of
the return current pulse, a meaningful identification of the discharge
characteristics emerges. Correlation of experimental parameters thereby
generates signatures useful in the delineation of the various discharge
processes.
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SCALING LAWS AND EDGE EFFECTS FOR POLYMER SURFACE DISCHARGES*

Keith G. Balmain
University of Toronto

SUMMARY

Specimens of Mylar sheet were exposed to a 20 kV electron beam. The re-
sulting surface discharge arcs were photographed and the discharge current into
a metal backing plate measured as a function of time. The area of the Mylar
sheet was defined by a round aperture in a close-fitting metal mask, and the
current pulse characteristics were plotted against area on log-log paper. The
plots appear as straight lines (due to power-law behavior) with slopes of 0.50
for the peak current, 1.00 for the charge released, 1.49 for the energy and
0.55 for the pulse duration. In addition, evidence is presented for the occur-
rence of banded charge distributions near grounded edges, on both Teflon and
Mylar.

INTRODUCTION

Numerous extensive laboratory simulation studies on spacecraft dielectric
charging and arc discharging have been reported in references 1, 2 and 3. Many
such laboratory experiments involved dielectric areas much smaller than the
exposed dielectric areas existing on operational synchronous-orbit satellites,

and so the question of area scaling of charge/discharge phenomena arises natur-
ally. Certainly it is easier and faster to carry out small-scale experiments,
compared to large-scale experiments in vacuum chambers large enough to hold
spacecraft components or even an entire spacecraft.

Experimental results reported in reference 4 showed that, for surface
macrodischarges on metal-backed polymer dielectrics, the peak discharge current
is proportional to the surface area raised to a power "p" lying between 0.5
and 0.8, for the range of areas lying between 0.2 cm2 and 20 cm2 . The most
consistent results were for Teflon with a value p - 0.575, giving a peak-
current power law which extrapolated downward in area into close proximity
with microdischarge measurements in the range of areasfrom 10- 5 cm2 to 10- 3cm2 .

The above extrapolation would have produced a better fit if the value of
p had been slightly lower. This observation raises the question of area def-
inition, because in the macrodischarge case the charged area was defined by

Research supported by the Natural Sciences and Engineering Research Council
of Canada under Grant No. A-4140. The measurements reported here were

carried out primarily by G.R. Dubois.
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cutting the specimen to size, while in the microdischarge case the charged area
was defined by the cross-sectional area of the incident electron beam as de-
duced from scanning-electron-microscope examination of deposited charge pat-
terns. For the macrodischarges, cutting the specimen to size could stress or
otherwise damage the specimen edge, and furthermore leaving this edge exposed
could produce anomalous effects on charge penetration, charge accumulation,
discharge initiation and discharge propagation.

A method of area definition which is precise and which does not involve
cutting or edge exposure is to cover the specimen with a close-fitting metal
mask and to use masks with various apertures in order to establish experimen-
tally the area scaling laws. This paper describes such a masking technique and
gives experimental results of discharge characteristics obtained using masked

Mylar specimens.

If a metal mask avoids some types of edge effects, it is reasonable to
wonder what edge effects remain. One type of masked-dielectric edge effect was
noted by M. Cuchanski and first reported in reference 5. It involved exposure
to an electron beam of a polymer sheet covered by a vacuum-deposited-aluminum
mask with a circular aperture. This was followed first by exposure to air to
neutralize surface charge and then by examination in a scanning electron micro-
scope at low voltage to look for embedded charge made visible by its enhance-
ment of secondary emission. Charged annular rings were observed, suggesting
the existence of high-field regions near the mask edge. This work was later
extended (ref. 6) and some of these latter results are included here.

EXPERIMENTAL ARRANGEMENT

The masked specimen and its backing plate are shown in figure 1 and are
mounted on (and isolated from) a removable section of the vacuum chamber wall.
A vacuum-sealed bulkhead receptacle carries the discharge pulse signal through
the chamber wall to a 10-ohm termination and thence via attenuators to a
400-MHz oscilloscope.

The incident electron beam is deflected magnetically in order to permit
photography of the surface arc discharge. The resultant current density at the
specimen surface is of the order of 1 wA/cm 2 at a beam accelerating voltage of
20 kV. Precautions had to be taken to ensure adequate shielding of operating
personnel from X-radiation.

A different Mylar specimen cut from the same sheet was used for each
masked area to proJuce the results presented graphically in this paper.

DISCHARGE MEASUREMENTS

A typical photograph of a surface arc on Mylar is shown in figure 2. The
arc concentration at several points around the mask edge is evident and is
common to all arcs photographed. Also visible in most photographs (although
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not strongly evident in this case) is the alignment of many of the interior
arcs along a preferred direction dependent on specimen orientation.

Typical discharge current pulses are shown in figure 3. For smaller areas
the pulses were more sharply peaked, and for the smallest areas tested the
pulses were much shorter with some overshoot and ringing noticeable.

The variation of peak current Im with specimen area is shown in figure 4,
in which each point is the average from approximately ten pulses. The straight
line drawn through the points has a slope of 0.50 indicating that the peak
current is proportional to the area raised to the power 0.50. It is worth
noting that this line extrapolates to Im = 1000 A at an area of I m2 .

The charge Q passing through the measurement system is given by

Q JI dt

and this integration was carried out manually from oscilloscope photographs.
The resulting graph of charge against area is shown in figure 5, in which each
point is the average from approximately five pulses. The straight-line approx-
imation has a slope of 1.00 and the fit to the straight line is good even for
small areas.

The energy dissipated in the load resistor R is given by

E = R I 1 dt

The resulting graph of energy against area is shown in figure 6, in which each
poinL is the average from approximately five pulses. The straight-line approx-
imation has a slope of 1.49. It should be noted that the highest energies are
of the order of a few millijoules, indicating that unsuitable load resistors
or attenuators attached to the system could be burned out by the dischargc
pulses.

The pulse duration was calculated from the relation

T = i dt

The resulting graph of duration against area is shown in figure 7. The points
exhibit more scatter than in the other graphs, with the result that the
straight-line approximation having a slope of 0.55 could almost as well have
been drawn with slopes anywhere in the range from 0.50 to 0.58. Departure
from the straight-line approximation is most noticeable for small areas and
thus for short pulses, this departure taking the form of lowered amplitudes
and extended pulse durations, accompanied by small-amplitude ringing for the
smallest areas. The probable primary cause of this effect is the 400 Mz
bandwidth of the oscilloscope, with a secondary cause being the overall dimen-
sions ol the specimen, mask, back-plate and distance to the load, all adding
up to about a wavelength at 1000 MIlz.

HIh penetration depth for 20 kV electrons in Mylar is estimated to he
8 ;mi (rt. 6), so presumably most of the embedded charge resides near this

depth. If discharge arc propagation and subsequent damage are concentrated
neit the penetration depth as in the high-energy experiments of Cross (ref. 7),
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then one might expect to see surface damage of about 8 wm depth. \ Mylar spec-
imen which had been used for many experiments was coated with vw:' .-deposited
gold and viewed in a scanning electron microscope, a typical result being
shown in figure 8. The large depression is about 8 pm deep and presumably re-
sulted from the blowoff of material during the propagation of an arc along the
groove at the bottom of the depression. The groove has branches which seem to
disappear into holes in the depression wall. The corresponding transmitted-
light photograph of figure 9 indicates that the holes continue into the mater-
ial, forming a network of damage tracks or tunnels of about 2 um diameter at
a depth of about 8 Wm.

The propagation of a discharge along a well-defined path must of course
take place at an equally well-defined velocity. This velocity can he estim-
ated by noting from figure 7 that an aperture radius of 1 cm corresponds to a
pulse duration of 33 ns, the ratio giving a velocity of 3x10 5 m/s. This is
similar to the value of roughly 105 m/s which can be deduced bv means of the
same type of calculation from the results in references 5 and 6 for micro-
discharges.

The banded charge distributions near a metallization edge (as referred to
in the introduction) are shown in figure 10. The basic procedure used was
first to irradiate the exposed dielectric in the aperture with a scanned 20 kV
electron beam while viewing the secondary-electron image, in the usual scanning
electron microscope (SEM) set-up. Then the specimen was exposed briefly to
room air to neutralize most of the surface charge. The specimen was then re-
turned to the SEM, scanned at I kV and its secondary-electron image photogra-
phed. Because embedded charge must increase secondary emission due to elec-
trostatic repulsion, the area of embedded negative charge shows up as a lighter
region in the photographs. In figure 10, the top row of photographs shows the
annular-ring form of the charged bands on both Teflon and Mylar. In the middle
row a discharge event is indicated by the white streak, which appears to have
caused an indentation in the charged band. Perhaps the discharge was initiated
in the charged band near the metallization edge. In the bottom row, notch-
shaped and rectangular apertures were tried with similar results.

INTERPRETATION

The area-scaling graphs of Im , Q and T are all approximately consistent
with the notion of a discharge arc which propagates at a well-defined velocity.
If the discharge originated from a point and expanded outward uniformly, then
the current would be proportional to the length of the wavefront, and Im would
be proportional to its maximum length, a quantity related in turn to the linear
dimensions of the specimen. A sequence of linear, branching discharge paths
should produce the same result.

If the discharge initiates at the aperture edge and propag ates inward, the
replacement current into the metal base could arise in two ways. One way is
for electrons to he ejected at or near the arc wavefront. The other is tor
the electrons to be propelled down the network of damage tunnels to the poiu',
of initiation where they are ejected, there giving rise to the repliacement
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current. In the latter case the relevant velocity would be the sum of the arc
velocity and the electron expulsion velocity along the tunnels.

A vivid analogy is that of a "flash flood" caused by a rainstorm of spec-
ified area. If the water runoff velocity were constant then the peak runoff
current flow would be proportional to the square root of the storm area.

Clearly the surface discharge is not at all similar to a capacitor dis-
charge. Although the capacitor released charge is proportional to the capaci-
tor plate area (as in fig. 5), its peak discharge current is also proportional
to tile plate area (in contrast to fig. 4)

CONCLUSIONS

Surface dischar.e arcs on metal-backed Mylar (and probably on a wide
r.In - 01 polymers) exhibit characteristics which scale with variations in spec-
imen area according to very well defined power laws. The characteristics
identified are peak current, released charge, released energy and pulse dura-
tion, and the respective powers are 0.50, 1.00, 1.49 and 0.55. The latter
figure of 0.55 for pulse duration probably would become 0.50 with improved ex-
perimental technique, because it is determined pulse-by-pulse as the ratio of
released charge to peak current. For small areas and thus for short pulses,
departures from power-law behaviour are believed due to limited oscilloscope
bandwidt Ii.

'Fhe discharge arcs appear to propagate at about 3×l0 5 m/s in hair-like,
branching tunnels at the penetration depth, with occasional blowoffs of sur-
face material. Probably these discharge tunnels are not re-used by subsequent
discharges, because the appearance of discharge arcs always changes markedly
from one arc to the next.

Specimen edges play a special role, with cut and exposed edges signifi-
* cantly atifecting the area scaling laws. Charge accumulates with greatest
, densitv near an edge, usually in multiple bands parallel to the edge. Indi-

cations are th:at these charged bands offer preferential sites for discharge
initiat ion.
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THERMAL BLANKET METALLIC FILM GROUNDSTRAP AND SECOND SURFACE

MIRROR VULNERABILITY TO ARC DISCHARGES

G. T. Inouye, N. L. Sanders, G. K. Komatsu,
J. R. Valles, and J. M. Sellen, Jr.
TRW Defense and Space Systems Group

SUMMARY

This paper discusses tests on both thermal blanket metallic film ground-
straps and second surface mirrors.

The grounding of the metallic vacuum deposited aluminum film on thermal
blankets has been a recommended practice on spacecraft design for electromagnet-
ic compatibility (EMC) purposes for a long time. With the recognition of the
potential hazards due to spacecraft charging, the requirements on the surviva-
bility of these groundstraps have increased many fold because they nov must con-
duct the many amperes of arc discharge current bursts.

The relative durability of a number of different groundstrap configurations
to standardize pulses of 100 amperes peak and 1 microsecond decay time constant
shows a wide variation, from less than 50 to greater than 10,000 pulses, before
burnout. Available data on the geosynchronous orbit environment were used to
estimate the number gf arc discharges per year. An arc breakdown threshold
electric field of 100 volts/cm was assumed, and dielectric resistivity and thick-
ness parameters were varied. For a 2 mil thickness and 1018 ohm-cm resistivity
the estimated number of arc discharges is 1324 per year. A series of electron
swarm tunnel tests were undertaken to verify the validity of the 100 ampere, 1
microsecond test pulse parameters. The results of these tests are not defini-
tive but do indicate that the actual pulses could be more benign.

In addition, electron swarm tunnel tests on second surface mirrors were
performed. These tests were performed on mirrors with both quartz and glass
(microsheet) windows. The results showed that the quartz mirrors arced at all
temperatures from 20°C to 100C at 10 ua/cm2 electron current. The glass win-
dows did not arc at temperatures higher than 50'C.

INTRODUCTION

The grounding of the metallic film on thermal blankets, usually vacuum de-
posited aluminum (VDA), has been a recommended practice in spacecraft designs
for EMC purposes for a long time. With the recognition of the potential hazards
to spacecraft survival due to spacecraft charging, the requirements on the dur-
ability of these groundstraps have increased many fold. Wlere the previous re-
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requirements were for radio frequency interference (RFI) shielding purposes, the
groundstraps must now conduct the many amperes of arc discharge current bursts.

The relative durability of a number of different groundstrap configurations
to standardize pulses of 100 amperes peak and 1 microsecond decay time constant
shows a wide variation, from less than 50 to greater than 10,000 pulses, before
burnout. Available data on the geosynchronous orbit environment were used to
estimate the number of arc discharges per year. An arc breakdown threshold
electric field of 106 volts/cm was assumed, and dielectric resistivity and
thickness parameters were varied. For a 2 mil thickness and 1018 ohm-cm re-
sistivity the estimated number of arc discharges is 1324 per year. A series of
electron swarm tunnel tests were undertaken to verify the validity of the 100
ampere, 1 microsecond test pulse parameters. The results of these tests are not
definitive but do indicate that the actual pulses could be more benign.

Second surface mirrors (SSM) constitute a significant portion of the total
dielectric surface area of spacecraft. Because the windows of SSM are of good
dielectric materials such as fused silica (quartz) or borosilicate glass, charg-
ing/discharging of SSM can be a hazard to spacecraft. The tests performed on
SSM show that

" The surface of a quartz SSM may charge up as high as -12,000 volts and
is likely to break down and constitute an EMI hazard. Raising the tem-
perature to 100*C does not lower the resistivity sufficiently to prevent
chargeup to breakdown potentials.

* If the SSM has a glass window arcing is less likely to occur. Leakage
through the relatively low bulk resistivity of glass, p < 1014 ohm-cm,
limits the charge up voltage. If arcing does occur at room temperature
due to edge effects, the resistivity should become sufficiently low at
higher temperatures to prevent even this effect.

ENVIRONMENTAL MODEL FOR DEFINING GROUNDSTRAP REQUIREMENTS

An excellent data base on the geosynchronous orbit environment has been
gathered by the University of California at San Diego (UCSD) plasma detector
experiments on ATS-5 and ATS-6. Many research oriented papers have been pub-
lished and a number of provisional specifications of the environment have been
generated from this data base (refs. 1,2,3,4). However, further work needs
to be done in the area of data reduction and analysis. Table 1 summarizes our
characterization of the geosynchronous orbit environment for the purpose of de-
fining requirements on the durability of groundstraps. The data available in
the literature have been combined with some ATS-5 data for 1970 which had been
analyzed at TRW on prior occasions.

In table 1, the entire year is subdivided into severe, moderate, mild, and
quiet substorm days, with a maximum possible daily duration of 12 hours from
pre-mldnight to post-dawn. A four parameter Maxwellian characterization, elec-
tron and ion temperatures and current fluxes, are given for each class of sub-
storm day. The four parameters are reduced to two by assuming charge neutrality,
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electron current density = 43 • ion current density, and that

ion temperature = 2 * electron temperature.

Both assumptions are consistent with the data that we have examined. The ATS-5
data for the first three days of January 1970 are shown in fig. 1. Jan. 2nd
fits in the severe category, Jan. 3rd in the moderate category, and Jan. 1st in
the mild substorm day category.

Two recent papers, one by Garrett (ref. 5) of the Air Force Geophysical
Laboratory and the other by Johnson, Quinn and DeForest (ref. 6) of UCSD provide
a deeper insight into the statistical variations of the environmental parameters.
Incorpnration of these data would put the present analysis on a firmer basis.
The dependence of these parameters on the eleven-year solar cycle, for example,
has not been determined, and further data collection and analyses are required.
Even in these papers, the amount of data analyzed covers only a period of a few
months, and a much better statistical basis would be achieved if more datc., al-
ready available, would be reduced and characterized.

COMPUTATION OF THE EXPECTED NUMBER OF ARC DISCHARGES PER YEAR

The expected number of arc discharges per year may be computed using the
environmental model characterized in table 1. The charging time to an assumed
arc breakdown threshold of 106 volts/cm is determined from the following equa-
tion for the total current density, J:

J =J - J - J" -J - J - J
e se 1 se R c

where

J = Electron current density
e

J J = Secondary and backscattered current density
se

J. = Ion current density
1

Js3 = Secondary and backscattered current density

JR = Resistive leakage current density

J = Capacitive displacement current density

Each of the current density components of J depend on the surface potential as
well as the various material parameters. The cipacitive term defines the time
dependence of voltage, V:
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t (-S ) -V/T 1+S1
t- IId e (-S e )  - (+ T) V~I d

f pdJoe

where

oe Electron current density when V - 0

T - Electron temperature (actually Tie)

S - Secondary emission factor for electronse

S a a Secondary emission factor for ions

d - Dielectric thickness

r " Relative dielectric constant

p a Dielectric resistivity

Figure 2 shows the rise of voltage with time computed from the above equation
for a 3 mil dielectric thickness. A non-linear resistivity of the form

p f e-V/1. 9 2 2 , (V in kilovolts)

has been assumed for several values of p0. Table 2 shows the number of arcs per
year computed on the basis of the environment summarized in table 1. Experi-
mental data on non-linear resistivity measured by Hoffmaster and Sellen (ref. 7)
was re-evaluated and the value of p - 2.66 . 1018 ohm-cm was found to best ap-
proximate the observed data when secondary emission effects were taken into ac-
count (ref. 8). Further details of the computations for table 2 are also given
in ref. 8.

THERMAL BLANKET CONFIGURATIONS AND ARCING NODES

Before the potential problem due to space-raft charging were recognized,
the exterior surface configuration was dictated mainly by thermal control con-
siderations. Typically, except for the arrays of solar cells which are also
covered with a thin quartz dielectric coverglass, well over 90% of the exterior
surface is covered with thermal blankets and with second surface mirrors which
are also used for thermal control purposes. Because these dielectric surfaces
comprise a significant portion of the total exterior surface of spacecraft, they
are also a major factor in determining the overall charging characteristic of
spacecraft in orbit. In the current state-of-the-art of thermal control, gen-
erally, the outermost layer of thermal blankets is a sheet of a very good di-
electric, typically kapton, mylar, or teflon, with thicknesses in the order of
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a few ([ to 5) mils. The inner or backside is coated with a film of VDA. Occa-
sionalLy, silver or inconel have been used instead of the aluminum.

A typical thermal blanket has an outer (exposed to the space environment)
laver of 3 mil kapton and an inner layer of 2 mil kapton. In between, there
are ten layers of 1/4 nil kapton which are intentionally "crinkled" to improve
its thermal properties. The nominal thickness of the composite blanket is 100
mil. All layers have the VDA film on the inner side, and no attempt is made to
change the VDA thickness with varying thicknesses of the dielectric sheets.
Mhe outer and inner layer VDA resistance is specified to be less than I ohm per
square. These are spot checked as received and typically are measured to be
about I ohm per square. The inner layers, because of the crinkling process,
are typically 100 ohm per square even though the VDA thickness is nominally the
same for all layers. Calculating the VDA thickness, t, Qn the basis of the
bulk resistivity of aluminum (p = 2.83 • 10-6 ohm-cm) and the I ohm per square
resistance gives

t = p/R = 2.83 • 10- 6 cm = 283 Angstroms

Because of the vacuum deposition method of putting the aluminum on the dielec-
tric, the actual thickness of the VDA film is more nearly in the 1,000 Angstrom
range.

Although it is not possible -o "ground" the external dielectric surface,
it has been recommended that the interior VDA film be conner ted electrically to
the spacecraft struicture. The reasoning behind this recommendation is that the
effects of arcing from the metallic film would be far worse than from arcing of
the dielectric surface. It was assumed that arcing from a metallic film would,
because of its inherently greater conductivity, drain charge from a much larger
area than would an arc from a dielectric surface. This reasoning has been
shown to be not wholly confirmed by subsequent tests which indicate that a
charge '"wipeoff" effect exists at least for dielectric test sample areas of a
few hundred to a few thousand square centimeters. Thus, oven though the metal-
lic film is grounded, arcs from the dielectric surfaces may cause current surg-
is to flow through the groundstrap.

Figure I shows examples of some possible arcing configurations. Fl ashover
or pinich-through arcs (3a) from the dielectric surface to the metal film do not
stress the groundst rap directly. A secondary effect exists in which the rate
of change of surface potential and the capacitance to space causes a much smal-

ler replacement current to flow through the groundstrap. Dielectric-to-metal
and dielectric-to-dielectric arcs are shown in (3b) and ( 3c). Metal-to-dielec-
tric and metal-to-metal arcs, which could occur if the metallic film is un-
.,rounded, art, shown in (3d) and (3e) . Arcs to space, observed in laboratory
ttsts as arcs to the tank walls, are shown in (3f).

T!'e question of the grounding of the VDA on the many inner layers of ther-
mal alankets has been posed frequently. Our view is that if the outermost
I'iv r is properlv grounded, the problem vanishes. If it is not, then the
ot itr st laver, usual ly being much thicker, presents the greatest hazard be-
;,i. It:; c;+; c nt c ,; less, the charget up rate is f:istest, and the breakdown
the,:hld .,1 V L;W , is he lighc,,t. Although some ,routndstrapping tcchniq us
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attempt to ground thle inner lavers, their high ohms-per square resistivity is
an indication that large portion--, of thlt film are already isolated and thus it
is even morL' important that tile outermost l aver he well grounded.

ARC: D)ISCHIARGE CHARACTERI STICS

A series of oeItctron swarm t unnel tes ts were unde rtaken to define thle arc
discharge b reakdown threl-o I ds; and current waveforms. Unfortunately, as many
pre,lens were raised ais were' answered, and no defi nit ive characterizations were
possihble . In regard to the breakdowni thre7sholds, these were found to be very
dependent on the sample con figutrat ion. liv care fully folding over thle edges
of a 2 mil aluminized kapton sample so that only punch-th rough type arc break-
downs Could occur, we observed no discharge-, with thle maximum beam voltage of
20 kV. Allowing for a 2 k V differential between beam voltage and surface po-
tential due to clamping ;,t thle sec,-ndary emiss ion cross-over, an 18 kV stress
gives a b~reakdown field greater than 9 kV/mi i or 3.5-106 V/cm.

Removing, the kVPA at thet- corners Of thle test samlple to provide points of
Pnlhanced Field gradients resulted initial lv Ii arcs at the rate of a few times
per minute . At a beam cur rent den si t v J, of l0it na/celm" and a capac itan ce of

0_) pf/crr-2 th1Cch hargetiUp r it c marv noe c Ice t!Ii t ed As5

L = U =?200 vol t/econd =~ 1 2 k V/minute

For a 6 kV arcilng voltage c the b1reakdownl electric ticeId is 3 kV/mil or 1 .2- 106
V/cm. After about ') or 19 lPi.e howe'ver * thet rate was found to decrease and
evenitualv ix rcing Ccasl. e n t i re IV. Fxaminat ion of the ;sample out of thle vacuum
tank shtowed that the met ailli c VlPA f iiin bad beenO eroded from tilt edge . Another
test samlpl Ic c mf itrait ion i n lnh i 'h thL' e swere si np l% Cut With scissors and
not folded over behaved smlrl'

A\l I oif thet tto!t iii ,r ihbd tlliins ft r were, mounted on a p las tic frame
and thet VDtA connect ion was iu ith out of the, bakside to thle c xterina I gro und-
Ji ng ren istor aind I iancnos ion,. And oier p confi gurat ion tried was with the
thermal blanket fel do1 ever the plas.-tic frame. but with thet entire unit mounted
o n A n a I IumIi nuiiIM pane [I" a ah4 IOl i in f i gutre1 *i . '11 k' VDA was insuil ated from thle panel
,Ind the connrict ioen ,in; b roinh t out tlirongh ai hole in the panel and the connec-

ion to the paine I xw'as F. oiiga out of the vaicuuim tank as we] 1 as thle VDA. Wi th
i (0.5 ohm terwn oat iie, roister, cairronts; a! large as 50() amperes with a 1.5

microsecond wi dth were, oh arvod 0n ai I 28 cm sample . F igure ia sihows an
vxample of the wVor.\i s-ino I Iv, mos t of the ni-cs st artod at the edges and
spreaid ove r ticlt, t F oin '. lg Fir, ; Sb and C show OXamole11s Of Cur-
rents o i -1 12 x: 12 c? nazmp lo indill 8 x S on s-.-;mplo wh ich arc 1i00 and 12 am-
peres , res pee t ive I. I) alidit ion to dt-rio Pstit ice, ain Incr ease oif penk current
with sopi'area , it ,h(,ijto !I nt d ti-it the, pulse, width aliso increase s fr-om
(1.' ils to I .0 go t!" ;im~'r~ii r i sed Ihie sinAI lest Sample, 8 x8
cm, ;list, hind a sopicwnitIf ilot ot) coni j urait ion an thait a o) .2" guard ring was
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etched around its periphery. This may account for its inordinately small peak
current magnitude.

Originally, traces were taken simultaneously on a dual beam oscilloscope.
However, it was found that the two external signals were cross-coupling, so
that these were subsequently taken individually. When the VDA return current
was 500 amperes, 20% or 100 amperes was found to flow to the aluminum backing
plate. Examination of the data indicated that the termination load resistance
determined the relative as well as total amounts of currents flowing to the
plate and to the tank walls. The decrease in peak current as the VDA load re-
sistor was increased as shown below:

Load Resistance (ohms) 1 10 100 1000

Peak Current (amperes) 400 100 30 3

It should be noted that no attempt was made to minimize wiring inductances
from the sample to the external load resistors. Thus, the sample voltage,
especially with the smallest load resistances, could have been much larger be-
cause of the inductive reactance and therefore have been a limiting factor on
the peak current.

GROUNDSTRAP DURABILITY TESTS

In view of the different groundstrapping techniques used for grounding the
metallic film of thermal bJankets on different spacecraft programs, tests were
performed to compare their relative durability to large current pulses such as
would result from arc discharges. For a standardized 100 ampere peak current
from a .01 microfarad capacitor charged to 10 kV, a 1 microsecond time constant,
the number of pulses survived before open circuiting varied from 'U50 to 1-1000
for the different groundstrapping techniques. An improved technique for ground-
ing was also tested under the same conditions and was found to be far superior
to any other, surviving more than 10,000 pulses with no indication of any de-
terioration.

From the previous discussions on thermal blanket arcing modes and arc dis-
charge characterization it is clear that a typical arc discharge cannot be de-
fined at this time with much confidence. In particular, arc breakdown threshold
or triggering mechanisms, area of dielectric surface drainage, and effects of
surface potential during discharge or replacement currents are not understood.
Since pulse durations of less than 100 ns to greater than 10 ls have been ob-
served, a I ps pulse width was assumed to be a reasonable compromise. Sim-
ilarly, since arc breakdown voltages of 2 kV to greater than 20 kV have been
observed, 10 kV was assumed to be a relatively high level. The capacitance,
.01 pf, corresponds to that for 500 cm2 of 2 mil kapton. Although larger areas,
%4000 cm2 , have been observed to discharge in a single pulse, K. P. Bogus (ref.
9) of the European Space Agency has found that the peak current does not in-
crease linearly, but rather more nearly as the square root. Furthermore, arc
discharge modes and surface potential effects are expected to further reduce
the magnitudes of peak currents flowing in the groundstrap.
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TEST SETUP AND SAMPLE CONFIGURATIONS

'111e test setup is shown schematically in figure 6. A hydrogen thyratron
is triggered from a pulser to energize the discharge circuit. An 8" x 6" sam-
ple of the thermal blanket is connected by a metal cross-bar over its entire
width on one side and by the groundstrap on the other. A 100 ohm non-inductive
resistor limits the peak current from the .01 i'f capacitor to 100 amperes.

Drawings of the four groundstrap configurations are shown in figures 7a,
7b, 7c, and 7d.

TEST RESULTS AND DISCUISSION

The test results are shown in figures 8a, b, c and d as curves of ground-
strap resistance vs the number of current bursts. The results are also sum-
marized below, :;howing the number of pulses to burnout various groundstrap con-
figurations:

DSP 20 to 60 Pulses
FSC 40 to 200 Pulses
DSCS II 600 to 1200 Pulses
MODIFIED greater than 10,000 Pulses

The wide variation in the number of pulses required to cause the groundstrap to
open-circuit seems to depend on the peripheral length of the contact between
the metallizing VDA film and the aluminum foil of the groundstrap itself. This
is indicated by an examination of the contact configurations of the various
samples and bv the fact that it was observed that it is at these peripheries at
which the VDA is burned off. In the case of the best sample, accelerated life
testing at 500 amperes peak showed that VDA burnoff occurred at the metal cross-
bar rather than at the groundstrap. In the case of the poorest configuration,
Significant increases in resistance are observable with each individual pulse.
Figiure Q is a photograph showing small pucker mounds associated with each pulse.

SECOND SURFACE MIRROR CHARGING TESTS

Typi cal setcond surface mirrors consist of 6-8 mil thick and 2 to 2-1/2
inch squares of quartz or borosi licate glass windows. Window materials used on
IRW prgrnms were

Program Window Miterial

DSCS II Glass (Borosilicate)
FLTSATCOM Quartz (Fused Silica)
DSPI Class up to Serial 10"),

then Quart z
TDRSS Quart z
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The inner surface of the window is coated with vacuum deposited silvcr to a
0

thickness of 500-1000 A. The metallized layer is protected with a thin layer,
100-1000 A, of ceramic. Until several years ago, a layer of inconel was used
instead of the ceramic, but the ceramic was found to provide better protection.
The second surface mirror is bonded to the spacecraft with a silicone adhesive,
roughly 3 mils thick. Silicone adhesive is used to permit thermal compliance,
i.e., permits relief of thermal stresses.

Second Surface Mirror Tests

The second surface mirror (SSM) tests were performed in the 2' diameter by
4' long vacuum tank with the test setup as shown is figure 10. An electron gun
at one end of the tank is capable of providing an electron beam density of 100
na/cm 2 at 20 kV. The positive side of the acceleration power supply is ground-
ed to the tank. A door is provided near the mid-section of the tank to permit
the "substorm" to be turned on and off. Faraday cups are provided both in
front of the door and in front of the test sample to calibrate the incident
current density. Electrostatic voltage probes are provided on swinging arms to
provide scans of surface potentials. During most of the SSM testing the elec-
tron current was set at 10 na/cm 2 with an accelerating potential of 20 kV.

Two test samples wre used. Both samples consisted of six SSM's mounted
on an aluminum substrate with roughly a 3 mil thickness of silicone adhesive.
In one sample all the SSM's had quartz windows and in the other glass windows.
In each case a heating pad was mounted on the side of the substrate opposite to
the mirrors. The samples were also instrumented with thermocouples to determine
the sample temperature. Several connections were brought out from the sample
under test. These consisted of heater wires, thermocouple output wires and a
single output curLent wire from the aluminum SSM substrate. This output was
grounded through a 1-ohm resistor which fed the input to a strip chart recorder.
Occasionally the same output was examined using a Tektronix 555 oscilloscope
loaded with a 50 2 resistor at its input.

Arcing occurred with the quartz SSM sample soon after the door was opened.
The arcs could be observed visually by looking through a window in the tank.
Most of the arcs appeared in the cracks between the mirrors but occasionally
arcs appeared to flash across the mirror surface. An oscilloscope trace of a
typical pulse associated with the arcs is shown in figure 11. The trace shows
an approximately 40 ampere pulse of about one-third of a microsecond duration.
Note that the polarity is positive, indicating that electrons are leaving the
sample and (presumably) going to the vacuum tank walls, which are at zero
(ground) potential. The electrical circuit is completed by electrons which
flow from ground through the resistor to the sample. This is equivalent to
positive charges flowing in the opposite direction, which is consistent with

thp observed signal polarity.

There should also be a displacement current component which flows due to
the capacitance between the test sample and the vacuum tank walls. Assuming

that this capacitance if 100 pf and that the sample surface represented by this
capacitance goes from -Il kV to 0 V in .33 microseconds, the charge and voltage
currents are
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Q = CV = I..10- 6 coulomb; 1 = Q/t = 3.3 amperes

The displacement current would be in the opposite direction and smaller than
tile former current and would reduce the amplitude of the observed positive
pulse.

Two different modes of arc discharging, to the tank walls and across the
SSM window to the substrate can occur and are illustrated in figure 12. If the
arc is to the tank wall as in figure 12a, both currents discussed in the pre-
vious paragraph will flow. Since the displacenent current is smaller, a posi-
tive polarity pulse is anticipated. Note that if the arc is to the substrate
(fig. 12b), the current pulse polarity is reversed and a negative polarity is
predicted. This polarity has not been observed experimentally.

The potential on the SSM just before breakdown was measured using the ca-
pacitance probe and found it to be -Il kV. The capacitances of the six mirrors
is approximately 3600 pf, therefore the total current that would appear in the
pulse if all the charge went to the walls is given by

CV 3.6 x 10 - 9 x 11,000
[ = -,9 amperes = 120 amperes

333 x 10

1herefore the 40 amperes shown in the oscilloscope trace corresponds to only
one-third of the total charge on the mirrors. The remainder of the charge
either remains on the mirrors or "flashes over" to the grounded aluminum sub-
strate effectively reducing the positive current pulse observed.

The rate at which arcing occurred was determined from the strip chart re-
cording pulses. This data was taken as a function of temnerature from 20C to
100'C. An example of the strip chart recording is shown in figure 13. In the
example shown, the chart is moving at a rate of 1 inch/minute and the sample is
arcing at the rate of 7.8 arcs/minute. Note that the pulse heights vary siP-
nificantly from pulse to pulse. No quantitative information on the amnunt of
charge involved in the pulses can be obtained from these recordings because of
the slow response of the strip chart recorder.

Resii lts of the arc rate vs temperature test for the quartz SSM is shown in
figuire 14. It is clear from the data that the rate of arcing was not signif-
icantly affcted by the temperature change. The leakage due to the resistivity
of quartz appa|rentlv remains a small contribution to the current balance of the
sample ev,,n when the temperature is as high as 100C and arcing continues at
all temperat ures up to 10 C. When the incident electron current was reduced
to 1 u.i/cm- from 10 na/cm2 , the arc rate decreased from about 7 arcs/minute to
0. 7 ;ir(/minulte hut did not cease.

[he si: glass window mirrors were placed in the chamber and irradiated
with the same electron current (10 nn/cm2 at 20 kV) to which the quartz window
mirrors were exposed. At room temperature arcs were observed both visual *y a1ind
on th' chart recorder hut at n lower rate thnln seen with a quartz window. When
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the current was reduced to 1 na/cm2 the arcing ceased. Figure 15 shows the re-
sults of the are rate vs temperature test on glass SSM's with an incident cur-
rent of 10 na/cm 2 . In contrast to the quartz SSM results a definite tempera-
ture dependence is observed. The arc rate decreases monotonically with temper-
ature and no arcing was observed at temperatures greater than 54*C.

SUMMARY AND CONCLUSIONS

Available data on the geosvnchronous orbit energetic plasma environment
has been examined, and a crude model generated to permit an estimation to be
made of the number of arc discharges per year to which a thermal blanket ground-
strap would be subjected. Laboratory experiments and a survey of the literature
on arc discharge characteristics were performed to define typical and worst case
arc discharge current waveforms. In-air tests of different groundstrap config-
urations to a standardized test pulse were performed and a wide variability of
durability values were found. A new groundstrap technique, not used thus far,
was found to be far superior than the others.

The estimation of the requirements on groundstrap durability discussed
here need to be improved in many areas:

" Definition of the environment

- in terms of statistical distributions
- in terms of satellite longitude
- in terms of the solar cycle

" Definition of the charging process

- in terms of material parameters
- in terms of specific spacecraft configurations
- in terms of specific satellite orientations

" Definition of arc discharge characteristics

- arc discharge breakdown thresholds
- triggering mechanisms
- areas and patterns of discharge
- arc discharge current and voltage waveforms

Since groundstraps on the metallized film of thermal blankets cannot pre-
vent arc discharges of the outer dielectric surface, it is important that fur-
ther work be performed to characterize these dielectric surface discharges in
terms of their potential hazard to spacecraft equipment, i.e., in terms of elec-
tromagnetic interference.

Whether the groundstrap techniques for a given spacecraft program needs to
be improved cannot be answered definitively at the present time because of the
lack of adequate data and knowledge about the charging process and about arc
discharge characteristics as listed above. The greatest uncertainty in the
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computed numbers of arcs per year in table 2 (500 to 2,000), are probably due to
the lack of understanding of the arc breakdown process. Deficiencies in en-
vironmental and materials parameters characterizations are also major factors
in the computational inaccuracy. Because many of these uncertainties have op-
posing influences on the discharge rate, e.g., lower breakdown threshold and
lower resistivity, the upper range of 2,000 pulses per year is probably not too
bad. The numbers of pulses to cause burnout, 20 to >10,000, are most likely
too high by several orders of magnitude for the reason of the test load resis-
tance effects summarized previously. The various arcing configuration effects
are outlined in figure 3; whether or not the arc currents actually flow through
the groundstrap has not been determined. Only direct arcs to the test chamber
walls (to space) have been observed in most tests performed to date simply be-
cause the other arcing modes are difficult to detect and to quantify.

The results of the second surface mirror tests verify that quartz SSM's do
pose an arc discharge hazard for spacecraft, but borosilicate glass, because of
its poorer insulating property, does not. The trend, unfortunately, is towards
greater use of quartz SSM's because of their superior thermal control proper-
ties. The partial cleanoff ("41/3 of the initial charge) of all of the SSM's
(six) in the sample has been observed to occur in %1/4 microsecond. As with
the thermal blanket discharge measurements, the peak currents observed, in the
order of 40 amperes, was undoubtedly dependent on the diagnostic load impedance
(1 ohm plus lead inductances).
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TABLE 1. SUBSTORM MAXWELLIAN PARAMETERS WITH DURATIONS FROM ATS-5 1970 DATA

Severe Moderate Mild Quiet

Jan. 2 (Avg.) Mar. 27 Jan. 3 Jan. 1 Feb. 6

Peak Electron Current Density, Joe(na/cm2) 0.84 (0.95) 1.05 0.35 0.14 0.054

Peak Electron Temperature, Te  (keV) 13.0 (7.5) 2.0 8.0 5.0 5.0

*Average, Joe (1/2 Peak) (na/cm 2) 0.42 (0.48) 0.53 0.18 0.070 0.027

*Average, Te (keV) 6.0 (6.0)** 1.5 5.0 3.0 3.5

*Average, J (J1 43) (na/cm 2) 0.011 0.0042 0.00163 0.00063

*Average, Ti  (2 T ) (keV) 7.6 10.0 6.0 7.0

Duration/Day (Hours) 12.0 9.6 2.4 12.0

Days/Year (Days) 36.5 29.2 43.8 255.5

Hours/Year (Hours) 438.0 280.0 105.0 3066.0

*Average during substorm.

**Use hiqher temperature for worst case.
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TABLE 2. COMPUTATION OF THE NUMBER OF ARCS PER YEAR
WITH RESISTIVITY DEPENDENCE

Type of Substorm Severe Moderate Mild Quiet Total

2
Joe (na/cm2) .48 .18 .07 .027 -

T (kilovolts) 6 8 3 3.5 -
e
Duration Ihrs/year) 438 280 105 3066 -

Arcs Per Year with Non-Linear Resistivity

PO . 1019 ohm-cm

d - I mil 1500 292 8 23 1823
d - 2 mils 1083 184 0 0 1267
d = 3 mils 702 54 0 0 756

Po . 1017 ohm-cm

d - I mil 1407 216 0 0 1623
d - 2 mils 1049 0 0 0 1049
d - 3 mils 467 0 0 0 467

p = 2.66.1016 ohm-cm

d -1 mi 1031 0 0 0 1031

P = 1016 ohm-cmo

d mil 0 0 0 0 0

Arcs Per Year with Constant Resistivity

p = 1018 ohm-cm

d I mu) 1500 295 13 230 2038
d - 2 mils 1090 191 0 0 1281
d - 3 mils 715 82 0 0 797

p = 1017 ohm-cm

d - 1 mil 1467 273 0 0 1740

d - 2 mils 1049 158 0 0 1207
d = 3 mils 657 0 0 0 657

p = 2.66.10 16 ohm-cm

d = 1 mil 1093 189 0 0 1282

O = 1016 ohm-cm

d Imil 0 0 0 0 0
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(a)
14 x 28 cm SAMPLE
500 AMPERES PEAK
1 .5 ps WIDE

(-U
(b)12c SML

120 AMEE 12cAPE

1 ps WIDE

(c)
8 x 8 cm SAMPLE
12 AMPERES PEAK
0.5 jis WIDE

FIGURE 5. ARC DISCHARGE CURRENT WAVEPORMS
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681

L 1 I . . ! . . I1 1 1 | 1 I . . . . . . . . . . I I . . .. . . . . . . " .. . . . . .. . . .



INVESTIGATION OF ELECROSTATIC DISCHAR PHENOMNA ON CONDUCTIVE

AND NON-CONDUCTIVE OPTICAL SOLAR REFLECIORS

S. J. Bosma and C. F. Minier
European Space Research and Technology Centre

and

L. Levy
DCpartment d'Etudes et de Recherches en

Technologie Spatiale

INTBODUCrION

As part of a study of the effects of charge build-up on thermal control
coating materials, a sample cmopsed of non-conductive optical solar reflec-
tors (OSR) was irradiated with low energy electrons at the DERTS facility
in Toulouse (Ref. 1).

The degradation effects on this panel due to electrostatic discharges
justified a follow-up investigation into possible alternatives to limit
the anunt of damage. This paper evaluates the following systems

a) Non-conductive OSR - non-conductive adhesive
b) Non-conductive OSR - conductive adhesive
c) Conductive OSR - conductive adhesive (no interconnection of the OSR's)

TEST FACILITY

The tests were performed in an irradiation chamnber (Fig. 1) at the DETRIS
Laboratories in Toulouse. The chamber consists of the following elements

- A High Tension Feed-Through

This feed-through is connected to the conductive substrate on which the
test sam)le is glued.

- A Diaphraqm

To limit the incident beam on the test sample.

- Three Faraday Cups

To monitor the incident beam durinq irradiation.

- A Viewing Port

- An Electiron Beam Di ffusinn Windclw

This win(c"v consists of a 2 micron thick aluminium sheet, which permits
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the irradiation of large surfaces by diffusion of the initial mono-energetic
beam. The obtained flux uniformity over the samples area is + 40%.

MEASUPED ELIECTRICAL PARAMETERS

Leakage Current

The conductive substrate of the test sample is grounded through a series
of resistances and a nanoampremeter (Fig. 2), which measures the leakage
current.

Discharge Pulse

An oscilloscope is connected to the resistances in a voltage divider
mode (Fig. 2).

A discharge is characterised by comparing the voltage pulses measured
over the divider (Figs. 3A and B).

Discharge Current

The substrate of the test sample is directly grounded. The discharge
current is measured with a current probe and a fast storage oscilloscope.
(Fig. 3C)

Surface Potential

If a test sample is submitted to an electron beam with an energy E and
a current I , the actual current I reaching the surface of the test sample
will depend on the potential V of this surface.

EERrS have determined the different relations I (V) for various electron
beam currents Io and energies Eo .

From these curves the surface potential (V) may be evaluated by measu-
ring the corresponding current (I) at the time of the discharge.

TEST CONDITIONS

A vacuLmT of better than 10- torr was maintained durinq the irradia-

A] I sam)les tested had dimensions of 65 x 65 min. They were irradiated
with electrons of increasing e ergy, start ng from 5 KeV up to 30 KeV with
current densities of 0. 1 nA/cm to 2 nA/cm until discharges were observed.

When the conditions for electrnstatic discharges are obtained, the

sam)le remavins irradiated and is all ced to discharqe during 6 hours.
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GENERAL BEHAVIOUR OF THE IRMADIATED SAMPLE

The impinging electrons on the sample surface cause a charge displace-
ment in the conductive substrate which accounts for the initial high leakage
current. This "displacement" current decays with time, because the incident
electrons are partially retarded by a potential build-up on the sample sur-
face.

There are two cases to be considered

case A) (Fig. 4A) The potential build-up is sufficient to decrease the num-
ber of incident electrons to a value which can be removed by the leakage
paths of the test sample. An equilibrium potential is obtained which is lower
than the breakdown voltage of the di-electric.

case B) (Fig. 4B) The charge removal through the leakage paths is at all
times smaller than the numiber of incident electrons. The test sample will
charge to the breakdown voltage of the di-electric at which time an abrupt
drop in surface potential occurs. It is assumed that this is caused by a
discharge of a large surface area. After the discharge the leakage current
jumps to a high value and starts to decay until a new discharge takes place.

The discharges described in case B are identified as "large", in contra-
diction to "small" discharges, which do not considerably modify the surface
potential and are assumed to be "point" discharges. This latter type can
occur in both cases A and B. These phenarmena have been reported by other
sources (Refs. 2 and 3).

SYSTEM (a): NON-cMDNUxCrIVE OSR - NON-CWxDUCTIVE ADHESIVE

Test Sample

The sample tested was a panel ccmposed of 9 OSR's manufactured by OCLI,
bonded to a rigid plate using RTV 560 (manufacturer : General Electric, LSA).
This bonding has been done by ERNO, who apply the same procedure to the OTS
project. The assembly was mounted onto the test plate at ESTEC, using a con-
ductive adhesive developed by ESTSC which consists of RTV 566 (manufacturer:
General Electric, USA) and metal powder 1029B from Chomerics.

Before mounting, the test plate was primed with Dow Corning silicone
primer DC 1200. Figure 5 shows the carposition of the test panel.

Test Results

A summary of the results obtained from testing the OSR panel is shown
by Table I.

684



Table I

original long duration
(6 hours)

Irradiation parameter 15 keV, 2 nA 30 keV, 2 nA

Surface potential 4 U- 9 kV 4 U 9 kV

Electrical breakdown "large and small" 65 large

Investigation of Degradation Effects

This investigation consisted of the following steps

1) photographic examination of 16 pre-determined points (Figure 6);
no degradation at first observation

2) cleaning with iso propyl alcohol and lens tissues. The sample was
examined under grazing incidence. 14 degradation areas were observed with
a total area of about 3 mm , i.e. 1.5% of the entire area (Figure 7).

All defects are close to or around defects in the adhesive which were al-
ready present before irradiation. It is clear that these points, where
RIV is absent or thinner, were weak points because breakdown occurred due
to lower insulation resistance.

3) Microscopic investigation

A Reichert projection microscope was applied working as an interferometer
usina the Nomarski technique. This technique allows a better visualisation
of the defect, but - due to the polarized light - the vertical defects are
far more emphasized than the horizontal ones.

At this stage, it was observed that the degradation was a deposit on the
surface of the OSR. (Figures 8 and 9)

4) Cleaning with iso propyl alcohol and normal wipe tissues

These tissues which are more abrasive than lens tissues removed the de-
posit. It should be noticed that the deposit is not soluble in either iso-
propyl alcohol or acetone but can be abraded or scratched. An investigation
irto the bottom layer of the quartz (the silver layer) showed that the sil-
ver had not been affected.

5) Reproduction of the defect

A highly powerful electrical breakdown was simulated to recreate the
(Oeosi.. For this purpose, a "Tesla coil", manufactured by Edwards under
tho name "H.F. Tester" was used. This instrument supplies a high frequency
voLtaqe (0-20 kV) which creates a charge on dielectric material and a dis-
chirrqe through a conductive path mechanism. When such a discharge was ap-
r1 [ed to the OSR panel, the weak points could easily be seen as a preferred

_it;h for discharges.
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A first intensive discharge created a deposit coiparable to the one obtained
in the DERTS test. The silver layer at the bottan was also damaged.
(Figure 10)

A similar effect was created when the discharge was initiated in a
break line of the OSR itself rather than in the RTV gap. A further analysis
of a 15 kV discharge passed through an OSR defect for several seconds re-
vealed a small hole in the top layer together with degradation of the sil-
vered coating in the bottom layer. (Figures 11 and 12)

As only a small deposit on the top layer was observed, it was decided
to create a weak discharge with the HF test, but for a longer period of
time. A discharge of around 5 kV at a rate of 30 per minute, for 6 hours,
was used in the same defect. Little change was observed in the defect in
the silver layer, but the deposit on the top layer increased significantly.

6) Interpretation

It is probable that the accumulation of small discharges pyrolyses the
silicone adhesive (RV 560) and gives rise to a projection of silica par-
ticles which deposit on the top layer.

Summary

1) After irradiation at DERTS, no degradation of the silver layer
had occurred;

2) At the weak points, with respect to breakdown resistance, a
deposit is formed which is probably silica;

3) The changes in thermo-optical properties due to these depo-
sits should be rather low (a few percent increase in a, but
perhaps also in t);

4) The amount of these deposits should increase with an increa-
sing number of discharges;

5) If a large breakdown occurs, it will affect the bottom layer
of silver, but the size of the defect will probably not
increase with the number of discharges. Microscopic investi-
gations show, however, that the aluminium layer of the sub-
strate is more severely attacked;

6) It seems that any failure in the OSR is a privileged area as
regards the likely occurrence of a discharge;

7) It seems reasonable to suppose that, with a conductive binder,
this sort of defect will not appear.

SYSTEM (b): NON-CONDXTIVE OSR - CONDUCTIVE ADHESIVE

Test Sample

In accordance with Point 7 of the summary of the previous test, DERTS
have performed a second test on 9 CLI OSR's bonded directly onto a test
plate with a conductive adhesive developed by ESTEC Materials Section and
consisting of RTV 566 with metal powder 1029B from Chomerics. (Ref. 4) Before
mouning, the test plate was primed with Dcw Corning silicone primer DC 1200.
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Test Conditions

The test conditions were similar to those applied to the previous test.
The sample was irradiated with electrons of increasing energy, starting from
15 KeV up to 30 KeV with current densities of I nA/cm tc 2 nA/cm

Test Results

A summary of the results from testing the OSR panel is shown in Table
II. The first discharges started at 20 KeV and 1 nA/cm ,2whereas in the pre-
vious test, the discharges commenced at 25KeV and 2nA/cm.This could be due to
the fact that one of the OSR's was broken. A photographic investigation du-
ring the test showed that the crack was a preferential path, but not the only
one. (Figure 13).

Furthermore the breakdown limit of the sample apveared to decrease after
longer irradiation periods. At the beginning of the test, there were no dis-
charges at 15 KeV electron irradiation, but at the end of the test sequence,
there were 2 "large" discharges at this level. If the irradiation time had
been extended, more discharges would have occurred. The sample was however
constrained to the same irradiation time as the previous sample for compari-
son.

Investigation of Degradation Effects

Prior to cleaning the panel the surfaces of the OSR have been examined,
using the same technique with the Reichert microscope.

- The observation shows that, on the front layer, there is a faint de-
posit of microscopic particles; again projection of silica, but a smaller
amount than previously observed.

- The bottom layer of the OSR (the silver layer) is more severely da-
maged along the border line. Cracks in the silver layer appear which are in
the order of 0.2 mm diameter. (Figure 14).

- In addition, a lot of micro spots (0.02 mm in diameter) of burnt
silver in the middle of the OSR itself were visible.

- In another place, these micro spots have generated a blistering ef-
fect on the silver layer in a larger area (0.1 mm diaeter). In this case,
the front layer shows no defecc at all.

On the previously cracked OSR, holes have been created between the
front layer and the bottom layer, with demetallisation. This phenomenon had
been predicted and analysed in the previous test. (Figure 15)

Interpretation

It was difficult to find a plausible explanation for the unexpected be- I
haviour of the non-conductive OSR with conductive adhesive. Instead of dimi-
nishing the degradation effects of the OSR, increased dminge in the silver
layer was introduced. The missing link was found when information was re-
ceived that the OCLI OSR's have a non-conduct ive layer (silicium-oxide and
an organic finish) on the backside. A electrical resistance check with an
Ohm-meter shcAx-d that the backside was indeed non-conduct ive.
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The following discharge mechanisms could be adapted after this new d\ove-
lopment was introduced. (Figure 16).

In the case of a conductive adhesive a leakage current will flow from
the front face to the metal layer on the back of the OSR due to the conducti-
vity of the adhesive. A differential voltage will appear between the silver
layer and the non-conductive silicium-oxide layer. A discharge from the silver
layer will occur when the breakdown voltage of the silicium-oxide layer is
exceeded. This will cause fusing and vapourisation of micro spots of silver.

The question arises : "Why this phenomenon does not appear when the
non-conductive adhesive is used?" A possible answer is that, as shown in the
previous test, a breakdown] was created preferably at a defect in the adhesive
layer. In this case, the silver is not a preferential path because it is cmn-
pletely insulated by a non-conductive layer on either side.

Sum ary

- After irradiation at DERWS, the silver layer was seen to be damaged
(edges and micro spots).

- There was little or no deposit of silica on the front layer.

- The degradations of the silvered layer are small in area and at this
point cannot change significantly the therno-optical properties of the OSR,
hut they would be cumulative during life.

- As previously observed, cracks in the OSR are preferential areas of
degraduition and shall not be tolerated in spacecraft design.

INTERMEDIATE R&VIEW

With the introduction of a new dijension due to the non-conduct ive
backlayer of t:he CTI OSR's, the range of three typ-xs of systems has been
exten0dCX to four typmes (see Figure 17).

a) OSR non-conductive front layer - non conductive adhesive
non-conductive h.-ack layer

b) OR non-conductive front layer - conductive adhesive
non-conduct ive back layer

c) conductive front layer - conduct ire adhesive
conductive back layer

d) nq non-conduct iv( front layer - conductive adhesive
conductive back layer

5Y5T1'] (c) : - PTi ,'TDIS CONDUCiRTV. OS - CONDUCIVE ADtIrSFh'E

(no interconnect ion on t he front face)

Test Sanrjle

A > 1 t t w,.n performrd n 4 PPI OS]?' -,,7i! h the cond(ict j ie adhesive
,OCii o'd in 1h(c -(\/'as I t (Of. The t op s1fe of t.1Ie OS]? isF c-at (n with

hi' :h ':,hic-h is a clnducl vo im, Mnoenvr, the t-a, 1r side o, the
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PPE OSR is not coated with a non-conductive layer.

The sample was composed of three mirrors of 40 x 20 mm and one mirror
of 40 x 15, which was intentionally broken. (Figure 18) The dimensions of
the substrate were again 65 x 65 rm.

Test Conditions

The test conditions were similar to those used for the two previous
tests. The sample was irradiated with electrons of increasing e ergy, star-
ti2q from 20 KeV up to 30 KeV with current densities of 1 nA/cTn to 10 nA/
cm .

Test Results

A sumiary of the results of the test on the OSR panel is given in
Table III.

The surface potential of the sample was low, which indicates a high
leakage current. No discharges were noticed below incident electrons of
30 KeV energy.

2
W'hen the flux was increased to 2 nA/cm , very small discharges appeared

at the beginning of the irradiation, but their number decreased during irra-
diation.

At a flux of 4 nA/cm , the same phenomenon was noticed2 but the number
of discharges did not decrease as rapidly as at the 2 nA/cm flux level.

2At a flux level of 10 nA/cm , there were a number of small discharges
at the start of irradiation, but after 24 hours they had disappeared. A
fluorescence effect was observed on the OSR during electron impact, however,
this effect disappeared as soon as the electron beam was interrupted.

Investigation into Degradation Effects

Prior to cleaning the panel, we have examined the surfaces of the OSR,
using the same technique as before with the Reichert microscope. No degra-
dation was observed either as projection of silica or damage in the silver
layer. The cracks which had been caused before the irradiation test showed
no degradation effects.

The conductive backside of the PPE OSR brings about that the silver
layer does not not accumulate charge while the indium-oxide achieves the
same effect for the top layer.

In how far the indium-oxide layer is necessary will be investigated in
a fourth test planned in the future on the system

OSR non-conductive front layer - conductive adhesive
conductive back layer

The effects may be less serious than expected. As was indicated by the
second test with the OCLI OSR and conductive adhesive, the most severe de-
gradation occurred in the silver layer which was caused by the non-conduc-
tive layer on the backside of the OSR. This would not be the case with PPE
O(SR's which have a conductive backside.
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CONCLUSION

The implications of this paper are very important. It has been proven
that a combination of a both sides conductive QSR with a conductive adhesive
shcs no visible degradation during the irradiation tests performed.

In contradiction, a non-conductive OSR with a conductive or non-conduc-
tive adhesive shows degradation effects which could accumulate to hazardous
proportions during life.

in particular, the non-conductive backside of the OCLI OSR causes de-
fects in the intermediate silver layer in combination with a conductive
adhesive.

Apart from the electrostatic charging advantages of the conductive OSR
with conductive adhesive, the applicationand financial aspects should not be
underestimated. In combination with a conductive adhesive, interoonnecting
pads between the conductive OSR's individually and to ground would not be
necessary. These pads are very fragile and tend to break easily. In the past,
they have given rise to many problems. OSR's with conductive pads are consi-
derably more expensive than standard types.

Additionally, a great many man-hours, now required for very delicate
interconnection work, may be saved.
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FIG.3 C A TYPICAL DISCHARGE CURRENT PULSE
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FIG.8 DEFECT AT POINT H (02c0)

FIG.9 SAME DEFECT AS IN FIG.8 BUT AT HIGHER
MAGNIFICATION (x 300)
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FIG.1O BREAKDOWN CREATED BY HF CHANGE IN SILVER LAYER

FIG.11 BREAKDOWN IN THE QUARTZ ITSELF TOP LAYER
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FIG.12 AS FIGl11 BUT SHOWING BOTTOM LAYER
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FIG.14 DEFECT IN THE SILVER LAYER (x125)
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FIG.15 DEFECT IN PREVIOUSLY CRACKED OSR
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sateliite systems , it is necessary to have a reasonably accurate model of the
discharge process. Some of the features that a complete dischafr.{e model should
contain are the discharge mode (punchthrough, flashover, blowotff) the initia-
tion, spreading, and quenching mechanisin; for the discharge current distribution:
the total charge released, pulse width, and peak current :Is a function of the
discharge area; and th effect of sample mate-ial, size, and boundaries in
determining the details of the discharge.

Fhusfar there has been relatively little published work which attempts to
model the breakdown process for spacecraft charging conditions. At a previons
Spacecraft Charging Conference, Meulenberg presented a model for the hlowoff of
charge during a discharge which relied on a high electric field between the
trapped electrons and the surface of the dielectric, which was assumed to have
a thin layer of positive charge due to the high surface rate of secondary emis-
sion (reference 4). Unfortunate]y-, this model is ha;i callv one-dimensional and
does not seem to be consistent with the observation that at least part of the
breakdown process involves charge funneli ng toward Olne discharge point, More
recent Iy, S, I len and Inouye have proposed a mecharn i sm for the in i t i at ion and
propagation of a dielectric surface discharge based on a propagatingu surface
wave and secondary electron multiplication on the surface of the dielectric
(reference 6). Other attempts to characterize the disch.rge parameters have
been maini empirical curve fitting of experimental peak currents and plllse
widths versus discharge area (reference 7). While such empirical relations can
he useful for some engineering applications, they usually give litt e information
on the hasic physical processes in the discharge and can even lead to serious
errors if extrapolations are attempted well beyond the range of the experimental
paramleters imd/cr if data from different experimental conditions or miaterials

re iliscriminantly mixed together.

In the present paper, :a modeI is proposed hich postul ates m,,chanisMs for
the in it i at ion and the sprcading of the di schare. the blowof of charge. the
ma xi mum charge release per linit Ireal, arnd the variation of pulse width with
sample area and thickness. It i,,es nit contain specific details on the effects
of sample houndari eS or the dischiarg,.e quenching (area limiti no mechaisis, hit
it probahlly con ta ins the i ngr'di cnts f'or the area-limitin~z mechanism if the
basic physical parametcrs cotild he accurately determined. Experiments are
proposed which wonld verify that howoff is a consequence of pinchthrough or
flashover and which wotild measure the punchthrough current and the variation of
discharge time with the sample area and thickness.

PIROP(OSITI MOlDlAl

In many of the discussions of' dielectric discharge, three different inde-
pendent breakdown MCchanisins arC as sumed or implied - punclhthrough. flashover,
and blowoff. The main thruist of the present paper is that -,.owoff is not an
indepenident breakdown iech;unism bit is a consequence of a breakdown that is
initiated either by a punchthroughi or a flashover. It is proposed that all
breakdowns on thin dielectrics with condtuctinig substrates are initiated either
by piinchtbrough of the trapped elect rons through the bulk of the dielectric or
by flashover of the trapped lcctrons. to a cuilictinF, contact on or near the
bou idari,_'.A o the diclectric.
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When a punchthrough or flashover process is initiated, the high con-
ductivity region near the breakdown point causes the ground potential of the
conductor to be extended to a local point in the plane of the trapped electrons
inside the dielectric. Positive image charge accumulates at this point and
causes a large electric field in the plane of the trapped electrons which pulls
the trapped electrons from their traps. These previously trapped electrons
then flow in the trapping plane toward the breakdown point, and the discharge
area spreads out as more and more of the trapped charge moves toward the dis-
charge point. The exact mechanism for spreading of the discharge area is not
clear, but perhaps the position of the ground potential moves outward from the
breakdotn point in the plane of the trapped charge and is always close to the
electrons that are still trapped.

Initially, the trapped charge that moves toward the discharge point goes
directly to the substrate, either via the punchthrough path or by flashover to
a ground contact that is connected to the substrate. Because the samples of
interest are very thin, this initial flow of charge directly to the substrate
causes negligible return current in the ground lead. As the electrons in the
trapped layer and the positive image charges in the substrate move toward the
breakdown point, a magnetic field is created between the moving electrons in
the dielectric and the substrate. The resulting v x b force on the electrons
is in the direction to force the electrons toward the surface of the dielectric.
The geometry of the situation before and during a bulk punchthrough is illustrated
in figure 1. The magnitude of the v x ii'force in a typical discharge can be
estimated by the following calculation. Assume that a uniformly charged
circular sample with the radius of 10 cm breaks down at the center of the sample
when the trapped charge has a d-nsity of n = 2 x 10-

7 coul/cm2 . (E - 2 x 106

V/cm through the sample, which is typical of the breakdown strength of space-
craft dielectrics.) If the total trapped charge (Q = -nrao = 628 x 10-7 cool) is
released in 10 ns, the peak current is about I = 6280 A. At a distance of 0.1 cm
from the punchthrough point, the magnetic field due to the current I is

1 10 6 A/m

2n(0.001 m) 1

Using an electron velocity",of v = 10 cm/10 ns = 109 cm/sec, the equivalent
electric field due to the v x force is

-7 760-

;I v x II =4 x 10 (h/m)(10 m/sec)(10 A/m)(10 m/cm)

1.2 x 10I V/cm

The electric field from the trapped charge to the surface of the dielec-
tric due to the Meulenberg effect also forces the electrons toward the suiface
of the dielectric. The magnitude of this field has not been measured and its
theoretical magnitude is uncertain due to uncertainties in the amount of
radiation-induced conductivity. In the region of the breakdown, the high cur-
rent density increases the 12R heating and weakens the dielectric sufficiently
so that the v x B force, which is maximum close to the punchthrough point, and
the Meulenberg electric field can force some of the electrons through the sur-
face of the dielectric. Once the electrons break through the surface, the
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negative surface potential, which usually exists on an electron-irradiated
dielectric, forces the emitted electrons further away from the dielectric. The
net result is blowoff of electrons shortly after the initiation of the punch-
through or flashover breakdown. This blowoff of charges causes an approximately
equal return current in the ground lead, in contrast to the negligible return
current due to the direct punchthrough or flashover currents. The maximum
amount of charge that can be released in one discharge is the amount of charge
required to produce the initial breakdown field, which is determined by the
breakdown strength of the material or the flashover voltage, which is geometry
dependent.

It is also proposed that the duration of the discharge pulse is governed
by an LC time constant where L is the inductance of the electrons flowing in
the Lichtenberg figures in the plane of the trapped electrons toward the break-
down point and C is the capacitance between the trapped electrons and the sub-
strate for the discharge area, A. The inductance of the Lichtenberg trees is
estimated to be considerably larger than the inductance of a uniform sheet of
charge moving toward one punchthrough point. Since C is proportional to A, and
1. probably varies as a power of A less than 0.5, the discharge pulse width
should go as A to a power somewhat greater than 0.5. Moreover, since C depends
inversely on the thickness of a dielectric and L has only a logarithmic depen-
dence on the distance from the Lichtenberg trees to their images in the sub-
strate, the discharge pulse width should vary approximately as the dielectric
thickness to the power (-0.5).

POSSIBIE VERIFICATION IXPERIMENTS

The following proposed experiments should clearly demonstrate whether or
not blowoff of charge is a consequence of punchthrough or flashover and also
provide repeatable data to verify the variation of pulse width with sample area
and thickness. The experimental setup is illustrated in figure 2. A thin
dielectric with a grounded conducting substrate is irradiated as in most dis-
charge experiments with low energy' electrons (20 keV), which typifies the
surface charging component of the space electron environment. The edges of the
sample would be shielded to prevent edge breakdown or the electron beam could
be rastered to cover only the central portion of the sample. The difference
between the present and previous discharge experiments is that a small area of
the substrate is removed and a conduct ing stylus is inserted a slight ways into
the backside of the dielectric through the area where the substrate was removed.
The stylus is connected to the substrate by a lead with minimum inductance that
is instrumented to measure transient currents. This lead has a switch that can
be remotely control led.

In the first experiments, the switch between the stylus and the suibstrate
would be closed, and the sample would be irradiated with electrons until a
spontaneous breakdown occurred. Presumably this breakdown would be a punch-
through from the trapped electrons to the stylus due to the enhanced electric
fields around the point of the stylus when it is gronnded. It is recognized
that the threshold potential for this breakdown should be less than the
potential for bulk punchthrough without the stylus. However, once the punch-
through discharge is initiated, it is felt that the dynamics of the discharge
should be similar with and without the stylus. In this experiment, the punch-
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through CUrrenit time hi stocry will he mea suredi di rect I Y throurth the sty Iirs lead.
Al so, the occurrence of h lowoff can he intuferreil fi'om thet cii r'rert thr-ough1 the
0 round lead and lby diirect measurements with one or- morec fast lardvcupIs arid

posibl achargzed par-t ice analyser-. it' the pr-esent mnodel is corrcct aI blow-
off' of' 'hia rge Should occur. inur-cr- less s imlItanreousl vwithI the rnea suried punich -
throu~gh. The SLIM of t he punich through c halrge and thle i owoff CV ch aC rge S (as me(Stred
most accurate)' by tile current thr-ough the ground lead) should ar ' 'ee with the
total chairrw lost inl the tlischa rge , as meWasure'd In' tieC change ill thle sanip e
sur-face poten11t ia I.

livell i f a hi owo ff Of' chalrge i s ob)se rved With eVe vpncIWorrl it con Idj
he argu'Led that this Was just coin)cidece)- and that howof I was sT i I I1a ilndepcnl-
dent di scharge mechan i sml. Tlb invest i gateI. th1i s pos si h i I i It'v fuirt her, thle cxperi -

ments would he repeated, except that tIIheSW it cl from the StylIus to thle suhs-tirate
would lie openl while thle Sample was irr-adiated to :i slighItl ' v larger flrrence than
was requilred abov(e to cauMse diSCharge' With the switch closed dlUnrigp tire ifr-
radiat ion. Since electr-ic f'iel d lines (10 nriot conentrate alrouind the Stylirs
with the switch open, tilie sample will pr-esumably niot break down by purichithrough
at this flI ene e wi th the switch open. Also , p resuumably' a h Iowoff' d ischa rge willI
niot occur. When the des ired flIuen cc inas beenI de i ye red to t he SampI e , thle
electr-on beaml won~ 1( e turned Off' and thle the Switch f'r'ofl the StylIus would he
clIos ed. If' the deposi ted fILuen1ce Was somewhat grecater- than the filuecec which
cauISed it punchthr-otgh withi thle sty inIs closed dunring the ini'nd i at i orr, closiing
the SWi tei should induce ai pumncirthiroughi Al so, if' the pr-esent model is corriect
a hI owoff of, dun-, nc ShoulId alIso occur- ali most sinitiuiiIvwithi the punrch -
t h rough . 'ii seqJUeCeI Of e'vents wonI 1(1 eurIst ratct conlus iv\ely tihmt the blow-
off' 1'0 IO( I I ;we as rslt Of thle pn1i1r01it h 1onr01. it would :ri so Show tmhatithe
el cct roll p1 a sma from t.he e lee t ron gli i and tilie scco nrd r'f emirss ion wals riot e 5-

sent ia I to a li )owoif' disc-hargeL. iExpe r'imerrts of' this kind are pr'eserrit ly higi
designerrd, hiut r''sor Its are niot avai i I e]( as vet

Anothe' advant age of the st Iis-sr ilmoI at ed di schtia1 ri es is that it Shoulr 1( e
poss ibl!e to oht ain mlorec conis islulnt arid reeaabeda)aai tftins to dtet ermIline
morec accirat ely the car-iat ion of dischi:rr'ge t ime arid peal, curr'r'en witin -sample
pa raniette 's, such as, a rca aiTd thickness. Ill these exper-iments, tire 1 0('t ionl of
the di schangek poi nt w i I I he contyroileen re Ltive t o tilie rieairest houndari es of
the Sampie. W i t honrt tire sty Iris, t he dli s;Ier rges canj ot'-m er 'randomiv over' tihe
su r'face of the samplIe, oleinerlkid ir onl wlncr'e, tire di slarcha nirt' illc, a ;r't i niti at ed -
so the (list anice to tie sauu1TlpiL (_edges w ill vai- fi-' l''ri jsehai'.e todichrg
wh ieh coulIdt riot i-cablIy affect theiiis'irr clnmr racte r is tics II ri oder to riWcc
thle pre'dicted I I).5~) va"'r deprl'ud'ric e of' disetra r'ge t ime ouilsm t thlickrress , one
has to he aiblIe to dist nrgrilit r tol f's f- .' tii lte' rrc C'S ilri di seha i'g'0 ti nrC for' a
reurl I is t c torn I~ I 't Io d kar' i at iorr ill S;rurrp It t li c rtss"

Another' pr-edli t iotrl of' il' nurrdeI is thlintfhe' r~at i o ' nt liowofn It hiii'i'e to
otal tha rg' lost dm (in, a di scha (' ,c oild va- wth th li' nerg. Y ir thle electlnonl

hc rim. 'i, rerl WrrrI d OCkri'1 ' " i in pr'rir II01hiiitv that the tot a I o'errt- for-ce
r0 1. v x Ii ll~r finr' ire cl ect lol r'r'- tt rornn'li I re si 'f':n c lr'rd orn ther depth of'
thfi' t n'N J1'I) C' I VC't (Iri O r)' low I O r srr11r1. i ('x~iir Si' I , oT X11 I- hi ii ."he'I' O'OiI'N
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proportional to the blowoff charge, changing the fract ion of the hiowoff could
affect the interpretation of peak return Currents as a function of sample ;irea
when data for different beam energies are compared. Thus, until this (Chi
dence is determined, caution shoul d be used when comparing doita for di fferent
beam energies.

A tinal advantage at the stylus-stirmulated discharges is that tile "tinle'
discharge time Would bc measured direct ly. The pulse width of' the rett iil kilor-
rent from ground, which is the basis for the previous estimates of, thle d hi
time, is always the slower of three characteristic hiowoff ilischajrgc times-
the time for the charge to just escape from thle dielectric surface, tihe t r;rrs it
time for the blowoft elect rons to reach thle wall,, of tile test ch1:riher, aInd t i
ci rcu it time constant of the sample, g7round lead, and nicasuri ni' sv\-temi. '11he
last two t imnes are dependent onl the expecrimenta I setilup anrd Ce1i a1ho erone t rY a rid
are niot representat ive of the basic di scharge process. Moreovecr, thle t rals it
time should lie essentially independent of sample size. Thu s, i f aIny mneaS t re d
ground-lead currents are limnited by transit time, it is misleading to draw a
single curve through such dat a I)uinits and other data points where the li scharite
time varies significantly withar.

SIUMMAR Y

it is p)i-uposed t hat brlotoff of' clia ege fi-rnm e ect run- c-harged dieliect r ic
is a conlseuee0 Of 1 a pundit Iiroligh or- tiaslover di sciral ,g '.Ac cord il , ire tire
Mode I , thle phys ic;il I iroccss whlch forces tilte elect ron -s our w,' rd tiroligh 1 the
dielectric surf;'cc is thle V X iB and electric- field l'' -OeHo the Ce ct unls,
The modelI predicts a' vair-iat ion of' di schiarge t imie on the sarlip ;Ic ra arid t hi et-
ness and a puoss i hic depeidenc e orf' the ret urn currrent F roiiri rotind dtri irio aI
disc ha rge onl tili- enri gy of the ci c trun beam. Sty us - St i riuII a e1 d d sia SIg 1('5V
would prov-id I di rect meiasurement of thle pUTCh1throiigh curren('Tt time hi story
andi would ve rify whu', her or not hI owoff occurs (,' Iy as a resul t of' piinchit h'o(igh
or- "Lishover.

1.N. .1. Stevens, R. iR. hovell , and V. Gore, ''Spacecra ft -Charginil Invest iga-
on for oI th I(T 'r- ,oj ct , 'Profres S inT As t ronarit i cs aind \e roniaut ics,

1. Ct . A\damis and .1. h'. Nanevicz , 'pacrat-hgiStundi es of- Voltaie
ltre~iKdown 1'rocetn' s on Spaicecraift Hirlimal Coun tinronl n~' Pro'res 5
i .\st ronatit i-s; and Acron;iuit i s, Vol. 17, 19-o, Int22

3. K. I. lani,-Iini, N1. rs; za, ri I d P'. K rein c r, ''Stir faIc e ) i schai rgcs o n Spa cec raft
Ii ciec t r i c S ini a Sca I i g F I c t ron k-i ro s cope , '' P ru g re s i ii A S on.i Iit i c s

anrd Ac ronan i t i c,; , VolI. -17, 1970, p~g 2 1.

1. 0\. MI 11 nirg, Iir. ,''Tv i derice CorI a New 1)i s cha rige Miechai i sin fur 1- elctI(,- rie I -A
ini a I sina , '' rougrcss iit A-s t roiratit i c s and \C rolnalit I L"; . Vo I~ I 'N

S. -. 1 . Y~ill ow:;y , "'I ahu ra t Or S i 1111 lnt i On o f I YFead i at i On - Iflldic ed Die C Let r'i C
BrtI-ua olnoi ill ';j]) -cn-;i t Cha igri g,' iii," n iia1 St atuis [Peport iridler ,AS \ Ne -

sen - hi-a N(). \ .1 5,wit ii (?o ranuo Slate li le-sit v, 7'i', 10, 19-S.

709



6. G. T. Inouye and J. M. Sellen, Jr., "A Proposed Mechanism for the
Initiation and Propagation of Dielectric Surface Discharges," Proc. of
1978 IES Symposium on the Effects of the Ionosphere on Space and
Terrestrial Systems.

7. KC. G. Balmain, P. C. Kremer, and M. Cuchanski, "Charged-Area Effects on
Spacecraft Dielectric Arc Discharges," Proc. of 1978 IES Symposium on
the Effect of the Ionosphere on Space and Terrestrial Systems.

hI ANDO(ARE DIRECTIONS OF If FIELD, LHJT OF AND INTO PAPER, RESPECTIVELY)

I XcIDENT

ELECTRONS TUPE LCPS

(a) Before Breakdo-n

Loer: Tfo-ce on

e e-

/ -7;.r,

(b) 5 oOcwne -I
FIGURE 1. ILLUSTRATION Or WALKTIOWN MECHANISM

POTEtNTIOMETER

A.S.T(

f UT MtN T A L . -1I1 1 1 A ' I) I AN{.I

710



PARAMETER DEPENDENCE OF EQUILIBRIUM CHARGING POTENTIALS

Paul K. Suh and Minhael C. Stauber

Grumman Aerospace Corporation

ABSTRACT

Equilibrium surface potentials for slab configurations (representative
e.g. of a large solar power satellite) are determined under extensive paramet-
ric variations of material, solar exposure and substorm characteristics. The
results can guide the material selection and design of large space systems to
minimize dielectric breakdowns and reduce parasitic leakage currents on SPS.

INTRODUCTION

Future large space systems, such as a photovoltaic solar power system or
a deployable antenna, will be of low-density construction (-lo-5 g/cm3), employ-
ing various light-weight materials. Among the candidate materials being dis-
cussed the emphasis is on polymeric materials (Kapton, Teflon, etc) and compos-
ites (glass or graphite fibers in an epoxy matrix). Such dielectric materials
may be expected to undergo a substantial evolution in their physical properties,
including electrical characteristics, as a result of prolonged space environ-
mental exposure. The electrical properties, in particular, may be strongly
sensitive to environmental conditions (e.g. temperature), even at the outset,
and in some cases (e.g. for composites) remain to be more fully characterized.

This uncertainty and variability in relevant material responses is a major
complicating factor in the prediction of spacecraft charging effects for an
energetic substorm environment, and provides the major impetus for this paper.
Namely, the intent is to explore the consequences for the attained equilibrium
charging potentials of systematic variations in such material and exposure re-
lated quantities as photoelectric current, electron backscattering yield,
secondary electron yield from proton and electron bombardment, material resis-
tivity, and substorm plasma temperature. To identify the impact of such varia-
tions in their full context, the analyses include both primary electron and
proton currents, together with all their secondary currents, as well as the
resistivity-dependent bulk leakage current. The importance of considering resis-
tivity variations can be gauged, for example, from Table 1, in which the bulk re-
sistivity of Kapton and several glasses is seen to change by h-5 orders of magni-
tude in traversing the temperature range 25 to 2000 C.

The method of analysis utilizes (one-dimensional) Langmuir probe theory,
applied to the self-consistent search for the equilibrated surface potential.

The geometry employed generally is that of a flat slab, although some explora-
tion is also made of a spherical or cylindrical collection surface. The slab
configuration, in particular, is examined under conditions of both single and

double sided exposure to the plasma charging currents, with one-sided solar
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exposure in some cases. For single-sided plasma exposure, the unexposed side is
hei~d uniformly at a reference potential. The case, where the shielded side
carries an impressed potential gradient and floats to yield a zero net current
to the exposed surface, corresponds to the inner cover slide surface of a solar
array and is examined in a companion paper (Paper 111-7, this conference).

It is noted that the shadowed slab side exposed to a substorm plasma can
develop high negative potentials (tens of kilovolts) that may easily exceed the
dielectric breakdown strength of thin sheets (see Table 1). The analyses seek
to identify possible adjustments in materials parameters that may prevent such
exceedances.

it is also realized that the analysis approach employed has limited valid-
ity; in particuler it is not adequate for describing conditions near spacecraft
edges, nor does it consider the perturbation of particle trajectories that may
lead to differential charging. Nonetheless, it is felt that these shortcom-
ings do not seriously distort the influence of the various material responses
on the charging process that is explored in this work.

PLASMA ORIGINATED CURRENTS

The large spacecraft is approximated by an extended slab, and a one-dimen-
sional Maxwell velocity distribution

2

f(V) r exp(-mv W i

is assumed for the substorm plasma particles. The spacecraft surface potential V
m difies the impinging charged particle distribution.

The incident plasma electron current is thus approximated (Ref. 1) by

J = J exp(- .) for V < 0

=o(1 + -. 9)g for Vs > 0
0 kT s

where the experimental values for the Jo corresponding to k N e will be

ised. Ifere, v = e I VsI, and N and e are, respectively, the electron density

and charge. All other notations follow the conventional representation.

The exponential geometric parameter g ranges from 0 for the flat configura-
ti n di.;cus-sed in this paper to .. for a spherical configuration. Due to the

•paratively larre Debye length coupled with possible edge effects, the effec-
ti.; F may have a nonvanishing value. Note, however, that the geometric effeot
" i' inenerai be appreciable when 1eV s I/kT z1.
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For the incident plasma proton current J p 4J,0 the experimental value

of'~1~ is adopted. The J Paugmented by the effect of its secondary electron

Current j-) = j (where = 2.5 for V s< 0) can become the domninant chareing

coirrent when the surface potential becomes highly negativ.e. The effect of the
surf'ace potential polarity for J pis opposite to that for electrons as g-iven iii
Eq. C))p

Adopting the impact yield parameter (Ref. 2) for electrons of energy

6 (c~ 6m + exP[).2x (3)eV

that Cvstemaximum yield 6 mat energy E ,9 the secondary electron current is

J s 2 J 1J 0F (

T /eV kTwhere J, (.)4 -- expi1 E: m \kT E/

Valtier- of 6 i 3 an d E - 0.3 KeV are adopted (Ref. 3) and

F 3!i 2ef3  for V < o

=(i
3i + (3y )2!i + (3y~) 2  erfc(y) for VI > 0

whercy -, Y"- - and y 5 y + y
kT

The, hacksciitttered electrons, on the other hand, constitute the high ener.,y
pu)rti ii c.1 the r-,attered electron spectrum. Since available data here are sc-ant,

he f 1lio rimplf approximation, using the backscattering yiel-d parameter ~,is:

kTe~(. )~ for V < 0

kT~ ))
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This expression often permits separating the backscattering effect out in the anal-
ysis, so that a straightforward reassessment of its contribution can be made as
more data become available.

The leakage current is approximated by

= AV/R (6)

where R = pi with p and X representing, respectively the volume resistivity and

the slab width. Currents as well as all associated quantities here are given

per unit area (cm2).

PHOTOELECTRON YIELDS IN THE SPACE ENVIRONMENT

The photoelectron yield depends on the material work function and the
width and peak of its energy distribution on the solar photon energy spectrum.
Spacecraft surfaces in the space environment are, however, quickly contaminated
and the surface contamination tends to cause inelastic scattering of the photo-
excited electrons (Ref. 4).

The photelectron spectrum from such metals as gold, aluminium, and stain-
less steel in the space environment was observed to have an energy distribution
similar to that for many nonmetals (for example graphite). The photoelectron
energy distribution in general has a Gaussian form, peaking at 1-2 eV and
tapering off rapidly toward higher energies.

In the absence of a comprehensive theory, on the basis of observed data
the photoelectron energy E distribution (normalized to 1) produced by a photon
of energy w is determined by

N(E, w) 2h(w) E _ ,exp F-h(w)E2]  (7)
l-exp [-h(w)(w - e) L

where is the work function.

1
Here h(w) = 2 with the approximation

2E ()
m

4
En (w,) E 1[- exp ( E anWr)] (8)

f',,r the range of 4.5 < (o 30 eV. The Em (w)-E 1 toward the upper w domain and

reoresents the energy E at which N(E, w) peaks.
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Values for a and El, derived from empirical data, are

Aluminium Steel Nonmetal

01 2.84367 x 10- 2  1.45236 x 10- 2  0.292431

*2 -1.12782 x 10- 2  2.59762 x 10-3  -8.82673 x 10-2

*3  1.32354 x 10- 3  -1.45428 x 10- 3  6.29027 x 10- 3

y4 -7.03183 x 10- 5  3.56235 x 10- 5  -1.59182 x 10- 4

E1 (eV) 5 2 3

The photoelectron yield per incident photon of energy w is approximated by

4
Y(w) = kwp exp ( E k nw) for 5 ,w < 17 eV

n=0

(9)
= 0.193 for w > 17 eV

where

k = 2.456 x 106 p = -249.874

kI = 104.388 k2 = -7.20837
k 3 = 0.276707 k4 = -4.30132 x 10-

Since the shape of the yields is similar for most of the metal as well as
nonmetal cases, as discussed above, any desired adjustment can be made by modi-
fying the parameter k. The photoelectron yield energy distribution is now
determined by

Y(E, w) = Y(w) N(E,w) (10)

The continuous and discrete solar photon intensity distributions (in photons/
2cm'sec'eV) are approximated by

19
Icont () = 1.3 x 10 exp(-l.9 85 w) for 4 < w < 11 eV 4

(11)
= 8 x 10 9  for 1 < w<15 eV
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= 1.2 x 109 for 15,< w < 30 eV

I = 2 x 10 at w 10.2 eVdisc
2

The t,)tal photoelectron energy distribution in (cm sec eV)-  then is

Y(E) -- I(w)Y(w)N(E,w) dw (12),

When tie spac.ecraft surface potential V is positive, photoelectrons require ans

energy ,- eV to overcome the potential barrier. The photoelectron currentS

J oa a function of V and with a cut-off at E ;t30 eV, i.e.,
P e s

J (V) eY(E) dE (13)
p e s 

e V s

exp[-h(eV )2]- exp[-h(30-_)
2 ]

- 1 - exp[-h(u- )2]

is sh(,wn in Fic-. 1. The J is nearly constant up to 1 eV, bey,1nd which it
pe

c-idly becomes negligible as the positive surface potential increases to a few
eV.

MODIFIED SECONDARY ELECTRON YIELD

The emission mechanism for secondary electrons by electron bombardment is
similar t, the case of photoelectrons. The shapes of the eleatrcn energy spec-
tra in both cases are comparable with more than 80% of the secondaries emitted
at enervies below 20 eV (Ref. 5). As the surface potential turns posit've, the
ec,,ridary electron current thus becomes sensitively dependent on the energv
ict~ibution, due to the potential barrier.

Therefore, from Eq. (4), the following simple approximation is adopted for

tic electron-induced secondary electron energy spectrum,

2
J (c, E) - 2J J F b E exp(-bE) (iI)
es 0o

-I

wht-re bt 0._ (eV) and F = kT. The integrated secondary electron current modi-
f I hI by positive surface potential V is
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S(6, V) 2JJ10F fe b2  E exp(-bE)dE J o 1e (1-5)

S

where, because of bE >> 1,

J e , 2J 1F(l + beV s) exp(-beV

SURFACE POTENTIAL IN THE DARK

As shiown in Fig. 2, a spacecraft in the dark is exposed to a substorm,
whjile its inner surface is maintained at the reference potential zero. TIle ex-
posed surface in the dark becomes negatively charged, with currents being
balanced by

e p + es + bs ps + j (16)

Here, as modified by the equilibrium surface potential Vs

13= J0 exi[ ejV 5 I] (electron current)

ip= 1 + - ]gs (proton current)

i ,= 6 (backs catter i nt current)

j = J J (electron-induced secondary electron current)
es so e

j = IV 51 (leakaFge current)

R

J ps= i J (proton-induced secondary electroni ciirreint

J = 7.4k 6 exp( )3/ i3erfc[ L
so M Cm

-nd :'. 5 is adopted for V s 0.

717



Observation indicates that, while the energies of the substorm plasma
particles are higher than in quiet periods, their currents are reduced. The

substorm electron current (in nA/cm 2 ) adopted in the analysis is approximatec
(Ref. 6) by

4
n

J = E A e for 2 < E <12 KeV
n=O

= 0.5 for 12 Kev < E

where A. 2.30725 A = -0.255535

A2 = -2.34739 x 10
- 3 , A3 = 1.79609 x lo

-3

A = -7.26494 x l0 - 5 , E = kT

Eq. (16) gives

= 1 - so -eIVsI
g

0 ekT

+ -1 V- exp( ) (V.1

where (* = ( - ¢). In Fig. 3 A and B, respectively for the cases of g = 0

and 1, V is shown as function of surface potential B at various values of

electron temperature c = kT and resistance R.

At g = 0, with a backscattering parameter 6 = 0.2, for example V (-55,
S

-36, -14, -2) KV at c 25 KeV, and V 1 (-17, -13, -7, -1.2) KV at c = 10 KeV,
15 1)4 s13respectively for R = (w, 10 , 10 , 10 ) Q. The corresponding surface

potentials V at g = 1 with the same backscattering parameter B = 0.2 are V
5 s

= (-33, -27, -13, -2) KV at e = 25 KeV and V. = (-10, -9, -6, -1) KV at E

= 10 KeV, respectively, for R = (-, 1015, 1014, 1013) Q.

At high values of R, there is a large difference in V between the casess

= 0 and 1, indicating the possible extent of the geometric dependence of V .
s

,:)r the case of g = , the corresponding V lies close to the midpoint betweenS

the values for g 0 and 1. The high energy tail in the plasma electron dis-
tributicn helps at high R values to support surface voltages considerably higher
than the incident electron temperature (especially in the g = 0 case).
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The relative magnitude of the various c-urrents (in unit -f' T e i.e.,

j J.i IJ in the approach to equilibriuif is compareA -in Fig-. ', fr exam-.1 e 15pie, for the case of R = 10 S. and c = I) KeV. Niote that at. further high. r
V S, the initially insignificant j pand j PSbecome irlcreasirl-y ipra.

cially at g = 1), eventually overtakinig the other j.

The equilibrium reached at Zj.i = I Io ~ C) 5 b )~ epciu'

yiel ds

V =(-9., -2?-) KV fr0 0

showing an appreciable dependence of V son R and i7. Th- strong dependence,

of V son the resistivity is quite significant in viO-W >u the fact that, P is a

sensitive function of temperature (see Table 1) ani the surfacce temperature .-an
undergo large variations.

Also the equilibrium, surface potential V ,if it a popear-s acr .ss a thin but

high resistance material , may become suf fficieritly highi to exceed the d! e-,eotric
strengths shown in the Table 1. At L w R, where the dio e(ctri- 'icts- r--ie l.11e
a conductor, the leakage current depresses thne -urf'acev-tae

Introducing a nultiplier I > r the plasma eiectr ,n current

J = I J (9

the effect of cuirrent variation on V sat F =.10 12 is shown in Fig. 5 for the

case ojf g = 0. At low energy, the effect. or uv . ii n'1 u eoe
important at high energies.

SPACECRAkFT ?OL;1A. TlEff

As sho(-)w in Fig. 6, the spacecraft." is.' t,:.:; sist, rm on the sun
illu-minated side, whi le the shadcweoi se 'oh5 eld at a reference
potential zero. The effective solar intenc,-tv :: a !funr'tion of the sun
angle 0, causing at large 0 a s gt.a ' ho'c f spaccraft in
the dark discussed previously. The sun exposure at small 0, however, becomes
sufficiently strong that the surface potential. may become positive.

The lo-w energy electrons (emitted ith .o c vertical velocity.' are
trapped by the positive potenti,). 1i orrifor. 104 -. 1,',t ' the secondary and
ph ..toelectrons are of l(ow ener ie. , i ;ery c osivo o nce is ertabLished
between the surface ptential andi tho curet: he i-t,ermirati,in of the effec-
tive currents then requires a knowledge, f the electr so energy distribuitions.
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r t !I,;L~ II e Ir I' e 0. The surface pkctenti-, V,' "L. lt rmii

- -A A -0 0, yieldi ng

- , -+ e V F + I V _ _ e1 - I /
jT R J J kT

V U, U) isreared, with 1= -

+ 0

+I <J 0. 1!K* 11!K

te, I , nJ B, Eq. ('11) itsel 1i-- irlidepenierit

'!ico ;z 0.'(L at 2 1(eV arnd 0.:19, a. = it) W KI'O U4 (with the

.1l <5 Y U 5 at ' 5 ReV

pe0 K -

0. 1 nA ,m at, eV Ke

i - . fiV< t lie o qu t ril'I Vr iiii su lac pA. eiJ . V ,N 1

V 0 1 na :Ar cm' it V ) Iie sli ieo.h r r o

I' .O~0't1,.!. 1 . '*), whi le tile diashedlie are Coi' the doumbledi

ii) o, diti rlnl aIpprej table sh2ift, iii the o V orves in roi1rt

9 a i~ u K I o .Vl . A. I, K eV (*-v ' I o 121 .2 we I It al- It

<I I Ii r' t 'I , ow eVer, Ih o I i f f. ei e Iazi y ber oer
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negliible. For R:l0 1 .1 Q, the sur face potential V Sreadily turns positive.

For a g-iven R, the effCective (i as function of V sgradually becomes smaller-

a-;s is reduced. For small. J pe( :!,0. 1 nA/em , there is substantial latitude

f'or V t~o keep V negative, especially when E: is high. As J increases beyond

a few tenths of iA/cm' , however, V sis likely to turn positive. The Vi - V

cui~rves rapidly reach a plateau as IV sIdecreases, making the determination of

the surface potential as function of 63 there delicate.

Relative strength of the currents at c = -15 KeV arid T 0.01 nAf cm 2i1n
pe

'silt Jf J exp(- e~VI 7kT), i4.
e 0

atre shkfw win Fig-s. ()A and BT, respectively, (,r R = 10 .5 an 1 3 Nte that,

especially at R = 10 1 0, all currents are in the same order of' magnitude near-

Oeili I ibriu' r v cu)incidenee, j Ap (g 0) here 1.

. ,I jh 1) t.g) and j A ( g) between the g =I and 0 oases are appreciable

0,j T_ -0 Fo ir R: 10 ,the differenc-e in the currents between the g = 1

anit 0 cais is, ;mall and thus ig-nored in the diagraml.

00or P( A, th, effect of' Ais negligilie and the material

b)thavec_,as a perk cot insulator ( R " For R < R, jA increases steeply

tow-ari the etjullibrium V., and, especially when C3 is low, J becomes signif'icant

teen a'. itiye ly high R. For H < 0(1.0 2) , the material pr'act ically behaves

'Who V 0, wii 1 l the primary plasma eliectrons are accel crate2d toward

I Leia2 rat the emitted electrons are retarded by the potential barrier.

thn low energy of the sucondary and photoelectrons, the balancing of

f~var ii:; uret for- the positive V Sby

. + *1 - - 2 - . 1 -2 = p(P2)
e Lc. P b rt

t,- -:1. i d 1ito". Jee and j are given, respectively, in Eqs- (I.-) and

* , 0 .1 ii'rsp rids to (an 'aio
ec en; bs

IntO0 er i asqlimed to be nearly vertI.i cal, and lie pol oel cc-

fr! c1. rr, - e t~o approximaitely 1i., nA/en' zit :cero c~urr face potent al .
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Reduction of the solar intensity with an increased sun-angle may cause the

spacecraft to become negatively charged, as discussed above. Because of

SeVsI/kT<<l here, possibLe geometric effects in the electron attraction to the

surfoce are negligible.

For R = 109 , the j becomes significant and increases rapidly with V .
SSThe equilibr'ium surface potentials are thus small (V, -- 0.92 V and 0.8 V at

KT = 15 KeV, respectively, for the I = 1 and 2 cases), and, in approaching

equilibrium, the currents other than j are nearly constant.

At low R, the J1 thus becomes the controlling factor in the determina-

tion of V . The effective V as a function of c and R are shown in Fig. 10,
5 S

again with 6 = 0.2 and J peV = 0) = 1.5 nA/cm" (the solid and dotted lines

are, respectively, for the I I and 2).

The V is not much affected by the variation of R from 10 1 to 1015 9.s

Below 10 0 , however, decreases in R give rise to a progressively stronger re-

duction in the effective V . Note also that as expected, the V for a givenS S

R is a decreasing function of average plasma electron energy c, although the

dependerot is relatively weak.

SPACECRAFT TOTALLY IMMERSED IN A SUBSTORM

The case of a slab configuration spacecraft totally immersed in a sub-

storm environment in the earth's shadow is similar to that of a spacecraft

slab of infinite resistance unilaterally exposed to the substorm in the dark.

With sun exposure on one side (see Fig. 11), however, a potential difference

develops between the two surfaces.

If the incident solar intensity is weak, due to a large sun angle G, the

two surface potentials V and V, remain negative. When the solar exposure be-

comes sufficiently strong, the illuminated side potential V1 turns positive,

while the dark side i),tentiaj V. remains negative at large values of the bulk

resistance I but. eventually may turn positive for small R. The potential dif-

ference btetween the two surfaces induces a leakage current J£.
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First, consider the case of V1,2_!0, by writing

M = - Vl,2  (23)

The explicit current balance equations to be simultaneously solved are

+l + exp *( )= 0 (24)

0

~pe [(~ 1 \ '1 ( j -M2
j~ L k kT J L kT IkT I

0

where J = - - Jso' * = C(l + ¢), and g is the geometric configuration

parameter.

For the case of M1 = 0, the above relations are simplified to

F _ eM2  eM2 g
jo exri C+ (25A)

" T' kT j

~~e 2 + (rj * (25B)R

Note that (Jpe)c is the value of Jpe needed to raise the surface potential V1

to zero.

The M2 is determined by solving Eq. (25A) as function of e = kT, and the re-

sults are shown in Fig. 12 for the cases of various values of R and $ = 0.2.

The corresponding critical photoelectric current (J ) is in turn determined by
pe c

Eq. (25B) as shown in Fig. 13. The impact of the geometric parameter variation

from g2 = 1 to 0 is generally negligible with low R but becomes noticable for

R 1O1 5 P as shown in Fig 13 and especially in Fig. 12.

When eM 2/kT<<l, Eq. (25A) is reduced to
2o

M (n - *)/ I- + e(n + g&*)/kT 1 (26)
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The relation is further simplified for (RJ 0 >>e(n + g *)/kT to0

M, ; RJ (n - 7*) (27)

where M, now becomes proportional to R.

The n is independent of R but is a function of c and approaches E*;0.07

toward cr5..3 KeV. Therefore, MO in Fig. 12 vanishes rapidly as c decreases to-

ward 5.3 KeV. In Fig. 13, (J ) is seen to approach rapidly a limiting value
pe c

as R decreases to the order of 10 1 (where the approximation (27) becomes good)

and also to decrease steeply toward rt5.3 KeV. This characteristic is ex-

pected, because the (Jpe)c determined there by Eq. (25B) becomes (in conjunction

with (27)) proportional to ti - F* and independent, of R.

As the unmodified Jpe exceeds (J pe) the sun exposed side becomes positive.

The low energy electrons in the secondary and particularly in the photoelectric

currents on this side are then trapped by the potential barrier as discussed

previously.

While V 0, the Eqs. (24) are solved for the surface potential N1'12 - 1,2

- - VI 2 , with its corresponding leakage current J, = (M2 - MI)/R. When the

sun exposed side becomes positively charged (i.e., V = M 0), while the

shadowed side remains negatively charged, (i.e., V, = - M,- 0), the corre-

sponding equations become

MI + M2  j eMl eMI  1
- +j + + jxi(-- ) - (1 + -

R pe es bs 0 ex ? ,kT kT
r eM, 1M, g 7

[,I exp(- - t*(l + (28)

Here, bccause of the relative smallness of Jp on the sin exposed side (whichp1
ij at, -i very low positive surface potential), a simile approximation of $

ic atlop 'ed. The integrated J and ,i are given, respectively, in Eqs. (1$)pe s

and ' )
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I

The V as lunctio of J (Vs = 0) are shown in Figts. .1iA and B, re-
I,. pe10I

spectively, for the cases of' = 10 and 10 0, with f = 0.2. For R<_I0 I  ,

V kV 2 in the domain of J (V = 0) where VI < 0.

The effect of" changing the geometric parameter g from 1 to 0 is ap-

parent only when J eV [/kT is comparatively large, as seen from the figures.
s

Note, however, that as VI rapidly turns positive while leaving the magnitude

or' the negative V, large, the resulting large potential difference between the

two surfaces produces a correspondingly large leakage current J . This large J

then negate ; the relative importance of the effect of the shifts in J and Jp ps

doe to the variation in F, even if JeV S/kT is not, small.

For JPe = o, V, = V, < 0, which, as stated above, corresponds to the sur-

l'aoe poteritia] of' an isolated (i.e., R > ') spacecraft slab unilaterally ex-

posed to the substorm in the dark (see previous. section and Figs. 3A and B).

As Jpe increases, V, rises rapidly to become positive at (J pe)c (see Fig. 14)

and quickly reaches a plateau value of a few to several volts.

TIhi is lie to the low energy of' the secondary and especially photoelectrons,

rcesulting in a rap1i increase in the current attenuation when the surface po-

tern:i.r turoc l<usitive and begins to rise.

ihv, value of the bulk resistance R primarily affects V,. For 1 = i0

ec'ise t,, l,eakate current J is relatively small, V, remains essentially the

nrc .t 1h roug out the varia.ion of J (V = O, while V increases rap idly and
pe s 1

turins to staiil.i oe at a small positive value.

When R is reduced to L10 0, because of' the large leakag-e current J V1
115

nincra.e: nroi t, urns positive at relatively slower rate than for R = 10

while V keeps increasing and may change sign to become positive, especially

il l f low E domain.

For a give JPe(V s= 0), VI and V. are, respectively, an increasing and

dec(reasing function of R, while both V are decreasin fre enns of J Ill

a typical substrm environment, the sun exposure may tirn both V1 ,, positive

for v < . f KeV and (in genera] R " 10 Q. The po:.it ye e>x:' 11 !,o] of V and V_

'cted I n w vc Is-7
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SUMMARY AND CONCLUSIONS

The primary objective of this paper has been to describe the dependence
of the charging process for dielectric surfaces on the various material response

characteristics. This was done with the intent of exhibiting the ranges of
magnitudes over which certain materials parameters either have a significant

influence on the charging process or contribute only weakly to the charging
levels attained. For this purpose it was important to include in the analysis
all the currents involved in the equilibration of the charging potential.

Where possible the material dependence of these currents was described by vari-
ables to facilitate parametric excursions. The main areas treated in the anal-

yses and the chief conclusions derivable from the results are as follows:

The influence of bulk resistance on the charging potential was analyzed
parametrically for R >0' 0 . The results show that for the lowest part of this

resistance range the leakage current becomes a dominant factor in the equili-

bration process. For high resistance values the shadowed side of a dielectric

slab in a substorm environment can develop a large negative potential. In

this case the otherwise relatively insignificant plasma proton current and its
secondary electron current may assume a dominant role in preventing further
growth of the negative potential. In view of the conspicuous dependence of

equilibrium potentials on dielectric resistivities, the large variability of
resistivity values for important candidate materials makes the prediction of

charging potentials problematic. Also, for dielectric materials of a few mils
thickness, such as Kapton sheets, the potential differences developed are fre-

quently sufficient to produce dielectric breakdown. Repeated breakdown in turn

may lead to progressive changes in resistivity.

For a sheet of dielectric material the equilibrium potential V on the2s

sun-illuminated side tends to saturate for J -1 nA/cm . The saturation Vpe s

is a few volts positive and depends only weakly on kT. The largest effect on

V is in the range 0 - 0.5 nAicm 2 , where V moves from large negative (kV) val-S S

ues to small. positive values. This dynamic behavior is important in sun-angle

variations and terminator crossings. If the bulk resistance of the sheet is

large, the shadowed side potential settles at a large negative value; however,

.10 2
for a sufficiently low resistance (i10 0 ohm-cm ) both sides may become posi-

tive.

An anaLysis of the sensitivity of the charging process to the value of the

backscattering yieid shows the following trend: If r is significantly larger
than 0.2, then at l(wer substorm plasma temperatures (e.g. kT.!5 keV), even a
shadowed surface may turn positive. However, for large kT (> 10 keV) the in-
fluence of on the attaineui surface potential V becomes progressively weaker

S
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Table I Electrical Characteristics of Selected Dielectrics

DIELECTRIC STRENGTH
VOLUME RESISTIVITY (fl-CM) (VOLTS/MIL)

TEFLON FEP 1018 (25-175oC) 8.103 (0.5 MIL) - 4-103 (4 MIL)

KAPTON 1018 (250C) _ 1014 (200-C) 7-103 (1 MI L) - 4.6-103 (3 M IL)

BOROSILICATE GLASS 5-1013 (25'C) - 5-109 (2000C) 1-104 - 2-104

FUSED SILICA 1018 (25*C) - 5.1013 (200-C) 1.104 
- 2-104

SODA LIME GLASS 1011 (25-C) - 5-107 (200-C) 1-104 - 2-104
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STABLE DIELECTRIC CHARGE DISTRIBUTIONS

FROM FIELD ENHANCEMENT OF SECONDARY EMISSION*

James W. Robinson

The Pennsylvania State University

S1MARY

The emission of secondary electrons from dielectrics is subject to
nimero:Js effects of electric field which are experimentally difficult to

cont rol. Measurcments have been reported using pulse techniques such that
local fields do not build to significant levels, but measurements with fields

prt.,ent are also of interest. This paper describes a specific series of
masirements under controlled conditions and examines their implications in
t.rms of fields, magnitude and angle, near the dielectric surface. The

measurements were made for a charged fluorinated-ethylene-propylene surface
near a grounded aluminum half-round resting on the surface. The geometry

proncJ,! a stable surface-charge gradient being controlled by a strongly
,'-1n!anccd secondary emission for which a model is constructed. Observations
of surface flashovers under various conditions confirm the predictions of
.;oni- seal i ng exercises.

INTRODUCTION

When a dielectric-metal interface is exposed to an electron beam, tlc
dielectric surface becomes negatively charged (at least if the beam energy
exceeds a few kilovolts) and potential gradients are established near the

interface which is held at ground potential. Previous studies of the charyg,
distribut ion and the associated potential contours are reported in rferecli-
I which describes the method of measurinig the charge distributiou, and some
tvnicail results. Some distributions are more stable than others with
st;ihil iLy expressed in term of the probability of flashover, a transient
discharge where the accumulated charge is cleared from the dielectric surface.
This paper examines the charge transfer processos near an interface so as to
ile;.tify characteristics of a stable dist ribution of charge. The dielectric
is a 0.127-mm (5-ril) sheet of fluorinated-ethylene-propylene with a metal

hack i l',-

The importance of seconldary emission was emphasized in refernce 1, vet

it tie time of that writing, pertinent data had not be-n attained. Suimma r i /ed
f i inur 1 is a series of measurements (ref. 2) Of secondary emission in the

s work was supported by th,, Nat ion al Aeronautics and Spact, Administration
ii *,.r gr;mt NSG-3097.
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presence of a normal field. These show that emission differs from the
conventional, zero-field, characteristic (ref. 3). The field increases the
critical potential (tipper unity-crossing point) and thus reduces the steady
state surface potential in a monoenergetic electron beam. This trend is
consistent with the lowering which is observed near an interface but the
observed lowering exceeds that attributable to normal electric fields. In the
vicinity of the interface are found tangential as well as normal field com-
ponents and, though the effect of tangential fields has not ben measured, it
is surmised that they account for the discrepancy.

A particular measured charge distribution is chosen as a reference data
set and from this the equipotential lines and fields near the interface are
calculated. Effects of perturbing or scaling this reference data set are
examined and the critical potential for secondary emission is related to
surface fields. From observations that microscopic structures trigger flash-
overs, one confirms the scaling predictions.

CALCULATING POTENTIAL PROFILES

From a mea - ired distribution of potential on the surface of the
dielectric, the equipotential curves and fields were calculated above the
surface. The calculation depended of course on the nature of the interface
which, for this discussion, is formed by placement of a half-round grounded
aluminum strip on the surface of thk' dielectric sheet as shown in figure 2.
As a first step in the calculation, the geometry was transformed by the
conformal mapping W = Z + 1/Z such that the surface became a plane. A Green's
integral (ref. 4) was employed to generate values of potential and field above
the plane and then the results were mapped back to the original geometry for
display. This process, as described in reference 2, was implemented by
representing the potential on the dielectric surface with an easily integrated
piecewise-linear function. Because of this approximation, some irregularities
in field data were observed, especially near the vertices of the piecewise-
linear function. Also the influence of a ground plane placed several centi-
meters above the specimen was ignored. The calculational procedures were
organized in two ways, one being to generate displays of equipotential
contours and the other to tabulate surface fields at the midpoints between
vertices. The latter output was used by an iterative program which sought to
find a surface potential distribution that satisfied some criterion placed on
the surface fields.

SURFACE MODELS

Charge does not reside precisely at the surface of the dielectric but
rather in layers slightly below the surface. Katz et al (ref. 5) describe
a buried electron layer and an electron depletion laver close to the surface.
The electrons are buried, because of their impact energy, at several hundred
angstroms yet secondaries escape from nearer the surface. Field patLerns may
be represented crudely by assuming discrete charge layers as shown in figure 3.
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Trhe wealest f ields are those outside the dielectric yet they aid secondary
emission as do the fields just below thle surface. llowever should the
external fields be reversed ill direction, though Weal, they Would St if 1
emission of secondaries. This is because secondaries artc emitted with low
l*inctic energies, their range in dielectric being at most a few an~gstrops.
Fields tangential to the surface will be the same oi ci'her side, of the
surface and they will often exceed the normal e;'a -' ;a fitel d compoinent . Wh i Ic
real izing that the internal fields are perhaps 10 tine-s as large2 we find that
external no rmal fields 3 kV/mm significantly in flIuence secondary emrission.
3ecause of the equality of tanlgential fields, tht. aidinig senise of th'i.
normal field, and thle dominance of the external field, the dioloc. nc is
modelled simply as a surface charge sheet.

Near interfaces, equipotent jal 1lines art- nearly normal to the surface-
suIch that elect rons are accelerated nearly parallel to the, surface. All
emitt. ed secondary may , inl travel jog a few microeters , gain enouigh one rgy t o
cause add itional secondary emission. If it strikes the surface with a
grazing an gi t: it is an effit en t, projucier of secondaries. Whnfic id i!cs
arc, n a rlIy jparal I ci'o the surface w,- thus f i:Id anll Of fiilnt mechla! i sm for

electro:, emist.io A quart itative descript ion of how taingential fields affect
secondary product ion is not available but nevert heless certain aspects of the
phenomnenum are indicated inl the analyses whiich follow. The term, Secondary
emi ssion , is used hecre to i;ici tde' tI h ffects Of aval anching so thlat a g iveil
primary may h1ave a wideSp~read effeCCt onl charge (list ribhution . Regardl ess of
t 12 pro1cess, a st eany state is gli[Wd when at all points charges emit ted
hal ance, charges rceived.

STABLE CHARGE DI STR IBUT ION

ShIown inl figure- 4 is a piecewise i mear represenIlt;at io (11Of experimental
dalta for a hial f-round radius of 1.2 mm. Experimentail resoltiin was nobete
tCian 0).-' mmi so that somec liberty has ben, talken to fo rm t li.-s renpresent at ion.
Dtat a has beenl smon thlect. When t hi s data set is 05Cc i.; t rOn Itijoe Whi Ich
generates equipote1nt tal lint's, reSUltS arU An; Soowo inl figure 5. The( figpure

i.;tke:n as a re fe rect' for later simulations and il. represents a) st abIe
i ntLerf ac e conl I i go ra t i o:n . Several features arn' not ewort t iv. As, stiurate
potentIa 1 app roacheos zero the eq, i potti a Is becomec more, noa r vnormai~i to the
sturfat'e suech that secoiida ry em iss ion incLreases. More speC ifVi CalIIv we- woulId
say that the r it icen po jut slii fLs to higher vol tagi's, approact'i a 20 kV at
lieL intLerface. Fiirt armlore thet t-qui pot cot is beconme more c ht ;'iv spact'ti
a;igenitia f Iield s app roach V)t kV/mm'- StiCh that I)III< CO!1dllti~ I th aylt'

sign ificaIt . If the ioclinat ion ariglk' () is del med as the Iugit' beCtwdeen the
surface antd t01c erpli pot tnt ml s, then its Variat ion withI potcutial (fig. 0)
summarizes the surface conditions.
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SIMULATIONS

\lthougli experiental data are crucial for explaining interface
phenomena, they are obtained only with substantial im invest ment and
r ulutio-, is limited. The cai ;'"lationial routines permit a simulation of con.
dliLiORS not measured as well as hypothoticait conditions not experimentally
obtainable. Several important features have evolved from the simulations
conduc ted.

One of the easiest exercises was to assume the same surface potential
distribution in the presence of smaller half-rounds. Results for a 0.24-ram
radius are compared with the ref rence condition in figure 6. With the same
distribution and a smaller halt-round the angles are greater and the distribu--
tion of charge is not expected to be in steady state. Rather the charge
distribution will shift toward a new equilibrium in a manner to be detrmined.

Whereas figure o was drawn for a giv., surface potential near different
sizes of half-round, it may just as well represent scaled surface potentials
near half-rounds of the same size. When such an interpretation is used wc
conclude that a steeper gradient corresponds to lesser angles. If now we
reconsider our reference distribution near a half-round of reduced si".e, we
expect the potential gradient to increase and the angles to relax toward the

reference case.

Assuming that, when the half-round is made smaller, the charge
distribution becomes steeper, we may anticipate a high-field limit whero
stable conditions no longer exist. This may also be argued another way. The
equipotential lines of figure 5 may he scaled , ig wi'h the half roll I and
no changes in potentiil or angle will be per,. iv,,d though l.ct ric ti,eIds wii!
change inversely with dimensions. Expermentally we have tested two configu-
rations that by this scaling procedure would produce fields much higher than
the reference case. For one of the tests, a .25-mm (10-mil) wire was laid
across the surface of an otherwise stable system. For the other a slit was
cut in the dielectric and conductive epoxy was forced from the underside
through the slit to form a bead somewhat resembling a half-round. We have
found that neither configuration allows formation of a stable charge. Fl ash-
overs occur at relatively low voltags during the charging process and full
charge at 201 kV is never reached. It is significant to note that when epox)
was applied and hardened before the slit was cut, the distributio,. near t ,'
slit was stable.

One iigIlt argue that it secordary emission is a highl1y sensit ive
function of 0 near 0 0 O° then for a stable configuration 0 will be within.i
perhaps a few degrees of (10 for most of the range of potentials. On this
basis one could let 6 be 90' as a first approximat ion and calculate what the
charge distribution must be for this condition to hold. Possibly figure 6
is very sensitive to experimnntal errors and sliouild be discounted. Th is
possi1i Iit y was tested by programming an iterative routlue which shifted the
data points of figure 4 until. all points (but one) of figure 6 were within
4 degrees of 91. The potential distribit ion attained in this way is compared
witi the reference distrihution in figure 4. Thd discrepancy between the
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curves is several imes what can be attributed to experimental errors and
thus the assntmpt ion 0 = 9:)' is not a good one. Another trial requiring that
0 = 800 led to similar results. The angle 0 is not constant but decreases as
surface potential increases.

F7quipotential curves are shown in figure 7 for the assumed condition
that fields will be tangential to the surface. The somewhat plausible
argument in support of tangential fields is rebuffed by comparison with the
experimental data represented in figure 5. In figure 7, the curve for -1 kV
is not normal as are the others. Though an attempt was made to force con-
formity, the iterative compuLation became unstable and the effort was
abandoned.

PHYSICAL IMPLICATIONS

From the preceding material, a model of the secondary emission
characteristics emerges. Assumptions are made that the steady state potential
corresponds to the condition of a unity secondary emission coefficient, that
the secondary critical voltage is a unique function of field strength and
angle, and equivalently that secondary avalanches are relatively insignifi-
cant. All illustrations are based on 20-kV electron fluxes so that, in a
steady state, surface voltage V and critical voltage V are related by

S c

V -V =20. In a transient situation the equality is violated yet it is assumed
c s

nevertheless that

V = f (1:.()c

where the function of field strength U and 0 is still considered to exist.
If 20 + V is less than V , electrons will arrive with some energy less thans C

the critical value and the surface will lose charge until a steady state is
attained. It 20 + V is higher, charge will accUmulate. From an assumed

S5

perturbation in a potential distribution changes in E and 0 can be found.
For stabi lity the correspondiiig changc, in V must be of the proper polarity
and thus costraints arc placed on f.

Perturbations are represent, td as Ia. ral displacements of the reference
data point.s shown in figure ". Kach poj'n is thus identified with a given
V !4ad a variahle coordiiite. The pert urtt io!) i l]ustrated here consists of

expandi:ig the reference listrtbiut ion by 25 pe rcont while holding the half-
round constant. Using changes in E ald 0 we may calculate AV in terms of
the partial derivatives f and f c

For restorat ion of the refcrence I 1st ribt tion, charge must accumulate on
the surf- act- d colsoqe; tJly the following cotdition must he met*
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V - V < 20 or AV < 0
c s c

Anticipating that both fE and f@ are positive, we require that fE AE
be the dominant term.

A possible function f(E,O) is shown in figure 8 along with the reference
data from figure 6. It is drawn so that the partial derivatives are positive
and so that it conforms to the reference distribution. It is notable that
the slope of the constant-E lines must be less than the slope of the reference
curve if fE is to be positive. Otherwise the slope is not clearly specified.
The function is shown to decrease as 8 increases beyond 90' because the
normal field component opposes secondary emission. Focusing our attention on
the point at V = -7, we may estimate partial derivatives to be

s

f = 0.06 kV

fE = 0.14 mm

At this point the perturbation produces changes of AE = -3.37 kV/mm and
Ae = 1.190. The change AV then has the value -0.4 kV which is of the desiredc

polarity. For the function illustrated in figure 8, the values of AV are allc

negative and the assumed perturbation should relax toward the reference
condition. Details are shown in Table I. This function cannot be used as a
quantitative representative of secondary emission characteristics because it
is not sufficiently supported by data. Rather it is a qualitative model
which suggests how a greater data base might be used in developing an accurate
description.

When 0 is near 90', the occurrence of avalanches may disallow the use
of f (E,O) as a representative of critical voltage. The size (< 0.1 mm) of
this region precludes using the experimental procedures of reference 1 to
attain more detailed information. Consequently any use of the model near 900
is highly speculative. However for lesser angles, secondary electrons have
little probability of returning to the dielectric surface and the concept of
critical voltage is justifiable. Further experimentation should provide a
detailed description of f(E,O).

EXPERIMENTAL DETAILS

In all cases where flashover probability was high, the cause of
flashover could be ascribed to some f!ne detail in the interface. When care
was taken to avoid or remove the causative feature, then surface charge dis-
tributions stablized. Several examples are described in this section.

A stable distribution was attained by covering the dielectric sheet with
a metal aperture plate having a thickness of 1 to 1.5 mm. Occasional flash-
overs were accompanied by light flashes on the edge of the hole cut in the
plate. As time passed, flashovers became less frequent because, it is
presumed, the rough spots on the edge were eroded. After extensive exposure
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to beams of high flux, the dielectric surfaces were found to be coated near
the interface with a nonconductive-whitish substance thought to be aluminum
oxide. Figure 9 is a microphotograph illustrating the deposit.

When an aperture plate was cut in half and assembled by butting edges,

flashover probability was high unless care was taken to align the joints
properly. When assembly was sloppy, light flashes at the joint accompanied
the flashovers.

Half-rounds were inserted and clamped between the halves of split
aperture plates. The charge distributions were stable except for possible
joint effects. However when a fine wire was used instead of a half-round, the
wire became the cause of flashovers.

Several specimens were prepared with slits or punctures which exposed
the underlying ground plane through the dielectric sheet. When the underlying
conductive coating was bonded with conductive epoxy to a rigid metal sub-
strate, the cutting of slits or holes did not, at first, cause flashover rates
to become high. Yet as these specimens aged, flashovers became more frequent.
Light flashes concentrated on specific spots along the slits, the repetitive
discharges eroded dielectric, and the spots became trigger points for dis-
charges. One such spot formed at the end of a slit as illustrated in figure
10.

When a slit was cut before the epoxy and backing plate were applied, the
epoxy oozed through the slit and formed a bead on the exposed surface of the
epoxy. This configuration was unstable from the beginning.

CONCLUDING REMARKS

Measured surface potentials near dielectric-metal interfaces provide a
basis for the modelling of secondary emission phenomena reported here.
Measurements of secondary emission from the dielectric show that normal
electric fields increase the critical voltage, that point where the emission
coefficient is unity. Assuming that, for steady state, the coefficient is
unity under all field conditions we then calculated the critical voltages
at the various values of field magnitude and angle represented by the measured
distribution. A model, based on this limited data, shows that critical
voltage increases with both the field magnitude and the angle between the sur-

face and equipotential lines. Scaling exercises predict increasing field
strengths as the size of a ground strip is reduced. Corresponding experiments
show that surface charge distributions become less stable.
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TABLE I - THE CHANGE AV CORRESPONDING TO AN ASSUMED PERTURBATION
C

Potential Reference Cha

E C AE Af fE f0 AVe

kV kV/mm degrees kV/mn degrees mm kV kV

- 1 48.17 105.44 -9.67 0.26 ......

- 3 32.73 81.13 -6.63 0.55 0.11 0.06 -0.70

- 5 26.71 64.47 -5.50 0.76 0.11 0.06 -0.56

- 7 15.69 50.44 -3.37 1.19 0.14 0.06 -0.40

- 9 9.01 45.25 -2.06 1.91 0.3 0.06 -0.50O

- 1 1  5.68 45.55 -1.35 2.73 0.6 0.06 -0.61
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SECONDARY EMISSION EFFECTS ON SPACECRAFT CHARGING:

ENERGY DISTRIBUTION CONSIDERATIONS

N. L. Sanders and G. T. Inouye
TRW Defense and Space Systems Group

SUMMARY

Calculations of the floating potential V of a spacecraft in geosynchro-
nous orbits often lead to multiple voltage root solutions to the current balance
equation (Ji(V) - Je(V) + Js(V) + Jscat(V) = 0) for the ion, electron, secondary
emission and backscattered currents. The mu'ci-valued solutions result from the
double-valued nature of the incident electron energy when expressed as a func-
tion of secondary electron yield.

We have examined the conditions under which multiple valued solutions occur
by computing the floating potential of an isolated eclipsed surface on a geo-
synchronous orbit spacecraft. Two different surface materials were considered,
aluminum with an oxide coating and BeCu (activated). Several different approxi-
mations for the electron spectra during a geomagnetic substorm were used.

The result of the study indicates that "f the incident electron flux has a
Maxwellian energy distribution, the ratio of the secondary emitted current to
the incident electron current is indeoendent of the spacecraft potential. In
this case a single valued solution to the current equation occurs. However,if
the electron spectra can be described by the sum of two Maxwellian energy dis-
tributions then either multiple potentials or a single small positive or a
single large negative potential can occur. Under certain conditions the nature
of the solution can change from positive to negative to multiple by making rel-
atively small changes in the incide:it electron spectrum shape. In this case of
variable spectral shape larg- temporal changes in potential of a spacecraft sur-
face in eclipse could occur during a geomagnetic substorm.

INTRODUCTION

In the early 1970's, plasma clouds containing kilovolt electrons were ob-
,, id in the magnetosphere at synchronous latitudes (ref. 1) resulting in the

of spacecraft to thousands of volts potential. Since then numerous
, 'o, n of the floating and differential potential of a spacecraft in geo-

orbit (refs. 2, 3, 4, 5) and in the Jupiter environment (refs. 6
1'., hen performed. More recently it has been shown that the spacecraft
•. ,, - equation can have multiple solutions yielding two stable and one

,'!.wn for the floatinq potential of the charged up spacecraft (ref.
;,rr, a conse(.:uence of secondary emission from the surface.
th r'ixirjj;i value of the secondary electron fractional yield
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In this paper we have examined some of the conditions under which multiple
solutions to the current balance equation can occur. We have assumed that the
spacecraft surface in question is in eclipse and is spherically symmetrical and
that the spectrum of the ambient electron flux could be described by one or two
Maxwellian energy distributions.

COMPUTATIONS

To determine the current-voltage characteristics one must balance the cur-
rent to the spacecraft. If Jnet is the net current to the spacecraft, then in
the steady state

net = e (V) - J (V) - J (V) - scat (V) (I)

where the J's are the voltage dependent current densities for electrons, ions,
secondary electrons and back scattered electrons, respectively. The current
density for electrons that can be described by a single Maxwellian energy dis-
tribution is given by Je(V) = Joe exp [eV/kT] for electrons incident on a neg-
atively charged surface.

In the case of ions, we have used the same assumptions as Prokopenko and
Laframboise (ref. 4), i.e., that the ion flux is Maxwellian with an ion temper-
ature of one kilovolt and that the ratio of ambient ion to electron current
densities Joi/Joe = 0.025. With these assumptions the ion current density in
the attractive case (i.e., positive ions incident on a negatively charged sur-
face) becomes

J. = .025 J (-V) (2)
I oe

where V is in kilovolts.

In order to compute the secondary electron current it was assumed that
the fractional yield, 6(E), as described by Sternqlass (ref. 8) could be approx-
imated by the difference of two exponentials, i.e.,

6(E) = c(e-E /a - E/b) (3)

To compute the constants a, b and c, equation (3) was compared to the Sternglass
relation for the fractional yield

6(E) = 7.4 6  (E/E -2(E/ (4)
Ma x ma x
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The values of 6 max and Emax for the materials used in the study were taken from
the table in reference 4. A comparison of the 6(E) obtained from the two rela-
tions for an aluminum surface is shown in figure I. In the case of aluminum
the Sternglass expression can be fit to the difference of two exponentials for-
tuitously well.

Incident Maxwellian Electron Flux

If the incident electron flux is Maxwellian then the current continuity
equation has at most one root, Jnet(V) = 0. This can be seen by computing the
secondary emission current density from

00 eV

Js = Jo  6(E+eV) e- ( + V) dE

eV

Using equation (3) for 6(E) one finds

eV eV

c e kT2 2 o e) .

a b

so that the secondary emission factor S defined by

kT__ _2- 1(6)
s e ckT,2 kT 2 (6)

a b

is independent of V. Therefore the current continuity equation can be written
as

J.(V) - J (V) (I-S) = 0 or
I e

eV/kT
.025 J ( I-V) - J e (l-S) = 0

Oe oe

for a neqatively charged surface. Since S is a constant, equation (5) ha" only
one root.
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Incident Electron Flux Described by Two Maxwellians

The synchronous orbit electron flux during a substorm is not always well
described by a single Maxwellian. We have therefore also examined the multi-
root nature of the current continuity equation in the case where the incident
electron flux is more appropriately described by two Maxwellian energy distri-
butions. In this case the current continuity equation can be written as

n - J.(V) - J (v) (I-S ) - ( Vi) (l-S2) = 0 (8)net • Ie I e 2 2

This equation has more than one root only if (I-S1 ) and (I-S2) have opposite
polarities. The conditions on Jnet, SI and S2 for a single positive, single
negative or multiple roots are shown in table 1.

SYNCHRONOUS ORBIT STORM SPECTRA

As an application of the above we have computed the current-voltage char-
acteristics for two different surface materials exposed to the storm electron
spectra for synchronous orbit described by Knott (ref. 2). This spectrum is
based on ATS-5 data (ref. 1). We have approximated the Knott spectrum by three
approximations, each of which consisted of two Maxwellians. Each approximation
to the electron spectrum had a differential flux given by

E E
d . 108 E e-1V 09 kT2 (9)

The three different approximations were generated by selecting different values
of kT2, i.e., kT2 = 0.4, 0.5 and 1.0 keV. These approximations and the Knott
spectra are shown in figure 2. Also shown in the figure are the in-orbit data
points obtained by DeForest.

Roots for a BeCu (Activated) Surface

Using the spectrum described, the floating potential of an activated BeCu
surface in eclipse was computed. This material was selected because of the
large number of secondary electrons released by it per incident electron. For
BeCu (activated) Smax = 5.00 and Emax - 0.4 keV yields

6(E) - 6.3 - e 0.1

for our approximation to the Sternglass equation.
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The net flux (Jnet/e) vs potential of the surface is shown in figure 3 for
each of the three spectra used. Note that even though the three spectra differ
only slightly from each other, the nature of the three solutions are dramatical-

ly different. The solution for the spectra with kT2 = I keV has only one pos-
itive root. In the case of kT2 = 0.4 keV there is only one negative root,
whereas if kT2 = 0.5 keV three roots are found. In this case the middle root
is unstable (ref. 4).

In figure 4 we show the nature of the floating potential solutions for an
eclipsed BeCu (activated) surface in an ambient electron flux given by

E E
0 08 Ee 4 +A Ee kT2

dE 2

We notice from the figure that the spectra selected for this study had values
of A2 and kT2 near the boundaries in the figure separating the different kinds
of solutions. As a result small changes in kT2 or A2 can produce significantly
different solutions to the current continuity equation.

Voltage Solutions for an Aluminum Surface with Oxide Coating

A similar calculation was performed for an oxide coated aluminum surface
in eclipse. In this case 6max = 2.6 and Emax 0.3 keV resulting in a = 1.33,
b = 0.115 and c = 3.6.

A kind of voltage solution of the current continuity equation obtained
are depicted in figure 5. We notice that in this case, all three spectra used
to fit the Knott storm spectrum result in single negative solutions to Jnet(V) =
0.

CONCLUSIONS

The possibility of the occurrence of multiple solutions for the floating
potential of a body in eclipse has been studied particularly for the case where
the electron flux is described by two Maxwellian energy distributions. In this
case mutliple solutions can be obtained. In some instances, particularly if
the material in question has a large fractional secondary emission yield (such
as activated BeCu), the nature of the solutions can be sensitive to small
changes in the spectrum. For example, for activated BeCu, a change in the flux
of the incident electrons of about a factor of three at the spectral peak can
change the solution for the floating potential from a large negative potential
of over 3.5 kilovolts to a small positive potential of less than a kilovolt.
This mechanism can result in large rapid changes in the floating potential of a .4
body in eclipse during a substorm without requiring that the body move into
sunlight.
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TABLE 1. VOLTAGE SOLUTIONS TO J NETV) = 0 USING A TWO MAXWELLAN SPECTRA

ONE POSTIVNET

ONE POSITIVE ONE NEGATIVE ONE POSITIVE & TWO NEGATIVE

S, < I, S I J 0 at V = 0 (I-S 2 ) < 0 (I-S ) > 0 and'1 2 net2I

and J > 0 at V = 0 and
net

JJ < 0 for someV<OJnt>0at V =0 , Jne tnetnt

S oI S 1SI * , 2 -] __
"

__

or

(I-S ) < 0 (I-S ) ; 0
2I

and

Jn 0 for all V -0
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IMF.

SECONDARY ELECTRON EFFECTS ON SPACECRAFT CHARGING

J. W. Haffner
Rockwell international Corporation

SUMMARY

Calculations have been carried out to determine the effects of electron-
produced secondary electrons on the net charging current and the equilibrium
voltage of spacecraft surfaces immersed in hot (keV) plasmas. The ratio of
secondary to primary electrons as functions of the primary electron energy, E,
was fit by expressions of the form A(e-aE - e-bE) where A, a, and b were
material-dependent parameters. 'Materials evaluated were aluminum, Mylar,
Teflon, and Kapton.

The energy, E, at which the secondary/primary electron ratio has a maximum
was in the 0.1- to l-keV region. Assuming a Maxwellian primary electron energy
distribution, the secondary electrons were found to limit equilibrium space-
craft voltage only for plasma temperatures 13 keV. The charging rate was

reduced for higher-temperature plasmas, but only until spacecraft voltages
reached .10 keV. The limited effectiveness of the secondary electrons in
I imnit ing spacecraft charging parameters (voltage, current) was due to the low
primary electron energies at which they were produced.

INTRODUCTION

In an electrically neutral plasma there will be equal densities of
negative and positive charges. (If the plasma is not fully ionized there will
Ie n,.utral particles ,is well. These will be ignored in this discussion.)

lquallv the negative charges are electrons. Near geosynchronous orbit the
positive charges are mostly protons, and the small neutral component is
I aregely made up of ivdrogen atoms.

Because of collisions, both the negative component (electrons ) and the
1o;itive component (mostly protons) of the geosynchronous orbit plasma have
tuimsi-,Lxwellian energy distributions with comparable (within a facter of 2)
average energies. Since neither the electrons nor the protons are relativistic
(vvlocitilos 0.01 c), the electrons have ./36'= 42.85 times the average
velocity ,oaf the protons. Therefore, the electrons will impact any surface

ith iC th s (c g., a spa;cecraft skin) much more often than the protons
i 1 i . Assuming that comparable fract ions o1f the impacting electrons and

,rotons stick, the sirface will acquir.' a negative charge. As the surface
.;-irc S :i negative c hargo tihe rar te at aiiicli electrons impact it will decrease

i tI,' proto-o impact I-ate wi ticrease. When the rate at which the net
:<.lrg ,.' trana -rs to the trr r face equals zero, charging stops and the surface
• ill i have :a equ ilibrium poteatiil (voltage).
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While there are other charge transfer mechanisms to and from the surface
beside the impacts of primary elect~ons and protons (such as secondary
electrons and photoelectrons leaving the surface), only the impacts of these

primary particles will be considered in this section. The rate of the electron
impacts will decrease exponentially as the spacecraft surface acquires a

negative voltage because the electrons in the plasma are subsonic (the directed

component of their velocity is less than the thermal velocity component). Thus

J(v) = Jo 0

where

Je(V) = current density of electrons of energy (voltage) V

Vo  = average energy (voltage) of the electrons (it is also a
measure of the plasma temperature)

Jo = N q v

N = density of electrons in the plasma

q = charge/electron

v = average electron velocity

For the purposes of tniis discussion, Vo wi.l be considered to remain constant.

The total primary electron current density consists of all electrons able
to reach the spacecraft surface -- i.e., those with energies - V. Thus

= V -V/V°

Je(>V) ,Je(V) dV = Jo V, e

This expression shows that the total primary electron current density increases
with Vo (which is a measure of plasma temperature) and that the larger Vo is,
the more slowly the current density decreases with spacecraft voltage (V).

The primary positive current density when the spacecraft is uncharged will

be approximately

Jo)
PM(V 42.85

However, as the spacecraft surface acquires a negative voltage the primary
positive current only increases linearly because the protons are supersonic
(their directed velocities exceed their thermal velocities). Thus the total
primary proton current density as a function of spacecrafkvol tage is

757



Jp(>V) = Jp(V) dV = 42.85 +

The equilibrium voltage (if no secondary effects are operating) occurs
when

42.85 + e

As can be seen from Figure 1, this occurs when V/Vo m 2.5. This figure also
shows two other crossover points - one at V/Vo 2.7 (if the proton integral
current is proportional to V/Vo instead of V/Vo + 1) and the other at
V/Vo - 3.75 (if the proton current does not increase as V increases). These
other values of V/Vo at equilibrium are sometimes quoted in the literature,
but V/Vo 2.5 is correct for the primary currents (secondary electron and
photoelectron emission will reduce this value).

As Vo (the average energy of the particles in the plasma) increases, the
magnitudes of the primary currents and the equilibrium voltage also increase

(see Figure 2). Thus the time to reach equilibrium is essentially independent
of Vo. This time is a function of the capacitance/unit area and typically is
on the order of a few minutes.

SECONDARY ELECTRONS

When charged particles impinge upon matter they will displace electrons
in that matter from their equilibrium positions. Some of these electrons
may acquire sufficient energy in the backward direction to escape from the
matter completely. These are called secondary electrons, as contrasted to
backscattered electrons. Backscattered electrons result when the incident
charged particles are electrons and some of them are reflected in the backward
direction. Thus if the incident particles are not electrons, no backscattered
electrons can be produced (but secondary electrons can be produced). If the
incident particles are electrons, both backscattered electrons and secondary
electrons can be produced. The backscattered electrons usually have energies
which are a considerable fraction of the incident electrons' energies, while
the secondary electrons will have lower energies - typically <1 keV - and
while the ratio of backscattered electrons to incident electrons will always
be :I, the ratio of secondary electrons to incident particles (electrons or
anything else) is often >1.

Both backscattered electrons and secondary electrons are important in
spacecraft charging. They affect the rate at which the spacecraft will
acquire charge (and hence voltage) and also (assuming there is no electrical

breakdown) the equilibrium voltage to which the spacecraft will charge. This
is due to the fact that every electron which leaves the spacecraft cancels the
charging effects of every electron which impacts the spacecraft. When the
number of electrons leaving minus the number of electrons arriving equals the
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number of positive charges arriving, an equilibrium is achieved and the space-
craft no longer acquires additional charge.

There have been measurements of both backscattered and/or secondary

electrons from many materials. Often little or no attempt has been made to
separate these two types of electrons, so the results are presented as the
ratio of emergent/incident electrons as a function of incident electron energy.
Typical of such measurements is that for aluminum (Reference 1), shown in
Figure 3. This figure shows that the measured ratio (secondary electron
current/primary electron current) has a maximum of -1.1 at an incident electron
energy of -0.4 keV. Attempts to fit this ratio by an analytical function which
could be multiplied by an exponential and integrated led to the calculated
curve, viz.,

Je'(V) .1 e-0.1 V _e10V

Je(V)

where

Je(V) = primary electron current density (amp/cm2)

Je'(V) = secondary electron current density (amp/cm2 )

V = energy of primary electrons (keV)

The primary electron current density as a function of electron energy (V)

is

Je(V) = Je e

where Vo is the hot plasma temperature (keV). The current density due to
electrons with energies >V is

Je(>V) = Je f eV/Vo dV = Je Vo

Thus, if the spacecraft voltage is V, which means that only electrons with
energies >V will be able to reach it, the primary electron current will be
exponentially decreased from the primary electron current able to reach an
uncharged spacecraft.

If the ratio of secondary electron current to primary electron current is
given by the expression

Je' (V) K ( -av -bV)
Je'(V)

Je(V) e -a e -bv

the secondary electron current will be
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Je'(V) = Je eV/VO K (eaV - ebV)

= Je K [e V e-b )V

In these expressions K, a, and b are parameters which depend upon the space-
craft surface material. Integrating this expression to obtain the net electron
current on a spacecraft surface of voltage, V, yields

Je' (V) - fJe'(V) dV

V W

eJaK+e 1 e + 1 V

For aluminum K = 1.1, a = 0.1, and b = 10. This function (for Je = 1) is shown
graphically in Figure 4. It shows that for V= 0 (an uncharged spacecraft) the
secondary current is approximately proportional to Vo (the plasma temperature).
However, as the spacecraft becomes charged (V/Vo increases) the secondary
electron current decreases, and that decrease is more rapid if the plasma has
a high temperature (large Vo) than if it has a low temperature. This is to be
expected since for a large Vo the importance of the 0.1 - 10 keV region
(where secondary electrons are important in aluminum) is less than it is for
a small Vo.

By noting the intersections of the curves in Figure 2 (the net primary
current) with the corresponding curves in Figure 4 (the secondary electron
current) it is possible to obtain the equilibrium voltage to which aluminum
will charge in the absence of sunlight. The results of such a graphical
solution are listed in Table I.

The effects of sunlight are to increase the secondary electron current by
-0.5 nanoamps/cm2 . If the primary electron current (when the spacecraft is
uncharged) is I nA/cm 2 , the total secondary electron current is obtained by
increasing the ordinates of the curves in Figure 4 by 0.5. This has been done
to obtaiii the curves shown in Figure 5. While the effects of the photo-
elecw,:<- are relatively small at V =0, as V (the spacecraft potential)
increases the photoelectrons dominate the secondary electron current. This
accounts for the asymptotes at -0.5 of the curves in Figure 5. By overlaying
Figure 5 with Figure 2, the equilibrium voltages may be obtained from the
intersections of the corresponding curves, as before. After multiplying by
VO, the restilts are listed in Table 1.

If the primary electron current density is 10 nA/cm2 , the Curves of

Figure 4 are increased by 0.05, yielding the curves of Figure 6. Proceeding
as before yields the equilibrium potentials listed in the last column of
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Table 1. As expected, if the initial (V=0) primary electron current density
is small (e.g., 1 nA/cm 2), the equilibrium voltage is fairly low because the
secondary electrons only have to approach half of this amount (the photo-
electrons accounting for the remainder). However, if the initial primary
electron current density is large (e.g., 10 nA/cm2 ) the effect of sunlight is
small, leading to an equilibrium voltage little different from that in the
absence of sunlight. The effects of the photoelectrons, unlike those of the
secondary electrons, do not depend upon the value of Vo (the temperature of
the plasma).

The ratios of secondary electron current to primary electron current for
three common plastics (Mylar, TFE Teflon, and Kapton) are shown in Figure 7
(References 2, 3, and 4). Since these curves exhibit the same general peaked
behavior as a function of primary electron energy as aluminum, the same type
of analytical expression was used to approximate this behavior. Proceeding
as for aluminum, the secondary electron currents for these three plastics are

Mylar K = a = 3 b = 15 4

11e- 3+ VoV e-

Je ' = 9 Je I -

= e 3 + lvo e 15 + --
3+V- 15+1o

TFE Teflon K = 5.8 a = 1 b = 5

J,' = 5.8 Je-ei' ++)V e( - .++)
1 + 5 1

V0  V0
Kapton K 3.5 a = 2 b = 15

(2 g e( 1 5 +-~

Je' = 3.5 Je- - + - 15+

+V V0

Proceeding as for aluminum, the secondary currents as functions of plasma
temperature (Vo) and the mechanisms acting (secondary electrons, photoelectrons)
have been calculated from these equations (the photoelectron current was taken
as 0.5 nA/cm 2 for all cases). By overlaying these secondary current curves
with the net primary current, curves of Figure 2 yielded the equilibrium
voltages listed in Table 2.

It is seen that the secondary electron emission for Mylar and Kapton is
too small to effectively limit the equilibrium potentials for most of the
plasma temperatures considered (2 to 10 keV). If sunlight is present, the
photoelectrons limit the equilibrium potentials if the plasma temperature (Vo)
is not too high and if the primary electron current initially present (Je) is
not too high. The secondary electron emission for TFE Teflon limits the
equilibrium potentials for low plasma temperatures (Vo = 3 keV) even in the
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absence of sunlight and helps prevent charging in the presence of sunlight
until plasma temperatures exceed a few kilovolts.

Examining Figure 7 with these results in mind shows that it is the energy
region over which the secondary electron emission is active that determines
its effectiveness for the plasma temperatures considered. For incident
(primary) electron energies i keV, only Teflon has much secondary electron
emission. Comparing the effects of secondary electron emission from aluminum
(Figure 3 and Table 1) with those from the plastics (Figure 7 and Table 2)
shows that the higher the incident electron energies as which secondary
electrons are emitted, the more effective the secondary electrons are at
limiting the equilibrium potentials - especially at high plasma tt-mperatures.
Considerable effort is being expended in trying to develop such materials
(Reference 5) as well as in looking for conductive coatings with desirable
thermophysical properties (Reference 6).

The effects of secondary electrons upon the spacecraft voltage as a
function of time may be calculated by obtaining the average current as a
function of V/Vo and summing the inverses of these currents for convenient-
sized voltage steps. For example, in the absence of secondary electrons, the
net primary current is 1 if V/Vo =0, 0.75 if V/Vo =0.25, 0.56 if V/Vo =0.50,
etc. The average time to charge from V/Vo =0 to V/Vo =0.25 will be -1/0.875
or 1.14 units, while the average time to charge from V/Vo =0.25 to V/Vo =0.50
will be -1/0.655 or 1.53 units, etc. The time to charge from 0 to V/Vo =0.25
is thus 1.14 unit-s, while the time to charge from 0 to V/Vo= 0.50 is 2.67
units, etc. By proceeding in this manner, the curves shown in Figure 8 were
generated for aluminum in the absence of sunlight. It is seen that the
secondary electrons slow down the charging process even in those situations in
which they have a negligible effect upon the equilibrium potential as t-0.
Thus if there are electrical breakdowns which prevent the equilibrium
potential from being reached, the secondary electrons (and the photoelectrons
as well, if sunlight is present) act to reduce the frequency of such break-
downs.

Many plastic materials have a dielectric strength of -500 volts/mil of
thickness. While handbook values of this quantity vary or show ranges of
values, 500 volts/mil is a good average for the three plastics considered here
(Teflon, Mylar, and Kapton). Based upon this dielectric strength, it is
possible to calculate the minimum thickness necessary to prevent electrical

breakdown in plasma of a given temperature (Vo). If Vo =10 keV (a reasonable
upper limit, since the maximum measured spacecraft potential due to hot plasma
has been -19 keV) plastic surfaces should be -50 mils thick unless they will
be continually exposed to sunlight (in which case some reduction can be made
for synchronous orbits).

CONCLUSIONS

The equilibrium voltage attained in a hot plasma due to primary protons
and primary electrons only is shown to be -2.5 V0 (the electron thermal
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energy). The effects of secondary electrons produced by the primary plasma
electrons were examined for aluminum and three common plastics (Teflon, Mylar,
and Kapton). One result of this investigation was that it is the primary
electron energy region over which the secondary electrons are emitted (rather
than the ratio of secondary to primary electrons) which determines the
effectiveness of the secondary electrons in limiting the net charging current.
Thus aluminum (which has a maximum secondary electron/primary electron ratio of
-1.1 at -0.4 keV) is more effective in this regard than any of the plastics
(even though the plastics have maximum secondary electron/primary electron
ratios up to 4.8). This is due to the fact that the plastics have these ratios
at 0.1 to 0.3 keV. A second result is that while the electron-produced
secondary electrons decreased the charging current, they had little effect upon
the equilibrium voltages attained. This is due to the fact that as the space-
craft voltage becomes high (2I0 kilovolts negative) the only primary electrons
able to reach it are too energetic to produce a significant number of secondary
electrons. Under these conditions only the photoelectron current (which is -

constant, independent of negative spacecraft voltages) acts to decrease the
equilibrium voltage.
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Table 1. Equilibrium Voltages for Aluminum Spacecraft Surfaces
in Hot Plasma (Temperature Vo)

Equilibrium V (key)

Secondary e-

Equilibrium V(keV) Equilibrium V(keV) Sunlight
Vo No Secondary e- Secondary e- nA nA
(keV) No Sunlight No Sunlight Je cmI ;2 Je 0cm

1 2.5 0.6 -0 0.2
2 5.0 3.5 -0 1.5
3 7.5 6.3 -0 4.2
5 12.5 11.5 -0 9.25
10 25.0 24.5 -0 20.5

Table 2. Equilibrium Voltages for Various Plastic Spacecraft Surfaces

Equilibrium V (keV)

Secondary e-

Equilibrium V(keV) Equilibrium V(keV) Sunlight
Vo No Secondary e- Secondary e- nA nA

Material (keV) No Sunlight No Sunlight Je -1 -2- Je =10 cm-2

1 2.5 -0 -0 - 0
2 5.0 ~ 5.0 -0 ~ 0

Mylar 3 7.5 ~ 7.5 ~0 - 6.3
5 12.5 -12.5 -3.0 -10.5

10 25.0 -25.0 -6.0 -21.0

1 2.5 - 2.5 -0 - 2.1'
2 5.0 - 5.0 -0.4 - 4.2

Kapton 3 7.5 - 7.5 -1.8 - 6.3
5 12.5 -12.5 -3.0 -10.5

10 25.0 -25.0 -6.0 -21.0

1 2.5 - 0 0 0
2 5.0 ~ 0 -0 - 0

Teflon 3 7.5 - 0 -0 - 0
5 12.5 -12.5 -0 -10.5

10 25.0 -25.0 -6.0 -21.0
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GEOSYNCHRONOUS SATELLITE OPERATING ANOMALIES CAUSED BY

INTERACTION WITH THE LOCAL SPACECRAFT ENVIRONMENT*

Michael A. Grajek

Hiram College

Donald A. McPherson

Science Applications, Inc.

ABSTRACT

It is now apparent that a significant number of satellite operating
anomalies are due to differential charging of spacecraft surfaces and result-

ant discharges. Recent satellite anomaly investigations generally support

this conclusion. However, these investigations provide only limited informa-
tion about the nature of charging/discharging mechanisms and, collectively,
they support conflicting opinions on the importance of some environmental
effects. This is due in part to limitations of the available data and in part
to non-analytical visual inspection procedures that are frequently used to
scrutinize and interpret the data. Examples illustrate how such procedures

might lead to faulty conclusions. Further examples demonstrate quantitative

statistical analysis procedures that can be used to strengthen the data han-

dling, especially attempts to correlate spacecraft anomalies with geophysical
.Prameters. As data from the SCATHA mission becomes available, it should be

nossible to carry out a very detailed statistical analysis of satellite oper-
atirg anomalies because of certain key features of the SCATHA Data Analysis

i Plan.

STATE-OF-THE-ART ANOHALY INVESTIGATIONS

A,; table I illustrates, hundreds of geosynchronous satellite operating
u, ma I ie.; have been observed, recorded and subjected to analysis (ref. 1

t)r,,1h ref. 7). Most of these events have had little impact on the space-
,lf mission, but they have been as serious as total failure of the power

n\;r,.l. An examination of these investigations reveals the following general
h.ir.icter ist ics:

0 A relat ion between actual anomalous behavior and spacecraft

charging has been established. The most substantial evi-
dence for this seems to be the highly significant statistical

correlation between implied surface discharges and faulty

',,rk alipported in part through contract NAS3-21048 with
NASA/1,PtC and F047G1 - 77 - C - 0166 with SAUMSO.
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responses and circuit resets (ref. 6).

" Conclusions have usually been based on a "pattern recog-
nition" approach. The calculation of meaningful statis-
tical correlations has been severely hampered by a lack
of high time resolution data regarding the spacecraft
local envilonment. Nearly all studies have called for
routine inclusion of monitoring devices on board future
flights.

" Various "correlations" of anomalous behavior with environ-
mental and other effects have been observed. These include

-local time dependence
-seasonal dependence
-geomagnetic activity dependence
-day-of-the-week dependence
-long-term decrease

Not all of these dependences are reported in every study, and the statistical
basis for the dependences that appear to e.,ist varies greatly. Moreover,
there are some discrepancies between studies in the ways that certain cor-

relations are supported:

o local time dependence: this is reported in about half of

the flights. The transient events reported in reference
6 show a skewed distribution favoring local midnight to
dawn that is statistically highly significant. On the
other hand, the anomalous switching events reported in
reference 4 are distributed more uniformly. This has led
to the proposal of charge storage theories or theories
involving discharges occurring at varying thresholds.

o .eom,_FetiL' activit v dependence: this is said to be apparent

in about half of the studies. However, this discrepancy is
not considered important because of the limited information
contained in the various ground-based geomagnetic activity
indices used in the investigation.

o day-of-the-week dependence: this is noted in reference 1.
The anomalous events appear to significantly favor the
weekend. A similar trend (an Ibe found in the reference 6
data, hut here the favored days are Friday and Tuesday. A
further discussion of this peciil iaritv will follow.

o a seasonal dependence: ;a increased I ikel ihood of anoma I us
behavior dur i ng ec lipse sea son s--and I ong term decrease in
the rate of anoma I v occ-urrent, cs i rt not ed in most invest i ga-
t ions. The 1lattL'r trend hiH httn theori .,.d to be due to
material s dt'egrad;at ion etL f.'t H.
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In reference 8, a more detailed discussion of state-of-the-art anomaly

investigations, through early 1978, is included.

NEED FOR QUANTITATIVE ANALYSIS

Reliable information regarding the previously outlined interactions of a
satellite with its local environment is needed in the following efforts:

o Development of the Spacecraft Charging Standard

o Design Guidelines Update

o Validation and Development of various models including predictive
equations for satellite behavior

(These projects are discussed in detail in other papers in these conference
proceedings.) The following examples illustrate potential pitfalls of not
using proper statistical procedures in these efforts.

Example: Misleading Data Patterns

Table II presents hypothetical data for the local time of sixty observed
satellite upsets. In figure 1, this data is depicted in the usual manner in a
polar representation with time as the angular coordinate and frequency as the
radial coordinate. The data Gt'u?, P to support a theory suggesting that upsets
are most likely to occur in the midnight to dawn quadrant. Rather than stop at
a visual inspection, the ric strcrii of the support can be qtuantified bv calculat-
ing the chi-square (X") statistic using

This statistic measures the deviations of observed frequencies (0j) in each
data subdivision from what they would be expected to be (Ei) if the phenomenon
producing the data is purely random. Then chi-square tables can be used to
associate a probabilitv value with the calculated chi-square value. (See
reference 9, pp.274-278, for a detailed explanation.)

In the example, there are four data subdivisions (time quadrants) and
since there are sixty data points altogether, each E_ is 15. The calculated
chi-square value is 4.13 and the associated probability value is .7522 (ref. 9,
table F). The interpretation is that a purely random phenomenon would produce
data as unevenly distributed in the four time quadrants as ours with a proba-
bility of .2478; in other words, there is nearly a twenty-five percent chance
that we would be mistaken if we claimed that the data was ,oat due to random
phenomenon. Thus, in spite of the visual appeail, it would seem risky to use
this data to support a theory suggesting that upsets favor the midnight to
dawn quadrant.
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Exampl It MWic h 1pthsisto Choose?

Similar to figure 1, figure 2 ii lusLritos hivpot hetical data for satel lite
u psets . The total numher is, OneL hulId r'd . The dit a a ppears sk-ewed , but it
supports var iOuS theories of nlon-randominess w~ th qu1_ite d iffercnt strengths.

TheirLA: Upsets favor cer t ain one-lionr time periods over Others.
In this case, 24 danta subdivisions are used, and we
ohbta in

8. 14

probabiiitv = .7893

TheorY A\ has- oni v minimazl support.

TheoryL B: upsets favor tire midnight-dawn quadrant. Here thero
are? tour data subd ivisions vte] ding

X 5.28

Prohabilitv =.8476

'Thus, theo v 11 rec e ives mild support.

Te ory C .: opa-cts favor the 0300-061)0 aind 0600-0900 sec tors.
'Phi s time there are eight diata subdlivisions and we
obtain I 17.J2

Pr ohab ilit v = . 9834

Theorv C seems wel1 -supported by t hi-s dat a

01w jous I y, there should be good rca sons; I-or choos;ing t heorv C (for ex\-

ample, the poss ibhle ex-t onc Oof ai "c0har go huil dup' moechan ismi) as ide from its

stat ist ira Isuper ior itPy'. It i s~l anxt romelIv import ant pr inc ipl1e of in feren-
t ial statistic', that hvpotheses, should he formulated hefore datai is examined.
Nearly all data wi.1 1 support , at leas,-t wea;ki v, cortheory of non-randomlness.
The problem of examlining complicated datai sets in search of patterns or
clusters is d i-srossed at length in reference 10.

STATISTI1CAL, VE RfIlCAT ION OF SPACECRAFT.1

ANo\,AIY-FNVi RoNMENT RI1ATI ONSli IIS

In the inm.)aIv invest igat i ot-, discuts-od in thle first section, aind in
other stud ies, corrolat ion ari1\'5is, frequen_'ltly consists Of plotting the
anomaly data versuis the appropriate epysc paramet or and at tempt ing toc

jud(Ig e thec d ecgr ee o f c or rela,-it ion h v v i srr1:r 1 in1sp1)e ct i on1. I'lnf ortunal"t l v , tis
does not generaite plant itaitive, Irrohb ii isP ic sttmet bOut the strength o f
t he relant ion s hip as,,1 no ted ii h ,1 o v i onks s;oot ion , i t ca n be m is I cad i ng , an id
furt hermore, such a non1-anal eVt icI 1 :pprst'0II Cm o)Ver 1 ok subtle or weak cot-
r I at ions t ha t may ho real IroLId t(li i t ml xI i t a; i lit deI(Igrece o f conIF id(encec
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provided that a large amount of data are available.

The most common correlation measure is the (Pearson) product-moment
correlation coefficient. It is calculated by dividing the covariance of two
sets of data by the product of the standard deviations of each set (ref.9,
ch. 12). Unity correlation coefficient corresponds to perfect correlation

whereas 0 and -1 correspond to no correlation and perfect anticorrelation re-
spectively. The square of the correlation coefficient may be interpreted as
that proportion of the variation of one variable that can be explained by
variation of the other variable. Thus, if the coefficient is r = .9, then
only nineteen percent of the variation of one variable cannot be explained by

its relationship to the other variable.

If the correlation between two variables is zero (no relationship) and
the correlation obtained from the data is r, then the variable

t =_r[(n-2)/(l-r2)]

has a probability function given by
1{ + i -(+i)/2

f(t) =+ --_

where the number of degrees of freedom, v, is given by n-2 with n being the
number of data points (rof.ll, ch.l0 and ch. 17). Then this function can be
integrated from negative infinity to t and the result subtracted from 1 to
obtain P, which can be interpreted as the probability of error in reporting a
relationship if there is none. The analysis can be continued (ref.ll, ch.17)
to obtain a confidence interval, centered at r, for the true correlation
between the variables. Thus r is a measure of the potential strength of the

relationship between two variables while P and the confidence interval to-
gether give a measure of the reliability of the suggested relationship.

P and the confidence interval depend on r as well as the number of data
points. For r = .50, table III shows values of P for various data-base sizes.
Note that P decreases, and therefore reliability increases, as the number of
data points increases.

In the examples that follow, the correlation coefficient r, the chi-
square statistic, and the Kolmogorov-Smirnov test will be illustrated as
methods for quantifying the relationship between two variables. Of course,
many other statistical correlation techniques exist. Reference 12, appendix
A contains a brief overview. Excellent in-depth presentations can be found
in references 9, 10, and 11. VA

Example: Large Data Base Correlation

Nanevicz, Adamo, and Shaw (ref.13) show that a certain optical sensor
exhibits an increase in temperature at a rate dependent upoi, geomagnetic
activitv. Visual examination of the data in Figure 9 of their report does
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not show any obvious relationship, but a statistical analysis yields a weak
correlation with a high degree of confidence (P -- .001) because there are so
many data points available.

Example: Correlation of Anomalies with Geomagnetic Activity

Table IV presents data for anomaly occurrences versus geomagnetic activ-
ity for a satellite discussed in references 3 and 13.

The geomagnetic activity is expressed in terms of the index DST that is
designed to measure the equatorial magnetic disturbance produced by magnetic
storms, with diurnal and local-time effects removed. Increasing negative DST
implies a more active field. The basis for comparison is the relative cumula-
tive frequency of occurrence of the two variables. Note that about half of the
time, the geomagnetic activity corresponds to a DST > -15. Therefore on the
average, the anomalies occur during times when the field is more active than
normal. One possible statistical test would be to test the hypothesis that the
means of two distributions in Table IV are the same. But to do this requires

that the theoretical distribution functions for the two variables be known
(ref. 11, ch. 10).

It is recommended instead that a distribution-free test be used to test
whether the distribution of anomalies is the same as the distribution of DST.
If the two distributions were the same, then there would be no reason Lo
believe that the anomalies depend upon geomagnetic activity. The Kolmogorov-
Smirnov test will. be used since fewer than '30 data points are available (ref.
9, pp. 281-283) . Otherwise a chi-square test would be appropriate.

To perform the test, the largest difference between the relative cumula-
tive frequencies (Table IV, middle column) is noted. This value, .44, is
compared to tabled values of the Kolmogorov-Smirnov statistic for its signif-
1cance. The result is that a value this great would be obtained by chance
with probability less than .00003.

Conclusion: with 99.9977, confidence, occurrence of the anomalies is
dependent upon geomagnetic ictivity as measured by DST'

Example: Correlat ion of Anomalies with Local Time

As was noted in the first section of this paper, a common practice for
testing correlation of anomalies or events with local time is to plot the
time of occurrence on a polar representation of local time. If the data are
grouped at any particular time period then the data are judged to be "cor-
related". If the data are distributed over all local times, then quite often
it is concluded that there is no correl at ion.

More properly, the distribut ion of the anomalv data shouild be tested
relative to an uniform distribution over local time. If the number of points
is less than 30, then tile Kolmogorov-Smirnov approach can be used. Otherwise
use a chi-square test.
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A test has been made of the hypothesis that the Transient Events Counter
data in reference 6 are uniformly distributed (occur randomly) in local time.
For the three-month period February through April 1976, there were 21 events
and the Kolmogorov-Smirnov distribution was used to perform the test. The
probability of obtaining a distribution with greater variance, than measured,
from uniform was 15%. The conclusion, based on this limited data, is that
the events could be uniform in local time. However, as more events are added
in for the next nine months, a chi-square test shows that random phenomena
would produce such a skewed local time distribution only 0.037% of the time.

Conclusion: with 99.963% confidence, the events are not distributed
uniformly in local time.

Example: Correlation of Charging Voltages between Two Satellites

Bartlett, DeForest, and Goldstein (ref.14) have given measurements of
charging voltages on two spacecraft when the vehicles were eclipsed simulta-
neously. For the data presented in Table V, the two satellites were separated
by 11 degrees in longitude (over 8000 Km).

The correlation coefficient of these two sets of data is r = 0.84. The
corresponding value of P is .0003.

Conclusion: with 99.97% confidence, there is a relationship between the
charging voltages on the two spacecraft during eclipse. (Note that we do not
suggest a dependency; the existence of a significant correlation does not
imply a causal relationship.)

Example: Correlation of Anomalies with Day-of-the-Week

In the first section of this paper it was noted that the spacecraft
anomalies of reference I appear to significantly favor the weekend. A day-of-
the-week dependence is also suggested by the data in reference 6, but here the
favored days are Friday and Tuesday. However, in both of these studies, if

* second and subsequent events on multiple event davs are ignored, the day-of-
the-week correlation disappears. Moreover, the distribution of multiple event
days does not deviate from randomness in a statistically significant manner
[for the reference i data, < = 8.62, Probability = .8039].

Conclusion: It would seem that a day-of-the-week dependence is not
supported.

STATISTICA. ANAYSIS OF THE SCATTIA MTSSTON DATA

The data ambiguity of the lIst exampi e of the previous section might
not have octurred if it had been possible to accurately measure the magnitude,
as we] I as mereLv cotint, discharge events. Then several relatively small
discharges occirring over a :ihort time interval would not receive the same
status as several larger events spread out over several days. Magnitude is
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one example of what is called a blocking variable: a variable that defines a
category within which the experimenter can restrict the observation of other
variables. The reliability and sophistication of a statistical analysis is
directly proportional to the number of blocking variables included in the
collect ion of experimental data.

In the preparation of the P78-2 Data Analysis Plan (reference 12) the
importance of proper selection of blocking variables was noted in the design
of one of the key features of the Plan: the Mission Data Time Line. This
concept begins with an enumeration of important spacecraft operating condition
categories:

SPACE PLASMA ENVIRONMENT
-Quiet
-Mild Substorm
-Moderate Substorm
-Severe Substorm
-Transient Period (specify kind)

ECLIPSE
-yes
-no

MAGNETOSHEATH CROSSING
-Region 1
-Region 2
-Transient Crossing Period

CONTROLLED EXPERIMENTS/OPERATIONS
-None on
-SC4 Guns on (specify kind)
-Thruster Operations

Then the Mission Data Time Line consists of a chart indicating which of the
90 (5x2x3x3) mathematically possible unique categories the spacecraft is in
at anv time.

The information contained in the Time Line will be used in two major
ways. First, it will be, itself, an important contribution to an understand-
ing of the local environment of a geosynchronous satellite. Second, it will
provide important additional blocking variables to be used in the statistical
analysis of the various on-board experiments. Thus, for example, internal
transient count rates may be compared across different levels of substorm
activitv; or, it may be possible to develop a regression equation (ref.ll,
ch.17) that will provide a good, in the sense of statistical significance,
formula for the active control of charging effects with gun operations under
various spacecraft operating conditions.
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CONCLUDING REMARKS

In conclusion, the dependence of a spacecraft anomaly or event upon
geophysical parameters should be established on the basis of statistical anal-
ysis and the results should be expressed numerically. Examples have been
provided for establishing relationships between events and parameters such as

geomagnetic activity, local time, and events on other spacecraft. Other

examples have illustrated the potential dangers of not using quantitative
statistical techniques. As was noted in the last section, the data collection
planning and statistical analysis planning should be done together.

It may be noted that most of the examples given demonstrate a high cor-
relation between the events and the geophysical parameter being investigated.

These examples have been drawn from data which may have been published because
of the highly visible correlation that exists. It is likely that there are

data sets that have not been published because the correlation with geophysi-
cal parameters is not obvious, but it may well exist if analyzed properly.
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Table II. Number of Upsets Occurring
in Local Time Segments

(Hypothetical Data)

Mid-0100 3 0900-Noon 5
0100-0200 3 Noon-1500 7
0200-0300 4 1500-1800 5
0300-0400 4 1800-2100 6
0400-0500 3 2100-Mid 5
0500-0600 4
0600-0700 4 N=60

0700-0800 4
0800-0900 3

TABLE III. Effect of Data Base Size

on the Reliability of the
Correlation Coefficient
(r .50)

N P

5 .196
10 .071
15 .029
20 .012
25 .005

30 .002
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Table IV. Spacecraft Anomaly Occurrence Versus
Geomagnetic Activity

Relative Relative
Cumulative Cumulative Number of

DST Frequency of Difference Frequency of Anomaly

DST or greater (col.4-col.2) Anomaly Occurrences
value Occurrences

-65 .02 .07 .09 2
-55 .04 .14 .18 2

-45 .08 .24 .32 3
-35 .18 .37 .55 5

-25 .29 .44 .73 4

-15 .48 .38 .86 3

-5 .73 .22 .95 2

+5 .93 .07 1.00 1

+15 .97 .03 1.00 0

+25 .99 .01 1.00 0

+35 1.00 .0 1.00 0

Table V. Charging Voltages on Two Spacecraft
When Eclipsed

Vehicle I Vehicle 2

0 0
-4000 -3000

0 0
0 0

-1500 -1400
-9000 -11000
-1000 -1400
-6000 -800
-6000 -6000
-1000 -1000
-1600 -3200
-1100 -800

781



Noon

1800 . ... 0600

Mid

Figure 1. Polar Representationi of Local Time of
Sixty Upsets (Hypothetiical Data).

Noon

1800 00

Figure 2. Po lar Represen a t i (n ot IlocalI Tlime o f
One Hund red Upsets (IlVpo(t betiCal Data).
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SPACECRAFT CHARGING STkNDARD*

Alan B. Holman

Science Applications, Inc.

Maurice H. Bunn
Space and Missile Systems Organization

SUMMARY

A preliminary Spacecraft Charging Standard has been generated as one of
the key activities in the cooperative NASA/AF Spacecraft Charging Investiga-
tion. The document was initially generated as a "baseline specification" and
has undergone careful review by the spacecraft charging community including the
Air Force, NASA, private industry, government labs, universities, and other
agencies. The document will be formalized into a Military Standard for Space-
craft Charging when updated to include SCATHA spaceflight data.

The format of this paper is identical to that of the Spacecraft Charging

Standard except that Appendix A: Sacecraft Charging Phenomenon Background has
been omitted in order to limit the length of the paper. The complete text,
including the appendix is available through the authors. Comments on this

document would be appreciated and may he sent directly to Dr. A. 1,. Holman at
SAI. Pertinent information will be incorporated directly into the next update

of the standard.

1.0 SCOPE

1.1 This standard establishes the spacecraft charging (SCC) protection require-
ments for space vehicles which are to operate in the magnetospheric plasma

environment.

1.2 The environment can cause differential charging of space vehicle elements
which can result in discharges, with resultant propagation of electromagnetic

interference (EMI), material degradations, and enhanced contamination effects.

2.0 REFERENCED DOCUMENTS

2.1 Issues of Documents

The following documents of the issue in effect on date of invitation for
bids or request for proposal, form a part of this standard to the extent speci-
flied herein:

* Work supported through contract F04701-77-C-0166 with SAMSO.
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STANDARDS

Military

MIL-STD-1541 (USAF) Electromagnetic Compatibility Requirements

for Space Systems

2.2 Other Publications

The following documents form a part of this standard to the extent speci-

fied herein. Unless otherwise indicated, the issue in effect on date of in-

vitation for bids or request for proposal shall apply.

NASA TM X-73446 - Provisional Specification for Satellite Time in a
Geomagnetic Substorm Environment

AFML-TR-76-233 - Conductive Coatings for Satellites

AFGL-TR-77-0288 - Modeling of the Geosynchronous Orbit Plasma

Environment - Part 1

NASA - Design Guidelines for Spacecraft Charging Monograph

(To be Published)

NASA CR-135259 - NASCAP User's Manual

3.0 DEFINITIONS

3.1 Definitions that Apply to this Standard

The terms used in this standard are either defined in MIL-STD-1541 or

listed in the following paragraphs.

3.1.1 Backscattering

The deflection of particles or radiation by scattering processes through an

angle gre.alter than 950 with respect to the original direotion cf motior.

3.1.2 Dielectric-To-Metal Spark

A spark discharge between two electrodes, one of which is a dielectric

charge retaining surface and the other is a conductive (metal) electrode in

the vicinity of the dielectric. A dielectric material will typically accumu-

late charge when irradiated by electrons or ions or under certain conditions

when placed in a plasma environment.

3.1.3 Differential Charging

The act of charging neighboring space vehizle surfaces to differing poten-

tials by the combined effects of space plasma charging, photoemission, second-
ary emission and backscatter.
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3.1.4 Faraday Cage

An electromagnetically shielded enclosure. The term generally refers to
a conductive metallic structure, package, or mesh which attenuates electro-
magnetic interference to specified levels on the interior.

3.1.5 Flash-Over Spark

A spark characterized by a current path that travels along the surface of
the material and generally around an edge to close the path to the other elec-
trode.

3.1.6 Geomagnetic Substorm Activity

The conditions near geosynchronous altitude during the injection of solar
storm particles into the earth's magnetic field, including disturbances in the
dipole field and increased plasma energies and current densities.

3.1.7 Magnetospheric Plasma

The space plasma environment constituent in the magnetosphere. This is
an electrically neutral collection of electrons and positive ions (primarily
protons) with densities near geosynchronous altitude on the order of one

3particle/cm

3.1,8 Maxwellian Energy Distribution

An energy distribution based on Maxwell-Boltzmann statistics and applic-
able in a general form to the space plasma environment. The energy distribu-
tion has the integral form

S(>F) = N I+ exp(- E/kT)

where
wher (>E) = integral flux at energies greater than E (particles/cm 2 sec)

E = energy (keV)

N = total number density (particles/cm3)

k = Boltzmann constant = 8.6 x i0- 8 keV/°K

T = plasma temperature (OK)

m = particle mass (g)

It is interesting to note that v/8kT/Nm is the average speed of the particles,
so that the flux of all particles (setting E = 0) is found by multiplying the
density by the average speed.

3.1.9 Meta l -To-Metal_ 5 j rk

A spark discharge between two electrodes both of which are conducting.
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3.1.10 Photoemission

An effect whereby radiation of sufficiently short wavelength impinging on
substances causes bound electrons to be given off with a maximum energy that
varies linearly with the frequency of the radiation.

3.1.11 Primary Radiated Spark Fields

The electric and magnetic fields radiated from the spark gap.

3.1.12 Punch-ThroughSpark

A spark discharge through the bulk of a dielectric material. It is a bulk
breakdown of the insulating strength of a dielectric separating two electrodes.

The current path is through the bulk of the material, with surfaces above and
below the dielectric acting as electrodes. The punch-through spark may occur
in vacuum or in air.

3.1.13 Replacement Current

Current, excluding the spark gap current, in the region of the spark gap
and within the material surrounding the spark gap due to the rearrangement of
charge following the spark discharge.

3.1.14 Secondary Emission

An effect whereby electrons or ions, called secondary electrons or ions,

are emitted from a material as a result of the collision of higher energy
electrons or ions with the material. The ratio of secondary particles to
incident particles can be greater than unity.

3.1.15 Space Emission Spark

A vacuum spark characterized by the ejection of current into the space
surrounding an electrode. To produce a space emission spark, the electric
field must be sufficiently high to ionize and vaporize the charge retaining
material.

3.1.16 Spacecraft Charging (SCC)

The phenomenon where space vehicle elements and surfaces can become dif-
ferentially charged to a level sufficient to cause discharges and resulting
EMI. The primary effects of SCC are electrical transients and upsets, material
degradation and enhanced contamination.

3.1.17 Spark Discha rge

A sudden breakdown of the insulating strcn th of the dielectric separat-
ing two electrodes, due Lo the formation of ions by an intense electric field,
accompanied by a pulse of electricity across the spark gap and a flash of light
indicating very high temperature. In contrast to the arc discharge or glow
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discharge, the spark is of very short duration. It may be oscillatory, or
intermittent, with several discharges taking place in quick succession.

3.1.18 Spark Discharge Current

The total current within the spark gap.

3.1.19 Spark Lag

The interval between the attainment of the sparking threshold potential
and the initiation of the spark.

3.1.20 Sparking Threshold Potential

If the voltage across a spark gap is progressively raised, a spark passes
when the voltage level has become sufficiently high. The lowest voltage at
which the initial spark will pass is the sparking threshold potential. Note
that the voltage may be increased considerably above this value without pro-
ducing a spark. After one spark has passed others may follow, at different
sparking potentials.

3.1.21 Vacuum Spark Discharge

A spark discharge taking place in a vacuum region with high potential
gradients. The electric field may exist within a dielectric or in the vacuum
region surrounding the charge retaining material. In the latter case the
gradients are between the electrode and either the vacuum chamber walls or an
equivalent space charge surrounding the electrode. in these cases the poten-
tial gradients must be sufficiently high to ionize and vaporize the charge
retaining material. There are different types of vacuum sparks that are of
considerable importance, each classified by the configuration of the electrodes
or the characteristics of the current path of the spark gap. These are the
dielectric-to-metal spark and the metal-to-metal spark, each with a spark gap
path that is classified as a punch-through spark, a flash-over spark or a space
emission spark.

4.0 GENERAL REQUIREMENTS

4.1 Spacecraft Chia rign Protect ion Program

The contractor shall (a) conduct a spacecraft charging protection program,
(b) prepare and maintain an analytical plan and (c) prepare and maintain a test
plan. The intent of the program shall be to assure that the space vehicle is
capable of operating in a space plasma charging environment without degradation
of the specified space vehicle capability and without changes in operational
modes, location or orientation. This performance must he accomplished without
the benefit of external control such as commands from a ground station. The
spacecraft charging protect ion program, the ainalytical plan and the test plan
shall be approved by the procuring agency.
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4.1.1 Performance

4.1.1.1 Electrical Systems

The contractor shall assure through analysis and/or test that all space
vehicle electrical systems perform to specified capabilities when operating

in a space plasma charging environment.

4.1.1.2 Materials

The contractor shall assure through analysis and/or test that all space
vehicle materials which may be exposed to a space plasma charging environment
will retain specified capabilities.

4.1.1.3 Contamination

The contractor shall assure through analysis and/or test that any contam-
ination effects due to electrostatics induced by a space plasma charging envi-
ronment will not degrade the performance of space vehicle surfaces or elements

below specified capabilities.

4.1.2 Design

4. 1.2.1 Electrical Systems

The contractor shall design all space vehicle electrical systems to per-
form to specified capabitities in a space plasma charging environment. This
may include protective design measures compatible with MIL-STD-1541 (USAF).

!....2 Materials

The contractor shall use materials in the space vehicle design that will
perform to specified capabilities in a space plasma charging environment. Any
protection features incorporated to reduce material damage must not reduce
material performance below specified levels.

4.1.2.3 Contamination

The contractor shall design the space vehicle to minimize the effects of
contamination enhanced by a space plasma charging environment. Any contamina-
tion present must not reduce performance of space vehicle systems below speci-
fied capabilities.

5.0 DETAILED REQILIREMENTS

5.1 Performance

5.1.1 EIect car alSystem

Space vehicle clectrical system outage is permissible during a discharge
if operation returns to norm: l within a tel eme try main frame period after onset
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of the discharge. A command to the space vehicle from an external source such
as a ground station is not required to be completed if a discharge occurs dur-
ing transmission of the command, provided that an unintended action does not
result and provided that the space vehicle is capable of receiving and execut-
ing subsequent commands and meeting specified performance. Space plasma in-
duced electrical transients shall not affect on board digital data beyond the
specified design limits. Conditions outside of specified limits for electronic
equipment due to space plasma induced electrical transients shall be prohibited.

5.1.2 Materials

Thermal control surfaces, second surface mirrors, and solar cell cover-
slides shall not degrade in thermal or optical properties or structural in-
tegrity in a space plasma charging environment below the level required to
perform to specified capabilities. Space vehicle structural elements shall
not be permitted to degrade in mechanical properties in a space plasma charg-
ing environment below the level required to perform to specified capabilities.

5.1.3 Contamination

Contamination of thermal and optical space vehicle elements dLe to space
plasma charging effects shall not degrade performance below the specified capa-
bilities. Contamination of any other space vehicle elements or subsystems shall
not reduce the operational performance of the space vehicle below its specified
limits.

5.2 Design

5.2.1 Electrical Systems

Space vehicle electrical systems shall be designed such that transients
induced by space plasma associated discharges do not interfere with space
vehicle performance. Where practical this shall be accomplished by pulse
duration discrimination. Where this is not practical, other design techniques
shall be utilized such as filtering and RF shielding of selected wiring har-
nesses. The following design techniques shall be incorporated and made com-
patible to MIL-STD-1541 (USAF) specifications.

(1) All electronic boxes should consist of solid metal enclosures with no
openings which permit the penetration of significant EMI.

(2) All metallic structural elements and other conductors shall incor-
porate sufficient common grounding to prevent metal to metal discharges.

(3) All metallized surfaces on thermal blankets shall incorporate mul-
tiple grounds to the space vehicle conducting structure.

(4) The space vehicle structure should provide a "Faraday Cage" design
with a minimum of openings to prevent radiated EMI generated on the space
vehicle exterior from propagating to internal locations. This may not be
necessary if it can be shown by analysis and test that the "Faraday Cage"
is not required.
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5.2.1.1 Design Guidelines

The design guidelines present design features which will reduce the levels
of discharging on the space vehicle and the effects of SCC on electrical sys-
tems. The design guidelines as presented in the "Design Guidelines for Space-
craft Charging Monograph" (NASA document to be published) should be followed
wherever applicable. The monograph provides further detail on the design tech-
niques given in Section 5.2.1.

5.2.2 Materials

Materials used in the space vehicle design shall be selected to minimize
differential charging and discharge effects from a space plasma charging envi-
ronment while maintaining specified performance capabilities. All dielectric
materials used on exposed surfaces should be tested or analyzed to determine
their discharge characteristics in a space plasma charging environment. Sur-
faces located internal to the outer space vehicle structure should be shield-
ed from the space plasma environment by eliminating openings in the structure.
Design guidelines as presented in the "Design Guidelines for Spacecraft Charging
Monograph" (NASA document to be published) should be followed for materials

applications.

5.2.3 Contamination

Space vehicle design shall incorporate techniques which minimize outgassing
and other sources of contamination. Exposed surfaces which are most susceptible
to effects of enhanced contamination due to space plasma charging shall be
identified and protected where necessary.

6.0 SYSTEM ANALYSIS REQUIREMENTS

6.1 Spacecraft Ch in Analysis Plan

The contractor shall prepare and maintain an analytical plan for SCC. The

plan shall be subject to approval by the procuring agency. The contractor shall
implement the plan to analyze the space vehicle for the effects of SCC. The
analysis plan should complement the test plan and the analysis should generate
data useful to identifying susceptible design areas and quantifying representa-
tive test levels. Analysis procedures as presented in the "Design Guidelines

for Spacecraft Charging Monograph" (NASA document to be published) should be
followed where applicable.

6.2 Analysis Concepts

Analysis of the SCC phenomena is based on four primary modeling areas:

(1) Space plasma environment modeling

(2) Sheath/charging modeling

(3) Discharge modeling

(4) EM/coupling modeling
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Models are being developed and will be available for use in analytical treat-
ments of SCC effects on space vehicles. The contractor shall utilize these
models or others suitable to the procuring agency in analyzing the space
vehicle performance susceptibility to electrical effects, material degrada-
tions, and contamination effects due to SCC.

6.2.1 Space Plasma Environment Models

Space plasma environment models (see Appendix A) shall be used to deter-
mine the plasma environment at the space vehicle. This includes estimating
frequencies of occurrence and duration of exposure of all space vehicle sur-
faces to the various environment constituents and estimating the energy levels
and current densities of the constituents.

6.2.2 Sheath/Charging Models

Sheath/charging models (see Appendix A) shall be used to determine the ex-
tremes of differential charging levels for space vehicle elements and exposed
surfaces. This requires input from the environment models and application to
the specific space vehicle geometries (including illumination effects), with
the incorporation of the characteristic material properties.

6.2.3 Discharge Models

Discharge models shall be applied for the extremes in differential charg-
ing levels as calculated from the sheath/charging models for representative
space vehicle geometries. Estimates of extremes of radiated EMI (external and
internal to the space vehicle) and structural current levels shall be generated
by the analysis.

6.2.4 EMI/Coupling Models

EMT/coupling models shall be applied for the extremes in radiated EMI and
structural current as calculated from the discharge model for representative
space vehicle geometries. Estimates of extremes of characteristics of elec-
trical transients shall be generated by the analysis.

6.3 Analysis Procedures

Analysis shall be performed to determine extremes of SCC effects in the
area of electrical. transients. In addition, models should be applied where
applicable to determine material degradation and contamination effects. In
general the SCC phenomena models shall be utilized to estimate worst case ex-
tremes of effects on the specific space vehicle. If these extremes present
conditions which would result in degraded space vehicle performance (below
specified levels), then more detailed use of the phenomena models should be
performed as a second iteration of the analysis. This less conservative
approach will provide more realistic estimates of SCC effects than the worst
case extremes, but at the added expense of the more detailed analytical model-
ing treatment.
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6.3.1 Electrical Transients

The procedure for analyzing the space vehicle for electrical transients
induced by SCC follows.

(1) DeLermine the frequency of occurrence and duration of periods of
space plasma charging using the environment models for the particular
orbit and mission of the space vehicle. Generate environment inputs
for (2).

(2) Determine extremes of differential charging levels for the space
vehicle elements and surfaces based on sheath/charging model analysis.
Determine capacitance of the space vehicle material configurations and
for locations susceptible to charging (including capacitances within
thermal blankets and between thermal blankets and other structural sur-
faces). Determine the charge and voltage levels of the capacitors.

(3) Determine extremes in amplitudes, frequencies and general character-
istics of discharges on the space vehicle based on discharge model analyses
and material test results. Determine most likely discharge locations.

(4) Determine extremes in radiated EMI and current injection into the
space vehicle structure for the expected discharges.

(5) Use a coupling model in detail to determine the frequency of occur-
rence and characteristics of induced transients in all space vehicle
electrical systems, including wiring harnesses, circuits, and components.

(6) Determine the effect of these electrical transients on space vehicle

performance.

6.3.2 Material Degradation

The procedure for analyzing the space vehicle for material degradations
caused by electrostatic discharge follows. This should be followed where
applicable.

(1) Determine the frequency of occurrence and duration of space plasma
charging using the environment models for the particular orbit and mission
of the space vehicle. Generate environment inputs for (2).

(2) Determine extremes of differential charging levels for exposed space
vehicle surfaces based on sheath/charging model analysis.

(3) Determine the locations, frequencies and energy content of discharges
from these surfaces based on the discharge model analysis.

(4) Determine the mission integrated effect of these discharges on the
thermal, optical, and mechanical properties of the exposed materials.

(5) Determine the effect of degradation in any of the material properties
on space vehicle performance.
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6.3.3 Contamination

The procedure for analyzing the space vehicle for effects of contamination
caused by SCC follows. This should be followed where applicable.

(1) Determine the frequency of occurrence and duration of space plasma
charging using the environment models for the particular orbit and mission
of the space vehicle. Generate environment inputs for (2).

(2) Determine characteristic profiles of fields and potential distribu-
tions exterior to the space vehicle and surface charge distributions on
the space vehicle from the sheath/charging model analysis.

(3) Estimate the characteristics of the outgassing products, propulsion
system gases, and discharge sputtered material from the space vehicle.

(4) Determine extremes in radiated EMI and current injection into the
space vehicle structure for the expected discharges.

(5) Determine the effect on space vehicle performance of thermal or opti-
cal degradation of the material surface properties due to this contamina-
tion (including degradation of this contamination).

7.0 SYSTEM TEST REQUIREMENTS

7.1 Spacecraft Charging Test Plan

The contractor shall prepare and maintain a test plan for SCC. The plan
shall be subject to appioval by the procuring agency. This plan shall include
but not be limited to the following:

(a) Measurement instruments and test equipment

(b) Test conditions

(c) Test methods

(d) Test analysis and verification

The test plan should be complementary to the SCC analysis plan (see Section 6.1).
The contractor shall implement the plan to test the space vehicle susceptibility
to the effects of SCC. Test procedures as presented in the "Design Guidelines
for Spacecraft Charging Monograph" (NASA document to be published) should be
followed where applicable.

7.2 Measurement and Test Instruments

7.2.1 Measurement Instruments

The equipment used to monitor space vehicle susceptibility to SCC caused
transients shall be capable of measuring signals with adequate accuracy to a
level of 6 dB below the unit, subsystem, or system requirements. These instru-
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ments should provide adequate bandwidth and proper time response to meet the
test measurement requirements.

Measured signals shall be permanently recorded for later analysis as need-
ed. Use shall be made of wideband oscilloscopes, spectrum analyzers, wideband
transient detectors, circuit monitors, recorders, current meters and probes,
wideband RF detectors and/or other instrumentation capable of monitoring unit,
subsystem or system performance. The equipment used in this testing shall have
the approval of the procuring agency and be fully described in the applicable
test plan.

Measuring techniques and instrumentation accuracies shall be discussed in
the test plan. Any peculiarities in operation, performance, or output in the
measuring instruments shall be also discussed in the test plan.

All space vehicle telemetry equipment, aerospace ground equipment, and EMC

test equipment (see MIL-STD-1541 (USAF)) used in these tests shall be described
in the test plan. Any specially designed SCC measuring equipment shall also
be described in the test plan.

7.2.2 Test Equipment

Special equipment used to simulate SCC effects on units, subsystems, or
systems shall be described in the test plan. They should be calibrated within
specified limits. This test equipment should include devices to

(I) Induce charge density levels of up to 10 - 3 coulombs/m 2 on the exposed
surfaces of the space vehicle structure

(2) Insulate the space vehicle from all surrounding grounds during periods
of testing

(3) Directly inject currents of up to 300 amperes into the space vehicle
structure at selected critical test points. Lower levels may be shown
adequate through analysis

(4) Generate EMI with specified intensity and characteristics at selected
critical test points external to the space vehicle

(5) Deliver an electrical pulse of specified energy at selected critical
test points

This equipment, its operation and its use for SCC testing shall be approved by
the procuring agency before any testing of the space vehicle is started.

7.3 Test Conditions

7.3.1 Unit/Subsystem Test Conditions

The test conditions for units and subsystems should follow the procedure
outlined in "Design Guidelines for Spacecraft Charging Monograph" (NASA docu-

794

&.WN



ment to be published). Test conditions must be tailored to each individual
unit or subsystem.

7.3.2 System Test Conditions

System level ambient environment testing shall be performed on a qualifi-
cation model vehicle, if available, or on a flight model vehicle, if a quali-
fication model is not available. System level testing shall be conducted in a
manner that will minimize risk to the space vehicle. System level tests shall

simulate, to the extent possible, the conditions expected in space. Currents
and voltages induced in space vehicle structural elements and electrical sys-
tems shall not exceed by more than a factor of 2 the extremes expected in space.

7.4 Test Methods

7.4.1 Unit/Subsystem Test Method

Each unit and subsystem shall be tested for spacecraft charging suscepti-
bility. As a minimum testing shall be performed for radiated EMI. Each unit
and subsystem shall perform within specified levels during and after the testing.

7.4.2 System Test Method

System level testing shall consist of monitoring selected circuits and
general space vehicle health signals while conducting the following tests:

(1) Inject current into the space vehicle structure at selected critical
test points. Test levels should be determined by analysis.

(2) Induce charge flow in the space vehicle by using the space vehicle
structure as one plate of a capacitor and charging and discharging the
other plate of the capacitor (a test plate mounted at selected critical

test points). Test levels should be determined by analysis.

(3) Create radiated EMI in the same manner as that for the unit/sub-
system tests.

Critical test points shall be chosen by analysis as those locations most likely
to experience discharges in space. The magnitude of the discharge should be
less than double but at least equal to the expected levels estimated by the

analysis. Engineering model or qualification model systems should be subjected

to this full level testing. To avoid electrical stressing of flight equipment,
flight vehicle systems may be subjected to lower level (1% to 10%) testing if
supportive analysis is performed to assure system performance to specified
capabilities in the SCC 100% threat environment.

The magnitudes of the capacitance for (2) above and the voltages at dis-
charge shall be representative of levels estimated in the analysis.
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7.5 Test Analysis and Verification

The measurements recorded during the SCC tests shall be analyzed and used
to verify that the space vehicle performs to specified levels. Transients shall
be shown to be below upset levels for all critical circuits and components in
electrical systems. Thresholds for upsets of space vehicle critical circuits
and components may be measured at the unit level or calculated analytically.
The method chosen is subject to approval by the procuring agency. Protective
features shall be incorporated for all electrical systems to correct any per-
formance below specified levels. The effectiveness of the protective features
shall be demonstrated by further test and analysis.

7.6 Material Degradation Tests

All materials used on exposed surfaces in the space vehicle design should
be characterized for their performance in a space plasma charging environment.
This information may be obtained from the literature, e.g. the "Design Guide-
lines for Spacecraft Charging Monograph" (to be published by NASA) or from

material tests for new materials. Life cycle testing should be incorporated
where applicable and where considered necessary. All materials are subject to
approval by the procuring agency.

APPENDIX A: SPACECRAFT CHARGING PHENOMENON BACKGROUND (Available upon request).
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SPACECRAFT CHARGING MODELING DEVELOPMENT AND VALIDATION STUDY*

E. E. O'Donnell
Science Applications, Inc.

SUMMARY

Prediction of the effects of spacecraft charging requires validated analyti-
cal models of the magnetospheric environment, the charging interaction between
the spacecraft and the plasma sheath, the discharge phenomena, electromagnetic
coupling from the discharge to spacecraft components, and of material damage.
This paper reviews the analytical models now available and describes the use
of SCATHA data and ground tests to validate the models.

INTRODUCTION

One of the objectives of the cooperative NASA/Air Force Spacecraft Charg-
ing Investigation is to ensure that validated analytical models are developed
which are capable of predicting the interaction of spacecraft with the environ-
ment. Historically, modeling activity has been divided into four regions:

" The undisturbed environment

" The plasma sheath surrounding the spacecraft

0 The spacecraft surface

" The spacecraft interior

Models must be capable of predicting the degradation of the spacecraft
due to its interaction with the environment. This degradation can fall into
two categories: (1) anomalies, which are interruptions in service due to
electromagnetic coupling of static discharges into sensitive electronic cir-
cuits, and (2) materials degradation, such as changes in thermal absorption
and emission coefficients. Anomalies can be temporary, such as the upset of a
digital logic circuit, which is restorable by ground command, or permanent
damage due to burnout of semiconductor elements.

Emphasis to date has been put on solving the anomaly problem, but with
long mission life requirements expected for space systems, material degradation
may become extremely important.

* Work supported through Contract F04701-77-C-0166 with SAMSO and Contract

NAS3-21048 with NASA/LeRC.
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ANALYTICAL MODELS

Environmental Models

The environmental model describes the magnetospheric substorm in terms of

electron and ion concentrations, particle energies, and probability of occur-

rence. A comprehensive model should include

* Electric and magnetic fields

* Plasma particle identities and number densities

* Particle fluxes and current densities

0 Particle energy spectra

0 Particle angular distributions (isotropy, field alignment, etc.)

0 Temporal variations of plasma parameters

* K , A dependence of plasma parameters
p p

* Spatial dependences

0 Probabilities of occurrence of various severities of substorm

activity

Table I lists the environmental models available and in use today. The
AFGL model, usually known as the Environmental Atlas (Ref. 1), when updated

with data from the SCATRA satellite, will be issued in CY 1980 and will serve

as the standard reference for magnetospheric environments. Haffner (Ref 5)

has computed substorm conditions and probabilities of occurrence for subsyn-

chronous orbits.

Sheath/Charging Models

The sheath/charging model determines the spacecraft charging condition,

the electromagnetic fields in the plasma sheath surrounding the spacecraft and

the particle trajectories and fluxes in the sheath region. For engineering

purposes, it is sufficient to determine the charging condition: potential

distributions on the spacecraft surface; but for scientific payloads, the

sheath fields, particle trajectories, and particle fluxes may be of extreme

importance.

Engineering models, such as those used by design organizations, usually
are of the equivalent circuit type, described by Inouve (Ref 8) and Massaro

(Ref. 9). More sophisticated treatments needed Ior scientific purposes require
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iterative solutions of the Poisson and Vlasov equations with the approach
dependent upon the geometry involved. Table 2 lists the models used for
sheath/charging analyses.

The most ambitious model to date is the NASCAP code developed by Systems,
Science, and Software for NASA (Ref. 14).

Discharge Models

As the charge accumulates on a spacecraft dielectric surface, the proba-
bility increases that the surface will discharge to spacecraft ground or
another surface of lower potential. Discharges fall into three categories:

" Punchthrough - dielectric breakdown from the front to back
surfaces of a material

* Flashover - dielectric breakdown along a surface or between two
adjacent surfaces

* Blowoff - the expulsion of charge to free space

It has been observed that all three types of discharges will result in
charge expulsion, and it is the time dependence of the effluent charge that is
the single most important parameter in modeling discharges.

The discharge models must describe the discharge current amplitude and

pulse shape, the energy released ejecta material species and time history, the
current paths, and the dependence of these upon the following variables:

* Surface area

" Dielectric properties (Teflon, Kapton, etc.)

* Material juxtaposition

" Environmental conditions (electron and ion spectra, photo
illumination, etc.)

Discharge models fall into three categories: (i) phenomenological, which
are simply aggregations of data Lied together with empirical relationships;
(2) qualitative models, which postulate a physical process but do not attempt

mathematical formulations; and (3) physical models, which attempt to formulate
a fundamental physics approach to explaining discharge phenomena. At present
no suitable models of any category exist. Table 13 describes the models now
existing and those in development.
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Coupling/EMI Models

The Coupling/EMI models are used to predict the electromagnetic interfer-
ence (EMI) at sensitive electronics packages due to the dielectric discharge.
This can be done in one or two steps, depending upon the analyst.

In the one-step approach, as was used by Inouye, et. a!, (Ref. 19) an
EMI model of the spacecraft is devised and a standard EMI computer code such
as IEMCAP or SEMCAP is used to predict interface transients. In the two-step
approach, a time-domain electromagnetic analysis is performed to predict
spacecraft structural currents and internal fields. Then, using a transient
circuit analysis code such as SYSCAP, the transient interface and voltages and
currents are predicted.

Table 4 lists the codes available for Coupling/EMI analyses.

Buried Component and Cable Models

High energy electrons (trapped radiation) will penetrate spacecraft
surfaces and deposit charges at depth in the spacecraft. It has been shown by
Beers (unpublished) and Wenaas (Ref. 20) that spacecraft cables can accumulate
sufficient charge to approach breakdown conditions in the cable dielectric.
It is expected that other buried dielectrics, such as capacitor dielectrics,
printed circuit boards, etc., could also experience breakdown.

Of the buried components, only the cable3 have been treated analytically,
and these analyses are not adequate to predict the spacecraft performane. It
should be noted that in the event of an exoatmospheric nuclear explosion,
trapping of fusion product beta radiation could lead to severe high energy
electron environments, in which the buried component discharge phenomena could
well dominate magnetospheric plasma effects.

Materials Damage Models

A materials damage model would relate important materials properties
(emission, absorption, electrical and thermal conductivity, etc.) to sample
charging and discharging history. Though some data exist, no attempt has been
made to formulate even a phenomenological model.

MODEL VALIDATION ACTIVITIES

The previous section has shown that a variety of analytical models have
been developed or are being developed for spacecraft charging analyses. This
section describes the ground and space programs which will be used to validate
the models.
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SCATHA Model Validation

Table 5 lists the SCATHA experiments and describes how the data will be
used for model validation. As this table is summary in nature, it will be
useful to describe in detail the process by which SCATHA data will be used.
Two examples will be given:

" SCI-1,2,3 validation of NASCAP

S SCI-SB validation of discharge, coupling, and EMI
models

NASCAP Validation

The Satellite Surface Potential Monitors (SSPMs) are material samples
specially instrumented to measure the sample potential relative to spacecraft
ground, the leakage and displacement currents. A SCATHA ve5 sion of NASCAP has
already been developed by Systems, Science, and Software (S ) and sample runs
have been made. Once SCATIIA is in orbit and data have been telemetered to
ground, the environmental conditions at the spacecraft will be determined from
other SCATHIA experiments (SC2, SC3, SC5, SC6, SC7, SC8, SC9), and this environ-
ment will be used as NASCAP imput, which will predict SSPM parameters. The
comparison of predicton with data provided by SCI, 1, 2, and 3, will validate
NASCAP.

Further validation of NASCAP will come from monitoring the SSPM readings
during SC4 (electron and ion gun) operation. Predictions will be made of the
SSPM potential as a function of time during gun operation. If NASCAP is
capable of predicting the potentials correctly, then the code is assumed to be
valid.

)ischarge, Coupling, and EMI Model Validation

Data from the Narrowband Pulse Analyzer can be used to validate coupling/
EM[ and discharge models as follows:

" From the NASCAP charging analysis, it will be possible to
select likely discharge positions. Those positions will be
the source locations for a time-domain coupling analysis. The
driving function (current density vs time) will be provided by
the discharge model.

* The coupling calculations will predict SCATHA structural
currents and near fields as functions of time.
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S 'The field excitation of toe dipole antenna will be computed for
each of tile discharge sources. These results will be compared
with SCI-8B measurements. The source terms will be iterated
until agreement is satisfactory.

" Coupling calculations will also provide internal fields. Cable
harness transients will be predicted using standard circuit
analysis routines and the results compared with the internal
monopole and loop antenna results.

The above process can be simplified considerably if the discharge location
can be identified uniquely. For example, if the SSPM measurements indicated
that one of the material samples discharged at time t , and the SC1-8B detailed
a transient at the same time, then the SSPM single could be assumed to be the
source of the discharge.

GROUND TEST PROGRAMS

As can be seen from Table 5, the primary purpose of SCATHA is to provide
data for the environmental and sheath/charging, models. Thus the bulk of the
data for validation of discharge, coupling, EMI, and material damage models
must be obtained via ground tests. Table 6 is a compilation of ground tests
and other validation activities that are planned, in progress, or have recently
been completed. Comments on selected efforts follow.

Validation of NASCAP will come primarily from material sample exposures
at NASA ILeRC, and a number of these tests have been conducted. A comparison
of NASCAP with the Laframboise code will be initiated soon and should deter-
mine the effect of the corners in the NASCAP geometry. The Laframboise tech-
nique assumes an infinite cylindrical geometry; analysis of long cylinders
should provide good comparison~s for the purpose of code validation.

The discharge data of Balmain, at the University of Toronto, indicate
strong functional dependence of discharge return current amplitude, charge,
and energy upon sample area. Peak amplitude appears proportional to the half
power of area, total charge is proportional to area, and energy is proportional
to the three-halves power of area. The pulse duration, which data have more
scatter, seem to vary roughly as area t-o the 0.55 power.

At present, the only program involving physical discharge modeling with
experimental confirmation is a joint effort by SAI and SRI with SAMSO funding.
This program should provide the first quantitative definition of the discharge
source for use in coupling calctilat ions.

A scale model of SCATIIA has been con st ru ctc for coupling model validation
and for EMI testing at INT. Using this test vehiclec, IRT has developed a set
of preliminary - t procedtires that shoild serve as the basis for test stan-
dardization. Also, using, a capacitive driv' technique that best represents
the discharge mechnism, 11T is devloping imp irical transfer ftnctions that
will simplify the iutcrpietation of ,SLATIIA data.
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RECOMMENDATIONS

Most of the modeling activity to date has been concentrated in the areas
of the free-field environments and the plasma-sheath region, and likewise,
most of the SCATHA instrumentation is designed to validate these models. It

is apparent that the cooperative NASA/Air Force Spacecraft Charging Investiga-
tion Program will provide at the minimum validated environment and sheath/
charging models.

Coupling and EMI models can borrow from the technology developed for
nuclear weapons effects phenomena. With only modest modifications, a number
of computer codes developed for analvsis of system-generated electromagnetic
pulse (SGEMP) effects can be used for studies of electromagnetic coupling from
discharges.

It is ironic that the earliest recognized electrical phenomenon, the
electrostatic discharge, remains one of the most poorly understood. And it is
important to realize that until the physics of the discharge phenomenon are
understood, both qualitatively and quantitatively, there will be very little
confidence in scaling laws or "worst-case" specifications that are imposed as
design criteria.

What is needed is a thorough program to characterize discharges in physi-
cal terms. This program should have both analytical and experimental elements,
interactive in the sense that analytical results are used to define experimen-

tal goals and experimental results are used to guide analytical directions.

Another program need is the development of a materials damage model.
This model could be empirical, or semiempirical, but should make use of the
data provided by the discharge mode] development.

To date, no one has extended the buried component and cable charging
effects analyses past infancy. .JAYCOR, with AFWI, funding, is initiating a
program that includes these effects, and these efforts should be included in
an overall system assessment.

Finally, a system level combined effects test (simulating plasma, solar
photons, and trapped radiation) should bc planned. This test would validate
(as well as possible in a ground test) the charging, discharge, coupling, and
EMI analyses, as well as system level current injection (proof) tests.
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DESIGN GUIDELINES FOR THE CONTROL OF SPACECRAFT CHARGING*

R.E. Kamen and A.B. Holman
Science Applications, Inc.

N.J. Stevens and F.D. Berkopec
NASA Lewis Research Center

A nationwide, state-of-the-art technology survey has been completed that
has led to the development of a list of guidelines that can be used by space-
craft design and program technical management personnel faced with the task
of hardening their satellite against the effects of spacecraft charging.

The technology survey included a literature search and interviews with
government, university and aerospace industry people knowledgeable of space-
craft charging. Information was collected in the areas of 1) spacecraft
history, anomalies, designs, testing, specifications, experiments, 2) sub-
storm environment and spacecraft analytical modeling, and 3) materials de-
velopment and characterization. The information was summarized, compared,
evaluated, and compiled in an unpublished dossier. The dossier includes
discussions of the state-of-the-art, conflicting opinions, current recommen-
dations and future plans for 19 technology sub-areas in addition to a biblio-
graphy with abstracts, raw interview reports and some general background and
explanatory information.

The dossier was finalized and reorganized into a monograph titled "Design
Guidelines for Spacecraft Charging" which will be published and available from
NASA LeRC. The monograph provides DESIGN GUIDELINES in the areas of 1)
filtering, 2) spacecraft system design, 3) spacecraft subsystem design, 4)
spacecraft analysis and 5) spacecraft testing. The monograph contains a total
of 55 design guidelines, organized as shown in Table I. The guidelines state
specific requirements for successful design of spacecraft systems; each guide-
line is supported by a discussion of recommended practices that will assure
successful implementation of the guideline. The monograph also includes back-
ground information, a summary of the present state of spacecraft charging know-
ledge, a bibliography, appendices and an index designed to facilitate the use
of the document by spacecraft design and technical management personnel.

This paper introduces the DESIGN GUIDELINES Monograph and calls attention
to the availability of additional backup information at NASA LeRC. This
initial version of the monograph addresses the near-term goal of avoiding
spacecraft anomalies. As more informatio. becomes available (e.g., SCATHA
flight data), the monograph will be updated and will address the far-term
goal of avoiding spacecraft differential charging.

• Work supported through contract NAS3-21048 with NASA/LeRC
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In conclusion, we wish to thank the following organizations for their
contributions to the technology survey: Air Force Materials Laboratory,
Communications Satellite Corp., Ford Aerospace, General Electric, Hughes
Aircraft, IRT Corp., Jet Propulsion Lab, NASA Goddard Space Flight Center,
Naval Research Laboratory, Mission Research Corp., Rockwell International,
and Space and Missile Systems Organization.

TABLE 1. - ORGANIZATION OF GUIDELINES LISTED IN MONOGRAPH

I. Filtering (for the elimination of electronic anomalies)

II. Spacecraft System Design

A. Grounding
B. Shielding
C. EMC Practices
D. Handling/Assembly/Inspection
E. Spacecraft Charging Phenomena Monitors
F. Spacecraft Charging Control

III. Subsystem Design

A. Electronics
B. Power Systems
C. Mechanical and Structure
D. Thermal Control
E. Communications Systems
F. Attitude Control
G. Other Payloads

IV. Spacecraft Analysis

A. System Analysis
B. Design Trade Studies

V. Spacecraft Testing

A. Components, Units and Subsystems
B. Flight Systems and Qualifications Models
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THE QUALIFICATION OF A LARGE ELECTRON IRRADIATION FACILITY FOR

TELECOMMUNICATION SATELLITE DIFFERENTIAL CHARGING SIMULATION

B.E.H. Serene and J. Reddy
European Space Agency

INTRODUCTION

The European Communication Satellite network will comprise a series of
three axis stabilised satellites in geostationary orbit. The extensive use of
insulating materials for thermal control suggests that there is a serious risk

of surface potential build-up with correlated effects due to discharges: ma-
terials degradation and electro-magnetic interference.

Consequently the concept of system level simulation of the electron envi-
ronment during normal thermal vacuum/solar simulation testing is being actively
persued by the European Space Agency. We believe that the method of charge
build-up by electron bombardment of the entire satellite is the most represen-
tative test that can be performed to evaluate the impact of differential char.
ging on system performance.

To achieve such large test set-up it was necessary to define, procure and
qualify all the critical items and a programme was established, sub-contracting
procurement and test activities to CNES/SOPEMEA under ESA technical and finan-
cial management.

DEFINITION AND PROCUREMENT PROGRAMME

Electron Source

For the electron source the basic requirements were
- electron potential: variable up to 30.,kev
- electron flux: variable up to I wAcm
- illuminating cone solid angle: 7/3

- homogeneity: better than 30%

Thc'ee approaches were considered (presented below) of which only the last
one was followed in view of the schedule, reliability and cost.

Triode System

The electron beam was derived by heating up tungsten wires in vacuum and
then acceler-3ting the electrons produced by the heated wire in an electric field
(Ref.l). The tungsten wires are installed in a large copper frame closed on the
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back and the electric field is created between the frame and a large mesh.
These two parts have to be hung in the chamber and well isolated from it.
The advantages of such a system are low price and a large quasi-parallel and

homogeneous electron beam. On the other hand this source is difficult to im-
plement safely, introduces uncertainties and risks during space simulation
testing and finally cannot be repaired Without opening the chamber.

Electron Gun with Defocalization Lenses

Most of the electron guns provide a very focalised beam and with the

addition of one or two electrostatic lenses it is possible to adjust the beam
divergence according to tile size of the sample and the type of vacuum chamber
used. Unfortunately such electrostatic lenses can be manufactured only by a
long process (handmade modification and test) which introduces a high nrice
for an uncertain result.

Electron Gun with Scattering Foil

In this case we use a conventional electron gun with a scattering foil
instead of a lens to achieve a large divergent homogeneous beam. This intro-
duces a new constraint with regard to the fusion property of the scattering
foil receiving electrons with an energy up to 30 kev.

In consequence we have recommended the purchase of an existing electron
gun manufactured by SAMES (Grenoble - France) shown on figure 1. This gun is
equipped with four filaments which are interchangeable under vacuum, can pro-
vide an electron flux of 8 mA cm- 2 (by adjustment of the filament current up

to 20A) with an energy adjustable from 0 to 30 key and an illuminating cone
solid angle of r/20. The first part of the test programme was concerned with
defining the ,ha rat teristics of the beam.

Sattering Foil

Such a method has been used suiccessfully by other laboratories (Ref. 2).
Tle homogeneity of the electron beeam in the test piane is achieved by using
a thin aluminium s'attering foil ( 2 ), which is mounted at a distance of 52 cm

in front of the anode of the electron gun. The primary beam impinges on the
2 om thick foil, pressed into a 8 cm di ameter anerture of a diaphragm made of
aluminium sheets, with locally different intensit (figure 2).
After inelastic scattering, a sufficienrly large portion of the electrons
leaves the foil with random distribuition, for which a cos-law distribution is
to be expected as a first approximation. if tle foil is considered to be a
secondary electron source, it c.an be regarded, in snite of its finite extent.

as suffi-iently point-like in comparison with the large distance to the test
plane, so thiat a dependence aiccording to I/r2 is to be expected for the elec-
tron current density at the location of the test object. The use of the elec-
tron scattering aliminium foil has both advantag es and disadvantages. In addi-
tion to the fart th;jt mounting the f-oil is the simplest method to achieve a

large-area homogeneous irr;adiation, the previouisly lineshaped monoenergetic
distribution of the electron energy, after passing through the foil, represents
a continuum whih rises fromi a low intensity at low energy to a maximum at
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about 0.8 of the primary energy and subsequently decays abruptly (Ref. 3).
The continuous energy spectrum occurring after scattering means a better simu-
lation of the electron energy distribution during magnetic substorm in geosta-
tionary orbit. A disadvantage is,however, that due to the physical laws gover-
ning the electrons' passing through the Al-foil, a very high minimum accelera-
tion voltage is required to achieve a sufficient electron current density. In
this way, compared with the monoenergetic irradiation, an important parameter
is lost for the investigation of the test objects, which otherwise can be
varied by increasing the acceleration voltage in defined steps. Such increase
also has an upper limit due to the high amount of thermal energy which has to
be radiated by the aluminium foil or conducted by the diaphragm plate (Ref. 4)
and which approaches in some spots the melting temperature of the foil.

Consequently the establishment of the fusion limit of the 2 pm aluminium
scattering foil under 10, 20 and 30 key was the second point of the test pro-
gramme.

Measurement and Monitoring Equipment

Faraday Cups

2
The flux measurement was made using faraday cups of 10 cm collecting

area, connected to a nanoammeter.

The test set-up used for the characteristics determination of the electron
gun and the fusion point of the scattering foil is shown in figure 3 with a
distance between the electron gun and faraday cup of 57 cm.

For the determination of the flux distribution of the large divergence
electron beam a total of 50 faraday cups was used:
- 47 of them were installed on an aluminium plate of 3 meter diameter covered

with a fluorescent paint (see figures 4 and 5).
- 3 of them, as "pilots", were installed on a ring of 2.10 meter diameter at

a distance of 1.70 meter from the scattering foil (see figure 5).
Te drawing giving the exact location of all of them is given in figure 6.

Discharges Detection and Amplitude Measurements

Two current probes were used on the leads connecting the ground plane to
tie grounding point. In addition, a calibrated current probe was connected to
a memory scope to measure amplitude and duration of discharges.

Vacuum Chambers

Three different vacuum chambers needed to be used during this programme: .4
- a small chamber of 250 liters for the characteristics determination of the

electron gun

- a medium size chamber of 27 m for the fusion test and a short ageing test
on the scattering foi

- ,Simdi;i chamber of 30 m for the determination of the flux distribution and
the irradiation test of the two superisolation panels
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THE QUALIFICATION PROGRAMME

Determinacion of the Electron Gun Characteristics

This test was performed in a small vacuum chamber of 250 liter with a
faraday cup mounted 57 cm from the filament. The flux values were recorded
as a function of the filament current for electron accelerations of 10, 20
and 30 key as shown in figure 7 with a vacuum of 2x10- 5 torr. The measured
beam divergence was greater than expected. Instead of r/20 we obtained r/18.

Fusion Limit of the Scattering Foil

The vacuum chamber used for this test was the HEURTEY chamber with 27 m3

volume, 3.5 meter long, vacuum of 2 x 10-6 to,'r and a window for visual exa-
mination of the scattering foil under irradiation. Figure 3 shows the test
set-up used. In this condition for electron energy of 30 key the curve

¢ = f (I filament)

was plotted and gave a linear function

( iA cm-2 ) = k I (uA)

with k = 5.10 - 3 cm- indicating that the maximum beam current incident on the
foil was 600 wA after which the foil was punctured (figures 8 and 9). The flux
was 3 pA cm- 2 at 5 cm distance just before fusion of the foil was observed.
During irradiation, large deformation of the scattering foil was observed.
This deformation was complicated by the radial mechanical constraints cen-
tered around hot points. In consequence a short ageing test was performed on
an Al foil of 2 Wm with
vacuum : 2x]0 - 5 torr
electron energy : 30 key
filament current : 500 uA
duration : lh 30 min
without any degradation.

The flux value at 3meters from the scattering foil was 2 nA cm-2 .

Mapping of Electron Beam Homogeneity

The mapping of the electron beam was performed in a plane normal to the
electron beam over a diameter of three meters at distances 2.0, 2.5 and 3.0
meters from the diffusion window (see figure 10). Measurements were made at
a single energy of 30 key and at three different intensities (nominally
1 nA cm- 2 and 3 nA cm-2 ). The vacuum chamber used was Simdia (30 m 3) with a
vacuum of 10-6 torr. The position of the 50 faraday cups used for flux mea-
surements is shown on figure 6. For each distance the 3 monitoring cups
(PI, P2 and 1P3) and the 47 measurement cups were recorded.

822



Table I shows
- the values measured by P1, P2 and P3
- the maximum, the minimum and the average of the values recorded on the 47

other cups corrected by a factor K = I/cos a (a is the angle between the
axis of the faraday cup and the electron trajectory). This approximation is
valid in regard of the small faraday cup aperture compared with the distance
from the source.

The results indicated that at all distances a mean homogeneity of be-
tween 25% and 30% was obtainable at current densities in the range I nA cm 2 

-

3 nA cm- 2 .

The beam center was slightly deflected from the center of the target

due to local magnetic field effects.

Thermal Blanket Irradiations

In view of the good homogeneity of the beam in the large chamber it was
decided to perform irradiations of two samples of blanket simultaneously:
- 60 x 80 cm2 of OTS VHF Shield Assembly as described in reference 4
- 60 x 80 cm2 of ECS laminated foils of 3 mil Kapton with I mil Aluminium

Both samples were mounted on frames with the aluminium side grounded
(Figs. 11 and 12). They were irradiated simultaneously for one hour after
which time the samples were inspected for damage and photographed. There then
followed a second period of irradiation At the same level but for three hours.
At the end of this period the samples were removed, inspected and photographed.

The test conditions were
Incident electron energy 30 ket

Filament current 560 pA
Distance samples/Diffusion window 2.5 m
Flux on P1 2.75 nA cm

P2 : 2.51 nA cm- 2

P3 2.64 nA cm 2

Vacuum 5.10 - 6 torr

During the irradiations measurement; were made of the discharge currents
in both samples and the number And rate of discharges (Figure 13). The follo-
wing observations were made:

a) number of discharges per hour

hour
S amplie First Second Th ird

OTS 74 7 45
ECS 85 68 42

b) Two types of discharge observed on each sample - a small localised dis-
charge and a large surfoce dis(harge
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c) Amplitudes and duration of discharges different for each sample generally
longer slower discharges for O.T.S.
Sample typically >150 A - 30 Psecs for O.T.S.

>200 A - 5 Psecs for E.C.S.

d) Degradation of aluminisation of Kapton foil on OTS sample particularly
around rivets (Figure 14) and edges. Effects on E.C.S. samples were im-
possible to evaluate after 4 hours irradiation.

e) No degradation for both samples of the ratio ct/:

Discharge influence over a complete temperature measurement chain.

During the irradiation of the two large samples thermocouples were in-
stalled in the chamber behind and inside the samples. Negative pulses were
recorded at the time of electrostatic discharges. However, their rate and
amplitude were not destructive to the equipment and not considered as an
error source in the thermal data.

CONCLUSION

As a result of the programme we feel that we have successfully qualified
a large irradiation source which will be suitable for magnetic substorm en-
vironment simulation during normal satellite thermal vacuum testing.

The combination of cannon and diffusion window gives a widely divergent
beam which allows irradiation of large systems with only a small separation
between source and system.

The characteristics of the beam itself are well defined within the limi-
tations of maximum flux and minimum energy.

Further development is planned to improve the source with respect to these
limits of flux and also to allow irradiation at low energies. In addition a
system which will permit the centering of the electron beam in the place of
the test object is presently being developed and tested.

We consider also that future "space-simulation" tests will include plasma
sources which will eventually allow an accurate assessment of the differential
charging performance of all European satellites during ground based testing.
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TABLE 1: MAPPING OF THE ELECTRON CU2\' 110MOCENETTY

1) 1 ST ANCE FILAMENT Pi P, P13 2 MAX ~MIN
(Mn) C URRENT nA/cm-n Ib/ Cr2 nA/CM nAcm

2  
nA/cm

2  
nA/cm

2

______________ (pA)_____

3 500 -,5 3, 3 2 ,4 3,3 1' 2,3

2556(1 3,5 3,6) 2,6 3,41, ,

510 3.5 3,5 2,5 5,4 1,5 3, 5

1 340 2, 7 -,4 I's 2,41,

2,5 390 2,7 2,7 1,9 2,6 I' ,C)

2 360 2,7 2,8 1.9 3,8 '2,

3 180 1,r5 0,9O' 1,3 U ,(

2 90 1,5 1,5 1 2,1 ((51,3
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FIGURE 5:
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TDRSS SOLAR ARRAY ARC DISCHARGE TESTS*

G. T. Inouye and J. M. Sellen, Jr.
TRW Defense and Space Systems Group

SUMMARY

The Communications Technology Satellite (CTS) experienced a fifteen per-
cent power loss, possibly due to spacecraft charging and consequent arc dis-
charge. This paper covers tests that were performed to develop design guide-
lines and recommended practices for use in the design of solar arrays of sim-
ilar construction such as that for the Tracking and Data Relay Satellite (TDRSS)

spacecraft.

The most interesting results were obtained with the solar array test sam-
ples irradiated with electrons on the backside and with ultraviolet on the
solar cell side. The test sample was isolated from ground (tank walls) with a
25,000 megohm resistor so that the sample potentials were determined predom-
inantly by the "environmental" fluxes of electrons and UV, with only a minor

influence from external diagnostics. An enhanced photo-induced emission of
electrons from the solar cell side due to UV irradiation was observed in the

preferred test sample configuration in which the backside is coated with a
conducting paint. This effect leads to the elimination of a major part of the

charge buildup and energy storage which is the source of potentially hazardous

arc discharges.

INTRODUCTION

The current state-of-the-art in designing satellites to be immune to the
geomagnetic substorm environment at synchronous orbit altitudes is not a ma-
tured engineering discipline. Many geosynchronous and other satellites have
experienced anomalous events which have been attributed to the spacecraft
charging phenomenon (ref. 1). On CTS, arc discharges resulting from environ-
mental charging are surmised to have caused a partial loss of solar array
power (ref. 2). Our main interest from the viewpoint of spacecraft charging
is that both TDRSS and CTS solar arrays are deployed with a fixed solar point-
ing attitude. Both, therefore, have large areas of excellent dielectric

(kapton) material exposed only to the ambient energetic plasma, and not to
sunlight, on the backside of the solar arrays. Figure 1 shows the configura-
tion of the original TDRSS solar array. The darkside kapton, if unexposed

*This work performed under Contract No. 76159 with Western Union.
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to solar UV, constitutes a large capacitor of about 2 microfarads per array.
If charged to -10 kV, for example, the stored energy, 1/2 CV2 , is 100 joules.

Coating this surface with a conducting paint and grounding it to the aluminum
honeycomb core of the substrate eliminates the possibility of charging this
capacitor. The tests described in this paper confirm the necessity for the
conducting backside but also indicate that an additional effect exists which
also reduces the stored energy in the large capacitance formed by the solar
cell coverglasses on the sunlit side of the solar array.

TEST APPROACH

Most previous vacuum chamber tests on solar arrays have been performed by
irradiating the solar cell side from an electron gun and grounding the solar
cells and other metallic portions of the test sample (ref. 3). Typically, the
electron source is a hot tungsten wire with an acceleration voltage of 20 kV,
the positive terminal of the high voltage power supply being grounded to the
tank wall. This grounding scheme simplifies the problem of diagnostic imple-
mentation in that the metallic parts are at ground potential. However, the po-
larity of the charge on the irradiated dielectric surfaces can then only be
negative relative to the metallic parts. In the case of solar arrays, partic-
ularly for those which are 3-axis stabilized to always point toward the sun,
the surfaces of the solar cell coverglasses are "clamped" to zero potential by
photoemission of electrons. Thus the polarity of stress due to environmental
charging can only be such that the dielectric surfaces are positive with re-
spect to the solar cell itself. That is, the potential of the metallic parts
of the spacecraft, including the solar cells, are at a negative potential rel-
ative to the far plasma potential (and to the coverglass surface).

The test approach, then, was to simulate this in orbit charging situation
of positive polarity and to test various samples to define an acceptable con-
figuration. The samples were subjected to impinging electrons on the backside
and to UV on the solar cell side. The metallic portions were all tied together
and allowed to "float" by grounding via a L5,000 megohm resistor. Tests per-
formed at the European Space Agency (ref. 4) on CTS-type solar array samples
were somewhat similar in that electrons were irradiated on the backside and a
solar simulator irradiated the solar cell side. The differences with our ap-
proach were that no attempt was made to isolate the metallic parts from the
walls of the chamber and that no precautions were taken to assure the UV con-
tent of the solar simulator. The solar simulator was included in the European
Space Agency tests mainly to investigate thermal effects on the conductivity
of the kapton substrate.

Test Setup

The test setup in the 2' diameter by 4' long vacuum tank is shown in fig-
ure 2. The electron gun at one end is capable of providing an electron beam
density of 100 na/cm 2 at 20 kV. The positive side of the acceleration power

supply is grounded to the tank. Since the maximum current density observed in
a 3-month period on ATS-5 was 8 na/cm 2 with "average" densities of the order
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of 0.2 na/cm2 , the operating current was normally set at 10 na/cm 2 . A door is
provided near the mid-section of the tank to permit the "substorm" to be turned
on and off. Faraday cups are provided both in front of the door and in front
of the test sample to calibrate the incident current density. Electrostatic

voltage probes are provided on swinging arms to provide scans of surface poten-
tials. Various connections to the test sample, the solar cells and substrate
core were brought out. In general, however, all of the wires were tied to-
gether and treated as a single connection. In figure 2 we show this connection
brought out to a 25,000 megohm to I megohm voltage divider. In some tests the
connection was grounded through a 5-ohm, or .1 megohm, resistor to determine
arc discharge pulse waveforms. For the paper chart records shown here, the
25000:1 voltage divider output was fed to an X-Y plotter which generated the
X(time) scale of 20 sec/cm internal lv.

Test Samples

The following solar array sampleq were tested:

1. All-metal substrate.
Substrate: 11.25" x 14"; 48 cells, 6 strings of 8 cells (2 cm x 4 cm

cells). Coated with 1.2 to 1.5 mil of catalac black
paint on backside.

2. Lightweight substrate with no paint on backside perforated kapton.
Substrate: 7.25" x 9"; 20 cells, 2 strings of 10 cells (2 cm x 4 cm

cells).

2a. Lightweight substrate with 0.5 mil Bostik-Finch 463-6-14 (epoxy) on
backside perforated kapton.

Substrate: 7.25" x 9"; 20 cells, 2 strings of 10 cells (2 cm x 4 cm
cells).

3. Aluminum Panel: 11.25" x 14" x .125".

Tests with the All-Metal Substrate Sample (1)

The test configuration was that shown in figure 2 in which the backside is
irradiated with electrons and the solar cell side with UV. The load resistance
was 25,000 megohms with a l-megohm resistor added in series to provide a volt-
age-divided monitoring point.

Prior to the tests with this sample (1), sample (3), an aluminum plate
(11.25" x 14"), the same size as the subtrate for sample (1). was put into the
chamber to check the level of IV intensity avilablc. The dimensions of the
setup are shown in figure 3. The lamps are Pen Ray Model 11-SC-C units. The
result of this test with sample (3) was that a current of 180 na was photoemit-
ted. Assuming that the area illuminated is 7" x 14", or 632 cm2 , the current
density is .28 na/cm2 , or 9.5% of 3 na/cm2 , a conimonlv used value for photo-
emission. It takes 30 to 60 seconds, for the UV lamps to "Warm up" to full in-
tensity, especially the first time they are turned on. A limit of about 5 to
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10 minutes operation exists because of lamp heating and the resulting loss of
vacuum. Further details of the sample (3) tests are given in a later section
of this paper.

The result of the tests with sample (1) was surprising in that turn on of
the UV lamps caused the sample potential to drop from -15 kV to about -1 kV.
Figure 4 shows a typical trace obtained at the voltage divider monitor point.
At -15 kV with no UV there are occasional discharges to the wall. At -1 kV,
the signal is somewhat erratic as though a corona-like discharge were occurring.

This result was surprising in that

2 2" The incident current at 10 na/cm and 1016 cm (11.25" -. 14") is
10.2 pa.

" By Ohm's law, 0.6 Da is drained by the 25,000 megohm load resistor
at 15 kV.

" The photoemission current measured previously (on the same sized
aluminum plate) was 0.18 pa.

" The photo-induced current must be greater than 0.6 pa and must
approach a significant fraction of 10.2 pa.

On the assumption that a 7" x 14" area (632 cm2 ) of the solar cells is photo-
emitting, the photoemission current densities are .95 na/cm 2 (for .6 pa), and
16.13 na/cm 2 (for 10.2 pa). Recalling that the current density observed in the
aluminum plate test was .28 na/cm 2 , the above values are 3.4 times (for .95 na/
cm2 ) and 57.6 times (for 16. 13 na/cm2 ) greater than might be expected, if the
front surface were of aluminum. In fact, the photoemitting surface on the
solar cell side consists only of the exposed metallic interconnects which com-
prise only about 5% of the solar cell coverglass surface area. In the steady
state, the leakage of the coverglass is so low that all of the photoemission
must initiate from the interconnects. he photoemission from this reduced area
is effectively 20 times larger, giving current density values 68 to 1152 times
greater than those observed on the aluminum plate.

A final test performed on sample (1) was to connect a negative variable
power supply directly to the sample rather than to charge it with the electron
gun. With the UV lamps on, a corona-like discharge was observed starting at
around -500 volts and arcs were observed at -1 kV. We use the term "corona"
only because of the similarity of effects, the enhanced current emission and
the consequent lowering of voltage, which are observed in conjunction with real
coronas. In our case, we hypothesize that there i no real gas discharge in-
volved, hut rather, an enhanced emission of high-field induced electrons with,
perhaps, secondary electron emission effects involved. Increasing the voltage
up to -1.5 kV increased corona current and the frequency of arcs to several per A
minute. This was the largest negative voltage applied. Although no photo-
induced current measurements were made on this sample, such data were taken on
sample (2a) with the power supply and are described in q subsequent section.
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The tests and results on the all-metal substrate sample (1) are summarized
in table 1. The test results with the UV lamps on, the reduction of the sample
voltage from -16 kV to -1 kV, was unexpected. However, this result is very
significant in that such an effect would reduce electrostatic stresses across
the solar cell cover glass by a factor of 16. The energy involved would be re-
duced by a factor of 256. Furthermore, if the test level of UV irradiation is
extrapolated to the one-sun level, the charging problem essentially disappears
as far as the solar array is concerned, since the metallic backside is at the
same low potential as the substrate and the solar cells (within 28 or 32 volts).
We have tentatively called this photo-induced current multiplication phenomenon
a "zenering action." The fact that this zenering action continued, once initi-
ated, even after the UV lamps were turned off is a commonly observed character-
istic of coronas and arc discharges.

Tests with Lightweight Substrate with No Conducting
Paint on Backside, Sample (2)

This sample had 20 of the TDRSS type solar cells, two strings of 10 cells,
on a 7.25" x 9" lightweight substrate. These cells had ceria glass coverglasses
as compared to the fused silica on sample (1), and the interconnect design was
also different. Note also that the sample size as well as its illuminated area
is less than for sample (1). The backside was uncoated for these tests, and
was subsequently spray coated with 0.5 nil of Bostik-Finch 463-6-14 epoxy paint
to become sample (2a) which is discussd iftor this section.

The test configuration was as shown in figures 2 and 3. In figure 3, the
outline of the sample (2a) substrate is shown in hroken lines on the frontal
view. Note that the 11V lamp coverage is not the same as for sample (1). Ir-
radiation with the 20 kV 10 na/cm 2 electron beam caused the sample voltage to
go to about -15 kV as detected on the 25,000:1 voltage divider. Occasional
arcs were observed. Turning the 11V lamps on and off had no effect. Figure 5
shows a typical monitor trace of the 25,000:1 voltage divider output for this
sample.

The test results obtained with sample (2) are summarized in table 2. The
observed result of metallic portions of the sample at -15 kV with no "zenering
action" from UV irradiation was again surprising in view of the results obtained
from the all-metal sample (1). Particularly since the metallic parts were at
-15 kV. One possible explanation is that the negative charges embedded on the
backside dielectric are immobile and inhibit the flow of electrons in the me-

tallic substrate towards the UV-exposed metallik- solar cell interconnects which
are "trying" to "corona" to the solar cell coverglass surface. The fact that
the metallic portions get to -15 kV rapidly is not surprising, since the back-
side kapton is 51% open with holes which expons the underlying aluminum honey-
comb material.

The implications of the observed -I) kV metallic portion voltage are ser-
ious in that these large stresses and storcd energy in the coverglass might
prove to be damaging to diodes on the solar arrav. Repeating of this test and
further investigation of this configliration i!; required. This is particularly
the case if a requirement to nmake the ba ksidc cniuct ive causes the thermal
design to necessitate a drastic rod.sil-n ,f th,_ c.ntire array.
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Tests with the Lightweight Substrate with Conductive
Coating on the Backside, Sample (2a)

This sample (2a) is sample (2) with the 0.5 mil Bostik-Finch 463-6-14
epoxy paint sprayed on the backside kapton. The test configuration as shown
in figures 2 and 3 has the electron beam irradiating the backside and the UV
shining on the solar cell side.

As with sample (2), with the UV lamps off, the metallic portions went to
-15 kV with the 20 kV 10 na/cm 2 electron beam. Initially after turning on the
UV lamps, this sample behaved as sample (2), arcing occasionally and remaining
at -15 kV. After a few tens of minutes of UV irradiation, however, it began to
behave more like sample (1) in that the sample potential reduced to a few kV
negative. Figure 6 shows the initial behavior of this sample. Turning on the
UV lAmp caused the arcing frequency to increase, with very few arcs occurring
when the lamps were turned off. Occasionally, the sample would "try" to zener
as is seen in figure 6. On some occasions the zenering continued after the
lamps were turned off as with sample (1). Reducing the electron beam current
slightly by lowering the electron gun filament voltage from 60 volts to 55
volts caused the sample to behave more nearly as the all-metal sample (1).
Figure 7 shows the result of a more careful calibration of the electron beam
current flux at the sample as a function of the electron gun filament voltage.
At the normal 60 volts, the current density is more nearly 30 na/cm2 than 10
na/cm 2 , and at 55 volts, about 6 na/cm 2 . Figure 8 shows some of the traces at
the voltage monitor point for this sample. Note that the "zenering" is more
gradual and that turning off of the UV lamps allows the potential to gradually
rise back to the -15 kV level. Extrapolation of the UV effect observed in this
test to the one-sun level would indicate that this sample (2a) configuration is
acceptable from the viewpoint of spacecraft charging. The test and results
with sample (2a) are summarized in table 3.

Further Tests with Sample (2a)

The preliminary TDRSS design guidelines were established on the basis of
the foregoing test results. The following tests were performed subsequently on
sample (2a) to obtain a better understanding of the phenomena observed. As
noted earlier, additional tests should be performed on the sample (2) config-
uration also. A verification test on the final TDRSS solar array design is
also required.

The following test was run on sample (2a) to define the photo-induced cur-
rent as a function of the potential of the metallic portions of the sample. A
variable 250 V to 15 kV supply was used to bias the sample as shown in figure 9.
As the lamps were turned on, an initially large capacitive charging current is
seen as in figuro 10. When this current reached a steady state value, the
lamps were turned off, and this change constituted a measure of the photo-in-
duced current. The results, as shown in figure 11, indicate an initially lin-
ear 8 na/volt increase of current with bias voltage. Near -1 kV arc discharges
begin to occur, and the curve begins to flatten.
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Figure 11 is a plot of the steady state photoemission and does not in-
clude the transient displacement current which charges up the coverglass ca-
pacitance. If one assumes that the interconnects comprise 5% of the cover-
glass area, the current from the interconnects would be much smaller than any
of the measured currents shown in figure 11:

I = (.05 * 160 cm 2 ) - (.28 na/cm2 ) = 2.24 no

The currents of the order of 100 na shown in figure' 11, on the other hand,
would not account for the dramatic decrease of potential observed with sample
(2a) or sample (1) where currents of 1-10 pa would be required. The current
required for "zenering" is affected by the displacement or capacitive charging
currents of the solar cell coverglass. Figure 10 indicates that these currents
may be in the microampere range. These currents will flow away (electrons
leaving) from the sample if the capacitance is discharged by arc breakdown.
These arc discharges are observed when the power supply voltage is in the or-
der of -1 kV. Measurements of the coverglass surface potential after turning
off the negative power supply show voltages in the order of 500 volts. This
also is an indication that voltage stresses of greater than 500 to 1000 volts
cannot be maintained with this polarity.

Figure 12 shows discharge oscilloscope traces taken across the capacitiv-
ity coupled 5 ohm resistor shown in figure 9. The peak discharge currents
range from 0.6 to 3.6 amperes as the sample voltage is raised from -1750 volts
to -15 kV, and the widths were in the order of 2 to 4 microseconds. The peak
pulse current does not appear to be linearly related to sample voltage. Peak
pulse current vs sample voltage is shown below:

Sample Voltage (kV) 1.75 2.0 2.5 5.0 10.0 15.0

Peak Current (amps) 0.6 0.8 0.9 1.6 2.8 3.6

Test with Aluminum Plate Sample (3)

The aluminum plate (11.25" x 14"), used to obtain a measure of the photo-
emission level from the UV lamps as described in the tests on the all-metal
substrate (1), was tested to determine whether enhanced photo-induced currents
would be obtained at high negative potentials. The initial photoemission

tests on this sample were made with a -22 volt bias.

With the 20 kV 10 na/cm 2 electron beam, the sample (3) potential went to
about the same -15 kV as the other solar array samples. No arcs were observed
whether the UV lamps were turned on or not. The voltage traces for this test
are shown in figure 13. Note that the UV effects are barely perceptible. Sum-
mary of tests and results on aluminum plate sample (3) are listed below:

a Electron bombardment on one side and UV
irradiation on the other side. 20 kV
10 na/cm 2 beam; "9.5% of one-sun UV.
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* Sample potential went to % -15 kV.

" No arc discharges with or without UV.

The fact that this sample (3) did not exhibit the enhanced photo-induced
emission current observed with all-metal sample (1) and the conductivity coated
backside lightweight sample (2a) is an indication that some process involving
iielcctrics on the UV irradiated side is a necessary condition for enhanced
emissions to occur.

The test results with sample (2) which had solar cells on it, but no con-
dtictive coating on the backside, indicate that a conductive backside tied to
the metallic parts of the array is a necessary part of the acceptable array de-
sign. The ttst on the sample (2) substrate without the solar cells on it also
indicate that a conducting backside is necessary.

SUMMARY AND CONCLUSIONS

The tests and results performed to develop TDRSS solar array design guide-
lines for immunity to the geomagnetic substorm environment at geosynchronous
altitudes are summarized in each section. The preliminary design guidelines
and recommended practices based on these test results are given table 4. The
guidelines and recommendations are consistent with a survey of our inhouse ex-
perience with spacecraft charging effects and with information exchanges with
outside institutions such as NASA, European Space Agency and Canadian Research
Centre. The tests described here provide data which back up these recommenda-
tions and our experience, both analytical and experimental, indicate that these
guidelines are reasonable. Being a relatively recently discovered (or acknowl-
edged) phenomenon and a field of active research, it is impossible to write a
definitive design guideline document for immunizing against geomagnetic sub-
storm charging effects. Much work is being performed at the present time on
the engineering as well as scientific aspects of the spacecraft charging phe-
nomenon at many organizations. Specific design and immunity verification prob-
lems on each spacecraft program will have to be solved on an individual basis
until the technology has matured to an adequate level.
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TABLE 1. SUMMARY OF TESTS AND RESULTS ON ALL-METAL SUBSTRATE SAMPLE (1)

" Electron bombardment of backside, UV on solar cell side. -20 kV, 10
na/cm 2 beam; "-9.5% of one-sun UV.

" Sample metallic portions brought out of tank and grounded through
25,000 megohms (2.5.1010 ohms).

" Sample voltage was % -16 kV, occasional arcs with no UV.

" Voltage dropped to %-1 kV with UV; noisy.

" Voltage remained low when UV was turned off.

o Preceeding sequence starting with high negative voltages may be re-
peated by closing doors and stopping the electron beam.

* Power supply directly on sample, no electron beam, shows "corona"
starting at -500 volts, arcing at -1 kV. Increased arcing frequency
and increased "corona" current at -1.5 kV.

e Aluminum plate the same size as all-metal substrate (11.25" x 14.25")
showed 0.8 pa photoemission current with -22.5 volt bias. Photo-
emission current density calculated to be .28 na/cm 2 , or about 9.5%
of that expected in orbit (one-sun).

e Photo-induced currents are 68 to 1152 (or even larger) times greater
than might be expected from aluminum plate test (interconnect area only).

e For one-sun conditions this extrapolates to 35 to 580 times or 10.2
na/cm 2 to 173 na/cm 2 (on an overall area basis including coverglass
area).

TABLE 2. SUMMARY OF TESTS AND RESULTS ON UNPAINTED LIGHTWEIGHT

S'BSTRATE SAMPLE (2)

& Electron bombardment and UV irradiation as for sample (1):
20 kV 10 na/cm2 beam; ",.95% of one-sun UiV.

* Sample(2) is smaller (7.25" x 9" substrate, 20 cells) than
sample (1).

* Sample metallic portion at "1 -15 kV; occasional arc dis-
charges.

0 Turning on UV lamps has no noticeable effect.

0 -,;,,rvially the same results were obtained with the sub-
. or sample (2) with no solar cells put on it.
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TABLE 3. SUMMARY OF TESTS AND RESULTS ON LIGHTWEIGHT SUBSTRATE
WITH CONDUCTIVE COATING ON BACKSIDE, SAMPLE (2a)

" I lectron bombardment and UV irradiation as for samples (1)
and (2); 20 kV 10 na/cm2 beam; '\ 9.5% of one-sun UV.

" This sample (2), 7.25" x 9" substrate with 20 cells, but
with backside spray coated with .5 mil of Bostik-Finch
463-6-14 epoxy paint.

" The resistance measured with I" diameter discs laid on the
paint measured nu 105 ohms.

* To the substrate from one of the discs, the resistance was

measured to be 0.5 to 1 times 104 ohms.

" 'Tie enhanced photo-induced electron emission was observed
as for sample (1) but was not as pronounced.

" The incident electron beam was recalibrated and this showed
that with 10 na/cm 2 and a one-sun UV irradiation, this con-
figuration would result in a low stress design for the
TDRSS solar array.

TABLE 4. PRELIMINARY DESIGN GUIDELINES AND RECOMMENDED PRACTICES

I. The back surfaces of the solar array panels must be con-
duct ive.

2. The conductive back surface must be connected to structure.

The aluminum honeycomb core must be grounded to structure.

4. ThIe solar panel edges must be covered with conductive tape
and grounded.

. The solar cell coverglass may be fused silica or ceria glass.

t. The solar array wiring may be on the frontside or the back-
side-the backside is preferred.

1. Th~e b locking and shunt diodes may be located on the front-
s;de or the backside-the backside is preferred.

8. lle blocking and shunt diodes should have the largest pos-
sible forward current ratings.

9. Design verification tests must be performed.
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COVERGLASS: 150 m

{ SOLAR CELL: 200 pim

SKAPTON: 50 jim

ALUMINUM HONEYCOMB
CORE: 10 Mm THICK
CELL SIZE: 6.35 mm

{51% PERFORATED
KAPTON: 75 jim

Figure 1. TDRSS SOLAR ARRAY CONFIGURATION
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Figure 2. TEST SETUP IN 2' x 4' VACUUM TANK
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;- CE LS
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SUBSTI $A I SOLAR CELLS ________,WALL

SAMPLE SUBSTRATE ( a and 2a) TANK
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T  WALL

, 3.25"

0 0 00

TANK WALL

FIGURE 3. ALL-METAL SAMPLE (1) TEST CONFIGURATION
SHOWING UV LAMP GEOMETRY

LAMPS OFF

LAMPS

LAMPS -

LAMPS ON LAMPS ON LAMPS OFF

DOORS
DOORS OPEN
(COSED

LAMPS ON

FIGURE 4. ALL-METAL SAMPLE (1) VOLTAGE TRACES. TWO TRACES ARE SHOWN. THE
LOWEST PORTION OF EACH TRACE CORRESPONDS TO % -15 kV. THE HIGH-
EST PORTIONS OF THE TRACES ARE % -1 kV. THE HORIZONTAL PERIOD
IS ABOUT 10 MINUTES PER TRACE.

846



LILAMPS
O NK

LAMlPS ON LAMPS OFF

FIGURE 5. VOLTAGE TRACES WITH LIGHTWEIGHT SUBSTRATE SAMPLE (2) (NO CON-

DUCTIVE COATING ON BACKSIDE). VOLTAGE TRACES SHOW THAT UV

LAMPS DO NOT CAUSE "ZENERING" ACTION.

ONF

LAMPS LAMPS

ON OFF

I 1

LAMPS jL ILAMP

FIGURE 6. INITIAL VOLTAGE TRACES OBTAINED WITH SAMPLE (2a).

NOTE THAT TURNING ON THE UV LAMPS INCREASES THE

OCCURRENCE OF ARC DISCHARGES AND OCCASIONALLY
SHOWS A TENDENCY OF ZENERING.
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FIGURE 7. SAMPLE INCIDENT CURRENT DENSITY VS
ELECTRON GUN FILAMENT VOLTAGE.
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FIGURE 8. VOLTAGE TRACES WITH SAM'4PLE (2a) (LIGHTWEIGHT SUBSTRATE WITH
CONDUCTIVE COATING ON BACKSIDE). VARIABLE ELECTRON REAM
CURRENT DENSITY FROM 6 TO 30 na/cm2 .
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10 meg 820 pf 1000 pf

250 V
to 15 kV -2S k meg SCLOOP

FIGURE 9. CIRCUITS TO MEASURE PHOTO-INTDUCED CURRENT VS POTENTIAL.

0.68110' V
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FIGURE 10. PHOTO-INDUCED CURRENTS FROM SAMPLE (2a) VS SAMPLE VOLTAGE.
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FIGURE 11. STEADY STATE SAMPLE (2a) PHOTO-INDUCED CURRENT VS POTENTIAL
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V = -1750 Volts

RA R5ohms
.2 amp/cm Vertical
I ps/cm Horizontal

V =5000 Volts
R = . 5 ohms

B .4 amp/cm Vertical
I Ps/cm Horizontal

V =-15 kilovolts
R = 5 ohms

Camip/cm Vertical

1 ps/cm Horizontal

FIGURE 12. ARC DISCHARGE W7AVEFORMS OBTAINED WITH SAMPLE (2a).
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METAL PLATE (ALUMINUM) 20 KEV BEAM, UV LAMPS (4) ON/OFF

LAMPS LAMPS LAMPS LAMPS LAMPS LAMPSON OFF ON OFF ON OFF

FIGURE 13. VOLTAGE TRACES WITH AN ALUMINUM PLATE SAMPLE (3)
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A COMBINED SPACECRAFT CHARGING

AND

PULSED X-RAY SIMULATION FACILITY*

Steven H. Face, Michael J. Nowlan,
William R. Neal, and William A. Seidler+

Spire Corporation

SUMMARY

A spacecraft charging simulation facility has been constructed to investigate
the response of satellite materials in a typical geomagnetic substorm environment.
The conditions simulated include vacuum, solar radiation, and substorm electrons; in
addition, a nuclear threat environment simulation using a flash x-ray generator is
combined with the spacecraft charging facility. Results obtained on a solar cell array
segment used for a preliminary facility demonstration are presented with a description
of the facility.

INTRODUCTION

Recently, much interest has been shown in the subject of anomalous behavior of
electrical systems deployed in satellites in geosynchronous orbit (refs. 1-4). This
behavior is now being investigated extensively in the belief that it is caused by
electrostatic charging of dielectric surfaces due to the space environment (refs. 5-8).

* The electrical discharges associated with spacecraft charging result in
electromagnetic interference which can couple into the spacecraft harness. In
addition, the dielectric surface becomes contaminated with surface tracks which may
lead to device failure or poor performance (ref. 9).

An electron charging facility was constructed at Spire for the simulation of the
low-energy plasma environment encountered in geosynchonous orbit. A flash x-ray
generator was combined with the charging facility to simulate the effects of a nuclear
threat environment. In this facility the response of satellite materials can be
determined for any combination of x-ray, surface charging, or simulated solar
radiation, taken either separately or simultaneously. Although there have been earlier
studies of spacecraft charging under a variety of conditions (refs. 10-12), the
simultaneous exposure of satellite dielectrics to flash x-rays and electron surface
charging has not been previously reported. Figure I is a schematic of the major
elements of the combined facility.

*Tt is work was supported by the Defense Nuclear Agency.

+Presently at Jaycor
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This paper describes the combined x-ray and electrostatic charging facility and
summarizes the preliminary results obtained during irradiation of solar cell array
segments deployed on Skynet satellites.

FACILITY DESCRIPTION

Flash X-Ray Source

The x-radiation used for assessing the survivability/vulnerability of solar cells
and other electrical devices is produced by the SPI-PULSETM 6000 pulsed-power
electron, generator operating in the bremsstrahlung mode. The anode of the field
emission tube used in these experiments is a high-Z target for the conversion of
electron energy to bremsstrahlung. The diode of the field emission tube consists of a
6.4-cm diameter cathode and a 7.6-cm diameter tantalum foil anode. An 8-mm diode
gap spacing provides a nominal 5- to 10-ohm load impedance for the 1.5-ohm energy
store. This overmatched impedance results in the diode voltage being a significant
fraction of the store voltage. Since the x-ray conversion efficiency increases with
electron energy, x-ray production is increased with high-impedance loads, and
depending on the charge level of the energy store, photon energies of up to 280 keV
can be produced.

Diode operation is monitored by recording the voltage and current produced
during discharge of the energy store. Voltage on the inner conductor of the field
emission tube is measured with a capacitive divider and current is determined from a
resistive shunt. The voltage and current reproducibility of the diode discharge is
better than +5 percent.

The electron beam power pulse generated by this diode configuration has a
nominal width of 150 ns FWHM. The x-ray pulse produced has a width of 100 ns FWHM
due to the decrease of bremsstrahlung production efficiency for low-energy electrons
at the pulse. Measurement of the x-ray time history is made with a
scintillator-photodiode, consisting of an EG&G SGD-100A photodiode and a Pilot B
plastic scintillator rod. A gold foil calorimeter is used to measure the x-ray fluence,
which, at the center of the sample mount of the charging facility, is given by

* = 2.9 x 10-12 (Vo) 4 .2 5  (1)

whereo is the fluence in millicalories per square centimeter and Vo is the
charging voltage of the pulser in kilovolts.

The x-ray fluence at the upper and lower ends of the 450 sample mount were
measured as 60 percent and 170 percent, respectively, of the central fluence. ',
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Electron Charging Source

The electron charging facility was designed to simulate the monoenergetic
electron fluxes encountered in a geomagnetic substorm environment. The electron
beam is produced by a standard cathode-ray tube flood gun with a maximum
thermionic current output of 1 mA. The size and intensity of the electron beam is
controlled by biased grids in the gun and by the three-element cylindrical lens system
shown in figure 1. The electron energy in the lens is only a few hundred volts, so that
shielding from stray magnetic fields is required. The electron source and lens system
is raised to accelerating potentials up to 20 kV; a copper mesh is used for the
electrostatic shielding of the lens region.

A parallel-mesh acceleration field region at the exit of the lens system provides
the high voltage acceleration for the electrons. Components of electron velocity
perpendicular to the accelerating field are negligible compared with the velocity
through the exit mesh, so that beam divergence is minimal.

The test volume consists of an aluminum vacuum chamber, 20 cm in diameter
by 18 cm in length, which attaches to the diode flange of the SPI-PULSE 6000 for the
combined x-ray and electron irradiations. Access to the target region is facilitated by
four circumferential chamber ports.

Electron intensity and uniformity are measured with a spatially resolving
Faraday collector array placed at the specimen position. The collector plate is 10 cm
in diameter and contains twenty 0.8-cm-by-0.45-cm collectors across a diameter. The
remainder of the collector assembly is coated with cathode-ray-tube phosphor for
visual observation of the electron beam while adjusting the focus.

The orientation of the current collector array in the test chamber is controlled
externally by rotation of the sample-mount rod. The current collector array may be
rotated 3600 to sample the entire electron beam. A representative map of the initial
beam uniformity obtained for a 1-nA/cm 2 peak current density is shown in figure 2
with a solar array segment. Superimposed bremsstrahlung fluence intensities, for a
representative test configuration, are also shown in the figure.

During testing, electron intensity is maintained constant by monitoring the
current density with four stationary current collectors near the circumference of the
beam at the entrance to the test chamber and adjusting the filament current
accordingly.

Measurements of the current density made at various distances from the beam
entrance aperture indicate no beam divergence or convergence within the test
volume. Differences in beam current density at the top and bottom of the chamber
are less than 3 percent. Current density is variable up to 30 nA/cm 2 for an 8 cm
diameter beam. Higher intensities are attainable with smaller diameter beams.
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Specimens are mounted on a dielectric or conductive support in the center of
the test chamber. The panel is mounted at a 450 angle to expose equal areas to
radiation from the electron source and x-ray source. Light from a spectrally
calibrated tungsten lamp is introduced through a quartz window in the back plate of
the chamber. A mirror mounted on the front plate reflects the light onto the specimen
surface. Light intensity is adjusted to provide 140 mW/cm 2 incident to simulate
air-mass-zero solar intensity. The quartz window is also used for viewing the sample
during electron charging.

Prior to specimen irradiation, the uniformity and intensity of the electron beam
are measured. The test specimen is then positioned in the chamber, while the test
volume is evacuated to a pressure of less than 5x10- 5 torr. Total pump-down time is
about 15 minutes.

The electron gun filament current is adjusted to provide the intensity of
interest as determined by the current measured with the four Faraday collectors at the
beam periphery. During the irradiation, a TREK Model 340 HV noncontacting voltage
probe is used to measure the surface electrostatic potential on test specimens. This
unit has a voltage resolution of 0.1 percent, with measurements relatively independent
of probe-to-surface spacing. The time-response of the probe is less than 2 ms. The
potential of the probe floats to that of the surface being measured, minimizing its
effect upon the test environment. The probe may be manipulated from outside the
test chamber using a set of external controlling rods. Position over the test surface is
indicated by an x-y plotter connected to the rods. When not in use the probe is
retracted into a side chamber.

FACILITY DEMONSTRATIONS

I
Description of Solar Cell Array

The solar cell panels used for facility demonstration testing consisted of nine
2-cm-by-2-cm cells configured in a three-by-three array. This configuration was
chosen as the smallest array which might represent an actual satellite deployment
geometry (i.e., the central cell is completely surrounded by other cells). The electrical
circuit of the central cell was independent of the outer cells to facilitate measurement
of the cell response to various environments, although it was recognized as not being a
realistic configuration.

Four solar arrays, designated 4057-1, 4057-2, 4057-3, and 4057-4, were provided
by Ford Aerospace and Communications Corp. from Skynet satellites. Details of the A
solar cell geometry are shown in figure 3. The solar cells were n-on-p silicon

fabricated from 5- to 14-ohm-cm material with junction depths of 0.25 to 0.30
micrometer. Two of the test panels, arrays 4057-3 and 4057-4, had interconnected 1
conductive coverslip coatings of indium oxide.

The four solar cell arrays were irradiated with x-rays, electrons, and solar
spectrum photons. Initially, each array was irradiated with x-rays with and without
incident solar light. Array 4057-2 was pulsed more than the others to observe any

857



cumulative effects. Each array was charged with electrons at a nominal 1-nA/cm 2

flux level. During charging, the arrays were exposed alternately to light and darkness
to simulate day-night conditions. Finally, simultaneous x-ray, electron charging, and
incident light exposures were provided to assess the combined effects upon cell array
performance.

At the conclusion of each phase of testing, the I-V characteristics of the central
cell were measured with a Spectrosun Model X25 MKII AMO solar simulator. In
addition, the solar cells were examined for signs of physical degradation after each
exposure.

Solar Cell Response to X-Rays

The solar cell arrays were subjected to x-ray fluence levels of 0.07, 0.2, and
0.45 mcal/cm 2 incident upon the central cell. These levels correspond to SPI-PULSE
6000 charging voltages of 150, 200, and 250 kV and a source-to-target distance of 9
cm. The total x-ray dose delivered was 3, 4, and 6 rads (Si) at the front surface.

The ambient temperature of the test volume was recorded for each pulse. A
chromel-alumel thermocouple attached to the backside of the central cell was
calibrated and monitored. Output of the thermocouple indicated a maximum
temperature rise of less than 10 C at the highest x-ray fluence level. This corresponds
to a 0.5 percent decrease in Voc and 0.1 percent increase in cell current.

A typical cell response is shown in figure 4. The x-ray energy deposition in the
solar cell saturates the junction region due to creation of electron-hole pairs. The
pulsewidth of the cell output is dependent on the injection level, carrier drift velocity,
carrier recombination time, and load circuit. No difference was seen in the output
signal when the coverslips of arrays 4057-3 and 4057-4 were grounded.

A transient I-V curve generated from the x-ray response for panel 4057-2 is
compared to the AMO curve in figure 5. No transient response was observed during
simulation of daylight conditions. Heating of the test volume with the tungsten lamp
produced a slight voltage decrease. No permanently adverse effects on cell
performance occurred from the x-ray exposures.

Solar Cell Response to Electron Charging

The solar cell arrays were irradiated with electrons to simulate the environment
encountered in a geosynchronous orbit. The nominal flux density of the electron beam
was maintained at 1 nA/cm2 , while the electron energy was varied from 2 to 20 keV.

The TREK electrostatic voltage probe recorded the potentials built up on the
array surface and the fiberglass substrate. Generally, the potential of the solar cell
coverslips reached one-fourth to one-third of the incident electron energy, while the
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fiberglass substrate at the periphery of the array charged from one-half to two-thirds
of the electron energy. A typical voltage profile across the surface is shown in figure
6.

Differences in potential on the cell surfaces also caused discharges to occur
among the cell coverslips or between a cell and the fiberglass substrate. For some of
the testing the front contact of the center cell was grounded. In this case, potential
differences between cells due to electron charging resulted in electrical discharges
from the peripheral cell coverslips to the grounded contact.

The surface discharge rate and associated potential drop were recorded with the
TREK probe. A discharge over the cell surface caused the potential to drop below 1
kV. Discharges to the fiberglass substrate were generally only partial, resulting in a
potential drop of 2 to 3 kV. A time history of the potential over the cell surface and
substrate exposed to the electron irradiation is shown in figure 7.

Not all the electrical discharges appeared in the load circuit. If the front
contact of the cell was grounded, few signals were observed in the load, since the
discharge could go directly to ground. For most of the testing, the cell back contact
was grounded so that discharges to the front contact would appear across the load. In
this mode of operation, there was generally a coincidence in the drop in potential
recorded by the TREK probe and the signal recorded in the load circuit. To obtain a
signal of reasonable amplitude, a 1-Mgpreamplifier was used as a load to the solar cell.

Signals of tens of millivolts were recorded during the electrical discharges.
These signals reached their peak in a few milliseconds, then decayed exponentially in
about 10 ms. The charge contained in the discharge signals amounted to a few tenths
of a microcoulomb. This quantity represents the charge lost in a 3-kV potential drop
on the cell surface, using the calculated capacitance of a cell coverslip. The
corresponding energy lost in a discharge was about 1 mJ. The electrical discharge
signals were of both positive and negative polarity, and, in general, were very
reproducible for fixed experimental conditions.

Photographic observation of the cell electrical discharge activity was recorded
with a Polaroid camera. Open shutter photographs of 5- to 10-min exposure were
taken using the chamber quartz window as a view port. Evidence of electrical
discharges was observed with beam voltages from 2 to 20 kV at 1 nA/cm2 for times of
several minutes. An example of the electrical discharging is shown in figure 8.

Most of the electrical arcs occurred around the central cell whose front contact
was connected to ground through the load circuit. Some discharging is evident among
the outer cells. The number of visible electrical arcs increases with the surface
potential of the cells.

A reduced level of discharging was observed for the conductive coverslip cell
arrays. The potential of the fiberglass substrate around the cells was observed to be
lower by 10 to 30 percent when the coverslips were grounded.
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With the tungsten lamp turned on, the electrical discharging ceased
immediately for all arrays, as determined from monitoring the cell load circuit. The
potential on the fiberglass substrate decayed to a few hundred volts in minutes. No
evidence of electrical discharge was recorded over the substrate.

After multiple discharges, measurement of the I-V characteristics showed that
panels 4057-1 and 4057-2 experienced a loss in maximum operating power of 12
percent. Panels 4057-3 and 4057-4 incurred no effective power loss as a result of
charging and discharging. The I-V curves for panels 4057-1 and 4057-4 are shown in
figures 9 and 10.

Two of the solar arrays were physically damaged by the electrical discharging.
The central cells of panels 4057-1 and 4057-3 each had a crack develop in the
coverslip. The position of the crack on both cells coincided with an observed electrical
arc. These panels were irradiated for a total time of 8h and 5h, respectively, at
electron energies of up to 20 keV. The other two panels, irradiated for less than 4h
each, did not develop similar coverslip cracks.

Solar Cell Response to Combined Environment Exposure

All the panels were subjected to x-ray exposure during electron irradiation.
Each panel was charged with a 16-kV, 1-nA/cm electron beam for lh in the dark. The
panels were then pulsed with x-rays at test levels of 3, 4, and 6 rads (Si). The
conductive coverslip cells were pulsed with and without the coverslips grounded.

None of the cells exhibited anomalous behavior during the x-ray pulse. The
x-ray response signals were the same as observed without electron charging. There
was no potential drop observed, within the time-response of the TREK probe, either on
the fiberglass substrate or over the cell surface during the x-ray pulse. It is possible
that there may have been a late time response or a low-amplitude response that could
not be recorded with the instrumentation available.

CONCLUDING REMARKS

The spacecraft charging facility developed at Spire represents an economical
and eliable simulation device. Results obtained using a three-by-three solar cell array
are in general agreement with previously published results at other facilities (refs. 13
and 14). These results demonstrate the utility of using small-area samples to simulate
larger area behavior.
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CHARACTERIZATION OF ELECTROMAGNETIC SIGNALS GENERATED BY ELECTRICAL

BREAKDOWN OF SPACECRAFT INSULATING MATERIALS

J. E. Nanevicz and R. C. Adamo

SRI International

B L. Beers

Science Applications, Inc.

BACKGROUND

As part of a program to develop an understanding of the behavior of
typical spacecraft insulating materials under exoatmospheric charging
conditions, a series of exploratory measurements of the external transient
electric and magnetic fields produced by electrical breakdown of materials was
performed. Although the metal test chamber used for these early measurements
was niot ideally suited for detailed electromagnetic transient studies, the

magnitudes of the observed fields were sufficiently large that the need for a
concentrated effort to determine the true electromagnetic nature of discharge

generated transients was recognized. A program was therefore initiatod to
conduct discharge characterization tests in an electromagnetically "clean" and
clearly defined structure, in order that the data obtained be free of artifacts

associated with the measurement setup.

The data presented in this paper were generated as part of a series of
quick look experiments intendel to verify the functioning of the experimental
setup and to provide prelimin~iry inputs for the development of analytical

models of the discharge process. Thus, although it is planned that additionil

measurements will be made to carry out the complete program, it is felt tha1t
the results to date are significant in that they provide information on sourt,

characteristics in a form useful to the electromagnetic compatibility enginttr.

EXPERIMENTAL SETUP

For the electromagnetic breakdown studies, the test samples were mounted
in the middle of a ground plane within an electromagnetically transparent
vacuum chamber in the general manner illustrated in figure 1. This arrangement

simulates a region of charged dielectric mounted on the skin of a satellite.
The electron gun is of a special type designed at SRI and uses a multipactor
electron source to provide a large-area uniform beam over a wide range of
energies and current densities as discussed in a companion paper.**

*The work reported here was supported by the U.S. Air Force under contracts

F49620-77-C-0113 and SAI-77-C-0166.
**J. E. Nanevicz and R. C. Adamo, "Further Deve lopment of the Mul tipactor

Discharge Electron Source."
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The electron-gun circuitry includes a feedback system to maintain the
electron-beam current density at a preset level over long periods of time.

This setup produces an environment similar to that existing on a satellite
when brck,'owns occur. These discharges on the outer surface generate transient
electric fields above the skin and transient currents on the skin. The electric
fields induce signals in wiring on the exterior of the satellite while both
electric fields and skin currents excite apertures in the skin which excite
wiring on the interior of the satellite. Thus an EMC engineer requires informa-
tion about the time structure and spatial variation of the surface electric
fields and skin currents generated by electrical discharges on the surface of
the satellite. (It is worth noting that in this case, the electric field (E)
and the magnetic field (H) are not generally related by the free-space
impedance of 377 ohms as they would be in free space, so that it is necessary
to measure both E and H.)

Measurements of E and H (H is equivalent to skin current) are being made
using simple antennas located at varying distances from the discharge test
panel as suggested in figure 1. The antennas being used are small electric
dipoles and half loops. The electric dipole sensors measure E while the loop
antennas respond to the H field. Although figure 1 shows E-field sensors and
a signal from the target-material base as providing the outputs to an oscillo-

scope, other combinations of antennas are also being used.

Transient data generated to date were recorded using a Tektronix Model
7844 dual-beam oscilloscope equipped with 7A19 preamplifiers, providing a system
bandwidth of 400 MHz. For future measurements, a Biomation Model 6500 waveform
recorder will also be used. This system has a bandwidth of 100 MHz and allows
the rapid digitization and storage of data for computer processing.

EXPERIMENTAL RESULTS

In generating the records presented here, the instrumentation system
shown in figure I was configured so that target-material base current was
displayed on one channel of the oscilloscope. The second oscilloscope channel
was connected to a small E-field sensor located 30 cm from the center of the
bell jar. All of the records presented here were generated by discharges that
covered a large part of the dielectric surface and extended to the edge of the
test sample. They generally are a representative sample of the higher
amplitude signals generated for each particular material sample.

As the quick-look experiments progressed, various experimental shortcomings
were uncovered, and appropriate improvements and modifications were systemati-
cally incorporated into the test setup. For example, It was found that the 4
bell jar material was sufficiently insulating that the electron beam could
deposit substantial charge on its inside surface. Charged particles generated
by test sample breakdown neutralized this charge on the bell jar and produced
a large change in dc field at the E-field sensor. bli jar charging was
eliminated bv covering the inside of the bell jar with i high-resistance
conductive coating which bleeds away dc chargt. but doL not -ittenuatc th,
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high-frequency signals generated by the discharge. When the systematic data-
gathering phase of this program begins, all of the measurements will be made
with the conductive coating installed. Presently, however, data from many of
the interesting test samples were obtained with the insulating bell jar, and
certain precautions must be observed in using the results. It is felt that the
waveforms and magnitudes of the signals generated by breakdown of the samples
are of sufficient interest that the results should be presented at this time
in spite of their imperfections. In particular the data in figure 2 were
obtained with the conductively coated bell jar, while the rest of the records
were obtained with an insulating bell jar.

Figure 2 shows a record generated by the breakdown of a second-surface
quartz optical solar reflector (OSR) panel. A positive unipolar pulse is
generated in the test sample base replacement-current circuit indicating
that negative charge is driven away from the sample by the breakdown process.
The current reaches its peak value of 1.7 A in roughly 100 ns and then decays
monotonically. The behavior of the E-field can be explained by the following
argument. The negative excursion, which is roughly a mirror image of the
current waveform, is caused by the electrons generated in the breakdown plasma
being driven upward from the surface, thereby increasing their dipole moment.
A simple back-of-the-envelope calculation quickly verifies that the magnitude
of the field change observed can be produced by the quantity of charge
involved. In the first 100 ns, the average blow-off current is 0.87 A; thus
the charge removed from the surface is 87x10-9 coul. If it is assumed that
this charge is contained in a column extending to a height of 30 cm from
the ground plane, the electric field at a point on the ground plane 30 cm
from the dipole axis will be 7 kV/m which is consistent with the measured
peak field excursion of 6 kV/m.

Figure 3 shows an early record generated by the breakdown of an OSR panel
in the insulating bell jar. The positive unipolar replacement current pulse
indicates that negative charge is driven away from the sample. The current
reaches its peak value of 0.68 A in roughly 300 ns and then monotonically
decays until, at roughly 1400 ns after the beginning of the discharge, another
breakdown process occurs.

As before, the initial behavior of the E-field can be explained by the
fact that the dipole moment of electrons driven upward by the discharge is
greatly increased. In the first 100 ns, the average blow-off current is 0.25 A
, - 9 - the charge removed from the surface is 25xi0 9 coul. Thus we would
expect an E-fiel-n at the measurement point of 2.03 kV/m which is
consistent with the measured -e-knegat1tv-e-field excursion of 2.8 kV/m.

As the breakdown proceeds, the negativieicharged particles diVe---iay__
from the sample surface arrive at the multipactor elcct ron gun where they are
collected so that they no longer contribute to the electriL--eld at the ground
plane. Removal of negatively charged particles from the plasma-reKio leaves
an expanding volume of positive charge which moves out and neutralizes the
negative charges on the bell jar wall, so that after the first 100 ns, a
positive-going field change is produced. The E-field at the sensor continues
to become more positive until, at the end of the record, a total field change
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of 7.5 kV/m has been produced. This positive-going field change is an
artifact of the early experimental setup and should be ignored.

To indicate the occurrence of bell jar wall effects, the E-field records
in figure 3 and succeeding records have been shown dashed in the late-time
regions where these effects become pronounced.

A record showing the signals generated by a discharge on a 10 cm by 15 cm
(6" x 4") aluminized-Kapton test sample is presented in figure 4. The general
form of the signals is the same as for the OSR panel of figure 3, but both the
replacement current and the E-field-change magnitudes are an order of magnitude
or more higher in figure 4. The replacement current to the base of the test
sample reaches a peak magnitude of 65 A in 400 ns.

Again, the field change is initially negative in response to the blow-off
of negative charge. The field reaches a negative peak of 9 kV/m in roughly
60 ns. Since the average replacement current during the first 60 ns is roughly
2.5 A, this means that the charge blown away is 100xl0- 9 coul. Thus we should
expect a peak negative field change 4 times that observed with the OSR panel
of figure 3, or the field change would be expected to be 4x2.03 = 8.12 kV/m
in excellent agreement with the measured value.

It should be noted that 9 kV/m is a very substantial field change. Thus
it is not surprising that spacecraft charging can cause transient-upset-level
signals to be induced in spacecraft electronic systems.

Figure 5 shows another breakdown of thie 10 cm by 15 cm (6" x 4")
aluminized-Kapton sample in which three individual discharges separated by
400 ns in time occurred. Each of the individual discharges produced a current
change of roughly 10 A and generated a burst of blow-off charge that drove
the field roughly 7 to 8 kV/m more negative.

To investigate the importance of sample size in determining discharge
* characteristics, breakdown experiments were conducted using a 5 cm by 7.5 cm

(2" x 3") aluminized-Kapton test sample. The signals generated by a discharge
of this sample are shown in figure 6. Comparing figure 6 with figures 4 and 5
indicates that the duration of replacement current flow is roughly 1/2 as long
with the half-siz sample.

Again, the E-field signal is initially negative going, in response to the
blow-off of charged material, reaching a negative peak of 15 kV/m in roughly
160 ns. Since the average current flowing in this period is 15 A, the charge
blown off is 240x10-9 coul. Thus we would expect the field change to be
240/25 = 9.6 times that observed with the OSR of figure 3 or AE = 9.6x2.03 =

19.5 kV/m. This is in reasonable agreement with the measured negative field
- - .change.
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CONCLUSIONS

The breakdown characterization studies conducted thus far indicate that
the electromagnetic signatures generated are highly material sensitive. For
a given material, current-pulse length increases with sample size.

The absolute magnitudes of the signals generated are highly significant.
Transient field changes of tens of kV/m occurring in a period of 200 ns
have been measured with the sensor roughly 30 cm from the center of the test
sample. Such transient fields are comparable to those normally associated
with nuclear EMP events or nearby lightning. It has long been recognized
that lightning and EMP can seriously affect unprotected electronic systems
and that deliberate measures must be taken to harden systems against these
electromagnetic threats. Since the transient noise signals generated as
tie result of satellite charging appear to be of comparable magnitude, it is
important that this source be more completely characterized to allow the
intelligent development of new or modified materials and design techniques
having the necessary discharge immunity to enstkre the required high reliability
and long lifetime of future space systems.
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DEVELOPMENT OF THE TRANSIENT PULSE

MONITOR (TPM) FOR SCATHA/P78-2

R. C. Adamo, J. E. Nanevicz, G. R. Hilbers
SRI International

INTRODUCTION

The Transient Pulse Monitor (TPM) discussed at the 1976 Spacecraft Charging
Conference* has been assembled, tested and installed on the P78-2 spacecraft.
This instrumentation system was developed to meet the need for a compact,
lightweight piggy-back package for the detection of electrical transients on
space vehicles.

The primary objective of the Transient Pulse Monitor on P78-2 is to obtain
a quantitative description of the electromagnetic pulse environment on a
spacecraft at synchronous altitude. Relative frequency of occurrence of pulses
as a function of amplitude and duration, when obtained, will permit design of
command/control logic which is relatively immune to spurious signals on typical
spacecraft. A secondary objective is the characterization of signals produced
by arcing between differentially charged elements on the spacecraft. Addi-
tionally, data from known discharge events, identified by data from the Space-
craft Surface Potential Monitor on P78-2 can be used quantitatively and
qualitatively in the validation of electromagnetic pulse coupling models.

TPM DESCRIPTION

Although the basic TPM system can be used to characterize electrical
transients occurring on the outside surface or internal to a spacecraft, the
P78-2 TPM will be used entirely with internal sensors since the electromagnetic
signatures of breakdown pulses on the exterior of the satellite will be
characterized by portions of the onboard SCl payload.

The TPM, as configured for the P78-2 spacecraft, consists of an electronic
processor (shown in figure 1) and four electrical transient sensors. As shown
Ln f.gure. 2, two of the TPM sensors are passive current probes and two are long
wire antennas. One current probe is located on one of the two wires that
conlect the upper solar array to the Power Conditioning Unit (PCU). The other
current sensor is located on one of seven ground wires between the PCU and
the vehicle frame. Both current sensors have sensitivities of I mV/mA.

J1. K. Nanevicz and R. C. Adamo, "Transient Response Measurements on a
Sptl.Iite System," Procecdings of the Spacecraft Charging Technology Confer-
trce, U.S. Air Force Academy, Colorado, 27-29 October 1976.
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The long wire antennas each consist of unshielded insulated wires tied to the
outside of the foil wrap of the main vehicle wiring harness. The two wires
run parallel to each other and extend half way around the inside of the vehicle
center tube. These antennas differ only in the magnitudes of their termination
impedances. As shown in figure 2, the low-impedance antenna is connected
directly to the vehicle frame at the far end and is terminated in 50 Q within
the TPM processor housing. The high-impedance antenna is connected to the
vehicle frame through a 100 K Q resistor at the far end. At the TPM end of
the high-impedance antenna there is a 10 K Q resistor in series with the 50 Q
TPM input impedance.

Figure 2 also shows the 20 db attenuators that were installed in the low-
impedance antenna and solar array sensor input channels to redUre the TPM
sensitivity to internal low-level background noise observed during P78-2
system tests.

The TPM electronic processor continuously monitors electrical signals from
each of the four sensors simultaneously and provides the following information
for each sensor once per second, as is illustrated in figure 3.

" Positive peak amplitude
* Negative peak amplitude
" Total pulse count
" Positive integral
* Negative integral

The TPM has two modes of operation: the continuous mode (mode 0) which
is expected to he the normal mode of operation and the single-pulse mode
(mode I) which will be used only in cases of high rate of occurrence of
detected transients.

The TPM also has four commandable gain (or threshold) settings that affect
the sensitivities of the pulse count and pulse integral channels. The TPM
continuously supplies a mode status indication bit to two gain level status
indication bits to the space vehicle telemetry system.

A clock signal is supplied by the vehicle telemetry system to the TPM
once per second. Upon receipt of this signal, data acquired during the
previous one-second period are transferred to the outputs of the TPM. There-
fore, data supplied by the TPM during any one-second period represent
information gathered during the previous one-second period.

The two peak amplitude channels associated with each sensor indicate the
may iw positive and negative excurrjons -of the- input signals during eacha
tl;:,.g window. In the continuous mode (mode 0), the timing window is the
entire one-second frame. In the single-pulse mode (mode 1), the inputs to the
peak amplitude channels from any sensor are disabled approximately 10 mS after I
the occurrence of any transient that exceeds the threshold of the pulse counter
channel associated with that sensor. The peak amplitude channels are not
affected by changes in gain setting.
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The dynamic range of the peak amplitude channels is 2 mV to 24 V for the
high-impedance antenna, 20 mV to 240 V for the low-impedance antenna, 4 mA to
48 A for the solar array sensor, and 140 mA to 1700 A for the power distribution
unit sensor. These ranges include the effects of 20 db attenuators in the
inputs to the low-impedance and PCU sensors and also the fact that only one of
seven identical power leads is monitored by the PCU sensor and one of two
identical input leads is monitored by the solar array sensor.

The pulse count channel associated with each sensor indicates the total
number of times that the magnitude of the input signal exceeds a set threshold
during each one-second telemetry window. However, if the input signal exceeds
the set threshold more than once during any 1 ms period, it is counted only
once. The pulse counters acquire data throughout each one-second telemetry
frame regardless of the TPM mode setting. The dynamic range of the pulse
count channels is from 0 to 100 pulses per second.

The two pulse integral channels associated with each sensor indicate the
total positive and negative integral of the input signals during each timing
window. However, the portions of the input signal that do not exceed the

lower amplitude threshold, as shown in figure 3, are not included in the integral
measurement. In the continuous mode (mode 0), the timing window is the entire
one-second telemetry frame. In the single-pulse mode (mode 1), the inputs to
the pulse integral channels from any sensor are disabled approximately 10 ms
after the occurrence of any transient that exceeds the threshold of the pulse
counter channel associated with that sensor.

The P78-2 TPM provides 20 continuous analog outputs (5 for each sensor) as
described above.

The electronic processor shown in figure 1 consumes 6.8 watts and has
dimensions of 20 cm x 21.3 cm x 9.65 cm. The entire system including sensors
weighs 2.7 kg.

It is planned that the TPM will be turned on and checked out early during
P78-2 transfer orbit and will remain on to continuously acquire data throughout
the mission.

It is hoped that the TPM on P78-2 will provide a substantial supplement
to the limited data presently available on the actual electromagnetic pulse
environment on orbital spacecraft and if successful will serve as a model for
similar systems for inclusion on other spacecraft.
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FURTHER DEVELOPMENT OF THE MULTIPACTOR

DISCHARGE ELECTRON SOURCE

J. E. Nanevicz and R. C. Adamo
SRI International

BACKGROUND

At the last spacecraft charging conference, we described a rugged electron
gun developed for use in the study of the behavior of spacecraft insulating
materials (ref. 1). In this system, electrons are generated using a multi-
pactor discharge between a pair of plates with a diameter equal to the desired
target diameter so that a uniform, collimated, large-area electron beam is
produced. Multipactor discharge occurs when two electrodes in vacuum are
driven with an RF source of the proper frequency. An initial electron
occurring near the first electrode wili be accelerated across the gap, strike

the second electrode and generate one or more secondary electrons just as the
field changes polarity. The secondary electrons, in turn, are accelerated
across the gap and generate additional secondaries when they strike the tirst
electrode. In this way the number of electrons in the breakdown cascades until

various loss mechanisms come into play and limit further growth in the number of
electrons participating in the breakdown. Thus, the multipactor breakdown
may be thought of as a sheet of electrons oscillating between a pair of

electrodes in synchronism with the applied RF field. The desirable features
of the multipactor electron source include high immunity to degradation from

contamination and virtually no dependence of beam size and uniformity on

accelerating voltage.

The original multipactor electron gun setup shown in figure 1 included a
control grid to adjust beam current, buL the beam accelerating voltage was
applied between the electron source and the target. The multipactor electron
3ource has since been modified to include the electron accelerating system
dithin the source. As a result, the region between the source and the target
is free of fields produced by the source electrodes. This arrangement is more
3uitable for the simulation of spacecraft charging conditions.

In addition, a beam current feedback control system has been incorporated
:o maintain a constant source current density over a wide range of beam

iccelerating voltages.

MO1)[iFEDMULTIPACTOR SOURCE

A photograph of one of the multipactor electron sources presently in use
s shown in figure 2. The one shown generates a beam 10 inches in diameter.
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A second unit, currently being used in discharge characterization, generates

a beam 12 inches in diameter.

All of the surfaces visible in figure 2, including the grid through which

the beam is emitted, are at ground potential. The electron source is supported

via mounting fixtures on the back surface of the assembly. RF and dc voltages

are supplied to the source via connectors also located on the back surface

of the assembly.

A schematic of the new source design is shown in figure 3. The multipactor

discharge region is essentially the same as it was in the earlier system.

The lower plate is perforated to allow the escape of electrons to form the

beam. It may be considered to constitute the "cathode" of the electron gun.

The control grid, located below the perforated multipactor plate, has been

modified by the addition of a solid skirt which extends up to cover the entire

multipactor gap. This modification was found to be necessary to allow complete

cutoff of the electron beam. Without the skirt, electrons diffusing radially

from the discharge regions are not cutoff by the control grid.

In the present design, an accelerating grid has been added below the

control grid. A skirt on the accelerating grid extends upward past the upper
multipactor plate. The skirt is capped with a solid metal sheet at its upper
periphery. Thus, the accelerator grid and its associated structure completely

enclose the electron gun system.

The accelerating grid structure is connected to system ground. Electrons
are accelerated by biasing the multipactor cathode negative with respect to the
accelerating grid. With this arrangement, both RF and dc fields are completely
contained within the outer shell of the gun.

To simplify the problem of providing high-voltage-dc isolation of the RF

source, the multipactor discharge is driven using transformer coupling between
a pair of coils. The primary and secondary windings of the transformer are
located one on the inside and one on the outside of a Teflon cylinder.
Practical considerations of circuit values associated with the transformer
coupling scheme caused the operating frequency to be reduced from 150 MHz to

50 tMflz.

BEAM CURRENT CONTROLLER

Although the basic multipactor source is basically stable and provides a

reasonably constant beam current over periods of the order of minutes, certain
applications require that the tests continue unattended for periods of 24 hours
and more. Over this length of time, it was found that unacceptable changes in
beam current could occur. Also, in working with the multipactor electron
source, it was found that there, was some interaction between beam current and
beam accelerating voltage. To ;avoid thest, drawbacks of the multipactor electron
gun, a feedback system for controlling beam current was developed.
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The beam-current-control system is shown as a box in figure 3.
Essentially, it maintains the total return current to the electron source
constant. This approach was chosen as being most representative or orbital
conditions in which a large-scale ambient current density illuminates the
vehicle as a whole, while local current densities are determined by local
conditions such as surface charge on insulating materials. 4

Essentially, the system senses the return current and generates an
appropriate ac signal which is fed through a high-voltage isolation system to
a grid voltage power supply controller maintained at "cathode" potential.
The grid-to-cathode voltage is adjusted in this way to establish the required
return current.

TESTS OF THE MULTIPACTOR SOURCE

Beam Uniformity

The uniformity of the electron beam generated by the electron source was
investigated in a vacuum chamber equipped with a Faraday cup mounted on a
movable arm to permit it to be swept through the beam. Measured results
indicate that, over the diameter of the source, the current density is uniform
to within 30%.

Arrangements were made to rotate the source in increments of 450 to make
certain that there were no nonuniformities anywhere within the beam.

Further checks of beam uniformity were carried out by using the beam to
illuminate a metal sheet coated with cathode-ray-tube phosphor. A highly
uniform glow was observed.

Current Controller Functioning

The beam current controller was tested by setting it at a given current
and monitoring the return current periodically for roughly 24 hours. It was
found that the beam current was maintained within + 5% over this period.

In a second test, the return current was set at a predetermined value
within the range I to 10 nA/cm 2 and the beam energy was varied from 5 to 15 KeV.
The beam return current was maintained constant to within 5%.

APPLICATION OF MULTIPACTOR GUN -,-4

The new multipactor electron source has been used for several months now
in various experiments involving spacecraft charging simulation. These have
involved frequent opening of the vacuum system to install new test samples
and to adjust instrumentation. Aside from occasional cleaning of the multi-
pactor electrodes, no maintenance has been necessary. Reliable operation has
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been obtained with a minimum of time for adjustment of either RF or dc systems.
It is felt that the additional complexity of the present multipactor electron
gun is more than offset by the increased capability and operating convenience.

REFERENCE

1. Nanevicz, J. E. and Adamo, R. C., "A Rugged Electron/Ion Source for
Spacecraft Charging Experiments," Proceedings of the Spacecraft Charging
Technology Conference, U.S. Air Force Academy, Colorado Springs, Colorado,
27-29 October 1976.
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SUMMARY OF PANEL DISCUSSION

Chairman: Alan Rosen
TRW

A. Rosen: Our topic is the spacecraft charging hazard to space systems
and the credibility of that hazard to managers and systems designers who are
charged with the task of doing something about it and also what constitutes a
reasonable response to this perceived hazard. The panel members are a dis-
tinguished group and represent organizations that are concerned with the hazard.
They may be regarded as technical spokesmen for their organizations and have
the responsibility to do something about the perceived hazard. To many of us,
they represent funding agencies, agencies that support much of our work. But,
it is important to realize that they, themselves, are constrained to address
what constitutes the "real" hazard rather than some imagined hazard.

The panel members are Major George Kuck, representing SAMSO; Robert Finke,
from the NASA Lewis Research Center; Michael Massaro, from General Electric;
William Lehn, from the Air Force Materials Laboratory; John Darrah, from the
Air Force Weapons Laboratory; and Charles Pike, representing the Air Force
Geophysics Laboratory.

Because of the late hour, our agenda and format for this discussion are
aimed at giving each panel member an opportunity to respond to the key issues.
I will open the discussion with some definitions and clarification of the topic
problem. Each panel member will then respond, for about 5 minutes, to the
problem. Then the session will be opened to general discussion.

If we could identify a well-defined threat to space systems, all tasks
aimed at alleviating or eliminating that threat would be funded. Project
managers and other people who are involved in the space program do respond to
a threat that they perceive. The question is, can we put the spacecraft
charging hazard in some sort of perspective on a scale of 0 to 10, where 0 is
no hazard, I is a nuisance or outage of a second or less, 5 is an outage of a
few hours, and 10 is some sort of catastrophe? At this time, we have failed
to establish in a quantitative manner where the spacecraft charging hazard
falls on this scale.

The elements that go into a quantitative definition of the hazard are the
environment, the interaction of a spacecraft with the environment (the charging
model and the arc discharge characterization or the frequency-amplitude domain),
where the charge goes (a crucial element in determining the hazard to space
systems), and the coupling analysis. What happens to the rest of a system
during a discharge and what damage may occur seem to be unclear. Key members
of the spacecraft design community cannot answer these questions. We have
done quite a bit in describing the spacecraft charging environment and in de-
fining a charging model. But we have failed in the area of discharges and
coupling analysis and in doing the necessary work to define the hazard. Is it
a valid hazard and what should be done about it?
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G. Kuck: My introduction to the spacecraft charging problem was about
6 months ago when I was made project officer on the SCATHA program. Thus, I
am the most junior member of this group. Although I was warned not to get
involved with the SCATHA program and told it is a boondoggle, a WPA project
for geophysicists, I do not hold this view. I believe it to be an important
program and I think this is the perception of a large number of people. How-
ever, project personnel do not seem to consider spacecraft charging to be a
hazard, and therefore nobody from the SAMSO Systems Program Offices attended
this conference.

R. Finke: NASA has very little involvement with geosynchronous space-
craft. Although NASA is synonymous with spacecraft, we do not build and

operate many geosynchronous spacecraft. We provide launch services. We did
build the Applications Technology Satellite (ATS) spacecraft and were co-
experimenters on the Communications Technology Satellite (CTS). And we are
now taking part in the Tracking and Data Relay Satellite System (TDRSS) which
is a big project involving a series of geosynchronous spacecraft.

So what is NASA doing in a spacecraft charging program? Well, we are
technologists, and some of the early ATS data taken by Goddard indicated that
there was a charging phenomenon. The particle detector on the ATS spacecraft
indicated that in the geosynchronous environment spacecraft charged up. It
is an interesting phenomenon. Others began reporting anomalies in their geo-
synchronous spacecraft, primarily the military communications spacecraft.
Some of the commercial spacecraft people began talking about anomalies -
switching of logic circuits, and so forth. We started looking at what might
be the cause of this and suggested the charging-discharging phenomenon. It
became apparent that there was a problem with spacecraft - a relatively serious
problem. So as technologists we perceived that there was a technological
need.

NASA had for years worked on high-voltage systems in vacuum, and some of
us were familiar with the space sciences, instrumentation, and so forth. We
felt that, with our background and experience, we could make a contribution.
So, NASA decided to get involved in this activity. Eventually, we evolved the
present intercenter spacecraft charging program and developed an interdependent
cooperative effort with the Air Force.

We tried to use our ground-based facilities to simulate the space environ-
ment for testing. We demonstrated that, after a solar array was charged dif-
ferentially, it arced and discharged. Kapton blankets, if not properly
grounded, also exhibited arcing effects. We turned the electron beam in the
vacuum system on to the Global Positioning Satellite (GPS) louvers and saw
them arc, discharge, and flutter (the louvers opening and closing very rapid-
ly).

From the ground test data, in this particular environment, it appeared
that anomalies (arcing and sparking that would couple into the spacecraft sys-
tem) could happen. So we began a modeling program and did more testing on the
ATS-5 and ATS-6. We also developed an on-board monitor, a detector system,
and put it on CTS. There were 215 transient events on CTS during a year in
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orbit. A transient event in this case is up to 60 spikes on the power bus.
Fifteen percent of the solar-array power bus was lost after a particularly
active flurry of transient events. So, again a problem seemed to exist that
needed attention. We installed the same kind of monitor on the Orbital Test
Satellite (OTS), and it is detecting transient events. The data have not yet
been analyzed.

So, to address the question of credibility and hazards, we feel, from
ground tests and analyses and our knowledge of the spacecraft charging environ-
ment, that there is a potential hazard but that it depends on the configuration
and the spacecraft design. Transients can cause switching anomalies. We are
trying to develop techniques to prevent these anomalies. As discussed in the
papers given at this conference, NASA is publishing design guidelines and test
data, but the acceptance of this technology by the user is highly dependent on
our education of that user.

Think of this program as an B&QA function. If a user does not want to
use qualified parts on his spacecraft but wants to risk using parts he can buy
from Radio Shack, nobody can stop him except his sponsor or his boss. There is,
pe-haps, an unquantifiable risk - a risk that is going to vary a lot with the
spececraft, its design life, and its components. We may never be able to pin
dom exactly what the hazard is. But not looking at the charging criteria may
b, a lot like not using R&QA.

I. Massaro: I agree with most of Dr. Rosen's assessment. Whether a space-
craft charging hazard can be rated from 0 to 10 will depend on the spacecraft
design. That is, you can probably have the full range of events, anywhere from
0 to 10, when an electrostatic discharge occurs, depending on the particular
payload or spacecraft design.

Through internally funded research, government research contracts, and
space hardware development contracts, GE has made some progress toward quanti-
tatively assessing the effects of electrostatic discharges (ESD). At the sys-
tems level, we have analyzed ESD-produced structural currents and estimated
their amplitude and wave shapes. We have measured the shielding effectiveness
of our Faraday cage design to both radiated and conducted fields in order to
determine the effects of electromagnetic-interference (EMI)-produced ESD on
components and systems. Again, at the systems level, we have performed ESD
radiated-spray testing on telemetry and command systems and on communications
payloads while monitoring system performance. At the component level, we have
performed current-injection tests of blanket bonding and grounding techniques
to determine degradation of electrical grounds. We have performed electron
bombardment tests of materials to determine optical and thermal degradation and -
discharge characteristics. We have measured spectrum signatures of materials
that produced ESD. That is, we have measured the magnitude of the radiated-
field spectrum produced by ESD in electron bombardment tests. Future approaches '7
to quantitatively assessing the effects of ESD are as follows: large-scale en-
vironmental testing of systems while monitoring system performance parameters,
as discussed by members of the European space community; development of
combined-effects facilities to more accurately simulate the space environment
for monitoring of materials responses and parameters.
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In response to the question whether the hazards of spacecraft charging
have been overestimated, the scientific community's reaction to most new phe-
nomena that pose a threat to system performance tends to be very conservative.
This results in excessive design and test requirements in an effort to control
the problem. As the spacecraft charging phenomenon becomes better understood,
more realistic design and test requirements will emerge. But the threat posed
by spacecraft charging and discharging is real and dangerous, as pointed out in
the last two conference papers. For example, it can lead to thermal degrada-
tion of materials, communications performance degradation, logic upsets, sensor
degradation, and even spacecraft failure.

However, we may be erring in attributing most spacecraft anomalies to
charging. Some of the occurrences may be attributable to poor design. Current-
ly, there is no system to identify the exact source of anomalies. We also do
not know enough about the effects of ESD. That is, exactly what happens when
there is a breakdown, what are the coupling mechanisms, what are the systems
interactions, how does ESD couple into spacecraft systems? In short, there is
a credibility gap in perceiving the actual hazard.

Government agencies should continue to fund basic research into modeling
and testing efforts that will help our understanding of the charging-discharging
phenomenon; sponsor large-scale system-level test efforts; develop and recom-
mend definitive, unambiguous, cost-effective design procedures that can control
the effects of ESD; make design guidelines a contractual requirement but allow
the design procedures to be tailored to the specific mission and payload;
sponsor development of a standard, practical, ESD monitoring system that can
become available as government-furnished equipment to spacecraft manufacturers
and provide its interface requirements. Private industry should use good guide-
lines that are presently in practice, for example, EMI shielding of critical
signal lines; use engineering spacecraft charging models; apply systems-level
analysis to validate designs; apply recognized, standardized test procedures to
ensure good design.

W. Lehn: As evidenced by this conference and the previous one, the space-
craft charging-discharging phenomenon exists. It is now recognized as a phe-
nomenon that is encountered by satellites and other space systems, particularly
those that operate in the geosynchronous environment. Recognition of the phe-
nomenon and proper consideration of it in spacecraft design can reduce its
potential effect from a hazard to a cause of disruptions or anomalies or can
eliminate it completely, as evidenced by the experience with GEOS. GEOS was
designed to be 96 percent conductive and has reported no instances of any dis-
ruptions or anomalies that could be attributed to spacecraft charging. On the
other hand, Meteosat-l is reported to be performing extremely well in spite of
occasional (about 1 per week) status changes. These changes are attributed to
surface discharges (spacecraft charging) resulting from the presently rather
high solar activity. A recent anomaly in the on-board satellite clock system
of an operational satellite has been attributed to spacecraft charging, but the
event has not been duplicated in the laboratory. Spacecraft charging is often
offered as the cause of certain satellite anomalies without asy re-al direct
supporting evidence. There is only one reported case in which spacecraft charg-
was established as the cause of the catastrophic failure of a satellite - a
DSCS power system.
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It is my opinion that spacecraft charging is not really a hazard but a
problem that must be treated early in the design of a satellite. By incorporat-
ing the proper standards and guidelines it can be designed out of a satellite.
As reported earlier, an electrostatic discharge (ESD) control program has been
incorporated into the design, development, and testing of the DSCS III satellite
and promises to minimize or eliminate the effects of spacecraft charging ESD.
The preliminary spacecraft charging standard and the design guidelines for the
control of spacecraft charging reported in be previous session are two of the
key activities in the cooperative NASA-AF spacecraft charging investigation.
When updated to include SCATHA spaceflight data and formalized, these documents
will provide the basis for the design of charging-free operational satellites.
Certain scientific satellites whose mission includes measurements of very low-
energy radiation and charge buildup present special problems that must be
handled on an individual satellite-by-satellite basis.

The many papers presented at this conference are ample evidence of the
progress that has been made in qualitatively and quantitatively assessing the
overall phenomenon and its potential for causing problems with various space-
craft systems and subsystems. SCATHA will add greater insight into the overall
problem and provide the data needed to further define the dynamic, often very
rapidly changing, geosynchronous radiation environment. The SCI and ML12 ex-
periments will provide valuable materials performance and response data and
relate spacecraft charging with contamination. A thorough understanding of
spacecraft charging and related modeling activities is expected to take many
years, but the standards and design guidelines to build satellites essentially
free from any major hazards or anomalies should be available within the next
2 to 3 years.

Is the Air Force response to spacecraft charging reasonable? Spacecraft
charging is only one factor that must be considered in the development and ap-
plication of new satellite thermal-control coatings and materials. Table I
shows these factors.

TABLE 1. - PROTECTIVE THERMAL-CONTROL COATINGS AND MATERIALS

FOR EXTENDED-LIFE SURVIVABLE SATELLITES

oTailored optical properties
MS E

9 Space stable 7-10 years * Hardened for nuclear and
(UV, e-s, P+) YOUR laser effects

* Low contamination FAVORITE Low-intrinsic-signature
materials (visible, IR,

radar)
SATELLITE

* Reduced space charging * Shroud and decoy materials
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First and foremost, the new materials must have the required thermo-
optical properties to function as thermal-control coatings. These materials
must be stable to the natural space environment for the life of the particular
mission and, depending on the specific mission (communications, surveillance,
etc.), be very low-contamination sources and/or be able to control spacecraft
charging. In addition to natural-environment survivability, design of Air
Force operational satellites must also consider the vulnerability factors in
the right-hand column of table 1. Certain of these factors were in the realm
of science fiction not too many years ago. A space-stable, low-contamination,
reduced-space-charging material that is suited for a commercial satellite might
be totally unsatisfactory for an Air Force satellite because of deficiencies in
hardness properties.

In summary, spacecraft charging is only one factor that must be considered
in the design, development, and testing of spacecraft. Proper application of
the spacecraft charging standard and the design guidelines for the control of
spacecraft charging from the Air Force - NASA cooperative effort should reduce
or essentially eliminate spacecraft charging as a major concern in future satel-
lites. Very large space structures represent a special case, and further ef-
fort and analysis will be required. There is a definite lack of secondary
emission, radiation-induced surface and bulk conductivity, photoconductivity,
and other classical materials data needed to support the spacecraft-charging
modeling activities and to form the basis for developing new and improved
chermal-control coating materials. Responsibility for developing such data
within the AF-NASA spacecraft-charging working group has not been determined.

J. Darrah: At the Air Force Weapons Laboratory, we are principally con-
cerned with nuclear warfare and the survivability of spacecraft. There is thus
less ability, through normal experience in peacetime, to check potential space-
craft performance. The performance of spacecraft in ambient and enhanced elec-
tron environments (e.g., solar substorms) by no means explains what would hap-
pen in a nuclear explosion. Here we have not only the electron environment,
but also the effects of gamma rays (which cause a number of charges to move in
a spacecraft, potentials to develop, currents to flow, and the conductivity of
materials to change), as well as X-rays and photoelectric phenomena (one prin-
cipal mechanism called the system-generated electromagnetic pulse (SGEMP) ef-
fect). And in some cases there may be synergistic effects, depending on the
state of the charge, between the electrons and the gamma rays or X-rays. The
current in the spacecraft can be significantly higher, particularly in the
high-energy portior, during a nuclear explosion than during a solar substorm.
Consequently, problems that might not be experienced during spacecraft opera-
tion in the natural space environment may become problems in the nuclear en-
vironment. Essentially, the time to accumulate enough charge to cause dis-
charges and difficulties could be very long in the natural environment but
could be a few orders of magnitude shorter in the nuclear environment. So this
is a different problem and cannot be evaluated well from peacetime experience.

Nuclear tests above the atmosphere have started with the Starfish test,
which is the first of the Fishbowl series of high-latitude tests. There are
not a lot of data from these tests. However, there has been some review of the
data, and some spacecraft anomalies do not seem to be attributable simply to
total dose effects, for example, solar-cell degradation and prompt TREE effects,
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which clearly lead to eventual spacecraft failure. So some nuclear anomalies
may be related to spacecraft charging. The problems are clearly not cata-
strophic (e.g., burnout of most of the major electronics) or there would be a
lot of panic.

The best data available clearly come from space tests rather than from
laboratory tests. Unfortunately, there seems to be e lack of cooperation be-
tween the spacecraft designers and operators and the spacecraft-charging commu-
nity. So there is no clearinghouse where incidents of anomalies are reported
and the seriousness of the problem is investigated systematically.

Progress will never be made on the total engineering problem down to the
interface level without laboratory experiments on the full systems level.
Basic modeling phenomenology physics by itself will not do very much. The solu-
tion to this problem is not going to come from first-principle physics and it
is not going to come from small-sample and limited-geometry tests. First-
principle calculations for the nuclear case, including synergisms, produce re-
sults that are not real. If they were real, total burnout of spacecraft elec-

tronics would have occurred in many cases. The problem of how dangerous space-
craft charging is will be resolved by large-scale laboratory experiments backed
up by a reasonably prudent amount of even larger scale laboratory experiments
and theory.

Although spacecraft charging is obviously a hazard to some as yet undeter-
mined degree, some operational problems mentioned by the panel members are sim-
ply a matter of design. So anomalies cannot be used as proof of how important
a problem charging is.

No one, neither systems house nor government agency, is capable of deter-
mining the effect of a nuclear explosion on spacecraft charging. This effect
could become of prime importance during wartime and is a present concern of the
systems houses. Even the effect of a peacetime explosicn causes concern.

In conclusion, the Air Force Weapons Laboratory is going to try, within the
limits of our understanding, to reproduce the spacecraft charging phenomenon in
the laboratory. We will also try to conduct systems-level experiments with
reasonable phenomenology across the whole spectrum of electron energies.

C. Pike: The reliability and survivability of military mission spacecraft
is of paramount consideration. In this program, technology dollars must com-
pete with systems dollars, which are certainly far more significant. A technol-
ogy base must be developed and transferred to the users. Fortunately, the haz-
ard of spacecraft charging was recognized many years ago by Air Force Headquar-
ters. The Air Force then established an interdependent technology program with
NASA. As this program has progressed, the list of operating anomalies from
military and civilian spacecraft has grown and provides a very strong justifica-
tion for pursuing our program. Indeed, there is a problem, although what is
perceived by one program manager as an anomaly of great concern to his program
would be merely a nuisance to another program manager. This is a subjective
area where candor is often lacking. It is very difficult to assess what, from
an operations and reliability viewpoint, is a hazard.
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Some significant results of the Air Force - NASA program were presented at
this conference. Very significant also is the presence at the conference of
the aerospace industry, especially the large corporations who are the contrac-
tors for the mission programs. They will implement the technology we develop
and are strong spokesmen for this technology.

MIL standard 1541, which is a charging-related test standard, has had a
significant impact on satellite development. The only satellite development
program using this standard is DSCS III. This satellite is being developed in
the context of the AF-NASA technology program. The growing list of anomalies
have occurred on satellites that were designed many years ago and have had band-
aid fixes to them. The technology that we have been developing in the past 2 to
3 years is being incorporated in the DSCS III program. Dr. Massaro's paper on
charging calculations on DSCS III shows that indeed the satellites will see
high voltages and that in some cases steps have been taken to mitigate that
voltage buildup. Gil Condon's paper shows the design and test program that
General Electric is pursuing.

The DSCS III program is developing our next generation of communications
satellites, a significant payoff from the AF-NASA technology program. The
spacecraft charging hazard has been recognized, a technology base has been de-
veloped, and it is being implemented. The Air Force Geophysics Laboratory has
been successful in defining the spacecraft charging environment and we know
where the technology gaps are - in the field-alined fluxes and ionic composi-
tion. SCATHA will certainly provide needed information. In conclusion, there
has been strong progress in the technology program. Technology transfer has
been proceeding very smoothly. These conferences are a very important part of
the transfer process. Technological development generally requires at least
10 years, and we have only been involved in it for 2 or 3 years. Only in 1972
to 1974 did spacecraft charging come to the forefront. In a very short time a
lot of progress has been made, and the technology is being applied in our next
generation of communications satellites.

A. Rosen: There is one person that hasn't been represented - the person
who is responsible for assuring that a system that is about to be launched sur-
vives. That person generally needs a measured response to many, many hazardous
situations. He really doesn't know whether to immerse the spacecraft in a gi-
gantic swarm tunnel and subject it to electrons and ions or merely to do an air
test with simulated arcs. He does not even know what sort of arcs to use.
Subjecting the spacecraft to unknown arcs that may not be representative of the
in-orbit condition could be a greater hazard than not testing it at all. Should
he do a coupling analysis program, which could be very expensive? Or a charging
analysis? If he grounds some of the thermal blankets, does he need a verifica-
tion program to ensure that everything is grounded? These questions haven't
really been addressed. He would like to have a measured response to what he
considers to be the hazard, but he doesn't know what a good measured response
is. This is why some quantitative assessment of the spacecraft charging hazard
must be made.

Are there any questions of the panelists among each other? Then, the dis-
cussion is open to the audience.
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J. Napoli: I am with RCA American Communications. At the conference 2
years ago there was a similar panel discussion, but the theme was a little dif-
ferent. The panel members planned to tell industry - all users, systems de-
signers, and manufacturers - that they wanted to plot orbitial arcing to see
what the environment is like. They were going to supply sensors to industry.
Unfortunately, no action was taken. I think for that very reason there is a
credibility gap.

Three of the five commercial users of satellites attended the last confer-
ence. At this conference, I am the only commercial representative. The five
commercial users have 18 satellites in geosynchronous orbits. If there wasn't
a credibility gap, these users would be represented here. In the next couple
of years, there will be two more commercial users. They are not represented at
this conference either. Unless it can be demonstrated that electrostatic dis-
charging (ESD) will either curtail an 8-year mission and thus cause a loss of
potential profit and earnings on a commercial satellite, there is going to be a
credibility gap with the commercial users. That is one of the problems.

As far as incorporating sensors on the spacecraft, I tried to bring the
message to my management but was met with the credibility gap. They said sen-
sors would be nice to have if the procurement and installation were free. The
procurement from NASA was free. The installation by the contractor was not.
My management wanted to know what government agencies that have launched satel-
lites in the last 2 years have these sensors on their own satellites. That is
a hard question to answer and is one that I would like to put to the panel.

Mike Massaro from GE would like to see many test programs conducted. If
all these test programs are sponsored by the government, fine. Would GE run an
internally funded program to test spacecraft in plasma tanks to show that there
is a hazard or that there is a solution to the hazard? I think that, if GE
wasn't funded by the Air Force and NASA, that the position wouldn't be taken.
I feel that I'm being a realist here and I have one more question. Is DSCS III
going to have any sensors on board?

R. Finke: All government-sponsored spacecraft put into geosynchronous
orbit have had sensors. The Canadian government put a sensor on CTS. ESA put
a sensor on OTS. Both were simple sensors that zounted transient events. But
both these government-sponsored spacecraft have them. Again, NASA has not
sponsored or built spacecraft, with the exception of TDRSS. Ms. Bever repre-
sents the Goddard Space Flight Center and TDRSS. The Director of Goddard,
Dr. Cooper, has requested the support of the Lewis Research Center in investi-
gating charging problems and design criteria for TDRSS. We are supporting that
project. NASA, again, just is not in the geosynchronous spacecraft business.
But we do take spacecraft charging seriously.

G. Kuck: Something like a Transient Pulse Monitor (TPM) was installed on
an operational Air Force satellite many years ago. But the present spacecraft
charging program is more expensive than just a single instrument. The P78-2
satellite alone costs over $45 million. The SCATHA portion is just over $5
million. So the Air Force has invested over $50 million in trying to identify
and solve the spacecraft charging problem. I have seen evidence at this confer-
ence that GE is working on the problem. So, the existence of the problem is
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recognized. Now, if we do our job right, the problem will no longer exist in
2 years for the types of spacecraft being built now or to 1980 or 1985. Except
for kilometer-size structures, the problem will be solved.

M. Massaro: In response to the question about ESD monitors, SAMSO in their
original contract did not request a monitor system on DSCS. Actually, General
Electric proposed it in our response to the proposal. However, later, because
of budgetary constraints and mainly because we don't think ESD will be a problem
on DSCS because of the materials being used and the special precautions being
taken, GE decided not to install an ESD monitor. However, the Japanese (our
customer) during their contract with us requested that we "ESD proof" their
Broadcast Satellite Experimental System. They, as a user, were concerned about
it.

In response to the question about spacecraft outage, the domestic common-
carrier satellite companies who lease transponders on the Domsats are terribly
concerned about outages due to solar activity or any other cause. We may not
be too aware of what the outages are, as pointed out by another panel member.
A lot of spacecraft manufacturers and operators do not want to discuss the
problems they have had with their systems. Some representatives from Comsat
Laboratories are present and they may want to discuss the outages on the
Intelsats because they do seem concerned about the problem.

S. Bosma: Mr. Darrah said that a small-scale test would not be £elevant
for engineering problems on a spacecraft. However, if you take any material,
you start with what its basic behavior will be. You establish its outgassing
properties, its thermo-optical properties, etc., with small-scale laboratory
tests. You also want to determine its electrical properties. It would be quite
normal to apply a screening test method on the electrostatic properties of mate-
rials. In a sense this is already taking place. Furthermore, Mr. Darrah said
that there are no solutions for electrostatic problems. I think that Dr. Lehn
will agree that most of the thermal-control coatings have conductive alterna-
tives. There are conductive black paints, conductive optical solar reflectors
(OSR's), and metal surf-ees that are themselves conductive. Only the problem
of a conductive flexible solar reflector has yet to be solved. In 2 or 3 years
solving the electrostati problem will be standard practice.

J. Darrah: Although the materials tests mentioned by Mr. Bosma are of use,
they have limitations that severely affect the original question of the credi-
bility of spacecraft charging as a hazard. From a small area of material it is
difficult to establish, even from a basic physics standpoint, the area of ther-
mal blanket or the area of solar cells that contributes to an arc. That is, as
material is added to the spacecraft, on the outside and the inside, how large
an area contributes to a discharge current at what time? Small-scale experi-
ments do not even establish the boundaries of the problem. So you don't know S

how much increasing the area to more of a systems level might contribute to an
arc. So there is not a bound on current, localization, or time history from
small-scale experiments. That is why larger-scale experiments are required.
The whole spectrum hasn't been treated, particularly the nuclear case. It isn't
clear that results from thermal blankets and external coating tests can be used
to evaluate the potential of discharges in printed-circuit boards, in cables,
and in other dielectrics in the interior of the spacecraft during nuclear war-
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fare. The coupling problem of arcs in many of these latter cases is a much
more complicated problem than the insight into the physics that comes from the
small-scale samples. The small-scale experiment results on coupling depend
very much on the design.

W. Lehn: A lot of progress has been made in the materials charging aspect,
in trying to modify FEP Teflon or Kapton to be conductive. But that is only
part of the problem. The right side of the table I presented earlier shows the
more severe problem, which hasn't been broached at this meeting. Peacetime use,
as indicated, is not a problem. In another situation, some of the best mate-
rials for solving the charging problem have been totally inadequate for those
problems listed on the right. We have some solutions, but we don't have the
solution that will fill all the Air Force requirements. We have some materials,
data, and approaches but also many questions. The question of in-depth charg-
ing is still open. The need for bulk conductivity of materials has not been
determined. There is no good, adequate approach to provide a substitute mate-
rial for any current material that has all the optical properties, long life-
time, and high bulk conductivity and that can be substituted directly.

G. Kuck: The question of the level to which you test is one with which
you are always faced. No matter what type of environment is involved, you must
decide whether you want to simulate the environment or the effects of the en-
vironment. You have to differentiate between verifying that the system will be
able to operate in that environment and making a system that operates reliably
in the effects of that environment. All satellites that are hardened for SGEMP
and for some of the nuclear effects are not tested in underground nuclear tests.
We try to test the syscems some other way. We specify to the contractor what
type of test the Air Force or the customer requires so that the operational
spacecraft will be proved reliable, without costing a percentage of the gross
national product. One of the approaches taken in the SCATHA program is to try
to fill that gap between the environment and the effects of the environment.
The P78-2 satellite will check what the EMI and RFI environments are in space.
A laboratory scale model will be tested, possibly including a spray test, to
see what its EMI-RFI environment is. The laboratory environment can then be
related to what we see in space. We will then try to relate the laboratory en-
vironment to the results of small-sample tests in order to complete this logic
loop. Relatively inexpensive tests that model all those effects will be levied
on the contractor. It is a money and resources problem.

Earlier I was remiss in not saying what I think the government's responsi-
bility is. The government's responsibility is to make sure that we get the
tests and procedures that the contractor can adapt to the system he is building.
In final analysis, we need a combination ot analysis, testing, and whatever so -

that we can assure the satellite sponsor that the satellite will operate reli-
ably when we launch it. If there is an anomaly, it will not be anywhere on the
scale between I and O, but will be about 0.5. To gain an extra 0. percent in
reliability would cost too much. The question is how to tie together the small-
scale test, the larger scale test, and the actual operation in the space envi-
ronment. Then, how does one mode! the effects and define the appropriate,

affordable, systems-level test that gives you confidence before a launch.
You have to look at the whole system.
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Member of audience: Would the panel comment on the launch time of SCATHA
relative to the 11-year solar sunspot cycle?

C. Pike: In the past 6 or 9 months, solar activity has gone up very
dramatically and, more recently, it appears to be plateauing. SCATHA will be
orbiting and collecting data near the sunspot maximum, a very disturbed time.

E. Whipple: When Dr. Rosen formulated his point on a credibility gap, he
put it in terms of questions to modelers: Have they really done their job?
Have the environmental modelers really done things properly? Have the sheath
modelers done their job? Have the discharge modelers really modeled that pro-
perly? That seems to be putting the burden on the theoretical side. I'm enough
of a theoretician to know you never trust a theoretical answer but you should
look to the data. I'm disappointed, in a way, that the people who have flown
spacecraft, that is, the spacecraft designers and builders, have not found the
causes for these anomalies. Why aren't they more interested? Is there a con-
flict of interest, perhaps, in that the designer doesn't want to admit that his
design didn't take care of this particular problem? Why hasn't there been more
work? We need to know more about the anomalies that have already occurred.

A. Rosen: I didn't put the whole burden on the theoretician for solving
or not solving the important problems. I did put some of the burden on them;
but also some on the experimentalists for not tackling the right problems; and
also some on the project managers, who are responsible for disseminating funds,
for not seeing to it that the right problems were tackled. And, I'll accept
the responsibility myself for being blind 2 years ago to what the real problems
were. So the theoreticians are not being blamed for everything. The anomalies
are an exercise in frustration for most project managers. It is almost impos-
sible to reconstruct events as they occur on a spacecraft. Large sums of
money - about $10 million in half a dozen cases - and quite a bit of effort
have gone into this. The results have been inconclusive in the cases I have
been involved with. So, we are really chasing our tails. On the one hand the
spacecraft designer refuses to put diagnostics (transient monitors) on the
spacecraft because monitors are not going to fix anything for him. On the
other hand, when he does get into trouble, he is in a dilemma and can't deter-
mine what the source of the problem is.

E. Whipple: Why hasn't there been a strong emphasis on diagnostics? A
small TPM monitor is not expensive.

A. Rosen: The people who are responsible for operational spacecraft gen-
erally don't want to undertake a research and development program by using
diagnostics monitors.

G. Kuck: Elden, it's money.

J. Napoli: One of the real reasons is that the level of problems has been
about 0.5 on a scale of 0 to 10 - problems that have not caused any outages, at
least none that we can attribute to spacecraft charging. In my 3 years of
satellite operational experience - that 3 years is a total of 6 if you take
the two satellites - we have not had any problems or any outages that we can
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attribute to spacecraft charging. That is true, in general, with all the com-
mercial satellite programs. Without an outage caused by some unknown, you
can't justify the cost of sensors.

S. Deforest: That statement doesn't make sense unless we add the qualif-
ication that all anomalies have been tracked down to a source without these
diagnostics being made.

J. Napoli: The anomalies we haven't been able to track down are so in-
significant that they are not of any major concern.

A. Rosen: There was one anomaly that was a 10 on a scale of 0 to 10 and
it was tracked down very vigorously. This total failure and loss of a space
system was attributed to a charging phenomenon. There was no other cause for
that failure that was as credible as a charging and discharging event. Although
we cannot say that it definitely was the cause.

M. Massaro: Maybe the design features of the RCA satellites precluded any
problems with ESD. In other words, ESD did not affect the components because
of the design procedures RCA had used for these two spacecraft. In other words,
it is fortunate that you didn't have any problems.

J. Napoli: Let me give you a little background on that. About 3? or 4
years ago myself, as a user, and our contractor, RCA Astroelectronics of

Princeton, toured the country after we had read the report about that particular
catastrophic problem that Dr. Rosen made reference to. We were in the design
phase at that time so we were concerned. That is the very reason why I'm here
and have followed this subject for the last 4 years. We tried to find out what
the problems were and what to do to avoid them. Then we went through all the
ramifications and reviewed all the test data we had picked up by contacting
people in the optical coating industry, in the other contracting industries, at
SAMSO, and in various other places. We looked at our basic design, but even
so we made no changes other than those we had originally planned to make anyway.

A. Rosen: At this point I would like to close the session.
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